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This publication is one of seven documents describing work performed in fiscal
year 1989 under the auspices of the Office of Exploration. The first in the series,
titled, "Journey Into Tomorrow...Beyond Earth's Boundaries i1" provides an
overall programmatic view of the goals, opportunities, and challenges of
achieving a national goal for human exploration. The technical details and
analyses are described in a six-volume set titled: "Office of Exploration:
Exploration Studies Technical Report (FY 1989 Status)." Volume I is Mission and
Integrated Systems; Volume il is Space Transportation Systems; Volume I!1 is
Planetary Surface Systems; Volume IV is Nodes and Space Station Freedom
Accommodations; Volume V is Technology Assessment; and Volume VI is
Special Reports, Studies, and In-Depth Systems Assessment. These six
volumes document the status of Exploration Technical Studies at the conclusion
of the FY 1989 study process in August 1989, and, therefore, do not contain any
analyses, data, or results from the NASA 90-Day Study on Human Exploration of
the Moon and Mars.
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Disclaimer Statement

The ExplorationStudiesProcess,as exl:dainedin detailin Section2 of VolumeI, was a requirementsdriven,

iteratJve,anddynamicprocessdevelopedforcase studyanalysis. This processconsistedof three parts: (1)

requirementsgeneration,(2) implementationdevelopment,and (3) integratedcase studysynthesis.

Duringthe final step of the process,an integratedmissionwas developedfor each of the case studiesby

synthesizingthe implementationsdevelopedearlierintoa coherentand consistentreferencemission. These

are presentedin Section3 of VolumeI of thisannualreport. Giventhe iterativeand dynamicnature of this

process,thereare twoimportantitemsto note:

The integrated case studies do not always reflect a mission that has a direct one-to-one

correspondence to the requirements specified in the March 3, 1989, Study Requirements

DocumenL Many changes were made to these requirements prior to and during the synthesis

activities when warranted.

The Integrated case studies presented in Volume I represent the results of the synthesis

process. Volumes II, III, and IV are the implementation databases from which the Integrated

case studies were derived. Therefore, the implementations outlined in Volumes II, III, and IV are

generally reflected in the integrated case studies, but, in some cases, the Implementations were

changed in order to be effectively included in the Integrated case studies. These modifications

are only briefly discussed in Volumes II, III, and IV.
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PlanetaryEnvironmentAnalogue Facility

SECTION 1

Overview

On April 18-19, 1989, a meeting was
held at the Lunar and Planetary
Institute in Houston to determine the

government's requirements for a
Planetary Environment Analogue
Facility (PEAF). It was considered of
particular importance by the meeting
sponsor (Planetary Surface Systems
Integra.tion Agent) and the steering
committee to establish needs for
such a facility from government
entities outside of NASA as well as

from within the agency.

Representatives from several NASA
field centers and headquarters
program offices as well as the
Bureau of Mines and the US Army
Corps of Engineers were present.
This report synthesizes the
discussion, conclusions and
recommendations reached at that

meeting. The Appendices provide a
list of attendees and a summary of
proposed concepts for PEAFs.

SECTION 2

Planetary Environment
Analogue Facility Concept

A Planetary Environment Analogue
Facility (PEAF) is envisioned as a
physical installation on Earth which
could provide simulations of various
characteristics of the environment on
the Moon or Mars. It could be a

testbed dedicated to developing,
verifying, validating, and/or
integrating technologies for large
scale planetary operations.
Environmental factors which could
be simulated include, among many
others, the rock and dust of a

planetary surface, illumination,
temperature extremes, vapor,
vacuum or low pressures, and
ionizing radiation.

A wide variety of operations and
equipment could be researched,
tested, and evaluated in such an
analogue facility. These could
include delicate electronic

instrumentation, large-scale mining
or construction equipment, closed
ecological life support systems
(CELSS), man-machine interactions
in a hostile environment, tele-
operated robotic machines, and
simulations of crew operations in
stressful, isolated environments.

Five separate lunar base analogue
facilities have been proposed from
other sectors. They are Moon Park,
Lunar Base One, the Antarctic
Planetary Testbed, Center for
Extraterrestrial Engineering and
Construction (CETEC), and the
Lunar Base Simulator. Each has a

different proponent, proposed
location, sponsor, and targeted
technology. Appendix B provides
more information about these

proposals.

SECTION 3

Requirements for a PEAF

3.1 NASA NEEDS FOR A PEAF

Support for a PEAF exists for the
development of lunar/Mars hardware
and operations. Support also can be
found for intensive analysis of
terrestrial operations in construction
and mining.
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3.1.1 Science

The Office of Space Science and
Applications (OSSA) was indirectly
represented at the meeting by Kyle
O. Fairchild, the convertor. Fairchild,
in a presentation based on
comments from John Rummel
(OSSA, NASA Headquarters) and
Andy Cameron (Science
Applications International
Corporation), stated that OSSA has
expressed a strong interest in the
concept of "terrestrial analogues."
He added that OSSA has also stated
that "analogues that cannot clearly
translate themselves into real

scientific goals will run without Code
E support or interest."

In Fairchild's presentation, specific
OSSA needs which could be
supported by an analogue were
identified. One need is to discover
whether factors such as instrument

size, power requirements or crew
involvement have different impacts
on short-term and long-term
missions. A second need is a
demonstration of the simulated lunar
surface as a location for instrument

and technology development for
Mars/Phobos sample return
missions. Both of these
requirements could be fulfilled by the
large-scale simulation capabilities of
a PEAF.

A third need is the establishment of a

closer relationship between OSSA
and the Office of Exploration (OEXP)
in early definition of long range
science programs and associated
technologies (including man-
machine issues). The PEAF,
because of its complexity and need
for integration, could contribute to a
closer relationship.

3.1.2. Exploration

The Office of Exploration (OEXP)
was represented at the meeting by
Woody Lovelace. He explained that
OEXP is tasked to provide
recommendations and alternatives

for an early 1990s national decision
on a focused program for human
exploration of the solar system. It
must also steer present agency
investments to arrive at well-defined
choices in the early 1990s.

According to Lovelace, OEXP has
five explicit requirements which a
PEAF might help support:

•a testbed for development
and demonstration of

systems and technologies
•a means to gain experience
in lunar surface materials

processing
• a means to realistically
simulate missions prior to
their occurrence

•a way to perform real-time
anomaly investigations
during missions

•a facility for developing crew
operations and procedures

A PEAF could support all of these
requirements through its realistic,
long-term simulation of planetary
surfaces. It could provide an
environment for the development of
systems and technologies, practice
in materials processing, simulation of
missions in training and in realtime,
and development of crew operations
and procedures for use on a
planetary surface.

2



PlanetaryEnvironmentAnalogueFacility

3.1.3 Trar)#portation

Bruce Wiegmann of Marshall Space
Flight Center discussed
requirements for a PEAF from a
space transportation viewpoint.
Wiegmann cited three specific needs
a PEAF could fulfill in developing
space transportation vehicles and
ground servicing facilities. One need
is as a testbed for developing
systems and subsystems. A second
need is testing operational
procedures to service transportation
systems. According to Wiegmann, a
facility for checking out operational
mission procedures is mandatory for
safety. And third, a need exists to
increase integration and cooperation
between different centers and
directorates within NASA. A PEAF

could meet this requirement.

3.1.4 Human

Factors/ODerations/Trainirlq

To support human
factors/operations/training, Yvonne
Clearwater of Ames Research

Center (ARC) discussed the needs
for a PEAF. First, a high fidelity,
highly rigorous simulation of
isolated, hazardous environments
over varying periods of time is
required for the study of
unpredictable personality
dysfunctions which occur after 30
clays in any isolated, stressful
environment.

Another need is to orient the crew to
the hazards and stresses involved in
long-term isolation. A third
requirement is to train crew under
highly realistic conditions, for
example, communications
breakdowns, lockouts, lack of
medical intervention, true isolation
from any aid, and difficult EVA

activities.

A variety of studies are required
which a PEAF could support. These
studies could include habitability
factors, crew interaction under
realistic conditions, environmental
control, food management, power,
and waste and water management.
Crew operations, both human and
human-machine, also need to be
tested.

3,1,5 Life SUDDOrt

From the perspective of life support,
John Sager of Kennedy Space
Center discussed the needs for a
PEAF. According to Sager, a PEAF
could support tests of closure levels
of air, water, food, waste, energy and
mass within a Controlled Ecological
Life Support System (CELSS).
Sager and other attendees
considered the interaction of these

life support functions critical to
simulate.

A PEAF could support study of the
habitation aspects of a CELSS, such
as psychological impacts, dietary
preferences and allergic reactions of
the crew, and contaminant control
within the CELSS. According to
Sager, there is a requirement for the
modular development of habitat
systems and life support systems,
and a PEAF could serve as a forum
for this development.

3.2 NON-NASA NEEDS FOR A
PEAF

Representatives from both the
Bureau of Mines (BOM) and the US
Army Corps of Engineers were
present at the meeting.
Respectively, those representatives

3
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were Egons Podnieks for the BOM
and Jim Waddell and AI Smith for the

Corps of Engineers. Their presence
represents an effort to form a
consensus of support for a PEAF
among several interested US
Government agencies.

3.2.1 Bureau of Mines

The BOM is charged with providing
the nation with its necessary mineral
resources, whether the nation seeks
them on the Earth, the Moon, or
Mars. However, the Bureau is also
interested in using findings on
extraterrestrial minerals and
conditions to improve mineral
recovery and mining efficiency here
on Earth. Considerable research

was done during the Apollo period
by the Bureau on lunar simulants,
and interest is now increasing in
doing such research again.

According to Podnieks, a PEAF can
be used as a simulator to study
mining conditions and equipment
performance with an eye to
improving terrestrial operations.
Surface friction, rock deformation,
soil characteristics (such as
compaction), and surface material
adhesion and cohesion are among
the conditions which need study. A
PEAF can be used to evaluate and

interpret environmental effects. It
can be used to perform research in
fundamental areas of mining, such
as fragmentation, ground stability,
materials handling, and resource
processing. It can help develop
novel mining and processing
methods and systems, as well as aid
prototype mining equipment analysis
and testing for long-term reliability
and ease of maintenance.

A PEAF could also yield important

information about operational
aspects of terrestrial mining
equipment, according to Podnieks.
For example, it could provide
information about power sources,
human operator factors, robotics,
automated systems, and the effects
of hazardous conditions on

equipment (for example, dust).
These studies could provide
information for use on Earth.

However, Podnieks stated that the

Bureau is also interested in using a
PEAF to test prototype systems for
use in space, under conditions such
as the lack of atmosphere, extremes
of temperature, solar flares, dust and
extreme dryness (electrostatic
adhesion), and the long lunar day-
night cycle. A PEAF could also allow
study of equipment assembly in a
full-scale realistic setting.

3.2.2 US Army CorDs of
Fuzg]muu 

The US Army Corps of Engineers
(USACoE) shares many concerns
with the BOM, especially in the area
of equipment operations and
development. The Corps also has
unique requirements for a PEAF,
both in terms of terrestrial

applications and in terms of its
mandate to meet the national

challenges of the US space
program.

According to Jim Waddell, the
construction industry suffers from a
low level of investment in research
and development. A PEAF could
augment this investment, inevitably
improving the industry.
Improvements could be felt in
commonplace projects as well as in
more exotic projects occurring in
extreme or hostile environments.

4
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Waddell indicated that a PEAF could

improve terrestrial construction
practices by allowing for detailed
study of construction in a controlled
setting. The PEAF could support the
study of wearing surfaces in dynamic
load-bearing equipment
components, such as joints,
couplers, bearings, etc. It could
support the study of equipment
components which restrain the flow
of particles of gases, such as seals,
filters and other components. It
could aid the development of
infrastructure systems such as water
supply, waste processing, heating,
ventilation and air conditioning,
lighting, and shielding. A PEAF can
permit the verification of analytical
studies of terrestrial building
assembly procedures.

Looking to more exotic applications,
Waddell stated that a PEAF could
enable the study of construction
procedures in highly controlled,
perhaps hostile environments. It
could aid in the assessment of

vacuum effects on the assembly of
building components. Servicing
equipment in hostile environments
(as the Army Material Command has
already done) could be studied, as
could the decontamination of

equipment, tools and personnel
equipment. A PEAF could enable
the development and testing of a
new family of light-weight power and
hand tools which have particular
application to undersea construction
and services.

According to Waddell, a PEAF can
further Construction Productivity
Advancement Research (CPAR)in a
laboratory of sufficient scale to build
full-size structures. Advanced

construction management, including

scheduling, quality control, and life
cycle project management can be
studied as part of CPAR. Also as
part of CPAR, a PEAF could permit
study of new techniques in modular,
rapidly deployable facilities and
utility systems (another strong
interest of the military) and
developing and testing robotics at all
levels and scales.

SECTION 4

PEAF Scope, Function, and
Development

This section summarizes the scope,
functional characteristics,
operational characteristics, and
development concepts of a PEAF
identified by the attendees.

4.1 SCOPE OF PEAF

As a research facility, a PEAF could
encompass all of the areas
described above. Therefore, as a
research facility, it could meet
requirements from a vast range of
areas, ranging from human factors to
instrumentation development, mining
equipment studies to CELSS
evolution, and so forth. However, a
PEAF is also envisioned as a
mechanism to address a number of

concerns which are not currently
being considered, and which the
attendees considered essential.

One such concern is the building of
cooperative endeavors for space
exploration and development. As
the list of proposed analogues in
Appendix B indicates, the concept of
an analogue of an extraterrestrial
environment has already generated
interest in both the public and private
sectors. It was the consensus of the
attendees that a PEAF offers an

5
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opportunity to involve many other
constituencies, ranging from private
companies who are interested in
technology development to the
military to even the entertainment
industry. Furthermore, it was also
the consensus of the attendees that,

considering the increasing cost and
complexity of space endeavors, such
opportunities for enabling
cooperative ventures must be taken
advantage of whenever they arise.

An allied part which a PEAF can play
is that of a mechanism to help fulfill
the President's directives concerning
commercial space policy.
Specifically, a portion of that
directive calls for NASA to create

opportunities for US commerce in
space. The PEAF is envisioned by
the attendees as an ideal vehicle,
comparable to the Commercial
Centers for Development of Space
(CCDS), for creating such
opportunities.

A PEAF, like a CCDS, could allow a
modest capital investment in space
development, with an expectation of
a return on investment within five

years or so -- a normal period for
venture capital operations. The
return on investment could be real

technology development which
could be marketable. It was

suggested that such a "modest
investment" could be as small as
$50,000 to $100,000.

An additional advantage to this
investment, according to the
attendees, is that it distributes the
financial burden of space technology
development, which until now NASA
has carried alone. Also,
encouraging private sector
investment with genuine marketable
results could feed back into the

process of creating cooperative
ventures.

Sharing investment is not without its
pitfalls, however. One concern of the
participants is that sharing
investment inevitably means sharing
control, something which NASA
historically has been unwilling to do.
However, the participants also
concluded that such obstacles are

effectively challenges. If a PEAF
includes cooperation from
international partners, both
government and private, as well as
from domestic commercial

enterprises, the problem of control
and cooperation becomes even
more acute -- and even more
important to resolve, as such
cooperation is essential if lunar and
Martian settlements are to become
realities.

The consensus of the attendees is

that a PEAF is an opportunity to learn
how to cooperate with international
partners in such large-scale projects.
It represents an unparalleled
occasion for integrating diverse
constituencies, ranging from foreign
government entities to domestic
private companies, into a large-
scale, long-range project. The
attendees felt that such experience
could well be essential in

establishing similar large-scale,
long-range projects such as
extraterrestrial space colonies.

The PEAF could also fulfill the

requirement for mission risk
assessment. The attendees felt that

this sort of assessment is not clearly
understood by the general public nor
by the news media, who are NASA's
interpreters to the public. However, it
was the opinion of the attendees that
without a facility such as a PEAF,

6
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prior simulations of missions on the
lunar or Martian surface cannot take
place with the required realism.
Such simulations are considered by
the attendees to be mandatory if
missions are to be as safe as
possible. If a mishap then occurs
during a mission, prior simulations
could allow at least some experience
with failure isolation and

reconfiguration to provide a safe
return of crew. And the attendees
felt that a PEAF can allow realtime
simulation of the existing mission
anomaly, which has significantly
aided in solving such anomalies in
the past.

According to the attendees, a PEAF
can also serve the function of

demonstrating long-term planning by
public servants. Establishing goals
for the next 15 to 30 years is
something which the attendees felt
citizens expect of their government.
Attendees therefore saw a PEAF as

an opportunity for the government to
be seen as society's tool for
converting visions of the future into
reality.

4.2 FUNCTIONAL AND
OPERATIONAL
CHARACTERISTICS

Attendees envisioned a PEAF as a

testbed for developing technologies
for large scale planetary operations.
As such, they felt that one could
range in actual physical
characteristics from small, isolated,
modular units to a huge, centralized
research park the size of the
Astrodome.

Modular laboratory areas were seen
by the attendees as characteristic of
any PEAF design. Such modular
units are considered particularly

essential for development of habitat
and life support systems. An
advantage of modular development
is that the technology can be easily
transferred to mission scenarios. A

second advantage is that modules
avoid operational conflicts over
simultaneous use of equipment.

A few other proposals for a PEAF
were made by attendees. Los
Alamos National Laboratory was
suggested as one model. Parts of
such national laboratory facilities
could be leased out to interested
researchers, as in the case of
Bureau of Mines research facilities or
the Langley wind tunnels. Another
model was an industrial park where
buildings and common facilities can
be easily compartmentalized. A
developmental center similar to
Arnold Engineering Development
Center was a third suggestion.

The largest-scale PEAF which was
proposed was a facility with a
common area the size of the
Astrodome. The central common

area could be administered by
NASA. Radiating from this central
area could be independent
laboratory units connected via
airlocks. Whether these units were

owned by the government or by
private industry, they could be used
by the owners or leased out to other
users.

The actual daily functioning of such a
facility was of great concern to the
attendees, both in terms of policy
implications and in terms of practical
details. Daily operational facility
control was perceived as an
especially sensitive policy issue.
Although NASA has historically
desired control of its facilities, it is
considered unlikely by the attendees

7
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that potential advocates, investors or
partners can be interested unless
they are guaranteed control over at
least their portion of the facilities.
Stennis Space Center was cited as a
possible model for resolving some of
these difficulties since a program of
private/NASA use of the facilities
there has been instituted.

With respect to operational practices,
a consensus was reached that both

permanent, full-time researchers and
visiting researchers could use the
facility on a regular basis. Since all
versions of a PEAF involve
modularity as either free-standing
lab modules or modules connected
via airlocks to common areas, both
resident and visiting researchers can
work there.

It was proposed at the meeting that
NASA take responsibility for and
operate common areas. Modules
connected to common areas could

either be owned by the government
(not necessarily NASA) or by other
partners. Government-owned
independent units could be leased to
interested researchers. Modular

units could contain independent
experiments which could access the
common area but not contaminate it.
They could also be isolated from
other experiments. Thus many
research projects could occur
simultaneously without fear of cross-
contamination.

4.3 DEVELOPMENT
OF A PEAF

ISSUES

Attendees identified four issues
involved in the actual construction of

a PEAF. They are scientific support,
political support, visibility, and initial
size.

To obtain scientific and industrial

support, it was the meeting
consensus that it is essential to

attract "champions" whose
reputations are well-established.
These "champions" must be willing
to support a PEAF and promote its
establishment.

According to the attendees, political
support for national facilities has
recently been problematical unless
the funding could be distributed
among many constituencies.
However, if a PEAF is to be a
distributed facility, attendees had
serious questions about the
capability of performing large-scale
integration activities. Such
integration was perceived as
essential to both planetary surface
mission simulations and spinoff
commercial benefits.

Visibility is also perceived by the
attendees as essential to attract full-

scale political support. But
according to Kenneth Cashion of
Stennis Space Center (SSC) and
other attendees, visibility and
significance are not necessarily
identical. Although no specific
"highly visible" components were
identified, attendees felt that it might
be necessary to start a PEAF with
such a visible component to ensure
full-scale, long-term public support.
Then the rest of a PEAF could be
built once that support had been
gained.

The consensus was that whatever
the size of the initial construction, a
PEAF must be given genuine
organizational support by NASA.
The question of phased
development was left open, in light of

8
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the questions of visibility and political
support.

SECTION 5

Implementation Issues

This section discusses benefits,
disadvantages, and possible
consequences of a failure to build a
PEAF.

5.1 BENEFITS AND
DISADVANTAGES OF A PEAF

Attendees considered an analogue
facility to be necessary for
performing mission simulations in a
high-fidelity environment, thereby
reducing mission risks and aiding
mission planning. Such a facility can
also be considered essential to

developing the technology needed
for such missions and for large-scale
planetary facilities. A PEAF, in other
words, could allow for a long-term,
focused study of the complexity of
large scale human exploration of
extraterrestrial bodies. The
attendees saw this as the direct and
most obvious benefit of a PEAF.

However, they believed that a PEAF
could also bring many other benefits.
Simply by being constructed, it could
produce many industrial spinoffs
from the technology development
necessary for that construction. It
could, of necessity, force the creation
of mechanisms necessary for
cooperation between NASA and the
private sector and NASA and
possible foreign partners (whether
governmental or private). Its sheer
size and complexity could force the
development of integrative skills
which are essential to any large-
scale activity.

The cooperation which is deemed
essential for its construction could
lessen NASA's fiscal burden. This
could also feed back into the

development of cooperative
mechanisms, since financial
investment dictates some measure of

control. It is anticipated that through
small investments, companies could
be able to take advantage of a PEAF
to create genuinely marketable
products over a reasonable period of
time, instead of the 20-year lead time
usually cited as necessary for a
return on a space investment.

Another advantage is that, by
bringing in private sector, academic
and other partners, public support for
space could be considerably
broadened, something which is also
essential to large-scale
extraterrestrial projects. Through its
visibility, a PEAF could perhaps
provide a source of inspiration for the
space program, something which the
attendees indicated is missing now.

There are some disadvantages to a
PEAF. Depending on selection of
approach and capability, it could be
expensive. It can raise questions
about national priorities and the way
public resources are utilized. There
may be resulting difficulties in
defining its scope and the required
level of fidelity.

There could also be problems with
obtaining NASA funding for a PEAF
because it is currently perceived as a
technology exploration activity for a
program which does not exist, i.e.,
extraterrestrial exploration. If a lunar
base program is established by the
President, then NASA could require
such a facility for engineering
development and verification.

9
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If international partners are involved,
technology transfer issues can
present problems which can be
difficult to resolve and which may
have political repercussions. Issues
of control can also arise, whether
partners are international or
domestic. There may also be
problems over control from within
different NASA program offices,
within other government entities, and
among government entities.

5.2 CONSEQUENCES IF A
PEAF IS NOT DEVELOPED

It was a consensus that a PEAF is

mandatory for testing if we are to go
to the Moon and Mars. Reliability of
equipment, mission planning and so
forth are absolutely critical to mission
success.

The absence of a PEAF implies that
there can be no integrated, large-
scale parallel testing of mission
components, either in terms of
hardware or mission planning.
According to the attendees, this
means that risk assessment, a critical
part of mission planning, cannot be
as complete or as reliable as it could
be. It also means that any problems
which occur during a mission must
be solved in realtime rather than

simulated in a realistic training
environment prior to the mission.

Attendees felt that development of
habitat and life support systems must
be modular and integrated into a
PEAF for ultimate testing. Without
such development and testing, they
thought that humans can be severely
limited in their ability to function in a
planetary environment.

Finally, according to the participants,

the absence of a PEAF can mean

fewer opportunities to involve the
private sector. This can reduce
public space support. It can also
hinder the development of
techniques for managing large-scale
projects.

SECTION 6

Summary and Conclusions

A PEAF is seen as a terrestrial facility
which will simulate the lunar and/or
Martian environments. Both NASA
and non-NASA needs were

identified. Representatives from the
BOM and the US Army Corps of
Engineers discussed non-NASA
needs in the government sector.

NASA needs are:

• short/long-term mission
distinctions

•technology development for
Mars/Phobos sample return
missions

• better understanding of
launch requirements

• systems/technology testbed
• materials processing
laboratory

• real-time anomaly analysis
• development facility for crew
operations and procedures

• testbed for transportation
system servicing procedures

• integration of different areas
within NASA

• high fidelity/highly rigorous
simulation of hazardous
environments

•crew orientation

•crew training
• habitability/human factors/life
support studies

•testbed for CELSS closure

10
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• testbed for habitability
features of CELSS

Non-NASA needs are:

• simulation of mining
conditions to improve
terrestrial mining operations

• research in fundamental

mining areas
•development of new mining
and processing methods

• study and testing of prototype
mining equipment and
equipment operations

• testbed for space mining
equipment and its assembly

• research and development in
construction operations to
improve terrestrial operations

• verification of analytical
techniques for studying
building assembly

• study of construction and
equipment servicing in
hostile environments

• support of Construction
Productivity Advancement
Research (CPAR)

A PEAF is seen as a possible
mechanism for addressing concerns
about large-scale space exploration
programs. Those concerns are:

• cooperation between the
public and private sector

• fulfilling Presidential
directives regarding
commercial space
development

•cooperation with international
partners

• mission risk assessment

•fulfilling citizen expectations
of government planning.

A PEAF's physical plant could be a
number of distributed laboratory
modules or it could be one large,
central facility with separate facilities

radiating from it. PEAF development
was thought to be contingent upon
the resolution of four issues:

•scientific support
•political support
.visibility
•initial size.

Benefits of a PEAF could be

substantial. Those include reducing
mission risk, improving mission
planning, and aiding large-scale
technology development. Others
include industrial spinoffs, creation of
mechanisms for cooperation
between NASA and other

public/private entities, and increased
public support for the space
program.

Disadvantages also exist. A PEAF
could be expensive, which raises
questions about sources of funding,
facility control, national priorities, and
utilization of public resources. If a
PEAF develops as a cooperative
venture with international partners,
technology transfer becomes an
issue.

However, if a PEAF is not developed,
attendees felt that private sector
participation in space exploration
could be reduced, thus reducing
public support for space programs.
The absence of a PEAF could

seriously impair the possibility of
integrated, large-scale mission
simulations. Such simulations are
needed for risk assessment and

training prior to a mission and for
anomaly analysis during them. The
consensus was that a PEAF is

mandatory for testing for lunar and
Martian missions.
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Five separate lunar base analogue
facilities have already been
proposed from several sectors,
including universities, a government
research institution, and the private
sector. Each of the five has a
different proponent, proposed
location, sponsor and targeted
technology.

Moon Park, proposed by Professor
Kyoichi Kuriki of the University of
Tokyo, is sponsored by the
Ohbayashi Corporation. The
location is still undetermined. Two

technologies would be emphasized,
a demonstration of CELSS and the

investigation of human behavior in a
controlled environment.

Lunar Base One is a proposal by Dr.
Lawrence Udell of the RELCOR
Corporation. Both sponsor and
location are undetermined.

Infrastructure, building technologies,
life support, and the social sciences
are the targeted areas of study.

The Antarctic Planetary Testbed was
proposed by Dr. Larry Bell of the
Sasakawa International Center for

Space Architecture (SICSA) at the
University of Houston. SICSA would
be the sponsor, and as the name
indicates, the facility would be
located in Antarctica. A wide range
of study areas would be targeted,
including human physiology and
medicine, prolonged isolation and
confinement, extraterrestrial food
production, field mission analogue
and simulations, facility planning,
construction demonstrations,
automation and robotics,
infrastructure development, and
international cooperation.

Center for Extraterrestrial

Engineering and Construction

(CETEC) is a proposal by Dr. Steve
Howe of the Los Alamos National

Laboratories (LANL). Sponsors
would be LANL and the University of
New Mexico in Albuquerque (UNM).
CETEC would be located at UNM. It
would support large scale
experiments and development work
in construction, mining, processing
extraterrestrial materials, and facility
operations in vacuum and other non-
terrestrial environments.

Lunar Base Simulator, proposed by
Dr. Willy Sadeh of Colorado State
University (CSU) would be located at
Fort Collins, Colorado. CSU would
be the sponsor. It would model,
study, investigate, and test functions
of all subsystems.
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Section 1, Mining and Construction Executive Summary

SECYION 1

Executive Summary

1.1 INTRODUCTION

Lunar and Martian manned bases are

among the next major proposed goals
for NASA. It is probable that building
such bases will require the use of
local, planetary resources.

Therefore, both mining and
construction skills are likely to be
necessary. Because these areas lie

outside of NASA's areas of expertise,
the Planet Surface Systems
Integration Agent (PSSIA) at Johnson
Space Center (JSC) called for a

workshop to convene experts in those
areas for the purpose of providing
inputs to current PSS studies.

The Extraterrestrial Mining and
Construction Workshop occurred May
2-4, 1989 at the Colorado School of

Mines (CSM) in Golden, CO. It was co-

sponsored by NASA, US Army Corps of
Engineers Research Laboratory
(USA-CERL), Bureau of Mines (BOM),

and the CSM. The goals of the
workshop were to:
1) identify problems with

extraterrestrial mining and
construction and suggest solutions

2) identify linkages and expert
resources

3) identify goals for the next
workshop

1.2 WORKSHOP FORMAT

The workshop was structured to last

two and a half days. Plenary half-day
sessions began and ended the

workshop. The remaining time was
devoted to three concurrent sessions

concerned with mining, construction
site development, and facilities
construction. A schedule is shown in

Appendix G.

The opening plenary session

consisted of a series of papers dealing
with the lunar environment, the

lunar base, oxygen production
methods, and suggested methods of
extraterrestrial mining and
construction. Appendix D summarizes
those papers. The Mining Session
(MS) considered the problems of
mining and processing in situ
extraterrestrial materials. The

Construction Site Development
Session (CSDS) examined
infrastructure and logistics
requirements for a lunar base. The
Facilities Construction Session (FCS)
considered construction

requirements of lunar base facilities,
especially the habitat. Though Mars
was considered in each session, effort
focussed on the Moon due to the far

greater body of lunar knowledge.
The final half day session was
dedicated to summaries of results of
the three concurrent sessions.

Approximately 45 individuals
attended the workshop. Their
backgrounds and interests were

diverse, ranging from aerospace
engineering and lunar science to

terrestrial mining, from
conventional and exotic terrestrial

construction to heavy equipment
manufacturing, from contractors to
academic researchers. Appendix F
lists the participants.

1.3 PROCEEDINGS FORMAT

This document records the

proceedings of the workshop. The
Executive Summary, Section 1,
overviews the workshop's genesis,
goals, structure, participation,
central topics, and conclusions.

Sections 2, 3, and 4 report the
proceedings of the MS, the CSDS, and

the FCS, respectively. Conclusions
and recommendations of the sessions
are assembled in Section 5.

Appendix A lists expert linkages and
resources as identified by the
attendees, and the goals for the next
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workshop are listed in Appendix B.
Appendix C contains the "strawman
scenarios" which provided

descriptions of the lunar and Mars
bases used in identifying mining and
construction requirements.
Appendix D contains brief summaries
or abstracts of the plenary papers. It
also contains a summary of a third
strawman scenario presented by Mr.
Ray Leonard, which was not possible
to reproduce because of its length.
Appendix E lists Proceedings
references, Appendix F lists
participants and their affiliations,
and Appendix G gives the schedule.
Appendix H is a complete listing of all
topics introduced in the CSDS.

1.4 WORKSHOP TOPICS

Many topics were discussed in the
concurrent sessions, but two major
commonalities emerged. The first
such commonality was the lack of
extraterrestrial engineering
experience; the second was the lunar
base facilities requirements.

1.4.1 The Lack of

Extraterrestrial En_inegring

The lack of existing engineering
knowledge about the Moon was
perceived as a central problem by all
three sessions. The scientific data

which exist are perceived as
insufficient, inappropriate, or
inaccessible for the detailed

engineering needed for lunar base
development. Several approaches to
this problem emerged.

One approach, agreed upon by all
sessions, was an intermediate base

phase following the establishment of
the earliest lunar base facilities. The

intermediate phase would be used for

engineering experiments in which
terrestrial techniques would be tested
for adaptability to the Moon.

A second approach was a MS
recommendation of the establishment

of a large-scale lunar simulator on
Earth. It could be used to simulate

mining operations in a lunar
environment.

The CSDS recommended that lunar

soil samples be acquired for
engineering experiments. To judge
the validity of engineering
experiment proposals, they suggested
the establishment of an engineering
lunar sample analysis team. That
session also recommended that where

lunar data exist, they should be
codified into the type of design
manuals common to terrestrial

engineering practice. Three types of
manuals were specified: a lunar
building code, an equipment and
machinery design manual, and a
regolith mechanics manual. Where
no data exist, the CSDS felt that

terrestrial engineering knowledge
could be applied, at least initially, to
the lunar case.

1,4.2 Key Base Facilities

Each session was concerned with the

key base facilities and the problems
associated with them. The key
facilities of the lunar base, shown in

Figure !.4.2-1, were identified as the
habitat, the mine, the power supplies,
the transportation network, and the
equipment inventory.

The MS focussed on the mining and
processing operations and the
equipment associated with those
operations. The FCS examined all
major facilities except the mine
operations, but concentrated on the
habitat. The CSDS concentrated on

the planning, logistics, and base

infrastructure necessary to the
establishment of the base.
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The key MS mining concerns were
feedstock to yield ratios, leveraging
of productivity due to automation and
robotics, and power requirements for
mine operations. Special attention
was given to hydrogen extraction,
which attendees perceived as so
power-intensive that it should be
deferred to later stages of the lunar
base. However, oxygen extraction
from raw feedstock was seen as

equivalent to a small terrestrial
mining operation. Therefore, it was

thought to be completely practicable.
Automation and robotics are

perceived to be essential to operating
a lunar mine where no crew member

is a full-time miner. However, much

research and development remains to
be done. Though the lunar
processing facility will consume
large quantities of the available one
MW power, attendees felt that power
allotments were sufficient for the

early mining requirements.

The FCS examined habitat

alternatives. They looked closely at
options for above and below-ground
habitats, concluding that the crew
should go below-ground as soon as
possible. One reason for this is

safety. A second is because below-
ground habitats conform to
terrestrial construction experience
more closely than above-ground ones
do. It was felt that known techniques
would be safer in the lunar
environment.

The CSDS focussed on the lunar base

infrastructure. Staging the base in
increments was considered vital, so

that lunar construction experience
can be incorporated into base
development. Logistics is also critical
to base success, because it deals with
construction schedules, launch

manifests, and site layout.

Concerns about mining and

construction equipment revolved
around synergistic use of the
equipment. Three issues were

involved. The first was whether

equipment should be dedicated or
multi-purpose. The second was
whether multi-purpose equipment
should have modular, detachable

implements or multiple, permanent
implements. The third issue was
equipment ruggedness and
versatility versus redundancy and
singularity. Each choice affects
reliability, maintenance, equipment
backup, and launch manifest
requirements. Further, if mining
equipment must be absent for
construction tasks, then raw material

must be available to keep the

processing plant operating.
Whatever equipment design
philosophy is chosen will have
significant strategic consequences
for base development.

Concerns about power were
concentrated on lunar base

requirements and power distribution
to mobile equipment. Workshop
participants were divided on the issue
of sufficiency of power for the base.
Some participants felt that
approximately one megawatt was
sufficient to operate the base, if
equipment and operations were
scaled to the lunar gravity. Other
attendees disagreed. Power

distribution to mobile equipment was
considered a significant problem, and
the CSDS considered it to be the most

critical issue affecting mobile
equipment.

The impacts of base layout, mining
operations, and equipment inventory
on road construction were targeted as
the main transportation concerns.
Both the FCS and the CSDS were
concerned with roads. Dust and

degradation of regolith roads are
perceived as serious problems. To
alleviate those problems, participants
proposed paving the roads with

gravel from beneficiated raw
feedstock from the processing plant.
Road-building requirements are
contingent upon site layout.
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Equipment availability
determine feasibility.

will

1.5 CONCLUSIONS AND
RECOMMENDATIONS

Participants concluded that
extraterrestrial engineering
knowledge is inadequate for detailed
lunar/Mars base planning. To

rectify that, they recommended that
more research should be conducted
in such areas as lunar environmental

effects, oxygen processing
operations, automation and robotics,
power distribution, materials,
thermal control systems, and

pressurized vessel development.
Terrestrial experience should be used
where necessary, but opportunities to

gain lunar experience should be
sought out.

To gain that experience, a variety of

approaches were recommended. One
approach is to perform engineering
experiments on existing lunar
regolith samples. A second is to
codify present knowledge into lunar
design engineering manuals.
Another mechanism for gaining
extraterrestrial engineering

experience is a full-scale Earth-based
lunar simulator.

Another recommendation is to use

incremental base phasing at the
lunar base to gain additional
engineering experience. Wherever
possible, present engineering
knowledge should be used. Simple
solutions to problems should be
sought in preference to high-tech,

complex, elegant, and difficult ones.

A second conclusion was that key
base facilities definition entails many

problems and issues. To resolve
those, participants generated a
number of recommendations.

Participants recommended that
realistic power requirements be
established for both the base and

equipment. An equipment design

philosophy and the resulting design
parameters must be established. Base
layout must be determined so that
logistics can be planned. Safety
factors for habitation must be

established. Hydrogen extraction
should be deferred until the later

stages of base development, unless
the process is less power intensive
than first thought.

A third conclusion was that the

workshop had identified the general
character of the problems of
extraterrestrial mining and
construction. However, a better

resolution of problem specifics and
solutions is needed. The

recommended next step is a second

workshop which builds upon the
results of the first. A second

workshop is currently being

planned.
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Section 2, Mining Session Proceedings

SECTION 2

Mining the Surface
Moon: Issues and
Problems

of the

2.1 INTRODUCTION

The Mining Session (MS) identified

three topics of concern to mining the
lunar surface: lunar surface

conditions, mining operations, and
mining equipment. In each case, the

participants identified the topical
problems and then, where solutions
were available, recommendations
were made.

2.2 LUNAR SURFACE CONDITIONS

The MS was concerned with the lunar

temperatures, vacuum, dust, and
regolith density.

2.2.1 Surface Temneratures

The surface temperature at the Apollo

17 landing site varied from -171oc to

1 1 loC, and the Apollo 15 site

temperatures were about 10°C cooler
[Taylor, 1982]. MS participants felt
that these temperature extremes
represent significant obstacles to

equipment operations, especially
during the lunar night. The primary
concern is that the structural metal
could become so cold that it would
become brittle and crack. The
primary recommendation was that

operations should take place only
during the lunar day. A secondary
recommendation was that waste heat

could be used to heat equipment.

2.2.2 Vacuum

Bureau of Mines (BOM) research with
lunar simulants indicates that

surface friction will be much greater
on the Moon than on Earth. This is

due to the lack of a monolayer of

water vapor between surfaces, which
is absent on the Moon due to the
lunar vacuum.

On Earth, the monolayer acts as a
lubricant. In the absence of such a
lubricant, rock and tool surfaces are

expected to adhere, creating a
problem with chip formation,
removal, and clogging during
drilling. Also, ordinary lubricants
cannot be used because they will
vaporize in the vacuum.

Another effect of the vacuum is that

lunar material will compact when
moved. This is due to particulate
cohesion caused by the absent water
vapor monolayer [Podnieks and
Roepke, 1986].

No specific solutions were
recommended for the lubrication

problem. The compaction problem is
discussed further in Section 2.2.4.

The particles in the lunar regolith
are extremely fine-grained, half less
than 74 microns in size. They also

have a positive electrostatic charge,
because the solar wind strips
electrons from the particles [Carrier,
1989]. Electrostatic adhesion of fine-

grained dust particles to all surfaces
is the result, and it is a serious

problem for lunar operations.

Developing equipment surfaces
which are antistatic or anticharged
was one recommended solution to

solving this problem. Another
recommendation was the

development of a chemical applicant
which could be applied to surfaces
and which could serve as a

"grounding film" for spacesuits and
equipment.

2.2.4 Lunar Re_olith Density

Lunar regolith is packed loosely at
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the surface. At a depth of 10 to 20 cm,
however, it becomes tightly packed.
It is five to 20 percent more

compressed than terrestrial soil can
become when compacted by heavy
road-building equipment [Carrier,
1989]. This high density is due to
continual meteoritic impacts, which
keep the surface loose but also
produce shock waves that compact
the underlying regolith [Taylor,
1982].

The compaction of the regolith is a
serious concern for mining
equipment design. Equipment can
have lower mass because of the lower

lunar gravity. It must also have
sufficient power and cutting
capability to break and move heavily

compacted material. This represents
a design conflict. However, if
explosives are used to dislodge the
regolith, the conflict is avoided.
Explosives use was therefore the
recommended solution.

2.3 MINING OPERATIONS

Mining operations discussions
focussed on processing and

automation. Processing topics
included expected yields, recovery
efficiencies, and processing power.

Automation topics included operation
size and productivity.

2.3.1 Processin_

Workshop target yields for a lunar
mine were given by a strawman
scenario originated by the Planetary
Surface Systems (Office of
Exploration) and published in the
Planetary Surface Systems

Requirements Document (PSSRD).
The strawman scenario is reproduced
in Appendix C. A lunar mine based
on concepts in the strawman
scenario is shown in Figure 2.3.1-1.
Suggested target yields are given in
Table 2.3.1-I:

TABLE 2.3.1-1.-MINE TARGET YIELDS

Product

02

H2

C

Other

volatiles

Amount

(t/yr)

150

15

5

Capture
all
available

Metals 5 0

Ceramics 100

Three assumptions were involved in
setting the targets. First, the targeted
yields include all product quantities
needed for life support. Second, the
required purity of products for all
purposes is achieved in processing.
Third, the raw feedstock necessary
for the oxygen yield is estimated to be
45,000 metric tonnes (t) per year,
based on recovery of one percent of
the available oxygen.

Mining session attendees pointed out
that the oxygen recovery rate
depends upon the efficiency of the
process chosen. During the
workshop, the assumed efficiency of
the baseline iimenite reduction

process was one to three percent.

Processing power for 150 t of oxygen
per year was scaled to a proprietary
process which requires three to four
megawatts (MW) for the production
of 1000 t of oxygen per year. Based
on this, the production of 150 t per
year was estimated by the
participants to require up to 0.5 MW.

The PSSRD scenario stipulated a one-
megawatt-electric (MWe) nuclear
power plant for the lunar base. The
plant would supply all power for the
habitat, laboratories, materials

processing, and mining equipment.

The one MWe power supply
constrains the possible mining
processes, operational size, and
available equipment power. For
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example, materials processes such as
carbochlorination [Waldron, 1988]
require high process power levels, so
participants ruled thcm out. Also
ruled out were various high
temperature production processes
which have 40-50% efficiencies, but

which require more than one
megawatt.

To meet the strawman's requirement
for a H2 return of 15 t/yr,

participants estimated that
approximately 330,000 t/year of raw
material would have to be mined, and

all of the available hydrogen would
have to be recovered (100%
efficiency). The calculated quantity
of raw material is based on an

average H2 content of 50 ppm in the

top two to three meters of regolith.

One opinion expressed during the
workshop was that if it was necessary
to heat the top two or three meters of

the regolith to 600 or 700oC to extract
the targeted hydrogen quantities,
then the required energy could equal

20 MWe. Because initial base power is
limited to one MWe, it was suggested
that hydrogen extraction should be
delayed until the base was better
developed. However, because
attendees considered the available

data on hydrogen extraction
processes to be insufficient at the

workshop, they chose to delay
recommendations on hydrogen
extraction pending the results of the
In Situ Resource Utilization

Workshop in June.

2.3.2 Automation

The extent of automation of the mine

will be important to both its size and

productivity. On Earth, a 300,000 t per
year operation is considered small
next to the average mine production
of 2,000,000 t per year. A 300,O00-t
operation can be handled with three
people and a loader, truck, and
crusher. Such an operation can be

managed with minimal crew and
equipment because terrestrial

mining productivity rates now equal
40 t per manhour. Whether an
operation of similar size is possible
on the Moon depends upon the level
of productivity which can be
expected there.

None of the initial eight crew
members will be full-time miners.

Participants estimated that a lunar

robotic mining system employing
eight to ten robotic scrapers or
backhoes might increase

productivity over current terrestrial
achievements by merely 10 to 15%.
Initial lunar base equipment
allocations will comprise one to two
pieces, not eight to ten. Telemetered
control from Earth could increase

productivity by permitting
equipment to operate when no lunar

operators are available. However,
such leveraged productivity will be
limited by the available equipment.
If robotic equipment must be shut
down for maintenance or repair,
work time is decreased.

For these reasons, participants again
concluded that it was unlikely that
the 300,000 t of regolith needed for
the hydrogen could be mined in a
year. If the requirement to recover
hydrogen is deferred to a later time,

and only 45,000 t per year of
feedstock need be mined for oxygen
recovery, then the operation is
considered more feasible.

Because the potential impacts of
automation on a lunar mining
operation are so important, it was
recommended that more research in

automation and robotics be

conducted. Teleoperated systems and
automated mining systems were
considered especially important for
lunar mining.

2-4



Section 2, Mining Session Proceedings

2.4 EQUIPMENT

2.4.1 Eoulnment Power and

Distribution

The one MWe base reactor is the

source of all power for the base.
Approximately 0.5 MWe will be
required for oxygen processing; the
remaining power must suffice for all
other base facilities, as well as

mining equipment.

To estimate required equipment
power, participants scaled terrestrial
front-end loaders (FEL) to the lunar

environment. The Caterpillar 966E
wheel loader's flywheel power is 216
hp or 161 kW; the Caterpillar 980C
wheel loader's flywheel power is 270
hp or 201 kW [Caterpillar, 1988].
During the workshop, the power of
each of these machines was estimated

to be 300 horsepower. Their
productivity was estimated at 800
t/hr. It was assumed that lunar

loaders would most likely be built of
aerospace materials, thus reducing
their weight compared to machines
made of conventional terrestrial

materials. Participants expected a
lighter machine to require less
power, even on Earth, and with the

loading factor cut by 6 on the Moon,
they felt that a lunar loader could
operate with minimal power. Also, as
discussed in Section 2.2.4, Lunar

Regolith Density, the use of
explosives dispels the need to break
heavily compacted regolith prior to
digging. Therefore, a sealed power
approximation for a 150 t/hr lunar
FEL was 50 hp or approximately 37
kW.

Power can be distributed to mining
equipment in several ways.
Participants discussed both non-
conventional microwave and solar

systems and conventional cable,

battery, and trolley/battery systems,
but conventional systems were
emphasized.

On Earth, trucks which are travelling
long distances use trolley systems
during hauling runs. Trucks run on
batteries either in the mining pit or
when hauling ore long distances
where the trolley is unavailable.

Digging equipment which
permanently resides in the mining
pit is powered from cables which
attach to a substation in the pit.

When digging equipment must be
moved to another pit, it operates from
batteries during the move.
Underground equipment operates
entirely from cables, but only for
short distances of 150-200 feet. This

power distribution system was viewed
by the participants as adaptable to
the lunar mine.

2.4.2 Eouipment Svnergv

A constraint imposed by the PSSRD
was one of maximum synergy
between mining and construction
equipment. This was to be achieved
by attaching construction
implements to mining equipment,
reducing the need for specialized
construction equipment.

Participants felt that while such
synergy could be desirable, it could
also be difficult. The required
mining equipment could differ from

the required construction equipment
to such an extent that simply adding
attachments would be insufficient for

conversion. Participants foresaw
other problems with stockpiling,

maintenance, backups, scheduling,
and specialization.

If mining equipment which
normally feeds the process
machinery is operating elsewhere as
construction equipment, then a
stockpile of feedstock must be
available at all times. So time must be

regularly scheduled to build such a
stockpile.
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Equipment which has multiple uses
must be reliable and easily
maintained and/or it must have

backups. If backups are necessary,
the original goal of eliminating
additional machinery is contravened.

Construction and mining operations
arc already difficult to schedule
because of the lunar day-night cycle
and scarce crew time. If machine use

must be shared, scheduling becomes
even more difficult.

hauling or loading functions. "By
limiting a machine to a single
function," hc stated, "its design can
be optimized for that function. This

optimization is most evident in the
ratio of the payload the machine
handles to the empty weight of the
machine." Those ratios are shown in
Table 2.4.2-I.

TABLE 2.4.2-I COMPARISON OF FUNCTION
VS. REPRESENTATIVE PAYLOAD TO

WEIGHT RATIO

Multi-purpose equipment scrvcs no
single function well. This is true
cvcn when limitcd to the basic

mining functions of loading and
hauling. The central aspects of
equipment optimization were detailed
by Caterpillar engineer Charles
Scheidle in "Mobile Mining System
Strawman," prepared for the
workshop.

Scheidl¢ remarked that a mining
machine can perform one or both

Function

Hauling

Loading

Loading and
Hauling

Payload to
weight ratio

>1.0

<0.3

-0.6

Scheidl¢ commented that where

loading conditions are difficult,
dedicated loaders are indicated. If

hauls arc long, dedicated hauling
machines are needed. If loading is

TABLE 2.4.2-II MOBILE MINING SYSTEM ADVANTAGES VS. DISADVANTAGES

Advantages
Flexibility in face location, processing
location, and route between

Wide flexibility in capacity by adding

or removing[ machines from system
Assembly, servicing, maintenance, and
repair of mobile equipment in a shop
instead of the field

Equipment is easily moved to new
location

No extensivesitepreparationrequired
Failureof one machine willnot disable

entireoperationunless that machine is

the entire system
Backups or spares can easily be placed
into the system, insuring against

decreases in production

Disadvantages
Mobile systems require roads. Road
construction and maintenance

requirements depend on the mine site
environment and the particular mining
machine being used.

Travelingmachines can generatedust.

If mine production is continually
increased by adding machines, at some
point, machine congestion will become a

problem.
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easy and hauls are short, a machine
which combines both functions may
be the best solution. Single-machine
mining systems have advantages in
reducing the required spare parts
inventory and the number of backup
machines. [Scheidle, 1989]

Synergistic use of equipment may
also favor mobile mining systems
over stationary ones. Part of
Scheidle's Mobile Mining System
Strawman was an overview of the

advantages and disadvantages of
mobile mining systems. Those

advantages and disadvantages are
summarized in Table 2.4.2-II.

Scheidle stated that mobile and

stationary equipment are often
combined into a single mining
system. Mobile equipment is usually
used at the mine face and for short

distance transport to the stationary
system. Stationary equipment then
transports ore to the processing

plant. He continued:
Such a [combined] system can
often maximize advantages and
minimize disadvantages. For
either 100 t or 1,000 t annual

oxygen production (10,000 t and
100,000 t regolith respectively),
any of the above systems
[mobile, stationary, combined]

are feasible. By terrestrial
standards, these are low

production rates and can easily
be achieved with a small

number of machines. The

number of machines is probably
best determined by the amount
of production decrease allowable
upon the failure of any single
unit. Once the desired number
of machines is determined and

the number of operating hours
per year specified, the size of
the machines can be quickly
derived. Of course, load times,

travel speeds, and travel
distances will not be included in

this calculation. [Scheidle,
1989].

Though available information
appeared to support mobile systems,
participants chose not to recommend
them over stationary systems. They
felt that insufficient information
existed to make a choice.

2.4.3 Baseline Eouinment

Systems

The final goal of the mining session
was to develop one baseline system,
which included all the subsystems of
breaking, digging, loading,
unloading, hauling, storage,
retrieval, sizing, beneficiation, and
disposal. Three sub-goals were listed:

• Identify mining system

concepts
• Select priority systems and

components
• Assign parameters to baseline

concept.
A variety of options were considered
for each mining subsystem. These
options are shown in Table 2.4.3-I.
Terrestrial versions of four of these

options are shown in Figure 2.4.3-1a-
Id.

In comparing the options for each
subsystem, certain assumptions about
the entire mining operation were
made. These were:

• Diggable regolith
• Material for oxygen and

hydrogen
• Excavation rate of 333,000

t/yr
• 4000 hr/yr or 8000 hr/yr

operation
• Fixed processing plant
• Daylight operations only

Several equipment attributes were
also identified as critical or

important. These are shown in Table
2.4.3-II.

For the digging and loading

subsystem, the FEL and the shovel
were recommended. FELs were

recommended because they can load

2-7



OEXP Annual Report, FY 1989, Voi. VI

[Subsystems

Breaking

Digging and Loading

Hauling

Unloading

Storage

Retrieval

Sizing
Beneficiation

TABLE 2.4.3-I-MINING SUBSYSTEMS AND OPTIONS

IOptions

Blasting, Mechanical: Scooping,
Ripping, Hammers,
Electrical, Fluids,
Thermal

Shovels, Front-End Loaders (Pt_Ls),

Scrapers, Bucketwheel Excavator,
Dozers, Augers, Draglines,
Containers/Boxes, Slusher,

Electrostatic_ Electromagnetic
Trucks, Pipe Conveyors, Catapult,

Pipeline, Railcar, FEL, Scraper, Aerial
Tram, Auger, Gravity, Trailer,
Containers/Combination, New-

Technology Electric Methods

Fork-lift, Selfdump, Auger, Blower,

Catcher r Bucket
Piles, Containers, Bins:

Atmospheric
Insulated
Pressurized

Conveyor r Auger r Chute r Bucket r FEL

Grizzly r Screening r Casting r Cyclone

Magnetic Separation, Electrostatic
Separation, Thermal, Flotation,
Gravity t Grinding t Abrasion

TABLE 2.4.3-II. EQUIPMENT
ATTRIBUTES

CRITICAL

Mass

Efficiency per
unit mass

Reliability

Maintenance

Requirements

Energy

Labor

Dependency

Versatility

Applicability for
Expansion
Automation

IMPORTANT

Technology
Availability

Technological
Risk

Development
Time

Flexibility within

the Mining

System
Applicability to
Other Bodies

and haul material. This flexibility

was considered especially desirable

in early stages of base development,
when dedicated machines are

unlikely to be feasible.

A shovel/backhoe and truck

combination was also thought to offer

many advantages. It has a long
lifespan. It is flexible in that many
implements such as blades, buckets
and hydraulic hammers can be
attached. It can move itself by

grabbing the regolith and sliding
without engaging the power train. A
shovel with a small bucket can cycle
in one-third the time of a FEL,
because a FEL must move itself.

Although a shovel is more massive
than a FEL, that can be addressed by
setting the shovel on a tripod.
Anchored like this, a shovel has a 20-

meter, 300-degree reach, permitting
it to dig the same amount of material
as a FEL with one-tenth the mass. The
shovel function itself is easy to
automate. However, a truck is
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a-Bucketwheel Excavator

m

b-Front End Loader

c-Hydraulic Hoe

d-Front End Loader and Backhoe

Figure 2.4.3-1.-Terrestrial Earth-Moving Equipment
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required to move the material dug by
the shovel, which decreases the mass

advantage of the shovel.

The bucketwheel was rejected
because participants considered it to
be too heavy and complicated. Also,
bucketwheeis are designed for larger
volumes than expected at the lunar
base. The auger was rejected because
it is both massive and fixed in place.
Slushers are also fixed, but they are
too limited for the required tonnages
per year. Dozers were eliminated
because participants considered them
to be energy inefficient and limited
in use to excavation. Electrostatic and

electromagnetic methods were
considered too unfamiliar for

discussion. Participants felt that it
was better to consider only known
systems for the early stages of lunar
development. However, they
recommended additional research on

these and other components, as
shown in Table 2.4.3-111.

TABLE 2.4.3-111.-PROCESSES
DESERVING FURTHER STUDY

Electromagnetic Separation (junk-
,ard magnet)

Ballistic Thrower (to throw buckets

of material in ballistic traiectories )

A u£er in later base phases
Electrostatic Processes

Containers in Trucks

Trucks and pipe conveyors were
recommended for hauling. Trucks
can be used with any digging

machine. Pipe conveyors were
recommended because participants
thought the required non-metallic
pipe could be produced early at the
base from in situ materials,

eliminating the need to transport
additional mass from Earth. Although
pipe conveyors would require a fluid
medium such as air to move material

through the pipes, participants felt
this medium could be reclaimed and

re-used. Fixed rail was rejected

because it would require significant

initial installation and frequent
movement of the track. The aerial

tramway was rejected because
elevation is its main advantage;
however, participants considered
that advantage to be inappropriate

for the small size of the lunar mining
operation. The aerial tramway also
requires significant installation and
permanent structure. Pipeline also
requires heavy initial installation
and permanent structure.

Stockpiles are a simple storage
technique, and were recommended
on that basis. The FEL and the pipe
conveyor, recommended above for
digging, loading, and hauling, were
recommended as retrieval

components for the same reasons.
Recommended sizing and
beneficiation systems included the
grizzly (coarse sieve), vibration

screen, cyclone and magnetic
separator. One participant suggested
that junkyard-type electromagnets
could be used to separate magnetic
lunar agglutinates from the non-
magnetic regolith. However, since
this is not a mining technology,
participants were hesitant to pursue
it at the workshop. The cyclone was

felt to be the best technique for
sizing material, especially for
extracting hydrogen. Then the
underflow from the cyclone could be

channeled into an air crusher. Fifty
percent of the flow would be rejected,
so that it would not run through the
extractors. Thus the concentration of

hydrogen in the air flow would be
improved.

The recommended baseline mining
system is summarized in Table 2.4.3-
IV.

2.$ MINING SESSION SUMMARY

Three topics concerned the Mining
Session: lunar surface conditions,

mining operations, and mining
equipment.
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TABLE 2.4.3-IV.-BASELINE MINING
SYI ITEM

MINING
SUBSYSTEM

Digging and

Loading
Hauling

Storage
Retrieval

Sizing and
Beneficiation

MINING OPTION

FEL, Shovel

Trucks, Pipes,
Conveyors

Stockpiles

FEL, Conveyor
Grizzly,
Vibration

Screen, Cyclone,
Magnetic
Separator

Important lunar surface conditions
included surface temperatures,
vacuum, dust, and the lunar regolith
density. Participants feared that the
cold lunar night temperatures would
embrittle equipment metal, causing it
to fracture. To solve embrittlement

problems due to the cold lunar
nights, participants recommended
daytime operations. Explosives will
dislodge compacted regolith,
dispelling the need for high-powered
regolith-moving machinery.

Mining operations discussion focused
on yields, recovery efficiencies, and
processing power. The mining

requirements for 150 t/yr lunar
oxygen products were considered
achievable and comparable to a small
terrestrial sand and gravel operation.
Participants tentatively concluded
that hydrogen extraction should wait
until late base development, because
of the large quantities of required
feedstock. However, the consensus

was that available hydrogen-
extraction information was
insufficient.

Automation is crucial to achieving
desired mining goals. Robotic
productivity is uncertain.
Participants' recommendations were
to increase research in automation

and robotics. Special research
emphasis was placed on teleoperated

systems and automated mining
systems.

Equipment concerns included
equipment power and distribution,
mining/construction equipment
synergy, and the establishment of a
baseline mining system. Participants
concluded that the one MWe nuclear

plant provided sufficient power for
oxygen extraction and equipment
operations

A conventional power distribution
system using trolleys, cables, and
batteries was emphasized over
unconventional microwave or solar

systems.

Mining/construction equipment
synergy offers advantages in terms
of reduced mass, but it entails other

problems. These include specialized
design needs, equipment availability,
scheduling, and reliability and
maintenance.

A baseline mining system would
include the subsystems of breaking,
digging and loading, hauling,
unloading, storage, retrieval, sizing,
and beneficiation.
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SECTION 3

Developing a Lunar
Construction Site: Issues
and Problems

3.1 INTRODUCTION

The Construction Site Development
Session (CSDS) identified five topics
and more than 50 sub-topics
associated with lunar site

development. The five topics were:
1)Definition of a lunar

construction site

2)Identification of required
exploration documents

3)Definition of site

development's relationship to
mining and facilities
construction

4)Definition of assumptions to be
used in discussion of lunar

construction site development
5)Identification of challenges

and problems involved in
lunar construction site
development.

The complete list of subtopics is
shown in Appendix H.

The CSDS focused on topic 5,

construction site development
challenges and problems. Thirteen
challenges and problems were
identified, the 13 were re-combined

into five categories for discussion:

•general design principles
• lunar base development
philosophy

•lunar base construction site

requirements

•construction site operations
• lunar design manuals.

The 13 challenges and problems and
their re-categorizations are tabulated
in Table 3.1-I.

CSDS participants broke into three
subgroups to consider the challenges
and problems. For each one, the
subgroup completed a Technology

Requirements Form. An abbreviated
version of this form is shown in

Table 3.1-11. The completed forms
captured the discussion for each
challenge or problem.

Section 5 of the form requested an
assessment of technology readiness
level for each challenge or problem.
Seven numerical levels were
indicated. These are shown in Table
3.1-Ili.

TABLE 3.1-L-CONSTRUCTION SITE
DEVELOPMENT CHALLENGES AND

PROBLEMS

Challenge/Problem

1)Simplicity
2)Learning from

experience
3)Lunar base

development
philosophy

4)Construction

logistics
5)Site layout
6)Foundation

design and/or
construction

7)Road

serviceability &
surface transport

8)Equipment
9)Mobile Power

10)Illumination

1 1)Equipment
standards and

guidelines
12)Lunar design

code

13)Regolith
behavior

Category

General Design
Principles

Lunar Base

Development

Philosophy
Lunar Base
Construction Site

Requirements

Construction Site

Operations

Lunar Design
Manuals

3.2 GENERAL DESIGN PRINCIPLES

Simplicity was one of two general
design principles participants
identified as crucial to successful

lunar site development. The other
was learning from experience as it
occurs on the moon.
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TABLE 3.1-II.-TECHNOLOGY

REQtnREMENTSFORM
1) Identify technology area.

2_ State its need or requirement.
3) Identify possible sources of

information.

4) Identify any required performance

parameters.
5) Define present technology readiness

level.

6) How long will it take to bring the
technology in question to technology
readiness level 6?

7) Identify any adaptable terrestrial

technology equivalents.
8) What is the criticality of this

technology area?

9) What principal conditions would be
required to test an ouscome/product
of this technology development in a

terrestrial facility?

Participants considered the simplest
solutions often to be the most reliable

ones. They feared that NASA and the
science community might aim for
absolute rigidity, precision
repeatability, and use of robotics, etc.,
achieving "technological overkill."
They believed looser tolerances would
be desirable, and that primitive
technologies should be examined as
role models for development. This
approach should not be limited to
machinery, but should also be applied
to planning, design and operations of
the entire lunar complex.

Participants were especially
concerned that valid, but

technologically simple, solutions to
problems could be overlooked or
ignored because they are not cutting-
edge technology.

Learning from past and on-going
experience will be important to lunar
base development. To achieve this,
information from new experiences
must be captured as they occur.
Specific technical information about
lunar construction clearly must be

TABLE 3.1-IlL-TECHNOLOGY
READINESS LEVELS

Readiness Level Definition

2

4

5

6

Basic principles
observed and

reported

Technology
concepts and/or
application
formulated

Analytical and
experimental
critical function or

proof-of-concept
Component and/or
breadboard

equivalent
validation in lab

Component and/or
breadboard

equivalent
demonstration in
relevant
environment

System validation
model demonstrated
in a simulated
environment

System validation
model demonstrated

in space

documented. However, participants
also felt that it was important to
document organizational,
management, and personal
experiences.

Lunar construction technology
readiness is presently at Level 1. To
gain some experience with lunar
construction before going to the
moon, participants felt that a lunar
simulator should be built on Earth to

test and validate experimental lunar
construction methods. Other studies

and experiments which do not
require a simulator are also
necessary, especially those dealing
with the mechanical properties of
the lunar regolith.
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3.3 LUNAR BASE DEVELOPMENT
PHILOSOPHY

Two lunar base development
philosophies were identified. The

first is a philosophy of gradual,
incremental development. The

second is one of large, discrete
change.

The chief functional difference

between these two philosophical
approaches is an interim facility for
construction. The gradual approach
would have such a facility following
the initial base establishment. The

discrete approach would not.

Subsequently, the discrete approach
entails the use of pre-fabricated
structures imported from Earth. Such

structures would include all working,
living, and storage areas. The only
construction activities required for
these structures would be fitting
them together on the Moon.

Therefore, experience in handling
lunar materials could be gained only
through activities other than
building, such as road construction

and mining. Once such experience
had been gained, the crew would
build and inhabit structures
fabricated from lunar materials. No

interim steps would occur.

The gradual approach entails the use

of prefabricated, preassembled
modules only in the initial outpost.

Then an interim assembly facility
would be constructed. This facility
which would be first used to assemble
imported modules, which would be

shipped in pieces. With time, this
assembly facility would be used to
construct facilities partially and then
almost totally from lunar materials.

The use of an interim assembly
facility could enable gradual
education in the use of lunar
materials for construction.

Participants felt this approach could
enable the construction of

intermediate living and working
facilities comparable to those used in
the Antarctic. The crew would not

have to wait until the final stage of
base development to build improved
facilities. And by building
intermediate facilities, the crew

would have the opportunity to
experiment with in situ materials for

construction before building the
final base facilities.

Participants considered incremental
development to be more realistic than

the discrete approach. They thought
this gradual development would
furnish much more experience with
using and deploying lunar resources.

The final goal of making full use of
lunar resources could be achieved

more efficiently and economically

The incremental philosophy was
thought to be highly critical to the
logistics and planning of a lunar
base. By extending terrestrial
construction technology processes,
participants thought that Technology
Readiness Level 6 could be achieved

in two to three years.

3.4 LUNAR BASE CONSTRUCTION

SITE REQUIREMENTS

Four requirements were identified

for developing the lunar base
construction site. These were:

.logistics
• site layout
• foundation design and/or
construction

•road serviceability and surface
transportation system.

3.4.1 Construction Logistics

Participants considered logistics
critical to the success of the lunar

base. Logistics involves a
construction schedule, a detailed
manifest, and a resource list for the

base. To develop the schedule,
manifest, and resource list, it is
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essential to understand design
materials, site layout, facilities

erection, and facilities placement.

To help define a construction
schedule, participants identified
three stages of initial base
development. These were:

•Construction site mobilization

•Initial habitation facility or
construction camp

• Initial lab/work/storage
facilities

In developing the schedule, manifest,
and resource list, participants
identified four logistics concerns.
These were:

•Positioning of equipment and
materials prior to first crew's
arrival

• Identifying required facilities
components and relative
priorities

• Defining design and assembly
considerations of components

• Defining equipment
requirements.

Participants considered maximum
simplification and streamlining of
the first crew's activities critical. To

achieve that, equipment and
materials must be properly positioned
prior to the first crew's arrival.

Identifying required facilities
components and their priorities is
also critical. One participant cited a
cautionary example in which 85% of
an order was delivered for a pipe

layout project. That percentage
consisted only of straight sections of
pipe. Because there were no joints or

elbows, the pipe could not be laid.
Participants warned against
repeating such experiences on the
moon.

Design and assembly considerations
of the components affect equipment
design, delivery schedules,
destinations, priorities, etc. For

example, the size, shape and weight
of a component determine some
parameters of construction
equipment. Component destination
dictates unloading, placement,
hauling, radiation shielding and
others. Interfaces with other

components must be considered for
their proper planning and

placement. These component
considerations are involved with

virtually all base facilities which are
not entirely pre-fabricated and ready
for use upon arrival.

Logistics considerations for
equipment can influence design,
delivery, task, optimization, etc.
These considerations overlap the
larger area of equipment design and
are therefore discussed as part of
Section 3.5.

The readiness level of lunar base

construction logistics was believed to
be at Technology Level 4. To achieve
Level 6 for a specific construction
simulation would require one year
from the start time of the simulation

design. The procedure would entail:
• Identification of components
for the simulation

• Schedule and mobilization of

transportation

• Delivery and assembly of
components.

More detailed planning would
require more specific information.

Information sources for lunar base

construction logistics exist in the

form of terrestrial experiences in
harsh and remote environments.

Other sources of experience and/or
solutions to logistics problems
include NASA, contractors with

equipment and construction
experience, and schedule consultants.
However, to test concepts of lunar
logistics, participants felt a
construction simulation is required.
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TABLE 3.4.2-I.-LAYOUT CONSIDERATIONS

habitat

service facility

power plant

manufacturing

plant

dust

2

3

vibration haulage safety i module

spacin s

I

2

hazardous

operations

3

flight

trajectories

I

2

2processing ]3 3 1 1 2 1
plant

mine site 3 3 1 1 1 1 3
space port 2 3 2 1 2 2 NA

3.4.2 Site Layout Considerations

Site layout is considered critical for

lunar base success. Participants cited
seven factors which must be assessed

for site layout. They examined the
impact of these factors for seven
types of sites. Factors and sites are

shown in Table 3.4.2-I. Rankings of
impact are:

• l-Important consideration
• 2-Secondary consideration
• 3-Insignificant consideration

No technology readiness level was
stated for site layout considerations,
but participants felt three to six years
would be required to achieve Level 6.

Many terrestrial technologies may
offer experience and knowledge
applicable to lunar base site layout.
Conversely, because so many
technologies are involved,
participants felt much more research
and development is needed. A

principal need is to test site layout
concepts in an Earth-based lunar
simulation.

• Allowable differential
settlement beneath the base
nuclear reactor

•Appropriate explosives use
•Excavation requirements

•Dynamic and seismic loadings
•Required anchorages.

Knowledge of foundation
design/construction for a lunar base
is at Technology Readiness Level 1.
An adaptable terrestrial technology
does exist. However, to achieve Level
6, a large-scale simulation in an
Earth-based lunar simulator is

required. Participants felt that such
a simulation could be completed three
years earlier than the lunar base, if
both were begun simultaneously. To
accomplish the simulation will

require the interdisciplinary
coordination of foundation

engineers, mechanical engineers,
and structural engineers.

3.4.4 Road Serviceability and
Selection of Surface Transnort

System

3.4.3 Foundation Desi__n and/or
Construction

Foundation design and/or

construction is important for safety
and cost-effective design. A
geophysical profile of the base area
must be obtained. Criteria must be
defined, such as:

Participants identified six

requirements for road serviceability
and the selection of a surface

transport system. They were:
• Defining the allowable extent

of rutting, dust, washboarding
• Characterizing degree of
required stabilization vs.
maintenance of roads and

launch/landing facilities
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•Obtaining reliable knowledge
of serviceability of natural
lunar roads

• Evaluating the use of various
mine tailings for road

improvement
• Evaluating the location of the
landing pad relative to habitats
or mines to minimize road

building
• Evaluating use of berm systems
to reduce blast effects from the

landing pad and thus minimize
road building.

A portion of the strawman scenario
states that blast effects extended one

km for rugged equipment and 10 km
for delicate equipment. This affects
the extent of road building, because
equipment must be located a
sufficient distance from the landing
pad to prevent blast effects.
However, the equipment must also be
accessible by means of roads.
Participants considered the blast
protection distances arbitrary. They
suggested that methods other than
distancing equipment from the
launch pad be considered for blast
protection. If other methods were

used, it could reduce the required
road-building.

Some suggested performance
parameters requiring definition for
road and surface transport systems
were identified. They were:

•Wheel vehicle performance
• Tracked vehicle performance
• Walking vehicle performance
•Number of vehicle passes.

Adaptable bodies of design

engineering experience and mobility
models exist for the areas of road

serviceability and surface transport.
The technology readiness level was
considered to be Level 1. As with

foundation design/construction, a
large-scale simulation in an Earth-

based lunar simulator is required to
achieve Level 6. This simulation

could also be completed three years

prior to the lunar base where both
were begun simultaneously. This
technology area is considered
important for effective lunar base
operation, but not critical to safety.

3.5 LUNAR BASE CONSTRUCTION
OPERATIONS

Lunar base construction operations
included the topics of equipment
matched to tasks, mobile power, and
worksite illumination. Before

equipment can be matched to tasks, a
design philosophy must be selected.

3._.1 Eouinment Matched to

Tasks

Matching equipment to tasks was
believed to be highly critical in order
to develop efficient and reliable
systems to sustain long-term
missions. Participants felt that a well
established terrestrial technology
base exists for different

environments which can be adapted
to the lunar base. Three to six years

were thought to be required before
technology readiness would achieve
Level 6.

Choosing an equipment design
philosophy is important.
Participants identified three
dominant design dichotomies:

•One machine vs. many
•Dedicated vs. multi-tasked

• Detachable implements vs.
permanently attached ones.

Participants identified seven types of
tasks and many sub-tasks which must

be properly matched to equipment
for successful lunar base site

development. These tasks, sub-tasks,
and equipment are shown in Table
3.5.1-I.

3.$.2 Mobile Power

Participants considered the issue of
mobile power to be the most critical
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Task

Exploration

Soil Engagement (Machine-Soil
Interfaces)

Assembly

Transportation (other than soil)

Foundation and Stabilization

TABLE 3.5.1-L-TASKS MATCHED TO E(

Sub-task

Surface Mapping (site and local
area)

Subsurface Mapping (site and
local area)

Soil Extraction

Soil Transportation

Soil Deposition

Unload Lander

Rigging

Lifting

Lowering
Erection

Rotation

Pitching

Connecting

Fasteninl_

Inspection and Quality Control

Pipelaying

Cablelaying
Building Construction

Deployment

Testing/Start-up

Bulk transportation

Component transportation

Surface conditioning

,UIPMENT

Equipment

• orbital surveying
• site surveying
•set datum benchmarks

.seismic
-radar

•drilling - hard rock. soil.
drive tube

•sample acquisition and

anal}Fsis
.drilling
.digging
.trenching

• scraping, grading
.micromechanisms

.blasting

•rock breaking
• hauling (wheels, tracks,

walkers, hybrids)
•fixed track (rails, roads,

cables, conveyors, pipeline)
•trajectory (loose, bagged,

"snow-blowing" - compacted

or glazed
.dumping
-compaction
•containerization (bagging)
• backfilling (trenches. caves)

-shieldin_

•tankage (fluids)
-palletizing
.bin/hopper

•also see Soil Transportation
.machinery
• facility elements
.modules

.roads

• landing pads

• facility foundations
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TABLE 3.5.I-I.-TASKS MATCHED TO E(_UIPMENT _cont'd)

Task Sub-task Equipment

Foundation and Stabilization Deep foundation -pile driving

II

Equipment Maintenance.
Service, and Repair

Building Element
Manufacturing

Diagnostic

Servicing

Replacement of major

components

Storingand Inventorying

Development of repair
equipment and tools

Wrecking

Building, of service facility
Stone Cutting

Brick making (ceramic. cement.

binder)
Sand-bagging

Sinterin 8

Rubble masonry
Concrete elements (cement.

aggregate I

Glass production _fiber_lass)
Metallic elements

TunnellingMiscellaneous

• pier setting

.anchoring

•replacement of wear elements
(consumable)

.fueling

.lubrication

•cleanin B Idust_

-parts'
.materials
.consumables

and insurmountable issue impacting

the design of this equipment. They

felt that the one MWe power supply
cited in the strawman scenario is too

low for construction operations when

compared to similar terrestrial

operations. Realistic construction

equipment power requirements must
be established.

That power supply was. however, one
of the basic assumptions for the

workshop. Therefore, participants

used it to define a set of required

equipment performance parameters:

• Minimum on-board power

system mass
• 10 to lOG kWe for each machine

for a to-be-determined (TBD)

duty cycle

• Establishment of techniques

for refueling mobile equipment

with cryogens in vacuum.

Adaptable terrestrial power

technologies include:
• fuel cells

• rechargeable batteries
-nuclear

-beamed

• wires-umbilical cord

• heat sources (RTG and mass

storage)
.solar

• mechanical (flywheel and

springs).

At present, this technology area's
readiness is Level 3. To achieve Level

6 will require at least six years of
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vibration and environmental tests at

estimated duty cycles in vacuum.
Participants felt fuel cells, in
particular, would require lengthy
development to achieve operability
in a dirty, noisy environment. Today,
they can operate only in clean,
vibrationless environments.

3.5.3 Worksite Illumination

For direct or indirect (electronic)

viewing of a lunar worksite,
participants felt that ideal, or at least
acceptable, ambient lighting
requirements must be established. In
addition to human needs, supervisory
remote control of construction

machines will require appropriate
illumination for viewing. This
requirement could extend to pattern
rccognition systems as well.

Five performance parameters
requiring definition were identified.
They were:

• range of intensity
,diffusion
,contrast

• source angles
•color spectrum mix.

An adaptable terrestrial body of
experience exists in the form of solar
and electrical illumination. For solar,
these are:

.lenses

• polished or deposition-formed

bright reflectors
• diffusing reflectors
• diffusing filters.

From electrical illumination, these
are:

• incandescent spotlights
• incandescent floodlights
• fluorescent bulbs.

Electrical systems are well developed
except for bare elements that might
be used in the lunar environment.

The technology readiness of lunar
worksite illumination was believed to
be a combination of Level 3 and Level

6. Participants estimated a period of
two years to reach Level 6. A testbed
should be established to simulate

solar illumination at various angles
for representative worksites.
Experimental devices would be used to
modify conditions for evaluation by
human and electronic means.

3.6 LUNAR DESIGN MANUALS

Due to the lack of codified

engineering information about the
Moon, participants considered a
series of engineering handbooks or

design manuals necessary for
developing lunar mining and
construction technology. They
considered equipment and building
construction part of that technology.

They felt that proceeding from first
principles or raw data was
inappropriate for engineering
design tasks, and that handbooks or
design manuals would provide better
guidelines. Three types of design
manuals were identified as

requirements for developing lunar
mining and construction technology.
They were:

•Equipment and Machine Design
Standards and Guidelines

• Lunar Design Code
• Regolitb Behavior.

_;.6.| Euuinment and Machine
Desi_,n Standards and Guidelines

To design equipment and machinery
for lunar mining and construction,
participants considered it essential to
establish a knowledge base of design

practices, constraints, performance
objectives, guidelines, and data.
Regarding lunar practice, the
current level of understanding for
these engineering guidelines and
standards is at Level 1. Participants
made no estimate for time required to
develop such guidelines. Terrestrial
experience, though broad, is believed
to have limited adaptability to lunar
practice.
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3.6.2 Lunar Design Code

The establishment of a lunar design
or building code was considered
essential for minimum standards of

safety and mission success. This code
would require information similar to
that in the manual for equipment and
machines. However, this material

would be specific to building
structures on the Moon. It would

focus on civil structural design

criteria, life support criteria,
foundations and so forth.

Panicipants wanted to be able to look
up lunar structural footing
requirements in such a code, just as
they can on Earth.

Technology readiness level for
building structures on the Moon is at
Level 2. Further experimentation is
required using lunar soils and
simulants and new test methods.

Paper simulations of lunar mining

and construction project scenarios
using the code are needed to test its
completeness, accuracy and
sensitivity.

Panicipants felt that NASA should aid
development of the code along with
universities, private contractors,
Corps of Engineers, industry, etc.
Terrestrial experience was believed
to be appropriate only as a model.

3.6.3 Re_olith Behavior

Establishing a generic descriptive
model of the lunar regolith under
both disturbed and undisturbed

conditions was considered very
critical by participants. This is
because regolith behavior is at the
root of the major issues of mining
and construction.

Three classes of performance
parameters are required for complete

description of regolith behavior.
These are:

*Parameters of in situ and

disturbed behavior, such as

strength, compressibility
modulus, damping, etc

*Parameters describing soil

interactions with machinery
.Parameters codifying

acceptable environmental
risks, such as slope stability,
seismic conditions, dynamic
loadings, etc.

The current level of technology
readiness is Level 2. Participants felt
that three years are needed to reach
Level 6, if that is defined as the

release of the regolith behavior
model. Terrestrial building codes can
serve as models. Lunar soils and

simulants can be used to develop and
test the model. Continued revisions
will be needed.

Testing the regolith behavior model
must occur simultaneously with tests

of the lunar building code, since the
building code depends upon the
model. Paper/numerical predictive
simulations of various lunar base

scenarios are required for testing the
soil model and building code.

3.7 CONSTRUCTION SITE
DEVELOPMENT SESSION
SUMMARY

Participants focused on the topic of
construction site development
challenges and problems. Thirteen

challenges and problems were
identified. The 13 were re-combined

into five categories for discussion:
•general design principles
• lunar base development

philosophy
• lunar base construction site

requirements

•construction site operations
• lunar design manuals.

Throughout the discussion of

construction site development
challenges and problems,
participants repeatedly stressed the
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critical need for an earth-based
simulator of the lunar environment.
Such a simulator would be used to test

engineering concepts, construction
concepts and practices, models,
performance, operations, and
equipment.

Two general design principles for

lunar construction site development
were identified:

.simplicity

• learning from experience
Participants feared that cutting-edge
technological solutions could be

inappropriately favored over simple
solutions. Participants felt that
organizational, management, and
personal experiences were as
important to capture as technical
knowledge.

Two lunar base development
philosophies were discussed.

Incremental, gradual development
was selected in favor of discrete
change.

Four requirements were identified

for developing the lunar base
construction site. These were:

-logistics
• site layout

• foundation design and/or
construction

•road serviceability and surface
transportation system.

Logistics was considered critical to

base success. Foundation design
and/or construction is important for

safety and cost-effective design.
Road serviceability and the selection
of a surface transport system are
important to lunar base success, but
not critical to safety.

Lunar base construction operations

included the topics of equipment
matched to tasks, mobile power, and
worksite illumination. Before

equipment can be matched to tasks, a

design philosophy must be selected.
Seven task types and many sub-tasks

were identified which must be

matched to equipment. Power was
considered the most critical and

insurmountable issue impacting the
design of construction equipment.

Three types of design manuals were
identified as requirements for
developing lunar mining and
construction technology. These
were:

•Equipment and Machine Design
Standards and Guidelines

•Lunar Design Code
•Regolith Behavior.

All three are required to establish
guidelines for actual engineering
practice on the moon.
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SECTION4

Facilities Construction on
the Moon: Issues and

Problems

4.1 INTRODUCTION

The Facilities Construction Session

(FCS) participants addressed the
issues and problems associated with
the central lunar base structures:

• the habitat

• movement and operations with
large structures

• transport facilities such as
roads and tunnels

• transport facility building
equipment

•base power supplies
• weight constraints for all

facilities and equipment.

Base power supplies and weight
constraints are discussed in the
context of the other items.

Though there was some overlap in
topics with the Construction Site
Development Session (CSDS), the

emphases of the two groups were
different. CSDS primarily addressed

the precursor activities which will
lead to the establishment of the
facilities discussed in the FCS.

4.2 HABITATS

4.2.1 Above Ground Habitats

Space station modular habitats and
inflatable habitats were the two types
of living facilities participants
discussed. Modules would be used in

the early base development phase

with large inflatable structures
coming on line at an undetermined
later time. Once the facilities have

been landed on the Moon, primary

concerns are placement relative to
other base facilities and protection
from radiation.

The space station habitat modules
would be used initially because they
will be available "off-the-shelf."

Participants considered many aspects

of space station technology to be
adaptable to the lunar base. Some

participants thought it would be
advantageous to adapt space station
technology in the early phases of the
base rather than building new
facilities. Crew time, a precious
resource, should not be used to build
and outfit new facilities. New facility
construction is expected later in base

development, when the crew is
larger.

Participants considered oxygen
extraction to be a primary siting
consideration for the lunar base, so

habitat modules should be placed
close to any existing ore deposits.
Power sources will then be situated
between the two locations. However,
there will be a trade-off between the

richness of the ore deposit and the
local topography. Participants felt
that establishing the base in a fairly
flat area was desirable so that

minimum regolith need be moved.

Prior to the placement of base

facilities, participants considered a
precursor mission desirable. This
mission could characterize all the

local topographic features. It should
also be capable of characterizing
local subsurface regions so the
existence of any hard deposits,
boulders, or voids could be
determined.

To place the module, it can be placed
directly on the regolith, with struts to
support it and keep it from rolling
over. It was felt that if the site were

smooth and level, the bearing
pressure of the module on the
regolith would be very small, "not
even as great as an astronaut's boot."
Another method would be to dig an
excavation 25-30% of the module's
diameter, lower the module into it,
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and then fill around and over the

module with the excavated regolith to
cover it.

Participants identified several
problems with the excavation
method:

• an excavation will require
considerable power,
equipment, instrumentation,
delivery weight to surface, and
crew EVA time;

• soil may sag or shift,
unbalancing and rotating the
module so the floors are no

longer level;
•hydrogen embrittlement of the

aluminum in the skin from the

hydrogen in the regolith;
•elimination of waste heat,

because regolith is an
excellent thermal insulator.

To counteract the sagging problem, it
was suggested that the excavation be
cut well below the desired level and
then backfilled so that the module's

regolith foundation would be well

known. The problem with hydrogen
embrittlement from the regolith was
considered surmountable.

Once the module is in place, it will
need protection from radiation.
Participants identified two methods:

• covering the module skin
directly with regolith;

• constructing a shelter around
the module and covering it
with regolith, either as loose
deposits or as sandbags.

Figure 4.2.1-1a illustrates covering
the module skin directly with
regolith. One problem with this
method is that it prevents inspection
of the skin and any systems features
which reside there. A second

problem is that the lunar crew could
have to displace a large amount of
regolith.

An alternative is to build an offset
frame structure around the module

and load regolith onto that, as shown

in Figure 4.2.1-1b. This would create
a vault external to the module.

Regolith could then be used to cover
the offset structure and, because the

regolith cover would reside at its

natural angle of repose on the offset
structure, the cover would be stable.

A second alternative involves the use

of an offset structure with nearly
vertical shelves. This alternative is

illustrated in Figure 4.2.1-1c.
Regolith could be piled between the
shelves, which would be high
enough so that the regolith would
remain at its natural angle of repose.
The virtue of this type of offset
structure is that the regolith mass
which must be displaced is less than

that for either the plain offset
structure or no offset structure.

A third alternative is a two-ply type
of offset structure in which the two
skins form concentric hemi-

cylindrical shells around the habitat
module. The space between the shells
is filled with regolith. This type of
structure requires the least regolith
displacement. However, participants
estimated that all the offset structures

would have approximately equal
masses.

In building a habitat shield structure
which is not a continuous surface.

great care must be taken to prevent
pathways through which radiation
can leak. Even very tiny leaks can
reduce shielding efficiency
considerably.

A second consideration in radiation

protection is the depth of the regolith
coverage. One participant noted that
two meters of regolith has been
estimated as necessary to bring
radiation exposure to the level
considered acceptable for the
American population. Participants
felt that level of safety to be excessive

for the lunar crew. They estimated
that one half meter of regolith
shielding provides a shielding
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/

/
J

a-Regolith Blanket Around Hab Module

b-Offset Structure With Regolith Blanket

c-Offset Shelved Structure With Regolith At Natural Angle of Repose

Figure 4.2.1-1.-Module Coverage Methods
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equivalent of 70 g/cm 2 For

comparison, the Mars exploration
vehicle radiation shielding level was

estimated at 20 to 30 g/cm 2
Therefore, participants thoughts one
half meter of regolith would provide
four times the shielding available to
the Mars exploration crew for twice
the shield thickness. The lunar crew

is also expected to reside in the lunar
module for six months, compared to
15 months on Mars. Participants felt
that one-half meter of regolith

coverage represented significantly
less construction work than two

meters. They identified two

indicators of acceptable coverage:
•crew effort needed to displace

the necessary regolith;
• level of effort relative to other

duties.

Participants noted that although
blankets of regolith could solve the

radiation exposure problem, they
create a new one: connecting new
modules to the covered ones. The

space station module docking
mechanism is designed as a high
pressure bellows, but it only moves a
few centimeters. Therefore, the
modules themselves must be moved

together; the docking mechanism is
inflexible. If the module is covered

with loose regolith, the regolith must

be removed from the docking
connector, leaving it covered with

dust. Sandbags might relieve the dust
problem, but they still require effort
to move. If the module is seated in an

portion of the regolith which
covers them.

In the second case, a retaining wall
normal to the long axis of the module
would hold the remaining regolith in
place. The connectors themselves

would also need radiation protection.

Inflatable membrane structures offer

alternatives to pre-fabricated
modules. They entail the same
concerns with placement and
shielding as prefabricated modules
do. However, they have other
advantages and disadvantages which
must be considered.

Their primary advantage is their
excellent weight to volume ratio.
However, they are difficult to build,
and participants considered them to
be new, untested technology.

Five steps were identified for
inflatables construction:

• unstowing and deploying;
• seating in an excavated area;
.inflating;
•outfitting with multiple floors

and other internal structures,

life support systems, and other

systems;
• covering with regolith for

radiation protection (may
occur before internal

outfitting to protect workers).
The representative NASA inflatable
design, shown in Figure 4.2.1-2, uses
a central column for support and
access to multiple levels.

excavation, then in addition to [__ /[

removing the regolith cover, the
module must also be re-excavated. " ,,-,_f_,,_

Two means of handling this concern . ,_ u..,,-.

were identified: I_I _"_'_'_I--i-" " -•place the module in a partial

excavation, but surround it I _-"_ k_ -with an offset structure laden

with regolith; t ,,_m.
•cover the connectors with dust =:_:.=.--:

caps and only excavate a Figure 4.2.1-2.-Inflatable Habitat Structu:
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Air pressure was considered by
participants to be a central problem
for the use of inflatables on the
Moon. Pressure differentials across a

membrane of one psi are
unachievable with today's inflatable
structures. Participants therefore
felt that an internal operating
pressure of 14.7 psi for lunar
inflatables is unrealistic. Air

pressures such as 8 psi (Tibet or
Chile) or 10 psi (Denver) were
considered more technologically
achievable and essential for building
optimum structures.

Participants considered leakage of
gasses through an inflatable
membrane to be of concern, although
they felt that losses through airlocks
would significantly outweigh

leakage. They identified several
factors affecting leakage:

-material
.thickness
•surface area

-temperature
•folding of material
•seam soundness.

The larger the inflatable's surface
area, the greater the leakage.
Although participants felt that
material thickness could be

improved, they considered seams to
be most important. They were also
concerned about embrittlement of

the material through outgassing to
the vacuum.

FCS participants developed several
approaches to controlling leakage
across a membrane. These were:

•coating the membrane with a
plastic material;

• covering the inflatable with
regolith;

• using inflatables to form cast
structures.

Coating the membrane with plastic

would render it impervious to leakage
and outgassing. Covering the
inflatable with regolith would help
solve the internal-external force

balance problem. To cast structures,

two membranes would be inflated

with a space between them. A foam
or to-be-determined "low

temperature material" would be
injected into the space for molding
into the desired shape. The
membranes would be peeled off for
re-use.

Two primary disadvantages to
inflatables were identified:

•complexity of construction
• lack of knowledge.

Participants felt that inflatables
construction was too complex for
early base phases and possibly for
later phases. Therefore, many

participants felt that importing pre-
fabricated modules from Earth was
the best solution for habitats.

Participants also felt that insufficient
knowledge exists for inflatables to be
exclusively relied upon; backups
must be provided.

Participants suggested two
alternative uses for inflatables. They
were:

*unpressurized inflatable tents
which would shield

pressurized modules or shelter
equipment

.intermediate facilities stage
between the earliest space
station-type modules placed on
the surface and later, possible
below-ground structures.

The intermediate phase is seen as the

time to experiment. Terrestrial
testing beforehand is considered
essential.

Participants concluded that above-
ground construction was too
dangerous and required too much
EVA for humans to do it Therefore,

robots would probably do most of
above-ground construction, with
humans present to troubleshoot. A
semi-autonomous construction

system is necessary for the base to be
built by 2010 rather than after 2025.
The semi-autonomous system must be
very simple to preclude extensive
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human supervision. The system
design concept should be based upon
all-human construction and then

adapted to automation.

4.2.2 Below.Ground Habitats

Underground habitation on the
Moon falls into two categories. They
are -"

• adapting natural phenomena
• constructing artificial tunnels.

Lava tubes, if they exist on the Moon,
may form natural cavities which
could be adaptable to human
requirements. Artificial
construction consists of tunneling
and lining or sealing. Participants
considered underground habitation
superior to above-ground for reasons

of safety, and they felt the crew
should move underground as soon as
possible.

If lava tubes exist on the Moon, the
roofs could be several meters thick,

providing natural radiation
protection. These tubes could be
lined and then pressurized to form

living space. Figure 4.2.2-1 shows a
lava tube being prepared for
habitation with an inflatable
structure.

Because lava tubes are generated by
lava flowing downhill very quickly,
participants thought they might
have very steep slopes of 13-15% and
thus be unsuitable for habitation.

However, participants felt that even
with such steep slopes, the tubes
could still be useful for storage of
waste products or for growing food.
In that case, the slope would not be as
critical. Another method of handling
the slope problem would be to
construct different levels, like canal

locks. There would still be many
steps with multiple levels.
Participants feared that lava tubes
may have collapsed roofs which have
left floors so littered with debris that

the tubes are essentially unusable.

To build large, habitable tunnels
under the lunar surface, participants
considered a large-scale tunnel-

boring machine necessary. The
machine would begin its drilling

about midway up the wall of a crater,
using the crater as a repository for
the debris generated from the
mining. The tunnels would then be
filled with inflatable liners or sealed

by other methods. They identified
four additional ways to seal the
tunnels:

,glazing
•plasma deposition
•thin metal foil
• conventional materials.

Airlocks would be positioned
throughout the tunnels to prevent
single points of failure.

Participants envisioned two tunnel
configurations:

• large circles concentric to the
crater with connecting
"spokes"

•one large downward spiral.
The connecting tunnels need not be

as large as the living areas, so they
could be drilled by boring machines
with smaller drillheads.

Another method of building tunnels
was though the use of an
experimental vehicle called the
"subselene." This machine,

introduced in a plenary session talk

by Joseph Neudecker of Los Alamos
National Laboratory (LANL), is a
nuclear-powered rock-melting
device. It was developed by LANL and
has been demonstrated on a small

scale. According to Neudecker, this
device melts rock at the rate of about

one-half meter per hour, extruding
the rock as a glassy melt which would
be used to line the tunnels.

The subselene has several advantages
for building tunnels. It is indifferent
as to material, melting through basalt
or regolith with equal ease. It can
achieve directional melting either
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through unequal heating or by
making the gripper pads which aim
the beam directional. It has very
attractive ratios of material melted

per hour of work. Its operations are
completely remote and automatic.
The shape of the penetrating face
determines the shape of the tunnel,
so that flat floors would be simple to

achieve with a horseshoe-shaped
face. The byproducts need not all be
used to line the tunnels; they can be
fabricated into different forms for

many uses. Gases will also be released
which can be captured and put to use.

However, the subselene also has
drawbacks. The most serious

drawback is its tremendous power
requirements. A five-meter diameter
lunar tunneler would require 134
individual rock melting heaters, each
of which in turn requires three MW
of thermal power. This power would
be provided by a liquid metal heat
pipe which would be connected to a
nuclear fission reactor situated

immediately behind the melting head
of the tunneler. Total thermal power
requirements were estimated at
approximately 400 MW for a five-
meter-diameter lunar tunneler and
150 MW for a three-meter-diameter
tunneler. Those estimates were based

on a very fast advance rate of 80
meters per day.

A second drawback to the subselene is
thermal balance. So much waste heat
would need elimination that

participants considered this to be the
limiting feature on the size and
advance rate of the machine.

Finally, the subselene is both heavy
and costly. Each subselene device
was estimated to weigh 320 t, and the
unit development cost was estimated
at $50 million. If weight-to-orbit
costs of $3,000 per pound are used to

factor the expense of lofting the
subselene into space, then it could
cost over two billion dollars to get one
machine to the Moon. A summary of

Joseph Neudecker's plenary talk on
the subselene can be found in

Appendix D.

Participants felt that tunneling was
very desirable for later stages of base
development. Besides creating living
space, tunnelers and rock melters
can also mine. They are highly

compatible with automation and
robotics. If a subselene is used,

needed tunnel shapes could be melted
as desired.

4.3 EQUIPMENT FOR MOVING

Unloading, moving, and emplacing
habitat modules and other large
structures will require special
equipment. Participants discussed
four types:

.cranes

•gin poles
•elevator platforms
.Boeing"straddler."

As discussed by Brent Sherwood of

Boeing in the FCS, the Boeing
straddler design has telescoping legs.
Therefore, it can move off the

lander's cargo platform slowly, while
the platform remains level. It can
then walk over the lander and

remove payloads, even picking up
the lander itself in the event the

lander became disabled. Participants
considered cranes and other devices

requiring ramps to be unsuitable

unloaders, because the lander's cargo
bay is about nine meters from the

surface. They also felt that elevating
cargo platforms would be unsuitable
because the platform would then
require a large hole for clearance for
the rocket engines. Participants felt
that moving cargo around rocket
engines would be unsafe in any
event. Finally, a gin pole
arrangement could well have
problems with anchorage.

Once the habitat is successfully
unloaded, it must be properly
situated. As discussed in Section 4.2.1,
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the habitat can eithcr be placed

directly on the regolith or in an
excavation. Excavations can be

performed by human crewmembers
or by a machine. Size, depth, and
difficulty of excavation will
determine which method is used. If

an excavating machine is required, it
must be available either before the
habitat is delivered or on the same

cargo flight.

Participants felt that the unloading
device will probably also move the
habitat module to its resting place.
For the initial module, this poses no
problem. However, when additional
modules are added, they must be lined
up precisely by the machine to
permit connection with established
modules. According to panicipants,
this will require a machine capable

of precision manipulation as well as
brute force. The same machine will

also move and place other large
structures such as:

•power storage devices
• units of the nuclear power

plant
• scaffolding for photovoitaic

array placement.

Other types of equipment will be
required for facilities construction.
Participants felt that early
equipment should be general
purpose, and later equipment could
be more specialized. They decided
that a limited crew with specific
construction objectives will need
equipment for lifting, moving, and
digging. Those tools would probably
be electric, assuming the power

supply was available. Participants
envisioned the necessary equipment
to include:

.snow-blower

• snap-together gin pole
• block and tackle
.ladders

• mobility vehicles
• hand tools.

4.4 TRANSPORTATION FACILITIES

Participants noted that there are
several requirements for roads.
Roads are necessary because they
assist movement from point to point.

They provide a level, smooth surface
for machinery to use, and they also
inhibit the nuisance of dust. Dust

will be even more of a problem on
the Moon than it is on Earth because

of its electrostatically "sticky"

tendencies. Participants felt that
every step should be taken to prevent
dust from getting onto viewing
surfaces, into moving parts, or on
mating surfaces.

Although some concepts of lunar
roads show them to be elevated above

the surface, FCS panicipants felt that

scraping off the top few centimeters
of fluffy regolith to expose the hard,
compacted regolith would make more
sense. This would produce depressed
roads rather than elevated ones.

Participants identified

problems for road-building.
were:

.boulders

*surface decompaction
.dust.

three

They

Participants considered explosives
the simplest solution to boulder
removal. Regarding surface
decompaction, some participants felt
that driving over the compacted
regolith would further compact it.
Other participants felt the reverse
was true. To solve the dust and

decompaction problem, participants

suggested covering the roads with
gravel in the earliest phases of base
development.

The source of the gravel was expected

to be tailings from the oxygen mine
beneficiation process. For a lO0-ton

per year oxygen-production rate.
participants estimated that 140 tons of
gravel would result each year.
Participants thought that
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consolidated paving materials and
paving machines would be available
to stabilize the road surface in later

stages of base development.

Participants proposed a rail system as
another means of transportation,
where very heavy traffic exists.
They felt this would avoid excavation

requirements and the problems of
degradation and dust. A problem with
rail is anchoring it to the regolith,
since terrestrial ties would be too

difficult to transport to the Moon.
Because terrestrial rails could not be

transported either, participants
suggested manufacturing them from
basaltic glass by a rock melting
mechanism. A mechanism which

melted regolith into glass could be
used on the surface. A problem
which participants raised but did not
resolve was equipping machinery to
ride rails and roads.

Tunnels were the third

transportation proposal. Because
they would be built by the same
methods described above in Seclion

4.2.2, paticipants felt they would

appear only in the very mature
stages of base development.

4.5 POWER

Initial base power sources would be
regenerable fuel cells and
photovoltaic arrays (PVA's) from

space station technology. As the base
grows, nuclear power would replace
PVA's, although they would continue
to be used for habitat emergency
backup.

Four problems with PVA's were
identified. They were:

-brittleness

• large, massive support
structure

• low efficiencies
•dust adhesion.

New technology may resolve the
problem of brittleness. Current

PVA's were described as very brittle,

single-layer gallium arsenide
crystals, with nominal end-of-life
efficiencies of about 15% at

approximately 100oc. A new type of
PVA material could serve as an

alternative to the current versions.
It was described as so flexible that it

could be rolled up like a sleeping bag.
It is a non-crystalline photovoltaic
amorphous silicon which is deposited
on a stainless steel substrate. Its

advantages are low weight and easy
stowage. However, it is only 5%
efficient.

Three solutions to the dust adhesion

problem were proposed:
."record-cleaner"

,squeegee
.towers.

A robot would move an electrostatic
device similar to that used for

cleaning records over the array
surface and pull the dust off.
Squeegees could work, but were
considered unsuitable because:

• expendable materials from
Earth would be required

• it could scratch the arrays.

Mounting the arrays on towers could
raise them above the dust. However,

participants were uncertain about
the height lunar dust will travel
when disturbed. Therefore, they did
not propose specific tower heights.

Power for the oxygen plant must be
provided by the nuclear generator.
Participants anticipated that the
mine will require about 90% of the

base reactor's generated power. The
remaining power will be distributed
to the habitat, laboratories, and

equipment. If a rock-melting or
tunneling device is eventually added
to the base, another reactor will be

required.

Participants expected power to be
distributed by surface or buried

cable. Possible power distribution
problems were identified as follows:
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• requirement for invertors and
conversion to AC to transmit

• temperature problems with
cable material if they arc laid
on the lunar surface.

4.6 FACILITIES CONSTRUCTION
SESSION SUMMARY

Six topics concerned the FCS. They
were:

*habitats

•movement and operations with

large structures
• transportation facilities
• transportation facility

construction equipment
• base power supplies
• weight constraints.

Power supplies and weight
constraints were discussed primarily
in the context of the other items.

Participants identified pre-fabricated
modules and inflatable structures as

the two above-ground habitat
alternatives. Pre-fabricated modules

were considered superior to
inflatable structures for the initial

base. Participants felt that
inflatables should be used only in
later base stages.

Participants felt that above-ground
construction is too dangerous to be
done by humans. It should be done
by robots, via a simple, semi-
autonomous construction system.

Below-ground habitats were
considered much safer for crew

habitation than above-ground.
However, the complexity of their
construction renders early
occupancy unlikely.

Equipment which unloads large
structures must also be able to move

and emplace them. Such equipment
must combine the characteristics of

brute force and delicate precision
manipulation. Other types of
construction equipment needed in

early base phases should be non-
specialized.

Roads, rails, and tunnels were

proposed transportation system
alternatives. Road-building could be
accomplished most simply be

scraping away the top few
centimeters of regolith, exposing the

hard layer beneath. Rails are an
alternative to roads where very

heavy traffic exists. Tunnels require
large machines to build. Because
they are difficult and expensive to
construct, they are expected to be
used only in later base phases.

PVA's are expected to be the initial

base power source. Nuclear power
will be required for oxygen mining
and processing operations. Power
will be distributed by cable.
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SECTION 5

Conclusions and
Recommendations

5.1 MINING SESSION

Mining session conclusions were:
•mining requirements for 150
t/yr oxygen production are
achievable and comparable to a
small terrestrial sand and

gravel operation
• hydrogen extraction
information is insufficient to

determine its feasibility
• one MWe nuclear power is

sufficient for oxygen extraction
and equipment operations.

Recommendations were:

•operate during daytime to avoid
equipment metal embrittlement

•use explosives to displace
compacted regolith

• increase research in
automation and robotics

• use conventional power
distribution systems.

Further research in the following
technologies was recommended:

• processes for oxygen
production with related
products

• automation in mining systems
•materials with high strength to
weight ratios

•operations research:
,mining/processing
integration

• modeling/simulation of
mine operations (to allow
trade studies)

-scheduling
• remote sensing for site
selection, characterization,

navigation
• energy transmission and
distribution to remote vehicles

• large scale Earth-based lunar
simulator (especially for
processing)

• bootstrapping and field
modification (initial

development and deployment),
i.e. development of the very
first stage equipment, parallel
systems, and handling of
equipment to the point where
equipment will be dedicated

•EVA and space transportation
•other space manufacturing
engineering pertinent to
production of resources on the
moon for use in space, such as
large pressure vessels, heat
shields, silicon chips,
aerobrakes

• thermal control system for

dusty environments, i.e., in
vehicles

• thermal management in
feedstock handling, including
avoidance of waste heat and

preprocessing of feedstock so
that it is at the right
temperature when it gets to the
processing plant

• telesciences and computer-
mediated control systems

•space safety: protection of crew
from unusual hazards when

they go EVA to repair
equipment.

5.2 CONSTRUCTION SITE
DEVELOPMENT

Construction Site Development
session conclusions were:

• logistics is critical to base
Success

• foundation design and/or

construction is important for
safety and cost-effectiveness

• road serviceability and surface
transport system selection are
important for base success, but
not critical to safety

• before equipment can be
matched to tasks, a design
philosophy must be selected

• power is the most critical issue
affecting construction
equipment design.
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Recommendations were:

• use simple solutions to
problems

• use and learn from experience:
technicla, organizational,
management, and personal

• make changes gradually, not
suddenly

• develop design manuals to
establish guidelines for lunar
engineering practice

• establish a large-scale
terrestrial simulator of the
lunar environment to test

engineering concepts,
construction concepts and
practices, models, performance,
operations, and equipment

• develop realistic power
requirements base on
terrestrial experience

• make lunar samples available
for engineering tests

• create a lunar sample
engineering experiment
analysis team

• form a consortium to support
NASA, consisting of industry,
universities, Bureau of Mines,

Corps of Engineers, private
contractors, etc.

• use existing technology bases
to choose and develop equiment
for the lunar mission,

including civil engineering,
construction, hazardous waste,
mining, nuclear, automation
and robotics

• provide timely notice of NASA

documents concerning
exploration missions, and
establish and circulate a
distribution matrix so that

involved individuals can be
aware of available documents

• achieve wide and easy access to
NASA databases

• use resources and linkages
which the workshop

participants identified

5.3 FACILITIES CONSTRUCTION
SESSION

The Facilities Construction Session
conclusions were:

•pre-fabricated modules are
superior to inflatables for
early lunar base stages

•above-ground construction is
too dangerous for humans and
should be performed by semi-
autonomous robotic systems

• below-ground habitats are
superior to above-ground
habitats, but are unlikely to be
developed early due to the
complexity of construction

• equipment which unloads large
structures must combine brute

force and precision
manipulation to emplace the
structures

•roads can be built most easily

by scraping off the top few

centimeters to expose the
underlying hard regolith

• rails are alternatives to roads

in cases of heavy traffic
• tunnels are difficult and

expensive to construct and
should be used only in later
base stages.

Recommendations were:

*inflatables should be used only
in later base stages

-early base phase equipment
should be non-specific

.distribute power to equipment
by cable.
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One of the tasks assigned to the workshop was identification of

sources of expertise for handling the problems brought up in the

sessions. Those linkages and resources are listed below by session.

MINING SESSION

Discussion of interdisciplinary functions and technologies pertinent to

lunar mining produced the following table. It is based on an earlier

list developed by Carlos Moreno.

TABLE A-I.-INTERDISCIPLINARY MINING FUNCTIONS AND

TECHNOI.DGI_

DISCIPLINES APPLICATIONS ISSUES

Structures
Maintenance

Construction architectures
habitats, labs

Strength, Mass
reliability

Materials

sciences

Use of lunar rocks to

provide improvements
at lower Mars to lunar

delivery, or Earth
materials required to
solve lunar problems

Strength/weight
thermal expansion
properties,
radiation shielding
and protection,
dust adherence
(electrostatic

charge),
lubrication

Robotics/software Rovers, less EVA Position/Force

Control, AI, expert
systems

Telecom/navigation
and information

management

Other operations
monitoring

Sensing, site
selection, data

interpretation &
processing,
perception, path
planning

Thermal management Other operations
equipment (power,
processing, underground
habitats)

Environmental

Extremes, thermal

control system
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TABLE A-I.-CONT'D

DISCIPLINES

Energy Management

Human Factors

Life Support

Systems Integration
& operations research

Sensors

Manufacturing
Energy

APPLICATIONS

Other operations, labs,
habitats

Other operations &
activities

EVA support, maintenance

Interfaces with community

Other base facilities

Other Lunar or space
applications

ISSUES

Power

requirements,
transmission &

storage

Command
interface.

productivity.
and psychology

Command

interface (video/
alarm system),
repair &
maintenance

Vehicle mobility,
ISRU plant
interface, power
plant interface,
base construction

requirements,
navigation aids and
beacons, radiation

hardening, total
base efficiency &
productivity, total
lunar base

reliability, self-
sufficiency,
resistance to hard
environment

Conflict in
information

management, broad
disciplinary
applications

Metals processes in
lunar

environment, also

selection of mining

systems,
synergistic

processes
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DISCIPLINES

Safety in Operations

Transportation Off
Surface

TABLE A-I.-CONT'D

APPLICATIONS

Integrated Base Operations

Integrated into other areas

ISSUES

Traffic, radiation

shelter, power
system operations,
maintenance

TABLE A-II.-MINING SESSION LINKAGES

DISCIPLINES SOURCES LINKAGE

Systems Integration California State Institute,
UC San Diego
Rockwell

Defense contractors

Large Scale Program
Institute
SBIRs

JPL
NASA research & academic

centers

small scale rocket

components

system integration
work for JSC

NSF/NASA/DOE/DOD

programs
Pathfinder
Current NASA

support

Automation Canadians

ODETICS (So. Cal)

JPL/ARC
SAIC
DARPA

Caterpillar, other mining
manufacturers

CMU, MIT, Ohio State, WA
State

US Navy

SBIR (nuclear
power plant)
Pathfinder

NASA support
Martin Marietta

university

programs

Telecommunications UC Berkeley (computing)
NASA labs

CMU Mining robotics
AT&T Labs
SDI contractors
DARPA Martin Marietta

Technoledge (Palo Alto)

Pathfinder/space
station
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DISCIPLINES
Manufacturing

TABLE A-II.-CONTD

SOURCES
U of AZ (Center for Excellence)
Bureau of Mines
Carbotek, Coors Ceramics
MIT,

Battelle, LANL, JPL, A.D. Little

LINKAGE

Materials

Thermal Management

Human Factors

Structures

Energy Management

Life Support

U of AZ (ceramics & copper)
U of TX

SDI, LANL, LeRC

Defense & Aerospace contractors
U of ILL & Cal. Space Institute

JPL, LeRC, DOE labs,

Hughes, Martin Marietta, Bechtel.
Lockheed, Rockwell, SDI contractors
U of WA

Bureau of Mines, ARC, NRC, DOE contractors, MIT,
USAF School of Medicine, Antarctica Research
(NSF), submarine research

Aerospace companies, mining equipment
manufacturers

LeRC, Nuclear power industry, Hughes, Bechtel, SDI,
Sandia

JSC/other NASA centers, Biosphere Project
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CONSTRUCTION SITE DEVELOPMENT SESSION

TABLE A-III.-CONSTRUCTION SITE DEVELOPMENT LINKAGES

TECHNOLOGY AREA LINKAGE

lunar worksite illumination General Electric Co.

mobile power NASA Lewis Research

Center, Karl Faymon

construction logistics NASA, contractors with

equipment & construction

experience, schedule
consultants

construction site development

power requirements Solar Engineering Research

Initiative, industrial

associations

behavior of regolith WES/COE, ASTM, ASCE,

NASA, NAFAC (DM-7), model

code agencies

foundation design & construction same as for regolith
behavior

road serviceability & selection of

surface transport system

same as for regolith

behavior plus AASHTO in

Los Alamos (microwave

sintering)
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FACILITIES CONSTRUCTION SESSION

TABLE A-IV.-FACILITIES CONSTRUCTION SESSION LINKAGES

TECHNOLOGY AREA LINKAGE

Deliverable modules Boeing, prime aerospace

contractor community,

Marshall Space Flight Center

Inflatable structures Mike Roberts, NASA

Jack Boyt, Precision Air
Structures

Geiger Associates, New
York

Bird Air, Dr. Dante Bini,

Dr. Milburne (Boulder)

Fabric manufacture & membranes Seaman Corporation

Many German, Japanese

producers and one in

Finland,

Alan Hirasuna, Los Angeles

for high strength fabrics:

Burlington & Dupont

Construction equipment

Automation & robotics

Sub-sea drilling &
remote undersea vehicles

Eagle Engineering

Caterpillar, John Deere
Red Zone Robotics

Jim Brazell, Georgia Tech

DOE, Oak Ridge Laboratories

Goddard Spaceflight Center

Marshall Spaceflight Center

Langley Research Center
JPL

Bechtel, Carnegie-Mellon

Univ., Stanford, MIT

Mining & tunneling equipment Robbins Co., Java,

Wirth Co. in Germany,
Los Alamos National Labs on

rock melter
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TABLE A-IV.-CONTD

TECHNOLOGY AREA LINKAGE

Power-Nuclear Reactors Bechtel advanced power
division,

Lewis Research Center,

Westinghouse

Materials Consolidation Construction Services Lab

in Chicago

Battelle Group (Lisa

McCauley)

Concretes Arnold Wilson, BYU

T.D. Lin, Portland Cement

Lunar Environment Dave Carrier, Bromwell &

Carrier

AI Binder, Lockheed

Harrison Schmitt, Camus

NASA online data base

Production Plant Space 88
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Another task the workshop attendees were asked to perform was an

identification of goals for the next workshop. Each session generated

such a series of goals, which are listed below.

MINING SESSION

Topics for Other Workshops

1. Heat Effects on Equipment

2. Workshop on Mining Mars and the Asteroids

3. Far Planet Mining

4. Underground Mining

5. Power and Distribution

Workshop Goals

1. Bring practical mining experience to bear on concept development.

2. Provide the mining community with insight on what NASA is doing

and plans to do.

3. Transfer knowledge and contacts.

4. Assist in program formulation.

CONSTRUCTION SITE DEVELOPMENT SESSION

Future Workshop Goals

1. Develop a simulation and gaming model for interaction and

feedback at the workshop. _

2. Provide participants with significant resource materials in time for

review prior to the next workshop(s). The next workshop(s) will

serve as kickoffs for task force-type efforts.

3. Address the construction effort to support the staged development
of a lunar base.

4. Identify specific construction technologies necessary for staged

development of a lunar base.

5. There is a need for a series of workshops focused on developing

specific technologies such as soil design manual, building code, etc.
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FACILITIES CONSTRUCTION SESSION

Future Workshop Goals

1. Keep the same people as the core of the next workshop, but

consider inviting new people who have areas of specific expertise.

2. Increase opportunities for informal exchange of material among

workshop sessions, both in terms of physical location of sessions and

time made available for conversation and discussion. Also, perhaps

session members could be mixed each day to achieve even more

diversity.

3. Increase formal information exchange between groups through

additional, short plenary meetings in which session status reports are

given.

4. Time next workshop to be held approximately nine months to one

year from the first workshop. Coordinate with 1990 fiscal year

planning by Mission Analysis and Systems Engineering (MASE) and

Planet Surface Systems.

5. Institute a newsletter or round-robin mailing arrangement for

workshop attendees to keep them informed of each other's relevant
activities.

6. Focus more on specifics such as base development, site layout,

power systems, etc. This workshop was felt to be general, and the

next one needs to be more specific.

7. Group size should be no larger than 12 and no smaller than six for

good dynamics and diversity.
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5.4.5. Lunar Resource Base

The Lunar Resource Base Architecnn'c is designed to focus on issues involved in safely
and reliably operating an advanced lunar base that makes subsumtial use of in sire
resources. The goal is to identify and to characterize those elements and architecunes that
enable and evolve long-term, high-leverage, permanent facilities on the moon. The
baseline for FY89 represents a substantial infrastrucnue for construction and ISRU
production.

5.4.5.1. Overview Summary

Mission Objective: Develop a substantial safe and reliable infrastructure by leveraging
lunar resources for propellant, base supplies, and construction.

Surface System Mission: Construct, operate, rrminmin, and promote base
infrastructure

Top-level Functional Requirements

A Conswuct and operate facilities that utilize in situ resources to produce propellants,
base supplies, and consu'uction materials

B. Service and maintain surface based landers.

C. Provide housing and support for crew.

D. Expand base infrastructure using in sire resources.

Assumptions and Guidelines

A. Assure crew health and safety and reliable mission operations.

B. Nearside site at 0° latitude, 24 ° east longitude (in southern Marc TranquiUimtis, just
north of the crater Moike).

C. Ignore user operations and accommodations during initial studies.

D. All facilities and equipment are considered permanent with 30 year fife, unless
further analysis indicates otherwise.

E. Optimize use of in situ resources with constraints for construction and operations

F. Space Transpomtion can deriver 20 t of cargo to _. Latitude effects are not
considered in initial analysis.

G. Flight rate is once a year for cargo and twice a year for crew.

H. Except for data and pmgramm_c concerns, precursor exploration missions are
ignored in initial analyses.

I Build up aplxoaches need only consider mass and logical sequencing during initial
analyses. More detailed concerns such as man-power, vohm_, etc, may be
postponed to subsequent analyses.

J. Vehicles land within 25 m foot print with enough accuracy for a .50 m pad. Blast
effects extend 1 km for rugged equipment and 10 km for delicate equipment.

5.4.5.2. Daacrlptlon

Figure 5.4.5-1 depicts the initial baseline for the key elements and their layout. Activity is
long-term and at a relatively high level; facilities are lmmument. Two SSF derived
modules provide a pressurized volume for houmg eight perttmgnt crew with one year
touts of duty. Advanced lunar EMUs and EVA s_s'tems permit daily, full duration
ex_vehicular activities. The modules include a workshop capable of m/nor repairs. A
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larger pressurized habitat su'ucune is under construction using ISRU consu_ction
materials. Piloted surface _fion includes a midrange pressurized rover and a short
range unpressurized rover. The pressurized rover serves as a mobile work station and
includes power and tools. Regofith mining operations provide feedstock for 0 2 and

volatile extraction plants that produce ample LOX, H 2, and other volatfles for lander

propellants and base supplies of process reagents, life support, and other expendables.
The mining equipment has attachments that reduce the need for special construcuon

equipment. A ceranfics plant and metals plant also use regolith to produce consu'uction
materials. Other facilities provide for product storage and distribution. A 1 MWe class
nuctear reactor provides the power for base operations. Advanced landing and space
vehicle servicing facilities are located near permanent pads that provide a base for landers
that ferry crew and cargo from space-based transfer vehicles. Surface improvements
include roads and parking areas for specialized surface vehicles such as propellant carriers.

The base is substantially closed with resupply from Earth of low inu-insic value items such
as life support gasses, propellants, and bulk consu, uction materials. Plant, mining, vehicle

servicing, and consn'uction operations are substantially automated. Base operations occur
throughout the lunar day and night. The plants, energy system, and other base facifities
form an integrated, synergistic complex that optimizes energy and raw material usage.

5.4.5.2.1. Human Svsterr_

A permanent crew of eight with one year tours of duty resides at the base. (The crew size
and tour will be iterated.)

5.4.5.2.1.1, Life Support Systems

The base provides a regenerable life support system for lunar habitat, rovers, and other
applicable surface elements that is substantialJy closed with resupply of fluids from Earth
(less than I%). The life support system can make use of gases, water, etc. produced from
local resources. The budget excludes initial amounts needed to start up the system, and
contingency supplies but includes emergency supplies. Food and crew personal supplies
come from Earth,however, thereissubstantialfreshfood produced inCELSS.

5.4.5.2.1.2. Shelter

Two SSF derived modules provide shelter and work areas for a pemument crew of eight
with one year tours of duty.

• The habitat/workshopwillrequire100 kWe.

• The wo_op is in a volume of 1/3 SSF common module. It includes equipment
such as a programmable multi-machine, handtools, small power tools, test
equipment, and an interfacefor mounting external equipment or LRUs.

Initial habitat is largely self-contained and erected at base. Final habitat will use

ISRU construction materials. A product of the study is to define these ISRU
construction materials.
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Table $.4.$.2-1

Functional Area

 m.mawom
Construction

Energy

Human Systems

Launch & Landing

Manutactunng
Surface Transportation

Lunar Resource

Element
Surface TNIM

Crane

(mining equipment with attachment)
50 kWe PV/VRFC (for Hid) backup)
1 MWe Nuc_ar Reactor

Energy Distribution System
Lunar EMU
Habitat Modules (8 crew)
Regenerative Me Suppon
TCS
Workshop
Large ISRU Pressunzed Velum
Digger
Feedstock Carrier
Beneficiation Faalities
02 Plant
Volatiles Plant
Sintered Regolith Plant
Metals Plant
Construction Materials

Sto,raQe and Distril0ution Faalitie
Navigation Aids
Pilot Aids
Pro¢)ellarl Career
Con:lCart
Landing Pad
Thermal & I_-meteotoid Blanket
Auxiliary Power Cart
Thermal Control Cart
NA

10 km Unpressunzed Rover
100 km Pressurized Rover
Roads

i

Base Baseline Elements Summary

SSEC

12
10
35
32

19

23
24

10

27

26
14
15

16

6
7

User AccommoOations NA

EDF
103-5
061
040
0O3
001
051
010
027
022
032
053
054e

75
76
77
45

78
77
80
81
82s

036
096
097
098
099
100
101
102

16
60
43
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5.4.5.2.1.3. EVA

Systems support four EVAs daily. Each EVA provides 8 hours of work on applk.atkm.

Frequent, full duration EVAs occur.

• Operations will minimize EVAs.

• EVA will involve at most 4 crew for 8 hours. (Except for crew transfer).

• Walk, carry light objects, manipulate large objects.

• 115 kg suits, with Apollo like flexure.

• EVA crew can connect / disconnect umbilicals, replace LRUs.

• EVA crew cannot do freework.

5.4.5.2.1.4. IVA

The base systems provide for supervisory control of ISRU plant and mining operations and
remote control of construction.

_,4.g 2__ Construction

• Mining equipment with attachments provides the baseline for consu'uction

equipmenL

• Civil engineering projects makes maximum use of ISRU materials.

5,4.5_A Surlaca Transnorlalton

Provide for transportation of crew and materials in the vicinityof isnden and the tree.
Study shall analyze the needs for local transportation at the base and det-me a suitable set of

performance requirements.

Pressurized 100 km vehicle that holds crew of 4. Provides limited tools and power

for base operations. For initial designs assume required performance is 100 km
range and a total payload of four crew with EVA suits, 72 hours nominal openuions,
1130hours of life support supplies per person, and payload of I000 kg. Use is daily.

UnpressurizeA, 2 crew rover. For initial designs assume required performance is 10

Ion range and a total payload of 2 crew in EVA suits, 48 hours of life support
supplies per person, and payload of 1000 kg. Use is daily.

5,452.4. In Situ Resource Utilization

Provide capability to produce the following from lunar material

Product

02
H2
C

Other volatiles

Mcmls
Ceramics

Amount (P_-)

150

15

C_pmre all available

50
I00

ISRU products have suitable purity (e.g., rocket propellant, fuel cell or, life support

grade).
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• Productionplantsform an inmgramd complex thattakesadvantageof process
synergies(e.g,,wastehear.by-products,...).The intentism invesugam leverageof
in=gmon.

• Mining,beneficialion,production,and storageneed notbe collocated,

• Sinmn_ciRcgolithCeramicsPlantisbasedon Battellestudy.

• Initialestimateofminingis45,000r/yr.

• Assume miningequipmentexceptinISRU includesexcavatorwithsmoother
attachment,hauler.

• The ISRU complex provides for storage of products and their dismbution.

5A.5.2.5. Enerov

• A base power supply of I MWc from a nuclear reactor is assumed as an initial
estimate.

• A 50 kWe PVA/RFC power supplyisassunu_ as an emergency backup forch¢
habitatmodules.

5.4.5.2.6. Manufacturirm

NA.

5.4.52.7. La,JnclVLandirm Ooerations

IA & TIA interface agreement defines basic interface.

Traffic assumptions: 3 flights/yr.

Piloted: 2/yr, 4 crew and 6 t cargo.

Cargo: l/yr, 20 t.

Landets use cryogenic H2/O 2.

Equipment includes crane, propellant cart, power can, radiator can, auxiliary power
cart.

5.4.5.2.8. User Accommoclations

User accommcx_tions arc not consideredin this baseline.

5.4.5.2.9. Cornnl_nv/Dstn

No special l:m:_'isions arc identified.
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6.4.2. Mare Outpost

The Mars Outlmst Reference Architecture considers the surface systems for establishment
of a small, man-tended outpost on the Mars surface for the early human expkration of
Mars. The baseline assumes that the mission objectives are to establish an initial human
presence on Mars and toundertake the scientific and human exploration of Mars and its
moons. This architecture is designed to focus on the major enabling elements, their
performance envelopes, and their construction, operations and potential evolution.

6.4.2.1. Overview Summary

Mission Objective: Establish and safely and reliably operate a human tended
exploration outpost on the Martian surface.

Surface System Mission: Construct, operate, and promote outpost.

Top-level Functional Requirements

A. Provide safe housing and reliable support for base crew.

B. Provide outpost facilities.

1. Energy

2. ComnVNav/Data

3. Maintenance & re.supply

4. Pressurizedwork.space(laboratories& workshops).

5. Lander Accomnxxiations

C. Provide surfaceu'ansportation.

I. Exploration.

2. Base operations.

D. Constructor deploy userelements.

Key Assumptions and Guidelines

A. Assure crew healthand safetyand reliablemission operations.

B. The siteisthe Chryse Basin complex, at0° latitude,33.5° west longitude.

C. F'Lrstmanned landingatsitedeploys operationalhabitatmodule and staysfora total

of 30 days.

D. The surfacemfrastructtm_ismin/rnalforaccomplishing the basicexplorationgoals

defined in the SRD Man Tended Phase of the Mars Evolution Case. The early flights

(especially the first one) should strive tobe minimal in the sense that they use the
least equipment and operations needed W fulfill mission goals.

E. All facilities and equipment are consideredpermanent with 30 year life, unless
further analysis indicates otherwise.

F. Consmgdon and operationsmaxim/ze use of in situresourcesthatdo not require

substantialinfrastructure.SubstantialISRU (e.g.,propellantplants)are beyond the

scope of thisbaseline.

G. One cargo and one piloted vehicle are at the base site. Initial analysis need not

consider latitude effects on vehicle performance.

H. Crew, resupply, and cargo flights occur every mission opportunity, i.e. about every
26 Earth months.
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I. Vehicles land within 25 m foot print with enough accuracy for a 50 m pad. Blast
effects extend I km for rugged equipment and 10 km for delkale equipment.

J. Support of user operations and accommodations is limited to initial construction or
deployment and petk_c maintenance and resupply unless specified otherwise. User
accommodations will not be addressed in the initial FY89 baseline.

K. Only those activities on the Martian moons that are unique to developing the surface
outpost will be considered in this subcase. General exploration is the subject of the
;tg Body Exploration Architecnm=. Resource development is the subject of the Mars
Resource Base Architecture. The initial FY89 baseline will address only Martian
surface activities.

L. Except for engineering data and pro_ concerns and for final outpost site
selection, precursor exploration missions should be ignored.

M. The space wansp(ramon vehicle supplies crew habitat facilities for Phobos
operations.

5.4.2.2. Deacrlptlon

Figure 5.4.2-1 depicts surface elements. The outpost is man-tended with tours of duty
ranging fi'om I to 2 years. Infi-astrucun_ consists of habitats, surface wan_tion, and
EMUs and EVA support. Table 5.4.2-1 summarizes the surface elements. These include

_struction .equipment, rovers for local and remote surface transportation, power soun:_a pressurized habitat for crew and laboratories. User accvmmnd_ons are for science

and exploration. The baseline user set is taken from the SRD (§2.3.4.5.8 of the Mars
Evolution Case). The current baseline limits its scope to early exploration missions and to
establishing an initial outpost. Precursor missions are assumed to include an Mars Orbiter

and a sample return mission that map Mars and gather engineering information. The first

piloted flight emplaces a habitat, utilities (power and thermal), and improves landing
facilities. Subsequent flights expand the initial minimal surface infrasumcmre. This
baseline does not consider substan_d development of ISRU.

Table 5.$.2-1 Mars Outpost Baseline Elements Summary

Functional Ares
CornnVNav/Data
Construction

Enerqy

Human Systems

ISRU

Launch & Landing

Manufactudn_
Sudace Transportation

User Accommodations

Element

Sudace TNIM System
Crane

DicjQer(with smoother attachment
50 kWe PVA/RFC for Habitat Mo_k_j_
Mars EMU
Habitat Module
Regenerative Life Support
TCS
NA

Navigation Ak:ls
Pilot Aids
NA

100 km Pressurized Rover
10 km Unpressunzed Rover
Truck
NA

SSEC EDF
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5A _ _1. Human SvRtan_

5.4.2.2.1.1. Ufe Sup0ofl Systems

The outpost has a partially closed regenerative life support system for Marian habitat.
rovcl"s, and other applicable surfacc elements. Here closed means closed with respect to
resupply from Earth. Partial closure for gases and water is assumed (resupply of less than
10% from Earth). The resupply budget does not include initial amounts needed to san up
system, nor contingency nor emergency supplies.

5.4.2.2.1.2. Shelter

The outpost provides housing and laboratory facilities for a crew of four with tours of duty
from one to two years.

• Habitat is 4 x 20 m SSF derived module.

• A 1/2 m regolith covering provides radiation protection.

• Four crew are available in a man-tended operation.

• The module require 25 kWe for crew support and housekeeping. This sum does not
include science equipment in the lab.

5.4.2.2.1.3. EVA

The outpost provides for four safe and refiable EVAs daily. Each EVA provides 8 hours of
work on application. Frequent, full duration EVAs occur on the surface.

SA.2.2.;7_ As_lemblv and Construction

The ouqx)st provides basic construction capabilities to deploy modular user elements and to
deploy the habitat. Elements deployed/constructed during the first mission include:

• HabitatModule

• PVA/RFC
• TCS

• Regenerative Life Suplxm

• Launch & Landing Navigation & Pilot Aids

• Constructionoperations are all weather,day_e.

R,,dace Tmmu_flaflon

The baseprovides for transportation of crew and materials in the vicinity of landers and the
base.Surface uansporu_on includes the following.

Pressurized _ Provides limited tools and power for base operations. Can
achieve a 100 km range from base with a total payload of four crew with EVA suits,
100 hours of life support (air, H20, food, etc.) supplies per person, and a uun"
payload of 1000 kg. Nominal maximum sortie lasts 72 hours. Can be used daily.
May serve as a contingency habitat for four at the base.

Unpressurized rover:. Provides portable life support system (PLSS) for crew. Can
achieve a 10 km range from base with a total payload of two crew in EVA suits, 48
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hours of life support (air, H20, food, etc.) supplies per person, and a uun"payimd
ofl000kg. Nom/nalmaximumsorde lastzlOhours.Can be used daily.

No long range rover is provided.

5.4 _ _' 4. In ,,_tu ResourcA Ll_li_,mlml

No specific requirements for ISRU are identified besides covering modules with regolith.

5A.2_25. LAunch and tgndim_

The outpost provides minimal bunch/landing faciliti_. These consist of the following

• Navigation and pilot aids (deployed in the early flights.)

• No or minimal pad

The following characteris_cs axe baselined.

• Traffic: I cargo and I piloted fright per opportunity (-26 me).

• Piloted capacity: 5 crew and l0 t cargo

• Cargo capacity: 50 t ca.,3o.

• Landen use cryogenic H2/O2.

5.4 _)2.K User At'n_mmodatiorm

The SRD speciftes the baseline science elements for the oust in §2.3.4.5.8 of the Man
Evolution Case.

• User acco_dons will not be considered in the initial studies.

5.4.2_2.7. Enemy

The ouq)oszprovides ¢n_gy for

• habilai

• auxiliary power for landers

+ rov_

A 50 kWe PVA/RFC supply is provided during the first mission. User power
accommodations are as specified in the MSDB.

5A "2_9,_R Q_nvTVNmtll_d:

Cou_ satellitesareavailable for global and Earth access.
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Speaker: David Carrier

Topic: Geote_hnical Engineering on the Moon

From a geotechnical point of view, the Moon is a relatively simple

place. The soil extends to a depth of at least 2 m, and perhaps to 20

m or more, virtually everywhere on the lunar surface. There are

occasional big boulders, but bedrock is not at the surface.

The three main constituents most likely to be responsible for

problem soils on Earth are absent on the Moon: there is no water, no

clay minerals, and no organics. Furthermore, the mineralogy and

particle size distribution of lunar soils are limited to a fairly narrow

range. As a result, the single most important factor controlling lunar

soil behavior is relative density. While the top few centimeters are

very loose, cons of meteorite impacts have produced a very dense

sub-surface. A "lunar building code" is now being written which will

cover such topics as allowable bearing capacity, slope stability, and

trafficability. This information will be used for the design of lunar

bases, observatories, and mines in the 21st century. (Conclusion from
Carrier and Mitchell, 1989)

Speaker: Joseph Neudecker

Topic: Tunneling and Glazing in Place

High-speed lunar surface transportation between manned scientific,

commercial, or logistical facilities will require subsurface tunnels

because humans must be shielded from Galactic Cosmic Rays and

Solar Proton Event irradiations. We present a concept called

SUBSELENE in which heat from a nuclear reactor is used to melt rock

and form a self-supporting, glass-lined tunnel suitable for Maglev or

other high-speed transport modes. We argue that SUBSELENE is an

optimal approach to forming transportation tunnels on the Moon

because: (1) it uses a high-energy-density, high-efficiency, nuclear

power supply; (2) it does not require water or other rare volatiles for

open system muck handling or cooling; (3) it can penetrate through a

mechanically varied sequence of rock types without complicated

configurational changes; (4) it forms its own support structure as it
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goes; and (5) it is highly amenable to unmanned, automated

operation. We outline the R&D needed to develop a SUBSELENE
device with small-scale, field-tested, rock-melting penetrators.

(Summary from Neudecker, et al, Los Alamos National Laboratory, no

date given)

Speaker: Robert Waldron

Topic: Oxygen Production Methods

A set of applications were described for lunar resources in the

categories of raw soil or rock, minimally processed soil or rock, and

refined products. Applications included among them radiation

shielding, energy storage, reaction mass, propellants, heat exchange,
thermal insulation, manufactured products and export products.

Lunar resource accessibility for known lunar elements was

described, ranging from easy to difficult. Basics of integrated

materials processing were shown, from mining to final product.
Lunar resource utilization constraints were described. A set of

potential materials derivable solely or predominantly from lunar

sources was identified. Propellant process and operations

performance parameters were described. Also outlined were

candidate propellant systems for in-situ propellant production and

lunar propellant selection options, manufactured vs. import The in

situ propellant production candidate systems were classified

according to use or non-use of reagents, terrestrial or lunar. Other

processes were classified according to the first major step in the

process. Lunar LOX preliminary process options were identified.

Advantages of separate H2 and other volatile-separation processes
were outlined. Common features of LOX and H2 extraction were

shown. Steps for in situ propellant productions were shown, as were

infrastructure, mass and power requirements, and generic options.

(adapted from plenary session viewgraphs from R. Waldron,

Rockwell Lunar and Planetary Systems, May 1989)
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Speaker: Willy Z. Sadeh

Topic: Alternate Construction Methods

Basics of lunar environment were described. Four stages of lunar
development were stipulated: exploration, pioneering, outpost, and

base. Engineering tasks specific to construction on the Moon were

outlined, as were a set of general criteria for a lunar base. Activities

specific to each development phase were described, including the

types of structures considered appropriate to that phase. Initial

structures were pre-fabrieated, deployable, terrestrial imports.

"Base" phase structures were large, using both Earth-imported and

lunar-produced (in-situ) components and lunar fabrication. Lunar
construction conditions were described, including general

environmental conditions, regolith, and foundation loads. Structural

characteristics were described. Construction system options were

listed, including a variety of prefabricated/preassembled modules

and inflatable modules. A Colorado State University option using

inflatable fabric modules "tufted" by tensile columns was described

in detail. A set of comparative considerations for different types of

structures was listed. Advantages and disadvantages of

prefabricated/preassembled modules, rigid modules, inflatable

modules, erector-type modules, post-tensioned concrete modules and

underground modules were discussed. (adapted from plenary session

viewgraphs, Willy Z. Sadeh, Marvin E. Criswell, Paul S. Nowak,

Colorado State University, May 1989)

Speaker: Dave McKay

Topic: Extraterrestrial Resources

It was explained that using in situ resources is desirable because the

cost of transportation prohibits importing all required materials from

Earth. Office of Exploration (OEXP), Pathfinder, and the Office of

Space Science and Applications (OSSA) were identified as three NASA

entities which are looking at lunar based resources. Four topics were

identified as central to in situ resource utilization (ISRU): oxygen

production (for use primarily as propellant); recovery of volatiles

such as hydrogen; production of construction materials; metals

recovery. Oxygen production and volatiles recovery involve roughly

similar kinds of activities: mining, beneficiation, processing, capture,

storage, recycling of reagents, and waste disposal. Metals are a

D-4



Appendix D. Mining and Construction

byproduct of oxygen production. Construction materials production

can range from simple sandbagging of regolith or sintered bricks to

the manufacture of concrete, ceramics, or glass. Further discussion

detailed significant aspects of recovery of those resources. Present

resource recovery priorities are on oxygen production as propellant

and lo-tech construction materials because they offer the greatest
economic leveraging.

Presenter: Ray Leonard

Topic: Third Strawman Scenario for Workshop: "Material Handling

Systems for Lunar Mining, A System Design for 100 Metric Ton

Annual Oxygen Production"

This study, conducted at the request of the Mining and Construction

Workshop Steering Committee, stems from a brief system description

presented by the author to the steering committee in St. Louis,

February 21, 1989. The system described consisted of a

hydrogen/oxygen fuel cell powered front end loader and similarly

powered hauler or dump truck. The system was picked for its

simplicity and versatility. The two units together with a series of

attachments, such as a backhoe for the front end loader and a dozer

blade for the truck, would be able to handle most if not all of the

early material handling requirements. This more formal study

provides the documentation and justification of the assertion made at

that planning meeting.

The study also includes a set of recommendations for research and

development. Some of the testing requirements will require a
simulation facility sized to accommodate a front end loader and

which will have lunar soil modeling, thermal cycling, and vacuum

capabilities. (Executive Summary of strawman, Ray Leonard, Ad

Astra, Ltd., Santa Fe, New Mexico, 1989)
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Morning

Afternoon

May 2

Opening

Plenary Session

Define

Problems (3
concurrent

sessions)

May 3

Identify

Linkages (3

concurrent

sessions)
Define Next

Workshop Goals

(3 concurrent

sessions)

May 4

Working

Session Reports
Chairmen

Reports

Steering
Committee

Meeting
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Prime Topic

Define "construction

sites"

List required

exploration
documents

Define site

development and
interface boundaries

Secondary Topic

.ERD-Exploration

Requirements
Document

-SRD-Study

Requirements
Document

•PSSRD-Planet Surface

Systems Requirement
Document

• Elements Catalo R

•Study Data Handbook

• Special Assessment
Studies

• Surface Stabilization

.Roads/Transportation

System

.Launch/Landing

Facility

• Pavin R and Lightin 8

•Grading (Cut/fill_

• Shielding (reBolith)

-Foundations

• Site Exploration

• Site planning and

arrangement

Tertiary, Topic

• Power Distribution

.Communication

.Water/fluids

• Waste recycling

• Heating, ventilation,

and air conditioning

(HVAC)

• Waste heat

•Thermal control and

management

-Surveying/topography
.Subsurface

exploration

• Sitin_ criteria

• Plant/animal module
.Habitats

.Tankage/pipelines
-Warehouse

• Service facility
..mobilization

.-operational

• .propellant plant

• .power facility
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Prime Topic

Define assumptions

Identify
Challenges/Problems

Secondary Topic
•Latitude and

longitude given

• Process -independent

• Resource recovery-
main focus

•Specific amount of
material to be used:

10, 45, 100,000

t/yr;interface at mine

excavator/hauler

• Mininl, i re?iolith
.Realistic

determination of

power requirements
for construction

operations,

processing, and

manufacturing

(current NASA

estimates seem low)

• Road Serviceability

(design approach)
• Selection of surface

transportation system

(materials/moving

equipment)

• Siting layout
considerations: dust.

vibration, hauling
distance, hazardous

materials and

processes

• Foundation design and
construction

.Construction

mobilization: laydown

area r equipment
.Contractual

relationships
• Equipment matched to

tasks

-Simplicity

• Staged development of
the lunar base

(interim process and

facilities)

Tertiary Topic
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Prime Topic
Identify

Challenges/Problems

Secondary, Topic
•Development of Lunar

Building Code Design
Manuals (include soil
structure interaction

guidelines and

standards_
•Development of design

and standards for

machinery and soil
interaction

*Learn from experience
.Behavior of regolith -

excavation, pouring,
strength,

compressibility

Teniar_ Topic

Participants chose to address identification of challenges and problems
because this was the focus of the workshop. The topic of contractual
relationships was deleted.

H-4



"qLP '_'w "_w" "w" "_ "_ "Jn.P' _ _,..... _ __: _.

_,:_I_IIIlII|[ZIll





PROCEEDINGS OF THE SECOND WORKSHOP ON IN SI'I'X.J RESOURCE

UTILIZATION

Orlando, Florida

June 6-9, 1989

Sponsored by NASA, Office of Exploration

Directed by David S. McKay

Compiled and Edited by

Bridget Mintz Register





Section CONIENI_ Page

1

1.1
1.2
1.3
1.4

INTRODUCTION

BACKGROUND AND GOALS
PARTICIPANTS
WORKSHOP STRUCFURE
PROCEEDINGS ORGANIZATION

1-1

1-1
1-1

1-1
1-1

2

2.1
2.2
2.2.1

2.2.2

2.2.3

2.3
2.3.1

2.3.2

2.4
2.4.1

2.4.2

2.5
2.6

2.6.1

2.6.2

FEEDSTOCK DEFINITION AND pRECURSOR

SCIENCE AND I_XPLORATION
OVERVIEW
GAS RESOURCES

Solar Wind Implanted Volatiles

Magmatic Volatiles
METALS
Iron. Nickel, Cobalt (Fe. Ni. Co)

Silicon, Aluminum. and Titanium (Si. Al.
MATERIALS

Glass
Ceramics. Cement. Concrete. Shielding.

and Agricultural Materials
OVERVIEW OF LUNAR POLAR ORBITERS
IN SITU RESOURCE UTILIZATION OF

PHOBOS, DEIMOS, AND NEAR-
EARTH ASTEROIDS

Phobos and Deimos

Near-Earth Asteroids

Ti)

2-1

2-1
2-2
2-2

2-3

2-3

2-3
2-4

2-4

2-4
2-4

2-5

2-5
2-6

2-6

2-8

3

3.1
3.2
3.3
3.4

3.5
3.5.1

3.5.2

3.5.3

3.5.4

3.5.5

3.5.6

3.5.7

3.5.8

3.5.9

3.5.10

CHEMICAL AND INDUSTRIAL OXYGEN

PRODUCTION PROCESSES

OVERVIEW
OXYGEN PRIES

ELEMENT DEFINITION FORMS (EDFS)
LEVERAGE VALUE OF OXYGEN PRODUCTION

ON THE MOON, MARS, PHOBOS, AND
DEIMOS

LUNAR OXYGEN PROCESSES
Hydrogen Reduction of llmenite
Carbothermal Reduction

Volatile Extraction

Hydrogen Sulfide Reduction
Carbochlorination

Fluorine Exchange
Hydrofluoric Acid Leach

Magma Electrolysis

Caustic Solution Electrolysis

Reduction by Lithium

3-1

3-1
3-1
3-5
3-9

3-11
3-11

3-11

3-12

3-12

3-12

3-12

3-12

3-13

3-13

3-13

,o.

111

pRECEDING PP_GF+ ULAt'J',_NOT F_LM,EL)



Section 00_ Page

3.5.11

3.5.12

3.5.13

3.5.14

3.5.15

Fluxed Electrolysis

Vapor Phase Reduction
Ion Seoaration

Mam-aa Partial Oxidation

Methane-Water llmenit¢ Process

3-13

3-13

3-14

3-14

3-14

4

4.1
4.2
4.3
4.4
4.5
4.6
4.7

pLANT ENGINEERING
PURPOSE
APPROACH
GENERIC BLOCK DIAGRAM FOR A LUNAR
BENEFICIATION BLOCK
OXYGEN SEPARATION AND STORAGE
OXYGENPR_S
DE'FAILED REPORTS ON EACH BLOCK

4-1

4-1
4-1
4-1
4-1
4-2
4-2
4-3

5

5.1
5.2
5.3
5.4
5.5
5.6
5.7
5.8

5.8.1

5.8.2

5.8.3

5.9

VOLATII.E EXTRACTION

OVERVIEW
AVAILABLE PLANETARY VOLATILES
THE VOLATILE EXTRACTION SYSTEM

ACQUISITION OF VOLATILES
BENEFICIATION
SPECIES SEPARATION AND PROCESSING
STORAGE
RESEARCH AREAS, SCIENCE MISSIONS

AND TECHNICAL SPINOFFS
Research Areas

SCience Missions

T_chnical Spinoffs
ANCHORED SURFACE MINING SYSTEM

5-1

5-1
5-1
5-1
5-2
5-3
5-3

5-4
5-4

5-4

5-5

5-6

5-6

6.1
6.2
6.3
6.4
6.5
6.6
6.7
6.8

METALS. CERAMICS. SEMICONDUCTORS.

ARABLE SOILS. AND OTHER

mO D.EU_C 
OVERVIEW
SAFETY
CONSTRUCTION
ENERGY MANAGEMENT

STORAGE
AGRICULTURE
TRANSPORTATION
WASTE PROCESSING

6-1

6-I
6-1
6-1
6-2
6-3
6-3
6-3
6-4

7
7.1

SESSION CONCLUSIONS

FEEDSTOCK DEFINITION AND PRECURSOR
SCIENCE AND EXPLORATION

7-1

7-1

iv



Section CONIENIS Page

7.2
7.3
7.4
7.5

GROUP 2: OXYGEN-EXTRACTION PRO(ESSES
PLANT ENGINEERING
VOLATILE EXTRACTION
OTHER RESOURCES

7-1
7-4

7-4
7-5

APPENDICES

APPENDIX A
APPENDIX B
APPENDIX C

PLENARY PAPER SUMMARIES
PARTICIPANTS
REFERENCES

A-1
B-I
C-I

v



Tables

TABLES

Page

1.3-I WORKSHOP STRUCTURE I-I

PROPOSED LUNAR POLAR ORBITER
COMMON LUNAR POLAR ORBITER

MEASUREMENTS

2-5
2-5

3.2-I

3.3-I

3.3-II

3.4-I

_TIVE COMPARISON OF LUNAR OXYGEN 3-2
PRODUCTION PROCESSES

LUNAR OXYGEN PROCESS ELEMENT SUMMARY 3-6

LUNAR OXYGEN PROCESS ISSUES/TRADE 3-8
STUDIES

JUSTIFICATIONS FOR EXTRATERRESTRIAL 3-9
PROPELLANT PRODUCTION

6-I RESOURCES AND THEIR USES 6-5

7.1-I
7.1-II
7.1-III

7.1-IV
7.4-1
7.4-II

OXYGEN PROCESSES AND FEEDS'r(X2K.S 7-2
METAL PROCESSES AND FEEDSTOCKS 7-2

OTHER MATERIALS, THEIR USES, AND THEIR 7-2

PRECURSOR STUDIES 7-3

BASELINE CHOICES FOR VOLATILE EXTRACTION 7-5
MAJOR OPTIONS FOR VOLATILE EXTRACTION 7-5

vi



FIOURES

Figure Page

3.5-1A

3.5-1B

3.5-2A

3.5-2B

3.5-3
3.5-4
3.5-5
3.5-6

3.5-7A
3.5-7B
3.5-8

3.5-9

3.5-10
3.5-11
3.5-12
3.5-13

Simplified Schematic of Hydrogen
Reduction of llmenite Process

Three-Stage Fluidized Bed Reactor Concept
For Ilmenite Reduction

Carbothermal Process With Methane
Reductant

Carbothermal Process With Carbon
Reductant

Lunar Hydrogen Recovery Process
Carbochlorination Process Flowsheets
HF Acid Leach Process Schematic

Molten Silicate (Magma) Electrolysis
Schematic

NaOH (Caustic) Electrolysis
Lunar Oxygen From NaOH Electrolysis
Indirect Electrochemical Reduction With

Lithium

Electrolysis of a Molten Salt
(Fluxed Electrolysis) Schematic

Vapor-Phase Reduction Process Schematic
Iron Separation Process Concept
Magma Partial Oxidation
Methane-Water llmenite Process

3-15

3-15

3-16

3-16

3-17
3-18
3-19
3-20

3-21
3-22
3-23

3-24

3-25
3-26
3-27
3-28

5.9-1 Anchored Surface Mining System 5-6

vii



This page intentionally left blank.

viii

I_Gl V;_ i INTENTIONALLY_I.A,,I_



Section 1, Introduction

SECHON 1

Introduction

1.1 BACKGROUND AND GOALS

The second In Situ Resource

Utilization Workshop was held in

Orlando, Florida from June 6 through
June 9, 1989. It built upon the results
and organization of the first
workshop, which was held in 1987.

The goal of the first workshop was to
investigate potential joint
public/private development of key
technologies and mechanisms
required to enable the permanent

habitation of space. The primary
goal of the second workshop was the
identification of extraction methods

for obtaining useful products from

the regolith of the Moon. Secondary
goals focused on extraction of useful
products from Mars and the asteroids.

1.2 PARTICIPANTS

Approximately 60 participants

attended the second workshop. They
were from diverse backgrounds,
including academia, NASA,

contractors, and industry. Many of
the participants had attended the

first workshop. A complete listing of
participants is given in Appendix B.

1.3 WORKSHOP STRUCTURE

The workshop organization
illustrated in Table 1.3-I.

is

Five working groups met
concurrently. Their subject areas
were:

• Feedstock Definition and
Precursor Science and

Exploration

• Chemical and Industrial Oxygen
Production Processes

• Plant Engineering
• Volatile Extraction

TABLE 1.3-I.-WORKSHOP STRUCTURE

Da), Mornin_
6/6/89 Plenary

6/7/89

6/8/89

6/9/89

session

8:30-9:30:

Plenary
reports

Working

group
meetings
8:30-9:30:

Plenary
reports

Working
group

meetings
Group

leaders'
final

reports

Afternoon

Working
group

meetings

Working

group
meetings

Final

working

group
meetings

• Metals, Ceramics,
Semiconductors, Arable Soils, and
Other Byproducts.

The initial plenary session consisted
of a group of papers covering
background technical information

for the availability and extraction of
products from the lunar regolith or
other extraterrestrial sources.

Plenary papers are summarized in
Appendix A.

1.4 PROCEEDINGS ORGANIZATION

The organization of the proceedings
document mirrors the structure of

the workshop. Section 1, the

Introduction, provides background
and organizational information.

Sections 2 through 6 report the
findings and conclusions of the
working groups. Section 7 lists
conclusions.

Appendix A summarizes some of the

plenary papers. Appendix B lists
participants, and Appendix C provides
references.
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Section 2, Feedstock Definition and Precursors

SECHON 2

Feedstock Definition and

Precursor Science and

Exploration

2.1 OVERVIEW

The Feedstock Definition and
Precursor Science Session was

charged to look at feedstock
definition and at the needs for

additional scientific exploration of
the Moon, Mars, Phobos, and Deimos
to utilize their in situ resources. The

session members chose to emphasize
the Moon because the information
available on it is much more
extensive than for the other

planetary bodies. (Two attachments
are included; the first examines

proposed lunar polar orbiters, and
the second provides an overview of

current knowledge of Phobos and
Deimos.)

The group was given four explicit
tasks. The first two tasks were to

describe feedstocks in terms of
certain attributes and in terms of the

current state of knowledge. Those
attributes are mineralogy,
geochemistry, geological setting,
physical state, physical properties,
size, surface distribution, depth
distribution, variability,
homogeneity, and accessibility. An
additional attribute which the

working group considered vital was
the nature of so-called "ore" reserves.
The identification and verification of

such ore reserves was thought to be
of the highest importance. At the
same time, this information is almost

completely unknown, so the group
felt that obtaining that knowledge
was critical to in situ resource

utilization (ISRU).

The third task was to identify the
critical unknowns and to indicate

how exploration/development plans

could change if more information
became available. In particular, the

group was asked to address concerns
of cost and development time for the
technologies involved. The fourth
and final task was to indicate the type
of resources data which are needed

for extraction process and plant

design selection.

The session looked at feedstocks in a

five-step hierarchical manner as the
following list indicates:

•Type of resource: gas, metal, or
material

•Specific gas, metal or material
.Process

• Specific feedstock for the

process
• Knowns, unknowns, and

required precursor studies
concerning the feedstock

Specific gases include oxygen, solar
wind implanted volatiles (e.g., H2 and
He), and magmatic volatiles (such as
S). Metals which were considered
include iron, nickel, cobalt, silicon,

aluminum, and titanium. Specific
materials include glasses, ceramics,
cement/concrete, cosmic-ray

shielding, and agricultural materials.
Many processes were considered for
gas and metal extraction, such as
hydrogen reduction of ilmenite for
oxygen and magma electrolysis for
silicon. Materials recovery processes
were undefined. (Details of

extraction processes are discussed
later in the proceedings. Please refer
to the discussion of Section 3, Group
2.)

The feedstocks were evaluated in

terms of the data which are currently
known and the data which need to be
determined. For some of the

feedstocks, precursor studies were
identified which will help fill the
data gaps. Each feedstock was
considered in the context of a

particular product and/or process.

Three guidelines served as the basis

PRECEDING P.,_GE _JLA;'_K NOT FILMED 2-I



OEXP Annual Report, FY 1989, Vol. VI

for the evaluations. First, only
naturally occurring feedstocks were
considered. Second, bencficiation

was treated as part of the feedstock
preparation. Therefore, byproducts
from beneficiation were included

under the definition of naturally
occurring feedstocks, but byproducts
from extraction processes were not.
The final guideline was the decision

to emphasize versatility of feedstock
acceptance in the manufacturing
processes. That decision was made
because it is unlikely that the site
selection of a lunar installation will

be dictated by feedstock
considerations. Therefore, the

manufacturing processes which will
be used must be versatile enough to
handle local, less than ideal,
resources. Alternatives to the ideal
are also described and evaluated

where possible.

2.2 GAS RESOURCES

2.2.1 Oxygen

Hydrogen reduction of iimenite was
the first process considered for

oxygen extraction. Both high-
titanium mare soils and high-
titanium mare basalts were discussed.
For the mare soils, it is known that
the concentration of ilmenite is

reduced in the production of
agglutinates. In these particles,
ilmenite is fine-grained, and it is

commonly locked in glass and
mineral fragments. Reflectance
spectra of the lunar surface provide
data on TiO2 concentrations rather
than ilmenite. One unknown is the

set of parameters for beneficiation
for ilmenite. A second unknown is

the level of impurities which can be
tolerated in oxygen production
processes. One necessary precursor
study is mapping for titanium from
both Earth and the lunar geoscience
orbiter (LGO). An evaluation and

development of beneficiation
methods is a second desirable

precursor study.

For the high-titanium mare basalts, it
is known that the Apollo 11 and 17
sites are relatively good ore sites.
Ilmenite in these basalts is coarser-

grained than it is in the soils.
However, mining and beneficiation
of these basalts will almost certainly
involve rock crushing.
Consequently, utilizing the basalts
will probably be more difficult than
utilizing the soils, which can
essentially be scraped up. However,

the exact mining and beneficiation
requirements are not presently
known. Depth to bedrock is
unknown. The actual locations of

appropriate lava flows are unknown,
as is the stratigraphy of the flows. In
particular, it is unknown which
flows will have high concentrations
of ilmenite at depth. All of these
unknowns need to be filled in by site-
specific studies and evaluations.

The hydrogen fluoride process will
take any silicate feedstock, and vapor
pyrolysis will use any feedstock.
Electrolysis with fluoride flux can use

mare soil and low-iron highland soil.
It is known that the mare soils will

require beneficiation, but the
optimum ores and sites are unknown.
Precursor studies required for using
the mare soils include remote sensing
for both the ores and sites,
verification of any discovered ore
bodies, and evaluation of the material

for ease of beneficiation. The group
felt that the term "remote sensing"
needed better definition.

Three different types of feedstocks
were considered for the magma
electrolysis method of extracting
oxygen. They were highlands
anorthositic gabbro soil, all
highlands soils, and mare soils which
are low in iron content. Highlands
anorthositic gabbro soil is known to
be a common highlands soil type.
Optimum ore bodies and their
locations are unknown. Detection,

verification, and analysis of ease of
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beneficiation of these ore bodies are
needed. Apollo 16 and Luna 20 sites
are good locations for highlands soil.
Low-iron mare soils were found at

the Luna 16 site, but their extent
there is unknown.

2.2.2 Solar Wind I m n I a n t e d

The single process examined for
extracting these volatiles is thermal
release -- simple heating of any
lunar soil. Mature, high-ilmenit¢
mare basalt soils are considered to be
the best feedstock for these volatiles.

The proportions and absolute
amounts of the gases, including
helium isotopes and total helium,
vary in different soils. It is known
that the volatiles are concentrated in

the outer 200-400 angstroms of
individual lunar soil particles. In
terms of grain size, the volatiles are
most heavily concentrated in that
fraction of soil particles which are
smaller than about 50 micrometers.

Specific details on the volatile

concentrations in the different soils,
soil depths, and particle size groups
are needed. Further study of the
extant lunar collection is needed to

estrblish the volatile proportions and
absolute quantities in different soils
and to establish their concentration

by depth. The data base on solar wind
implanted gases needs to be evaluated

in terms of potential resource
utilization, as does existing
knowledge of thermal release
methods. Additionally, volatile
sources other than lunar soils need

evaluation. An example of an
alternate source is polar ice, where
LGO data are required.

2.2.3 Magmatie Volatiles

This group of volatiles includes
sulfur (S), chlorine (CI), and other
magmatic volatiles in coatings on
fire-fountain-produced volcanic

2-3

glass beads (e.g., Apollo 17 Shorty
Crater "orange soil") and in certain
soils (e.g., mare vs. highlands). As
with solar wind implanted volatiles,

thermal release was the only process
which was discussed. Volcanic glass
beads and mare basalt soil were the
two feedstocks under consideration.

Volcanic glass beads are known to
occur in Shony Crater, but the extent
of the deposit there is unknown.
Details of thermal release of the
volatiles in these beads are also

unknown. Exploratory remote
sensing of pyroclastic deposits would
eliminate some of the unknowns

concerning this resource. M o r e

study on particle coatings is needed,
both to quantify their composition
and to understand their origins.

The mare basalt soils are known to be

as good a source of sulfur as the

volcanic beads. Sulfur is present in
the mare soils in the form of the

mineral troilite, FeS, which is

relatively abundant in many mare
basalts. Required precursor studies

include the evaluation of sulfur
content in existing samples and the
evaluation of sulfur production from
products of solar-wind thermal
release.

2.3 METALS

For all metals discussed below, no
specific ore bodies have been
identified. Any number of mare
basalts or highland anorthosites, or
their soils, can be utilized as source

materials. It remains for precursor
studies of the extraction techniques
to define the exact functional needs
before the details of which materials
can be used are identified. The "ore

bodies" for such processes are
numerous.

!
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2.3.1 Iron. Nickel. Cobalt (Fe.

Two extraction processes for these
metals were discussed. The first is the

carbonyl process, which would use
mature mare basalt soils. The second

is magma electrolysis, which for
metal extraction would use a high Fe
mare basalt soil that would yield

minimal oxygen.

For the mature mare basalt soils, it is

known that all agglutinates have
native Fe, but how much of that is

accessible by the carbonyl process is
unknown. It is also unclear as to

whether those regions of the Moon
with high Fe content, as identified by
spectral data, correspond to areas
with high native Fe (i.e., elemental
iron) concentrations. Ground truth

data are lacking. To fill in these gaps,
Fe occurrences should be determined

from lunar sample studies.

2.3.2 Silicon. Aluminum. a n d
Titanium (Si. AI. Ti)

Electrolysis by fluoride (F) flux and
magma electrolysis were the two
techniques discussed for extracting
Si. Both F flux and magma
electrolysis will use anorthositic

gabbro highlands soil and low Fe
mare soils. As discussed above under

oxygen extraction by magma
electrolysis, it is known that the sites
of Apollo 16 and Luna 20 are good
locations for highlands soils, that
anorthositic gabbro soil is a common
highlands soil type, and that low Fe
mare soils were found at the Luna 16
site.

Electrolysis and hydrogen fluoride
(HF) dissolution were the two AI-

extracting processes which were
briefly considered. Any feedstock
was felt to be acceptable for HF
dissolution. AI is present at the five
percent level in maria soils and in
15% of highlands soils. It is probable

that a rather pure anorthositic Apollo
16 soil would be the more desirable
feedstock.

Over 10 percent of many maria soils
are comprised of TiO2. However, it
comprises less than one percent of
highlands soils. The Apollo 11 and 17
soils and rocks contain the highest
TiO2 contents of all lunar samples yet
examined. Such materials could be

suitable for Ti extraction. No specific
Ti-extraction processes were
identi fled.

2.4 MATERIALS

A necessary precursor study for all
the materials in this section is a

systematic evaluation of existing
ideas on products which can be made
from lunar soils.

Z.4A__Yala 

Glass is thought to be important as a
construction material in the
evolution of a lunar base. The
absence of water on the Moon means

that glass will have a much higher
tensile strength than it does on Earth,
due to the weakening effects of

water. However, glass will still be
very brittle, so it should be used in
fiber form where great tensile
stresses need to be applied. This will
distribute the tensile load over many
elements. To protect the glass fibers
from contamination with water, they
should be coated with metals such as

iron, magnesium, or aluminum.
(Blacic, 1985)

The members of the session listed

three types of feedstocks. For optical
glasses, they cited anorthite. For
glass foams, they named pyroclastics.
Rock wool was cited as a generic glass
feedstock. Specifics of use of these

feedstocks depend upon their
characteristics. To alert the

community to the potential uses of
glasses, it was felt that the data
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available on the uses of lunar glasses
should be evaluated.

2.4.2 Ceramics. Cement.

Concrete. Shieldine. and

Agricultural Materials

Ceramics are created as byproducts of
a variety of manufacturing
processes. Highlands soils may be a
feedstock for ceramics, but more
information must be available about

processing techniques before
particulars can be identified.

The use of cement/concrete depends
on the evolving technology and on a
variety of byproducts from other
recovery, beneficiation, and
manufacturing processes.

Any regolith will suffice for
shielding, and it is recommended that
the topography be used to advantage.
Any lunar regolith is also suitable for
agriculture, but some sources may be
superior. Examples would be
pyroclastics, and KREEP-rich rocks
with enrichments of potassium (K),
sulfur (S), zinc (Zn), phosphorus (P)
and other elements needed in trace

amounts for plant growth. Data on
the use of lunar soils are evolving.
Among the unknowns are the

relative merits of hydroponics, rock
wool, and regolith. The need and
nature of any additives to lunar soil
for agriculture are also unknown.

2.5 OVERVIEW OF LUNAR POLAR
ORBITERS

James Burke

June 7, 1989

An overview of current proposed
lunar polar orbiters, their objectives,
and instruments was provided by
James Burke. That overview is
summarized in Tables 2.5-1 and 2.5-II.

TABLE 2.5-I.-PROPOSED LUNAR POLAR
ORBITERS

Sponsoring

Entity
NASA

Soviet and

Japanese

Non-NASA USA

Research

Objective
Lunar

Geophysical
Orbiter (LGO):
lunar science

(solar system)
resource

knowledge
Same as GLO

(ESA "POLO"

inactive)
Lunar Po'lar

Orbiter (LPO):
polar ice, other
resources,
science

TABLE 2.5-II.-COMMON LUNAR POLAR
ORBITER MEASUREMENTS

Objective
Distribution of K,
U, Th, Fe, D, etc.

Distribution of
mid-Z elements

Distribution of

minerals (O1, Px)

Polar ices

Distribution of
remnant

magnetism
Magnetic field at

SIC ,

Layering

Heat flow

Topography and

Selenodesy
Location

mapping
Chemical bonds,

light elements

Method

Gamma-ray
spectrography
(Nal, Ge (cold))

Alpha
backscatter

Visible/Near
infrared

spectrometer
Neutron

spectrometer
Electron
reflection

Magnetometer

(s)
Electromagnetic
sounding
Passive
microwave

radiometry

Radar altimetry

Camera

Laser Raman

spectrography
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2.6 IN SITU RESOURCE

UTILIZATION OF PHOBOS, DEIMOS,
AND NEAR-EARTH ASTEROIDS

Lucy McFadden
June 8, 1989

2,6.1 Phobos and Deimos

Knowledge of the materials available
for in situ resource utilization of

Phobos and Deimos is constrained by
our limited knowledge of these
bodies. What follows is a review of

our current knowledge of Phobos and
Deimos, the primary questions which
result from existing information, and
what information is needed to answer

these questions.

The shape and volume of Phobos and
Deimos are derived from

stereographic images from the
Viking orbiter. The shape of Phobos
is described by sixth order spherical
harmonics (Duxbury, 1989), while the
shape of Deimos (which shows no
evidence of tidal deformation) is

described by a triaxial ellipsoid
(Duxbury and Callahan, 1989). For
Phobos and Deimos, the mean radius

is 11.0 and 6.2 km, respectively. The

mass of Phobos is 1.27 +/- .11 X 1019 g,
and the mass of Deimos is 1.8 +/- .15 X

1 0 18 g (Duxbury). From Viking

spacecraft tracking data, their masses
are determined. Densities of 2.2 +/-

0.5 and 1.7 +/- 0.5 are derived for
Phobos and Deimos (Duxbury, 1989,

and Duxbury and Callahan, 1989).

Evidence for the presence of a
regolith on both Phobos and Deimos
comes from three independent
sources: thermal inertia

measurements, surface morphology

and photogeology, and ground-based
radar measurements.

Mariner 9 and Viking thermal inertia
measurements are consistent with a

lunar-like regolith. Both Phobos and
Deimos have surfaces covered with

craters that are debris-filled to tens

of meters. Phobos has grooves across

part of its surface that are
approximately 100 m deep and debris-
filled to tens of meters. Two craters

on Phobos show layering on the
crater walls at 40 m depth.

Deimos shows evidence of regolith
movement, and it has no grooves.
There are craters that are probably
tens of meters deep that are filled to
the brim with regolith. Albedo

patterns indicate downslope motion
of the regolith. These morphological
observations indicate the presence of

loosely consolidated material that has
moved around on the surface since

the cratering episodes.

Radar reflections from Phobos

published by Ostro (1989) indicate the
presence of loosely consolidated
material to depths of at least 3.5 cm,
the wavelength of the radar beam.
The radar reflections at this scale are

similar in magnitude to lunar
reflections, indicating a similar

degree of surface roughness. At
larger human scales of meters to
decameters, Phobos is smoother than
the Moon. A surface density of 2

g/cm 3 +/- 20% is derived from these
radar data. The radar albedo,

polarization ratio and the spectral
shape of the radar echo are within
the range of these parameters as
measured for C-type asteroids with
flat, featureless visible spectra that

are probably most similar to CM-type
carbonaceous chondrite meteorites.

Given that three independent sources
of information indicate the presence

of a lunar-like regolith that is tens of
meters deep in some places, we are
reasonably certain of its existence.
Its distribution has not been mapped

thoroughly.

Mineralogical information is derived
from ground-based photometry,
spectroscopy, and from color ratios
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derived from Mariner 9 ultraviolet

spectroscopy and Viking lander

images of Phobos measured through
the Martian atmosphere (calibrated).
The Soviet spacecraft PHOBOS
acquired approximately 40 visible
and near-infrared images, a few
spectra covering the 0.3-1.0 micron
spectral region, and several 100-
image cube spectra in the 0.7-3.5
micron spectral range. When
analyzed, these images and spectra
will provide information on the
distribution of water across the
surface of Phobos.

The early ground-based data (UBV
photometry by Zellner) and older

spacecraft data have composite
spectral shapes similar to the
spectrum of asteroid 1 Ceres and a low
albedo on the order of two to five

percent. The spectra have a UV
absorption band and are flat and
featureless in the visible. These
spectral features are consistent with

reflectance spectra of CI and CM
carbonaceous chondrite meteorites as

measured in the laboratory. It is
from these broad-band measurements

and the density determinations that

the assumption of the presence of
carbonaceous material is based. No

diagnostic spectral features of
carbonaceous material have been
observed because there are none in

this spectral region.

Ground-based measurements during
the 1988 opposition of Mars and
infrared spectra from the French

infrared spectrometer (ISM) on the
PHOBOS spacecraft provide additional
compositional information.

Broad-band JHK measurements were

made of Deimos (Phobos could not be
detected). The color of Deimos at

wavelengths of 1.25, 1.5, and 2.2
microns are in the field of the redder

D- and P-type asteroids which
preferentially populate the outer
regions of the main asteroid belt and
the Trojans (in orbit in front of and

behind Jupiter). Narrow-band
photometry across the 3.0 micron
water band were also measured (Bell
et al., 1989). There is no water

absorption band in Deimos spectra at
3.2 microns to the 5% detection limit
of the measurements.

ISM spectra are available for Phobos.
The analysis of these and all three-
micron data are dependent on
thermal modeling and removal of the

thermal component from the spectra.
This introduces a large uncertainty
in the data. Reliable, verified results

from the ISM spectra of Phobos are

not available at this writing.

The absence of water on Deimos is not
consistent with a CI or CM

carbonaceous chondrite composition.
The low albedo and red IR colors of

Deimos suggest there are probably
organics on Deimos. Data exist from
the PHOBOS mission to address the

question of the presence of water on
Phobos. Those data are currently
under analysis.

The statement that Phobos and Deimos

are composed of carbonaceous

material is currently a best guess.
This must be kept in mind in basing
planning of in situ resource

utilization development on
knowledge of carbonaceous
chondrite meteorites. The association

of the composition of Phobos and

Deimos with any meteorite type must
be demonstrated. This would be done

with a mission capable of obtaining a
chemical inventory of these
satellites.

Knowing that these two satellites

have a regolith and no atmosphere,
we know that solar wind components
H and He are implanted in the
regolith. The calculations estimating
how much have not been done.
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2.6.2 Near-Earth Asteroids

The mandate of this workshop was to
consider the Moon, Mars, Phobos, and
Deimos. Resource utilization of
asteroids was assumed to be covered

by considering the case of Phobos
and Deimos. While our knowledge of
the asteroids more limited than that
of Phobos and Deimos, we know that

there is more compositional diversity

among the near-earth asteroids than
between Phobos and Deimos

(McFadden et al, 1989). Continuing

and expanding search programs will
increase the number of asteroids
available for use in the manned

exploration program. We must be
able to characterize the asteroids in

terms of the physical and chemical
parameters used to described the
Moon. Ground-based and in situ

studies are sorely needed to evaluate
their potential contribution to NASA's
future exploration program. Finally,
their accessibility in terms of

energy, time, and cost will determine
whether or not they can be usefully

incorporated into the planned
expansion into the inner solar system
by the human race.
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SECTION 3

Chemical and Industrial

Oxygen Production
Processes

3.1 OVERVIEW

Group 2 of the ISRU Workshop was
directed to examine, in detail, process

candidates for the production of
oxygen. They were asked to examine
a number of process characteristics.
Two such characteristics were the

type of feedstock the process
required and the degree of feedstock
flexibility the process could accept.
Another set of process characteristics
included product stream, composition,
efficiency conversion, and energy
requirements. Feedstock sizing and
unit size were additional attributes.

This group was also asked to fill out
Element Definition Forms (EDFs)

which specified these process and
plant characteristics. This section
was written by Eric Christiansen,
NASA/S N3.

3.2 OXYGEN PROCESSES

Fifteen lunar oxygen production
processes were described (see Section
3.5). These varied from processes
with similarities to existing
terrestrial industrial practices, such
as ilmenite reduction, carbothermal

reduction, and fluxed electrolysis, to
more exotic systems such as ion

separation and vapor phase
reduction.

The 15 lunar oxygen processes were
compared on a relative basis using
eight different criteria, as given in
Table 3.2-I. Four criteria were

considered more important and were
therefore weighted at twice the value
of the others. Thus the unweighted
value for each of the four criteria

was multiplied by two before it was
entered in the table. The four

criteria which received the double

weightings were:

1.) Process simplicity. This criterion
reflects on relative cost of

development, ease of operation,
process reliability, and confidence in
process viability under lunar
environmental conditions. This

comparison was made on the basis of
the number of major process steps
(elements).

2. Maintainability. This criterion is
an indication of process duty cycle
(i.e., how often the plant is down for
maintenance) which drives plant size
for a given production rate,
operations expense (in terms of the
necessary level of manpower,
resupply, telerobotics), and overall
system lifetime. The process
maintainability comparison was made
on the basis of the severity of process
operational conditions (i.e., corrosive
and/or high temperature
environment).

3. Yield. Process yield is defined as
the amount of oxygen recovered from
a given quantity of raw lunar
material. It is an indication of the

relative amount of mining and solids
material handling necessary for the
various processes.

4. Resupply requirements. This
comparison was based on the relative
efficiency of reactant recovery.

As given in Table 3.2-I, additional
comparison criteria are also
important. These include
performance numbers such as ratios
of plant mass and power to oxygen
production rate. However, these were
not included in the comparison
because they were not known to the
same level of detail in all cases. The

purpose of the comparison was to use
available knowledge to make an
initial cut at selecting the most
suitable lunar oxygen production
processes. These processes were then
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TABLE 3.2-1.-RELATIVE COMPARISON OF LUNAR OXYGEN PRODUCTION

PROCESSES

Criteria

Mat- Feed- Yield Reac- By- Corn- Relia En-

urity stock tant prod- plex- bility ergy

Wting 1
Fac-

tor:

Pro-

cess

Ilmen 4

ite

Redn

by
H20

Carbo 4

therm

Redn

Vol 3

Xtrac

H 3

Sul-

fide
Redn

Carbo 2

chlor

in

ation

Fluor 2

ine

Xchng

hydro 3

fluor

ic

acid

leach

mag 3

ma

elec

troly
sis

caust 2

ic

elec

[roly

sis

Li 2

Redn

Req. Resup ucts ity
ply

1 2 2 1 2 2 1

Wted Cut- Non-

Sum off= wted

37 sum

4 8 2 10 10 2 41 41 25

6 6 3 8 6 2 40 40 27

2 10 1 8 10 i4 41 41 26

6 6 2 6 2 2 30 20

10 2 5 2 2 2

8 2 4 2 4 2

8 4 5 2 4 2

30 22

29 21

33 24

6 10 2 10 2 1 37 37 23

6 6 3 2 4 2

6 6 2 8 4 2

30 21

35 23
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TABLE 3.2-1.-RELATIVE COMPARISON OF LUNAR OXYGEN PRODUCTION

PROCESSES (cont'd)
CRITERIA

Mat- Feed- Yield Reac- By-
urity stock

Req.

Wting 1 1 2
Fac-

tor:

Pro-

cess

Fixed 3 5 10 8
Elec

troly
sis

Vapor 2 5 4
phase
Redn

Ion 2 5 8 6

Sep
mag- 1 3 6 8
ma

part
ial
oxid
ation

meth- 2 1 4
ane/
H20
Jim.
Redn.

Com- Relia En-

tant prod- plex- bility ergy Sum
Resup ucts ity
ply
2 1 2 2 1

I0 2

Wted Cut- Non-
off= wted
37 sum

3 10 6 1 _46 46 29

t0 6 3 42 42 27

4 10 4 1 40 40 26

3 6 8 2 37 37 23

6 1 10 8 2 34 2O

studies in more detail to generate
additional data for comparison, and to
define the next development steps
necessary for determining all
applicable comparison data.

Eight lunar oxygen production
processes were selected for further

analyses.

System definition forms were filled

out for seven of the eight selected
lunar oxygen production schemes:

• Hydrogen reduction of
ilmenite.

• Carbothermai reduction of
silicates and iron oxides

• Fluxed electrolysis

• Molten silicate (magma)
electrolysis.

•Magma partial oxidation.
• Ion (plasma) separation.
• Vapor phase reduction.
•Volatile extraction (H2 and H20)

was also selected as apromising
lunar oxygen production

candidate. Since Group 4 was
working this process, it was not
considered further by Group 2.
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TABLE 3.2-1..RELATIVE COMPARISON OF LUNAR OXYGEN PRODUCTION PROCESSES

(Cont'd)

Criterion Description S c o r i n 2

1. Maturity Technology readiness level 1 = ba sic

2 F •

Requirements Ability of process to use l=low
varied feedstock materials

3. Yield Oxygen extracted per I = I o w
feedstock mined

4.Reactant

Resupply

5. Byproducts

6. Complexity

7. Reliability

8. Energy

Requirements

( u nwei_h t ed ]

principles &/or

theory exists

2=process conceptual

design exists

3=experiments & lab-
scale demonstrations

4=component validation

in laboratory

5=component
in relevant

• d s t

feedstock

1

5=all minerals

to go

yield,

5=high

validation

environment

o c k

flexibility
mineral

capability
anywhere

3=medium,

yield

Reactant recovery potential l=difficult, multiple step

& resupply requirements ops. dense reactants
3=medium

5=easy, low density
reactants

Types & quantities of useful 1 = u s • f u I b y p r o d u c t .

byproducts. Consider simplest 5 = f i v • o r m o r •
02 production scheme &

u n p r o c • s s e di n gr e s u It

byproducts

Simplicity of 02 process

Relative

l=9+major steps,

scheme, in terms of the 2 = 7 o r 8 s t • p s

number of major process 3 = $ o r 6 s t • p s

steps/units (development 4 = 3 o r 4

and operations costs, process 5 = 2 o r f • w • r s t e p s

viability, reliability)

maintainability I = h i g h t • m p • r a t u r e /

of process compared in terms highly corrosive

of the severity of process 3=non-corrosive/

conditions (lifetime, main- m o d • r a t • t • m p s

tenance requirements) 5 = ! o w t • m p /
non-corrosive

Required state of power needs; I = I 0 0 %

i.e., thermal vs. electric 2 =

(large thermal requirements 3=

indicates leverage potential

from heat recovery and energy 4 =

management techniques, 5 =

nuclear-power

recovery).

electric

>50%

primarily
thermal

>50%

100% lo-temp

power
electric

hi-setup

hi-setup
thermal

waste-heat

Criteria not considered: product purity, autonomous ops capability (continuous vs. batch processes). Important criteria
to be evaluated after more detailed study: mast/production and power woduction ratios, stowed volume, operations
and setup manpower requirements, costs and savings. Other criteria to consider: 1/6 gravity effects, process
dependent differences in program to full-scale 02 production, need for lunar pilot plant vs. first lunar demonstration
plant.
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3.3 ELEMENT DEFINITION FORMS

(EDFS)

Element definition forms (EDF's) were

filled for a 150 t/yr lunar oxygen
production plant:

Hydrogen reduction of ilmenite
process systems:
0 3-stage fluidized bed reactor.
0 Vapor electrolysis order.
0 Reactor auxiliary systems.
0 Oxygen liquefication.

Carbothermal reduction system
including a silicate reduction reactor,
carbon monoxide reduction reactor,

water electrolysis unit, oxygen
liquefication.

Fluxed electrolysis systems:
0 Electrolysis cells ( including

containment structure, bus

bars ).
0 Metal separation.
0 Oxygen purification unit.

Magma electrolysis systems:
0 Electrolysis cell.
0 Containment structure and

feed system.

Partial magma oxidation.
0 Melting, oxidation, cooling

units.

0 Grinding and magnetic
separation units.

0 Acid dissolution and

electrolysis units.

The EDF's are summarized in Table

3.3-I.

Note: Mining, beneficiation,

power, thermal control radiators, and
oxygen storage/distribution systems
were assumed covered by Group 3,
and by the 1989 Mining and
Construction Workshop. In general,
Group 2 defined the requirements for
sizing these more generic systems
(i.e., feedstock type, mining rate,
power, and heat rejection loads).

Development plans and schedules

were completed for the 7 lunar
oxygen processes considered by
Group 2. More detailed planning was
possible for the better studied
processes ( ilmenite reduction by
hydrogen, fluxed and magma
electrolysis, carbothermal
reduction). Specific high-leverage
engineering and trade studies for the
lunar oxygen processes were
described in 10 issues to be

considered (ITBC) forms. (Summary
Table 3.3-II).
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1. ll-

menite

Redn by
H2

a. reac-

tor

b. H20

elec

trolysis
cell

c. Reac-

tor

auxil

iaries

d. 02

lique
faction

TOTAL

2. Carbo

thermal

Redn

TABLE 3.3-I.-LUNAR OXYGEN PROCESS ELEMENT SUMMARY

_eed

stock

Type

ll-

menite

Mass (t)

23

1.3

12

42.3

Avg. Peak
Power Power

(kw) (kw)

150 450

210 210

40 40

30 30

430 730

No restrictions (Silicates, FeO reduced)

Stand-by
Power

(kw)

15

0

2O

Vol

(m 3)

43

2.5

45.5

Est. Op
Life

(yr)

Re-

sup-

ply
(t/yr)

0.6

2.6

(Estimates include reactors, H20 electrolysis, 02 liquefaction)

13.3 386 463TOTAL

3. Fluxed

Elec-

trolysis
a. elec-

trolysis
cells

b. metal

separa-
tion

c. 02

purif-
ication

unit

TOTAL

Feed Mass (t) Avg. ?eak Stand-by
stock Power Power Power

Type (kw) (kw) (kw)

No restrictions (all oxides reduced)

93

10

105

252

10

263

Vol

(m 3)

10

Est.

Life

(yr)

Op Re-

sup-
ply
(t/yr)

252

10

263

210

10

221

15

2

17
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TABLE 3.3-1..LUNAR OXYGEN PROCESS ELEMENT SUMMARY _cont'd_

Magma Lo-Ti Mare Basalts, Most highlands (anorthositic soils, A16 not acceptable)

Feed: 4.8 t per t 02 produced.

Elec-

trolysis

Magma
Partial

Oxid-

ation

a.

melting,

oxida-

tion,

cooling

b. grind-

ing,

magnet
ic

separa-
tion

c. acid

dissol-

ution,

elec-

trolysis

TOTAL

a. Elec

trolysis
cell

b. Con-

tain-

ment

&feed

TOTAL

Feed

stock

Type

300

10 300 1

Mass (t) Avg.
Power

(kw)

Peak

Power

(kw)

No Restrictions (high FeO preferred)

Stand-by
Power

(kw)

Vol

(m 3)

10

Est.

Life

(yr)

Op Re-

sup-

ply

Feed: 34 t per t 02 produced.

0.5

1.6

2.05

4.15

65

16

312

393

65

16

312

393

1.72

0.83

2.02

4.57 2O <1

Reference: Group 2, 1989 ISRU Workshop

Basis: 150 t O2/yr
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TABLE 3.3-11.-LUNAR OXYGEN PROCESS ISSUES/TRADE STUDIES

Hydrogen Reduction of llmenite:
.

2.
3.
4.

.

Preoxidation of llmenite prior to processing with H2.
H2S impurities removal before high-temperature electrolysis.
Moving bed design vs. fluidized bed vs. fixed bed.
High-pressure GO2(?) storage during day, power generation
w/expansion/liquefaction at night.
Conventional liquid water electrolysis vs. vapor phase electrolysis.

Fluxed Electrolysis:
6. Power conditioning (needs low voltage, high current, high

reliability).
7. Flexibility of process-minimize process complexity according to

products required.

Magma Electrolysis:

8. Electrolysis cell needs engineering work.
9. Funding required for adequate progress.

Vapor Phase Reduction:
10. Beneficiation needs.

11. Rapid quenching techniques of hot gases(trade conventional
condensers vs. nozzle expansion vs. others).

Plasma Decomposition, Ion Separation
12. Phase I Issues:

Particle size, separation efficiency, side reactions, dissociation

kinetics, extent of elemental ionization, contamination of gas
stream, panicle heating rate.

13. Phase II Issues:

Extent of element ionization, contamination of gas stream,
particle heating rates, ability to automate, utility of byproducts,
compositional difference between simulated and real lunar

materials, istrumentation and controls, collection and removal of by
roducts

14. Phase III Issues:

Extent of elemental ionization, contamination of gas stream,
particle heating rates, heat loss in system, utility of byproducts,
compositional differences between simulated and real lunar
materials, instrumentation and controls, collection and removal of

byproducts, weight of pilot plant, materials of construction, use of
composites.

15. Phase IV Issues.

Life time of lunar plant.

Reference: Group 2, 1989 ISRU Workshop, ITBC Forms
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3.4 LEVERAGE VALUE OF OXYGEN PRODUCTION ON THE MOON, MARS,
PHOBOS, AND DEIMOS.

Generalized statements presenting the advantages of oxygen production on the
Moon. Mars, and Phobos/Deimos were given in 5 Justification Forms.
(Summary Table 3.4-I)

TABLE 3.4-1.-JUSTIFICATIONS FOR EXTRATERRESTRIAL PROPELLANT
PRODUCTION

MOON

Lunar Oxygen

.

.

*

4.

.

Economics: Total program cost will be less with oxygen production.

a. Economics improve as flight rate (number of landings/yr, increase.

b. Economics improve as lunar program time period (or plant

lifetime) lengthens.

c. Economics improve as number of people on lunar surface increases.

d. Economics improve if reusable (vs. expendable) landers are
available.

e. economics improve given the following process characteristics:

i) Low mass, power, and manpower requirements.

ii) High reliability, low maintenance, long plant life.

iii) Simplicity.

iv) Ability to bring the plant on-line at earliest possible date

with minimum lunar pilot plant and testing requirements.

v) High yield, simple mining requirements.

vi) Minimum resupply requirements, such as for reactants and

spares.

Safety, Flexibility, Reliability: Lunar oxygen increases safety,

flexibility, and reliability of a lunar base program, irrcgardless of
propellant economics.

Demonstration of extraterrestrial resource utilization-necessary for
any long-term use of space.

Economic justification for lunar landers (ascent and descent)

relatively easy. Use of lunar 02 in LEO dependent on more efficient

lunar mass to LEO transportation system (such as mass drivers, lunar

aerobrakes, lunar fuels, etc.).

Cost analysis for using lunar 02 instead of Earth 02 in Lunar Landers:

Basis: 150 t O2/yr.

One year cost saving status.

Cost of delivering LO2 from Earth-Moon:$1650M(150t/yr@$11k/kg).

Cost of plant delivery: $ 167 M (15.1_ $11k/kg).

Cost of labor: $ 170M (1700 manhour/yr

@ $1000k/man-hr.).

Annual Cost Savings (Approximate) $ 1,300 M
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TABLE 3.4-1.-JUSTIFICATIONS FOR EXTRATERRESTRIAL PROPELLANT
PRODUCTION (Cont'd)

6. Life-Support Synergism: All processes can provide 02, and some

processes can recycle solid wastes, water, and nitrogen.

7. Useful byproducts: metals, ceramics, (sintered and cast),etc.

MARS

Martian oxygen, and perhaps CO as fuel:

.

2.

Payload increases: 02 on Martian surface increases payload without

drastic program changes/costs.

Enables single stage, reusable lander/ launcher. Reusable spacecraft

necessary for efficient long-term martian base servicing.

Martian 02, CO, N2, and H20:

. Safety reliability and flexibility of transportation and martian based

enhanced with even small 02 plant. ECLSS closure parameters

become less important. Recovery from some failures possible.

PHOBOS/DEIMOS

Phobos/Deimos propellant production:

.

2.

3.

Decrease LEO mass for piloted Mars missions. 30% savings over

enough time (20yrs?).

Propellant in Mars orbit increases safety, reliability, and flexibility

of regularly run missions to Mars surface.

May enable a single stage, reusable Earth-Mars trans, system.

Reference: Group 2, 1989 ISRU Workshop, Justification Forms

System and element definition forms were submitted for a Mars CO2
Atmospheric processor (producing 100t LO2/yr), and a Phobos/ Deimos water

extractor (producing 100t LO2/yr and 12.6 t LH2/ yr).
¢ Mars CO2 processor requires verification of system ruggedness.

autonomy, and dust removal efficiency (dust particles > 0.1 nm must be
removed prior to zirconia cell) before being ready for flight hardware design.
Precursor data is needed on dust size and chemistry.

0 Phobos/ Deimos propellant production plant design work suffers from
little hard data on actual compositions and surface mechanical characteristics
of the moons. Some general system level and transportation trades are

possible.
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3.5 LUNAR OXYGEN PROCESSES

Fifteen lunar oxygen processes were
identified, described, and evaluated

during Group2 activities at the 1989
ISRU Workshop. A very brief
discussion of these 15 processes
follows. More detailed descriptions,
process schematic, reaction

chemistry, advantages,
disadvantages, and references for the
first 13 of these 15 candidates are

given in the reference: Christiansen,
E. L. : "Conceptual Design of a Lunar
Oxygen Pilot Plant, " Eagle
Engineering Report 88-182, NASA,
Contract NAS9-17878, July 1, 1988. The
last two were initially discussed
during the workshop sessions.

3.5.1. Hydrogen Reduction of
IImenite

Process chemistry is:
•FeTiO3 + H2 = Fe + TiO2 + 1420

Redn @ 900-1000 C
•H20 = H2 + 1/2 02

Electrolysis
Figure 3.5-1 shows a simplified
process schematic.

Advantages:
0Uncomplicated process
chemistry. Verified in
laboratory.

0Reactant recovery is

accomplished in one step by
simple water electrolysis.

0Low density of hydrogen
translates into low reactant mass

makeup (low resupply).
0Direct terrestrial counterparts
exist for major process
equipment (fluidized bed

reactor). Industrial operating
experience can be drawn on to

assist development.
0Process temperatures below
feedstock melting point. Reduces
corrosion concerns.

0Iron production possible.

Disadvantages:

0IImenite concentrates required
for process efficiency.

0More development work needed

for high - temperature
electrolysis cells. Sulfur

impurities and dust are potential
problems.

0Kinetics relatively slow for
divalent-containing iimenite.

0Thermodynamic conversions
relatively low at reaction

temperatures requiring high gas
flow rates. Fluidized bed reactor

possible option, but 1/6-gravity
effects must be determined.

3.5.2 Carbothermal Reduction

One possible reductant is
metbane(CH4)

•(MO) (SiO2) + 2 CH4 - 2 CO + 4 I-I2 +

Si + MO where MO is any metal
oxide.

Redn @ 1625 C
•2 CO + 6 H2 = 2 CH4 + 2 H20

Catalytic React @ 250 C
•H20 = H2 + 1/2 02

Electrolysis

Process schematic in Figure 3.5-2.

Advantages:

0Less mining required since
silicates reduced. No

beneficiation required.
0Process studied in laboratory and
works with magnesium-silicate
lunar simulates.

0Terrestrial counterparts exist.
0Silicon and iron possible
byproducts.

Disadvantages:
OMolten silicates will be

corrosive. Refractory line vessels
required.

OCarbon reactant recovery more
difficult than hydrogen. Carbon
losses in metal and slag streams
more likely.

0Need catalysts; notoriously prone
to poisoning and have limited
lifetimes.
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3.$.3 Volatile Extraction.

Solar wind hydrogen deposited in the
lunar soil can be evolved by thermal

processing, 80% by 600 C. This
hydrogen reacts with iron-oxides to
form water. If the hydrogen is

recycled through the bed to provide
heat transfer, a substantial amount of

oxygen can be recovered. A process
schematic is given in Figure 3.5-3.

Advantages:
0Both oxygen and hydrogen can
be produced.

0Vacuum pyrolysis data on lunar
samples exists and can be used for
design.

Disadvantages:
0Large amounts of solids handling

and thermal energy transfer
must bc accomplished with a
minimum of lost gases.

_;.5.4 Hydrogen Sulfide

General reaction chemistry (where
M= Fe, Ca, Mg):

•MO + H2S = MS + H20
Reduction

•MS + Heat = M +S

Therm. Decomp.
•H20 = H2 + 1/2 02

Electrolysis
•H2 + S - H2S

Regeneration

Advantages:
0Higher yield than hydrogen
reduction of ilmenite. Less

mining and solids handling.
Beneficiation may not be
required.

Disadvantages:
0Thermal decomposition yield and
conditions uncertain.

0Sulfur is corrosive.

3.5.5 Carhochlorination

See EEl Report 88-182 for process
chemistry. Schematic given in Figure
3.5-4.

Advantages:
0Higher yield process because
both FeO and A!203 can be
reduced.

0Production of aluminum and low

carbon steel is a necessary
byproduct.

Disadvantages:
0Reactant recovery very difficult,
equipment and mass intensive,
and questionable efficiency.

3.$.6. Fluorine Exchan_,e

Simplified reaction chemistry (where
M = Ca, AI, Fe, Si, Mg, Ti) :

•M oxides + F2 = M fluorides + 02
50O C

•M fluorides + K = Metals + KF

Redn w/K vapor
•KF= K + 1/2F2

electrolysis @ 846 C

Advantages:
0Reacts with all oxides.

0Oxygen liberated directly.
0Metal byproducts (AI, Si, etc.).

Disadvantages:
0Considerably more complicated

than simplified chemistry
suggests. Fluorine recovery
extremely complex &
mass/energy intensive.

0All steps have not been proven
in laboratory.

0Oxygen must be purified of
fluorides.

3.$.7 Hydrofluoric Acid Leach

Process schematic and chemistry in
Figure 3.5-5.

Advantages:
0Reacts with all oxides.
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Disadvantages:
(>Complicated HF recovery.
(>Chemistry not completely
verified in laboratory.

3.5.8 Ma_ma Electrolysis

Direct electrolysis or molten silicate
electrolysis are other names. Figure
3.5-6 shows schematic.

Advantages:
(>Require no flux.
(>Beneficiation not required.

(>Laboratory studies are on-going.

Disadvantages:
0Molten silicates extremely

corrosive.
(>Electrode consumption problems

can occur, even if platinum
electrodes used (low melting

point platinum-iron and Pt-Si

alloys can form).
(>Dendritic growth of metals

across electrodes which short cell

can be a problem.

3,5.9 Caustic Solution

FA.e.cXr.al.v.x 

Process diagrams given in Figures
3.5-7a and 3.5-7b

Advantages:
eNa in lunar materials could

possibly be used to make up
process losses.

Disadvantages:
(>Some authors claim high yield

process with reduction of Fe, A1,
Ti, and Si oxides possible. Others

say only iron-oxides reduced by
sodium. Uncertainties large.

(>Inert electrodes needed.

0Caustic recovery difficult.
(>Dendritic growth possible

problem.

3.5.10 Reduction by Lithium

Chemistry:

•2 Li + MO = Li20 + M

(where MO = oxides of Si, Fe, Ti)
•Li20 = 2 Li + 1/2 02

(electrolysis of lithium oxide)

Figure 3.5-8 gives a process
schematic.

Advantages:
(>High yield process.
(>Metals production possible.

Disadvantages:
0Lithium oxide recovery from
lithium reduction reactors solid

product will be difficult.
(>Lithium oxide electrolysis needs

experimental work.

3.5.11 Fluxed Electrolysis

Also goes by electrolysis of a molten

salt. Figure 3.5-9 shows process.

Advantages:
(>High yield process. All oxides
reduced.

(>Currently being studied.
(>Some terrestrial industrial

experience applies (aluminum
industry). However, several
unconventional processing

requirements exist.

Disadvantages:
0Inert electrodes require further

development.
(>Components of flux require

recovery steps.
(>Lifetime of equipment may be

limited by process conditions.
(>Fluorides must be stripped from

oxygen product.

_;.5.12 Vaoor Phase Reduction

Process schematic in Figure 3.5-10.

Advantages:
(>Bulk lunar soil serves as

feedstock. Beneficiation probably

not needed.

(>Reagents not required.
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OProcess currently being studied.

Disadvantages:
0Energy intensive. 3000 K

temperatures required.
0Containment materials problems
will be severe.

0Removal of materials from

condensors may be severe
problem.

0Low process pressures will

require large volume equipment
for given product rate.

3.5.13 Ion Senarati0n

Figure 3.5-11 shows schematic.

Advantages:
0Metals byproducts.
0Any lunar soil feedstock.
0Currently being studied.

Disadvantages:

0Requires helium plasma
carrying gas.

0Extremely high temperature
(8000-10,000 K), energy intensive
process.

0Small particle feed size required.

3.5.14 Mat, ma Partial Oxidation

Process given in Figure 3.5-12.

Advantages:

0Works on any iron-oxide
containing soil. Feedstock
independent.

Disadvantages:
0Fairly complex for oxygen

recovery. After oxidation and
magnetite recovery, other

oxygen production possibilities
exist (iron-oxide reduction by
hydrogen or CO).

0Process not examined/ verified

in laboratory.

3.5.15 Methane-Water

Process
llmenltf

Previously known as super-critical
water oxidation. Reference: Van
Buskirk, P. D. : "CO/H2 Reduction of

llmenite Process Using Water/
Methane as Feed," LESC Memorandum,
June 21, 1989. Process scheme shown

in Figure 3.5-13.

Advantages:
0Plug flow reactor
Gravity independent.

possible.

Disadvantages:
0Requires beneficiated iimenite
feed.

0Currently just paper study. No
laboratory data available. Need
laboratory verification of reactor
parameters/conditions as next
step.
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Figure 3.5-1A.-Simplified Schematic of Hydrogen Reduction of Ilmenite
Process
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Figure 3.5-1B.-Three-Stage Fluidized Bed Reactor Concept for llmenite
Reduction

Figure 3.5-1.-H2 Reduction of Ilmenite
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Figure 3.5-2B.-Carbothermal Process with Carbon Reductant

Figure 3.5-2.-Carbothermal Reduction
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07

Figure 3.5-4.-Carbochlorination Process Flowsheet
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SECTION 4

Plant Engineering

4.1 PURPOSE

The purpose of the Plant Engineering
Group was to define as well as

possible a typical processing plant
for In Situ Resource Utilization

(ISRU) and to identify the issues that
need resolution for the complete
development of such a plant.
Conceptual designs were sought
rather than details of the oxygen
production process, except where
details such as reagents and imported
materials were important for design.
Emphasis was placed on lunar
processing because another group
was assigned to consider Martian
applications. Also, the Moon is the
obvious first step for ISRU.

4.2 APPROACH

The approach used was to first lay out
a basic block diagram for a generic
ISRU plant with all of the necessary
components. Then the issues
associated with each block were

discussed. Candidate systems, such as
the hydrogen reduction of ilmenite,

were not considered. It was thought
that a generic approach would be
better. It was recognized, however,
that the detailed considerations of

each of these systems would require
some input from the candidate
systems.

After each of the blocks were

identified for the generic plant, a
block by block needs assessment was
performed to determine issues
associated with such matters as
instrumentation and control,

tribology, thermal management, and
mechanical systems. Though time
constraints prevented the
identification of similar terrestrial

systems and equipment which could
be suitably modified, Element
Definition Forms (EDFs) were filled
out.

4.3 GENERIC BLOCK DIAGRAM
FOR A LUNAR ISRU PLANT

The basic plant block diagram has
three components, Beneficiation,
Processing, and Oxygen Separation
and Storage. In the Ore Input and
Beneficiation Block, received ore is

processed to meet all other plant
requirements. Outputs from this
block include possible volatiles from
heating the ore, acceptable ore for
the oxygen plant process, and scrap
not suitable for use by the rest of the

plant. The Beneficiation Block output
is sent to the Process Block. Oxygen is
produced there, as well as other
process materials such as refractories

and metals. Oxygen is separated from
the process product stream and
liquefied for storage. Other gases
which are removed may either be
recycled back to the Process Block, as

in the case of hydrogen reduction of
ilmenite, or they may be sent off to
other storage units. In all cases,
electrical and heat energy
production and removal will be
required.

4.4 BENEFICIATION BLOCK

The components of the Beneficiation

Block depend strongly on the type of
process used. The baseline case

which utilizes all possible elements
starts with a rock feeder system
which uses a vibratory or screw
feeder with klinker removal. The

roughly sized rock would then be
ground and sized according to process
requirements. The sized feed would
then pass through a separator which
separates according to the
composition demanded by the
process. For example, in the ilmenite
reduction case, the separation would
be magnetic. Following separation,
the materials would most likely be
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stored in 'a h61din_g area. This is
because the beneficiation process is
expected to feed the oxygen
production unit in batches rather
than in a direct, continuous feed.

Departures from this complete system
include the following:

•Regolith feed which would go
directly to the sizingsystem with
fine regolith; alternatively/ a
thermal aggregation process to
coarsen ultrafine regolith could
even be used.

• Melt type processing such as

magma electrolys,is would
probably eliminate all steps of
grinding, sizing, ::and composition

determination since the magma
electrolysis will use'all materialS.

Instrumentation and control issues

include the following:
•Particle size determination using
laser" based "optical systems or
vibratory screens.

•Mass flow systems for solid flow.
• Chemical analysis which will be

affected by the process tolerance
and requirements. :

• Temperature. • "
• Mass transport methods, and
thermal management _of :-the
solids.

• Dust control for the thermal
surfaces and possibly the use of

inflatable collars and coverings
'that protect critical :-components

and joints. ..... : :
• Mechanical drivers used: ]'or

transporting _ materials and other

types of actuation., _: •

The principal issue which developed
from the discussion about _:the
Beneficiation Block was the need to
remove sulfur from the feed ore:; 'It

gas' suggested that:: th]_ ._ req_iireff_ent
'might result in : _t: _prc._rocess _-'plant : as

large as the main ptocess__plant.': _:_

4.5 OXYGEN SEPARATION AND

STORAGE

The Oxygen Separation Block

requires that particulates be removed
by upstream filtration (electrostatic
filtration) if the hydrogen reduction
of iimenite_ is used. Depending on the

qfpe of_ separation unit used, the gas
may have to be cooled. The

separation processes which were
considered include, electrochemical
(high.and low temperature), Thermal
Swing Absorption (TSA) using lunar
zeolites, diffusional membranes,
cyclone separation (no moving parts

separation relaying on weight
differences, of the .gases), and
fractional.distillation, Further he'at
exchange, will have to be done on the
discharge-.gas (that gas which does
not. contain oxygen) and possibly' on
the oxygen, depending on . the
liquefaction process_ used.

Instrumentation and control

requirements are fairly
conventional, including pressure,
temperature,, differential pressure,
chemical .composition, thermal

management, and flow control. An
expert system will be required for
operation of the block. Valves will

need to be configured forl robotic
removal (robotic. handshaklng) as
well " as .for the special design
requirements, demanded by the lunar
environment.

Issues include materials corrosion

and environmental heat rejection.
There are also issues of erosion in the

incoming heat exchanger at the

beginning of the Oxygen Separation
Block. _

4.6 OXYGEN PROCESS

_Th_ .actual oxygen generaa n. rocess.... ....... : ,....q ,,:P
_r_cetved the, least attentlqn d_c. to...the

:i_at "_i:v.ariety -of ..Possible: p.rocess_s.

:F,i;ve categor!es of oxygen:.processes
,w_e_. i_lent!fied:: • , ..... ,.,

4_2 ORIGINAL rAGF. I_

OF POOR QUALITY
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•Thermochemical Reduction

hydrogen reduction of ilmenite,
carbothermal reduction, volatile

recovery, and hydrogen sulfide
reduction.

.Thermochemical
carbochlorination

-Thermochemical

fluorine exchange
•Reactive solvent
-Electrochemical

electrolysis
•A separate group (see Section 3)
dealt with oxygen processes in
much greater detail.

redox

oxidation -

HF leaching

magma

4.7 DETAILED REPORTS ON EACH
BLOCK

The group decided that too many
process possibilities existed for them
each to be considered in detail within

the time constraints of the workshop.
Therefore, only one or two key
process possibilities were considered
by the small groups. A concern

expressed was that there would be too
much quantitative emphasis placed
on the deliberations of the groups
when there was insufficient time and

data to provide the detailed
information required by such a
quantitative analysis. This point is
stressed here to prevent the overuse
of the results of the groups. The

groups were told to pinpoint problem
areas for the processes considered

and to put as much "intelligence" as
possible into the numbers, Issues
covering lack of knowledge were
stressed in the discussions. EDF's and

ITBC's were developed as a part of this

process and are found in the
appendices.
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SECTION 5

Volatile Extraction

5.1 OVERVIEW

The task of Group 4 was to examine
processes for the extraction of
volatiles. As part of that, they
discussed the kinetics and chemistry
of various processes. They looked at
the techniques and hardware which

would bc required for extracting
volatiles. Various techniques were
assessed, including thermal,

microwave, and gas separation. Part
of the assessment of techniques was
to look at the advantages and
disadvantages of the various
processes. Comparison of proposed
techniques with state-of-the-art
terrestrial solutions constituted

another part of the assessment
process. Plant needs for thermal

management, control, and so forth
were discussed, along with
recommendations for development.
Finally, various elements of the
extraction systems were reviewed.

The approach of the group was to
first identify the volatiles which
could be extracted from the Moon,
Mars, Phobos, and Deimos. Next, the

group defined an extraction system's
primary and secondary stages or
elements. The primary stages consist
of acquisition, beneficiation,
processing, species separation, and
storage. Secondary elements include

logistics, maintenance,
transportation, power, control, and
mechanical conveyances.

Third, volatile extraction for each

planetary body was considered in the
context of the various phases of the
extraction system. For each phase,
both a baseline and an alternate

process or mechanism were selected.
For example, the baseline choice for
Martian volatile storage was liquid
tanks, and the option was solid

containers. Where appropriate,
recommendations concerning the

process or mechanism were made.
Each planetary body was treated in
this manner.

Following the discussion of specific
extraction systems, candidates for
research and additional scientific

exploration missions were identified.
Technical spinoffs which could

emerge from this research and
exploration were also identified and
discussed.

5.2 AVAILABLE
VOLATILES

PLANETARY

Lunar volatiles which the group
considered accessible were H2, H2O,

He, CO2, CO, CH4, and N2. Volatiles
which were ruled out were Ar and

other rare gases, and halogens. The
only volatiles which were considered
available and useful on Mars were

H20 and CO2, primarily from the
atmosphere. Excluded Martian
volatiles include H2, He, CO, SO2, O2,

N2, CH4, halogens, Ar, and other rare
gases. Potential alternate volatile
sources on Mars are the polar ice
caps and the soil at the equator. The
latter can be drilled. Available
volatiles on Phobos and Deimos
include H20, CO2, CO, H2, He, CH4 and

HC. Halogens, SO2, O2, N2, NH3, Ar,
and other rare gases were ruled out.
The availability of H20 enables other

processes, such as aqueous extraction.

5.3 THE VOLATILE EXTRACTION
SYSTEM

As stated above in the Introduction,

five basic steps comprise the
extraction system: acquisition,
beneficiation, processing, species
separation, and storage. The sub-
elements of the system include
logistics, maintenance,
transportation, power, control, and
mechanical conveyance.

Acquisition can be by excavation or

PRECEDING PAGE 13LA_K NOT FILMED
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by passive or active in-situ methods.
Excavation methods include both the

use of machinery and the use of
physical devices such as explosives.
Machinery considered includes
bucketwheel/trencher mobile miner,

dragline/rail, scraper/paddleloader,
front-end loader,

slinger/snowblower/ballistic
sweeper, clamshell, backhoe, and
auger. Physical devices other than

explosives consist of electromagnetic,
vacuum/screen, adsorption, and
electrostatic, ln-situ passive methods

containers. Underground storage is
an alternative.

5.4 ACQUISITION OF VOLATILES

For the Moon, the primary or
baseline acquisition method selected
was the bucketwheel/mobile miner.
The alternate method was the

dragline.

For extraction of volatiles from

Martian polar icecaps, a number of
systems were considered. Machines

include heating or using selective, discussed included a drill, heat, and
microwaves in a dome. Active in-situ
methods considered include the hot

rototiller, the mole. the thermal or
microwave hot clamshell, and the

drill�heat�pump.

Several beneficiation methods exist.

Those identified include screens,

electrostatic, pneumatic,
electromagnetic, cyclonic, grinding,
ballistic, ultrasonic, density (for
liquids), Wilfrey Table, and robotic
handpicking.

Six processing/species separation
methods were considered. These were

thermal, microwave radiation, O2

combustion and vibration, crushing,
ultrasonics, and chemical. Six

thermal processing techniques were
explored. One was a solid/solid heat
exchanger using heat pipes. A

second type of heat exchanger was a
solid/gas type using a carrier gas. A

third type of thermal process was
direct solar. The other three types of
thermal processes were microwave,
RF heating, and laser. Simple cooling
was one type of species separation
technique. More complex techniques
included diffusing membranes,
adsorption, laser isotope, chemical,
ionization/plasma, molecular sieves,
and pressure swing adsorption.

Storage was examined in the context
of physical states (solid, liquid, gas).
Aboveground storage options include
radiation shielding, tanks,

pump system, a dragline/rail system,
a bucketwheel/trencher, an auger, a
scraper, and a front-end loader.
Other types of systems which were
considered included blasting and
microwaves in a dome.

The major Martian volatile extraction
concern was felt to be the need to

acquire water. Polar caps consist
mostly of ice and dust. The water/ice
below that is permafrost. The project
team would be aiming for the vein of
water/ice. A precursor mission to
establish the presence of water ice in
various locations on Mars was

considered by the session members to

be an absolute necessity prior to
solidifying final plans.

The chosen baseline Martian

acquisition system is the drill, heat,
and pump process. The primary
option is the mobile miner, which is a
system that can process water off the
surface of the planet. The primary
recommendation for volatile

extraction on Mars was to compile
more data on Mars' atmosphere
because that is a "knowable" factor.

Several choices were examined for

acquisition on Phobos and Deimos.
The first was a fixed dragline/rail

system (driven by the lack of any
significant gravity). A hot clamshell
was another mechanical system. The
mole, underground auger and the
anchor dragline were three other
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mechanical extraction devices. An

electromagnetic device was one non-
mechanical system. Three non-
mechanical, passive systems were
microwave, heater with dome, and
boiling with a dome (a variant of the
heater).

The selected baseline was a

combination dragline/rail device
fixed with a hot clamshell system.
This combination will heat material

and drive off gases. A microwave
clamshell with a rototiller and a mole

system were two alternative

acquisition systems.

5.5 BENEFICIATION

The selected lunar beneficiation

method was the screen. The primary
option was an alternate version of
the screen which uses electrostatic

attraction/repulsion as a sizing
method.

If the baseline Martian acquisition
system is drill, heat, and pump, as
described above, the attendees felt

that the question of a beneficiation
process might not have any validity.
However, they felt that if filtering
dirty water fell under the rubric of
beneficiation, then a screen would be

employed for that process. If the
mobile vehicle processor option is to
be used, then heat would be the
beneficiation method because heat

would melt the product and boil it off.
For the mobile processor, the
question arises about what is being
mined: ice or water bound up in
chemical form.

Questions which arose regarding
beneficiation on Phobos and Deimos
centered around the choice of

acquisition method. If the concept of
dragline/rail/hot clamshell is the
baseline, the primary question was
what beneficiation concept was valid.

However, two processes were
identified as possibilities. One
process consists of scooping, lifting,

and vibrating with a device that has a
half clamshell on the bottom. The

other process is a simple grizzly,
which is a large sieve that eliminates
large items and passes the smaller
ones. The baseline decision was to

use the grizzly; no option was
selected.

5.6 SPECIES SEPARATION AND
PROCESSING

Eight techniques were identified as
possibilities for lunar species
separation. Liquefaction, diffusing
membranes, adsorption, and laser
isotope were four techniques. The
remaining four were chemical,
ionization�plasma, molecular sieves,

and pressure swing adsorption.

For lunar processing, the baseline
choice was a combination of a

liquefaction system and diffusing
membranes. This choice of diffusing

membranes was justified on the basis
of their possible low cost and
workability. However, while it is
known that the diffusing membranes
will work, it is not known how well.

The cooling system will also work, but
is considered to be costly. Two
secondary alternatives to this
combination were adsorption and
chemical separation. The utilization
of only diffusing membranes was a
tertiary alternative.

For the case of Mars, separation
processing is considered to be of

major importance due to the large
amount of dissolved material to be

encountered. Several techniques
were discussed. They are: distillation,

crushing, ultrasonics, 02 combustion,
X-ray radiation, vibration, chemical,
filtration, and floculation

(electrochemical). The baseline
choice was to use filtration coupled
with distillation, and the primary
option was to use a chemical/ion
exchange.

On Phobos and Deimos, a most
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important consideration is the zero-
gravity setting. Another question is
whether the work will be done on the
natural satellites or on an artificial

one. A third concern to be kept in
mind is the goal of separating CO2
from H20. The separation processes
considered were: liquefaction,
diffusing membranes, adsorption,
laser isotope, chemical,
ionization/plasma, molecular sieves,
and pressure swing adsorption. The
baseline choice was the liquefaction
process, with diffusion and molecular
sieves as alternatives.

5.7 STORAGE

Hydrogen is the major volatile of
interest on the Moon. Storage
techniques include storage through
chemical bonding (metal hydrides or
water), and storage in the solid
(chemical), liquid (LH2), or gaseous
(GH2) state. Session attendees

concluded that lunar hydrogen
would obviously be dealt with in a
liquid state, so the baseline storage
method is liquid tankage. Gas would
be supplied as needed. If the

hydrogen is stored aboveground,
then the tanks could be used as

radiation shielding. In such a case,
the tanks would be filled and

transported from Earth in the early
lunar base period. Using deep
underground tanks for storage is
another possibility.

The baseline was to use aboveground
tanks for liquid hydrogen storage as
radiation shielding. An option was
high pressure gas. However, if high
pressure gas is used, it would have to
be in combination with liquid
storage.

Solid and liquid water storage were

considered for Mars. Liquid storage
was chosen as the baseline for

several reasons. First, liquid water is
both more versatile and much easier
to handle. Second, because end uses

will center on fuel and supplying the

colony, storage in liquid form is the
best choice. Solid storage as ice is the
only option.

Storage of H20 on Phobos and Deimos
could be either as a liquid or a solid,

and storage of CO2 could be in any of
the three physical states. The
decision was to store both in tanks

5.8 RESEARCH AREAS, SCIENCE
MISSIONS, AND TECHNICAL
SPINOFFS

S.8.1 Research Areas

Seven areas of research for volatile
extraction were identified. One was
molecular diffusion. Studies of both

lunar samples and carbonaceous
chondrites are thought to be needed,

the latter as Phobos/Deimos analogs.
Many questions remain about
microwave extraction of regolith
volatiles and materials degradation in
space. Two additional areas of study
involve physical characterization of
the Moon and specifics of volatiles
extraction methods.

A literature review and assessment is

the first type of study necessary for
molecular diffusion through
different materials, including traps,
sieves, and membranes. The

knowledge gaps remaining after
such a literature review could then

be filled in with laboratory research.
Estimated cost for the two steps: $50 to
$150 K.

For $100 to $300 K, a number of lunar

sample studies could be conducted.
One needed study is better
characterization of volatile rich

materials. A second type of
investigation would be on the

crushing of breccias and subsequent
volatile release. Release rate of H and

He need to be known under different

circumstances. Sulfur separation
techniques need study. Finally, cold
trapping of lunar soils and soil
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simulants is an excellent research
area.

Study of carbonaceous chondrites as
analogs for Phobos and Deimos (and
by extension, other asteroids)
involves four steps. The first is a
literature search. The second would

be study of the release of volatiles by
species as a function of temperature.
Range of magnetic attraction for
material handling is the third. The
fourth concerns the range of
mechanical strengths on these
bodies, possibly obtained as ground
truth from Phobos photos. Cost: $25 to
$40 K.

Microwave extraction of volatiles

involves several questions. Whether
or not certain frequencies are
superior to others is unknown. Also,
it is unknown as to whether there is

an "intensity ceiling" beyond which
further increase in intensity is non-

productive. The way in which
penetration depth varies with
frequency and/or intensity needs
study. Comparisons between heating
rates for different materials is an

open research area. Simulants as
well as actual lunar samples need
study. The estimated cost for these
studies is $100 to $150 K.

Materials degradation under "space
conditions" can be evaluated. Of

particular interest is hydrogen
embrittlement in metals. The

estimated cost of this study is $100 K.

Physical characterization of the
properties of the bulk rcgolith on the
Moon are needed, as is
characterization of the surface and
maria. Diffusion of H2 and He and
other volatiles needs to be studied.
Estimated cost of these studies is $100
to $150 K.

Research concerns which deal

primarily with extraction involve
three primary areas. One is the
volatile-releasing response of lunar

samples to radio frequencies, X-rays,
and ultrasonic vibration. Estimated

cost range for these studies is $200 to
$300 K. Screening in vacuum, micro-
g, and one-sixth gravity is a second
research area, but cost was unknown.

The third area is drilling for lunar
volatiles. First, optimum locations for
test drilling in terms of reservoir
size, depth, and flow pressures must
be determined. Second, develop a

drilling method. The cost of the first
drilling study was estimated at $50 K;
the cost of the second is thought to be
approximatey $200 K.

5.8.2 Science Missions

Precursor mission objectives were
identified for the Moon, Mars,

Phobos, and Deimos. They involve
both remote and ground
investigations.

For the Moon, a systematic return
sampling program for both mare
samples and core samples is
considered necessary. Mare regolith
should be seismically profiled. He
distribution needs to be explored by
means of a robotic explorer with a He
"sniffer." Remote studies would
include TiO2 distribution, FeO

distribution, polar studies via the
lunar polar orbiter, and high
resolution studies for the physical
characterization of potential mining
sites.

Mars precursor studies involve core
samples at the poles and elsewhere.
The matter of interest is H20 presence
and quantity vs. depth at the poles
and vs. depth and latitude elsewhere.

On Phobos and Deimos, a

demonstration of penetrator/strain
relief (see attachment regarding
penetrator) is desired. Volatile
release vs. temperature needs to be
studied. Rock size distribution and

magnetic susceptability are two other
areas of interest.
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5.g.3 Technical Sninoffs

A variety of technical spinoffs are
expected to occur as a result of these
studies of volatile extraction

techniques. Better membrane
separation devices will result from
studies of molecular diffusion.

Improved technology for separating
chemical species will also result.

Development of robotic explorers
could occur. This will probably have

impacts on terrestrial mining
operations, none of which currently
use remote operators for mining.

Additionally, the research into the
new mining and extraction methods
will probably lead to more cost-
effective terrestrial procedures.

Improved construction materials are
also likely to be a consequence of
these studies. Better solar energy
devices are almost certain to occur.

5.9 ANCHORED SURFACE MINING
SYSTEM

This mining system is essentially a
penetrator which would be shot into
the asteroid (such as Phobos or

Deimos) by a spacecraft. The
penetrator would be capable of
penetrating as deep as 20 meters into
solid rock.

A dragline or rail system could be
implemented with a mobile miner in
the middle, which acts as a transport
system that substitutes for the
gravity. The anchoring system would
be a key concern, hence the

penetrator is designated as an
"Anchored Surface Mining System."
The estimated gain is one to two

percent water at worst and up to 20%
at best.

Important considerations involve the
question of whether the asteroid's
regolith or the asteroid's body will
actually be mined. Some types of
ferrosilicates could be "sure things."

square

II of

._ _ cables

cable is streaming out

Figure 5.9-1.-Anchored Surface Mining System

mobile
minerbeing
movedaround
a surface
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SECTION 6

Metals, Ceramics,

Semiconductors,

Soils, and Other
Byproducts

Arable

6.1 OVERVIEW

The task of Group 5 was to look at
substances that did not fall into the

realms of the primary resources of

oxygen or volatiles. This includes all
the items named in the title, which
will be referred to here as secondary

materials or resources. Additionally,
this group was tasked to look at the
possible extent of integration of the
manufacture of these materials with

the manufacture of primary
materials. That is, can a material be

produced as a byproduct of an oxygen
or volatile-production process or can
it only be produced by a dedicated
process?

The group was also asked to assess the
state of the art of

extraction/production of these
materials. Parametrics such as

sizing, block diagrams of the process,
and thermal requirements were
requested. Anticipated demands for
these secondary substances were
estimated, and directions for process

development were indicated.

The procedure of Group 5 was to list
and describe a broad range of

possible secondary materials. This
extensive list was then organized

according to seven categories of
demands. Those seven were: safety,

construction, energy management,
storage, agriculture, transportation,
and waste processing. Demand,
rather than abundance or

accessibility, was selected as the
criterion of characterization because

of repeated demands for similar
resources in diverse space

development scenarios. Integration

of secondary and primary materials
production was considered along with
need, because some resources have

multiple uses. Often the final use of a
material dictates its method of

production. Table 6-I tabulates the
uses of all the listed resources, thus

giving some indication of the
potential for integrating
manufacturing processes.

6.2 SAFETY

There is a critical need for shielding

in prolonged manned missions. The
foremost need is for shielding against

galactic and solar cosmic rays, which
may be extremely energetic and, for
prolonged missions, must be guarded
against by shielding. A second need
is for shielding against meteoroids
and debris. Debris shielding may be

particularly important in low-earth
orbit.

Regolith is the resource identified for
lunar base radiation shielding. It can

simply be unprocessed regolith
mounded or otherwise used in loose
form to cover a structure. It can be

bagged and then piled up over a
structure. A third method of using

regolith is to sinter it and form
articles such as bricks. No specific
resource was identified for radiation

shielding in orbits around planetary
bodies, but it has been recommended
that radiation shields should not be

carried up and down gravity wells
(Willoughby, 1989).

6.3 CONSTRUCTION

Structures will be necessary to
contain habitat and operational
environments, and to support

shielding. A variety of both metallic
and non-metallic construction
materials can be envisioned; these

may be either directly produced or
made as byproducts from 02

production schemes. Included with
construction is the necessary site
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preparation (foundations, roads, and
dust control).

Both metals and non-metals were
identified as resources for
construction. Metals would include
all those which can be obtained from

the lunar regolith. Examples are
iron, nickel, aluminum, silicon, and

magnesium. Metal alloys such as
silicon/aluminum from anorthit¢

may also constitute lunar resources
for construction.

The easiest non-metal to use is, of
course, regolith in the form of
sintercd bricks. Glass, glassy
ceramics, and crystalline ceramics
are other non-metallic resources.

Glass would probably be used in fiber
or foamed form. Glass could be also
combined with metals to form

glass/metal foams.

Structural elements could be bonded

by cements made from in situ
resources. One type of suggested
cement would use calcium oxide
cement; another would use sulfur.

6.4 ENERGY MANAGEMENT

The topic of energy management

includes energy production, energy
storage, energy transmission
(including heat transfer media), and
waste heat rejection. Both the

systems which are necessary for
fulfilling these functions and

elements of those systems were
discussed in terms of the available
lunar resources.

Energy production in space is likely
to be electrical (either solar or
nuclear produced) or thermal (solar).
Chemical or mechanical forms of

energy production are possible but
are relatively cumbersome and tend
to be driven by resources that are
scarce and better used for other

purposes in space.

Energy storage in space could be

achieved by a broad range of
thermal, electrical, mechanical, and

chemical methods. One storage
technique for mechanical energy
which would operate particularly
well in the space environment would

be the use of flywheels spinning in
the -zero-air-friction "free" vacuum
of space. Because of its moderate

melting point and low conductivity,
regolith could be used to store the

thermal energy from the sun.
Electrical energy could be stored
through the use of sodium sulfide

batteries or hydrogen-oxygen fuel
cells.

Heat transfer media include helium,
sulfur, sulfur dioxide, sodium, air, and
water. Thermal radiative barriers

may be composed of high-albedo,
low-conductivity products. Heat
radiators may be made of ferrous
alloys comprised of iron and nickel.

Many elements are involved in
energy transmission systems,

including optical components and
photovoltaics, electrical conductors,

electrical insulators, magnets, and
transformers. Group 5 members
identified resources which could be

put to use for these elements.

The optical components listed were
reflectors (such as solar mirrors) and

transmitters. Piping light through
optical fibers was considered a means
of bringing light into an
underground or shielded area, and

could be especially important to plant
growth. Special treatment of
anorthite may produce transparent
optics. Photovoltaic resources were

identified as silicon and (possibly)
ilmenite.

Resources identified for electrical

conductors fall into two categories.
One category is wires and bars; the
other is coatings. For wires and bars,
magnesium, aluminum, and iron

were identified. For coatings,
titanium and magnesium can be
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added to the preceding three.
Flexible and rigid glasseswould make
excellent electrical insulators.
Ceramics can also be used for
insulation, as can oxides which occur
as by-products of extraction
processes. Iron and nickel are
resources for magnets, and
transformers can be made from iron
and silicon.

6.5 STORAGE

Containers will be needed to hold

liquids and gases. Smaller containers

may be supplied from Earth, but large
containers may have to be fabricated
in space. These larger vessels could
be made from rigid metals or from

pliable glass/composite materials
(woven glass fibers with a matrix of
either glass or metal).

Metals which could be used to

construct these storage vessels
include aluminum and magnesium.
Ferrous metals are also candidates.

6.6 AGRICULTURE

Agriculture on the Moon requires
substrate materials and support
structures, nutrients, water, and light
sources (just as it does on Earth).

Large-scale agriculture will probably
become practical only in later, more
mature stages of a lunar base,
although it may be introduced at an

early stage. This is because only in
the later stages is it expected that the
necessary large-scale closed-
environment systems will be in
operation.

Although hydroponics will likely be
employed, a substrate material will be
needed. Regolith was identified as
the most accessible resource for it.

However, precisely how the regolith
would be used is open to question.
The regolith must be clean, which
could represent a difficult, although
mechanical, problem.

One of the results of the group's
efforts was the recognition that
many of the elements that are
surface-correlated in lunar

pyroclastic deposits (e.g., S [used as
SO4], Zn, Cu, Na, Cl) are necessary
trace elements for agriculture. This
is good news from the point of view
of nutrients, since the the group
noted the need for 14 minerals in

plant growth and 21 minerals for
human health. Further, the 14

minerals must be recycled 20 times
over the plant lifetime. Water must
also be recycled through the plants
20 times, thus requiring a system to
detect contaminant build-up.

It was suggested that artificial light
be used for plant growth. However,

natural light could also be piped in
using optical fibers (see energy
management, above).

6.7 TRANSPORTATION

Building aerobrakes would be one of
the two primary uses of lunar

resources for transportation. The
other is the manufacture of rocket
fuels.

Sintered regolith is one variety of
material which can be used to build
aerobrakes. Ceramics are also
envisioned as aerobrake media, and

some experience exists with ceramics
for this use. Slightly more unusual,
perhaps, would be the use of glass
foams. Finally, and most exotic, would
be the use of organic materials such

as bamboo. This broad range of
aerobrake materials may all be
realized, but studies of

weight/insulation properties,
thermal properties, and ablation
behavior are required.

ln-situ rocket fuels were envisioned

primarily in terms of non-light gases
-- metals and silanes. Other groups
were directed to deal with the more
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familiar light gas H2-O2 and CO-O2

rocket systems.

In terms of metallic rocket fuels,

magnesium was considered by the
group to be the best resource,
followed by aluminum and then
silicon. Other metallic fuel

possibilities include iron, titanium,
and calcium. Sulfur and carbon were

also identified as possible fuel
components. The group recognized
that a tremendous variety of non-
light gas fuels to be burned with
oxygen can be envisioned, but they
also recognized that practical
experience with them is very limited.
Thus many questions must be
resolved about their use.

6.8 WASTE PROCESSING

This resource use category was
considered by the group as a topic to
be considered as processing schemes
are developed, evaluated, and
integrated. Wastes will be generated,
and they must be dealt with to
prevent poisoning of industrial
processes, of habitats, and of
planetary environments.

This is a particularly complex topic to
deal with, because the methods used

for waste processing are dependent
on environmental factors. Consider,

for example, the differing treatments
of solid wastes on the Moon, on Mars,

on asteroids, or at a Lagrange point.
On the Moon, chemical reactions may
occur with dry reducing regolith.
Chemical reactions with wet oxidizing
regolith may occur on Mars. On
asteroids, the problem is one of
uncontrolled drifting of solid wastes.
An at a Lagrange point, wastes will
accumulate from all nearby

operations.

One suggestion the group made was to
make use of non-vacuum

environments, such as helium or

oxygen, where possible. However, in
these environments and at the

various possible locations, it will be
important to use the available
resources in ways which minimize
unwanted waste. Another factor

which makes waste processing such a
crucial part of integrated resource
extraction systems is the desirability
of combining processes so that the
waste stream from one process is the
feedstock stream of another.
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USES

TABLE 6-I.-RESOURCES AND THEIR USES

RESOURCES

1. rad-

iation

shields

2. de-

bris

shields

o

Metal

Forms

2. Non-

Metallic

Forms

3. Site

Prep-
aration

1. Met-

allic

2. Glass

& Comp.

1. Sub-

strates

& sup-

ports
.

Univer-

sal Nu-

trients

3. Lite

sources

.

Rocket

Fuels

2. Aero-

brakes

bulk bag sintered glass
regolith regolith re_olith foams

SAFETY

X

X

X

X

X

X

glass glass xline "dry"

compos, ceramic ceramic cements

CONSTRUCTION

X

X

STORAGE VESSELS

X X X

X

X

X

AGRICULTURE

X X X X

TRANSPORTATION

X X X X

WASTE PROCESSING

(to be considered as systems are developed and integrated)
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USES

[Fe [Ni [AI

1.

Metal
Forms
2.

Norl -

Metall
ic
Forms

3.
Site

Prep-
ara-
tion

1.

Met-
allic
2.

Glass
&
Comp.

1.

Rocket
Fuels

2.
Aero-

brakesJ

X X X

X X X

X

TABLE 6-I.-RESOURCES AND THEIR USES

RESOURCES

Isi I_ Ic. Ic_o IN.
CONSTRUCTION

[S

STORAGE VESSELS

X

x x x

TRANSPORTATION

X X X

I SO2

X

]Ti ] Sill4

x

X X
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USES

TABLE 6-1.-RESOURCES AND THEIR USES

RESOURCES

1)Elec-
trical

Conduc-

tors

a°

Wires &

bars

b°

coatings

2) Elec-

trical

Insu-

lators

3)
Magnets

4) Trans
formers

5) Heat
Conduc-

tors

a. sta-

tionary
radia-

tors

b. heat

transfer

fluids

6)
Thermal

Insula-

tors

7) Opti-
cal

Ele-

ments

8) Photo
voltaics

bulk bag sintered glass glass

regolith regolith re_olith foams compos.
ENERGY MANAGEMENT

X

X

X

X

X

X

X

glass xline "dry"
ceramic ceramic cements

X X
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USES

TABLE 6-1.-RESOURCES AND THEIR USES

RESOURCES

9)

Energy

Storage

a.

thermal
&

b. elec-

trical#

c. mech-

anical@

d.

chem-

ical

Ibulk

regolith

bag

regolith

sintered

regolith

glass
foams

glass

compos.

glass
ceramic

xline

ceramic

@

"dry"
cements

(probably best storage in H2-O2 fuel cells)

* = heat storage in molten regolith

# = Na-S used in storage batteries

@ = ceramic flywheels to store kinetic energy
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USES

1)
Elec-
tri
cal
Con
duc-
tors

a.

Wire
s&
bars

b.
coat

ings
2)
Elec
Insu
lator

3)
Mag
nets

4)
Trns
form
er$

5)
Heat
Con
duc-

tors

a.

sta-
tion

ary
radia
tots

b.
heat
trans
fer
fluid
$

TABLE 6-1.-RESOURCES AND THEIR USES

RESOURCES

ENERGY MANAGEMENT

X X X

X

X

X

X X X X

X

X

X

X

X X

X
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TABLE 6-I.-RESOURCES AND THEIR USES

USES

[Fe

6)
Ther

mal

Insul[
ators

7)
Opti
cal

Ele-

ment

s

8)
Phot

O

volta

ics

9)
Ener

gY
Stora

ge

a.

ther

real*

b.

elec-

trica

I#

C.

mech

[Ni [Al

RESOURCES

[Si [M_ ICa ICaO INa
ENERGY MANA(;EMENT

X X

X

IS

X X

anica

I@
d.

chem (probably best storage in H2-O2 fuel cells)
°

ical

[ SO2 ]Ti ] Sill4

* = heat storage in molten regolith

# = Na-S used in storage batteries

@ = ceramic flywheels to store kinetic energy
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SECTION 7

Session Conclusions

7.1 FEEDSTOCK DEFINITION AND
PRECURSOR SCIENCE AND
EXPLORATION

The task of Group 1 was 1) to identify
feedstocks and processes and 2) to
identify the required precursor
scientific research and exploration
which must be accomplished before
the various resources can be

obtained. Group l's method was to
identify specific categories of
resource, i.e., gas, metal, or other
material, and then to identify
feedstocks and processes for the
extraction of that resource.

There were three categories of
gaseous resources: oxygen, solar wind
implanted volatiles, and magmatic
volatiles. Magmatic volatiles include
sulfur, chlorine, and others found in

coatings on fire-fountain-produced
volcanic glass beads and in certain
soils. For both types of volatiles, the
extraction mechanism of choice was
thermal release. The feedstock for

solar wind implanted volatiles is
mature, high-ilmenite, mare basalt
soils. The two feedstocks for

magmatic volatiles are mare basalt
soils and volcanic glass beads. Table
7.1 -I summarizes feedstocks and

process methods. Tables 7.1-II and
7.1 -III summarize feedstocks and

processes or uses. Table 7.1-IV lists
required precursor studies.

At least seven areas require research
for volatile extraction. Those are

molecular diffusion, studies of lunar

samples, studies of carbonaceous
chondrites as Phobos/Deimos analogs,
microwave extraction of volatiles in

regolith, materials degradation in
space, physical characterization of
the Moon, and specifics of volatile
extraction techniques.

Several science missions are needed.

For the Moon, these are sample
returns, lunar seismic profiling,
volatile (and other resource)

distribution, and remote sensing. For
Mars, core samples are needed to
investigate the presence of water.
And for Phobos and Deimos, concerns
are with rock size distribution,

magnetic susceptability, volatile
release vs. temperature, and
penetrator/strain relief.

Many technical spinoffs will result
from this type of research. Most
probable spinoffs include better
membrane separation devices,
improved chemical species
separation techniques, development
of robotic explorers, more cost-
effective terrestrial mining and
extraction methods, improved
construction materials, better volatile

recovery systems, and better solar
energy devices.

7.2 GROUP 2: OXYGEN-
EXTRACTION PROCESSES

The primary task of this group was to
compare oxygen extraction processes
in detail. Their procedure was to

analyze 15 processes according to
eight criteria. Numerical values
were assigned to the criteria, and the
summed totals represented a ranking
of the various processes.

The 15 processes were as follows:
• hydrogen reduction of ilmenite
• carbothermai reduction
• volatile extraction

• hydrogen sulfide reduction
-carbochlorination

• fluorine exchange
•hydrofluoric acid leach
•magma electrolysis
• caustic electrolysis
• lithium reduction

• fluxed electrolysis
•vapor phase reduction
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TABLE 7.1-I.- OXYGEN PROCESSES AND FEEDSTOCKS

Feedstock

High-Ti mare
soils

H-reduction
of ilmenite

X

High-Ti mare X
basalts

silicates

mare soil

F-flux

electrolysis

Process

HF leaching Vapor

P_,rol_,sis
X

X

X X

X

X

X

X

X

X

low-Fe X

hishland soil

highlands X
anortho-

sitic

gabbro soil

all highlands X
soils

low-Fe mare X

soil

TABLE 7.1-II.- METAL PROCESSES AND FEEDSTOCKS

Magma
electrolysis

METAL

Fe, Ni T Co

Fe, Nir Co
Si

Si

AI

Al

Ti

PROCESS

Carbonyl

mat_ma electrolysis

F-flux electrolysis

magma electrolysis

electrolysis
HF dissolution

FEEDSTOCK

mature mare basalt soils

hi-Fe basalt soils

anorthositic gabbro

highlands soils, lo-Fe mare
soils

anorthositic gabbro

highlands soils, lo-Fe mare
soils

maria & hiBhlands soils

any feedstock

maria soils, Apollo 11 and
17 sites

TABLE 7.1-1II.-OTHER MATERIALS, THEIR USES_ AND THEIR FEEDSTOCKS

M A T ER IAL USE FEEDSTOCK

glass

ceramics

construction

construction, aerobrakes

cosmic ray protection

plant growth

shielding

agricultural substrate

anorthite, pyroclastics, rock
wool

Ihighlands soils, waste

streams from other

processes
reRolith

regolith - pyroclastics,
KREEP-rich rocks
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RESOURCE

Oxygen

solar-wind implanted volatiles

magmatic volatiles

metals

glasses

TABLE 7.1-IV.-PRECURSOR STUDIES

PRECURSOR NEF_D

Mapping of Ti from both Earth and the LGO;
evaluation & development of benefieiation
methods; remote sensing of maria for ores
and sites; verification of discovered ore
bodies; evaluation of material for ease of
beneficiation

specific details on volatile concentrations

in different soils, soil depths, and particle
size groups

study of particle coatings to quantify
composition & comprehend origins;
evaluation of S content in existing lunar
samples; evaluation of S production from
_roducts of solar-wind thermal release

•ion separation
•magma partial oxidation
• methane/water ilmenite
reduction

The eight criteria by which these

processes were gauged were:
maturity, feedstock requirements,
yield, reactant resupply, byproducts,

complexity, reliability, and energy
requirements. The scoring of each
process was based on a scale from 1 to

5, in which 1 represented a low,
undesirable value of the criterion in

question and 5 represented a high,
desirable value. For example, a score
of 5 for the byproducts criterion

meant many byproducts, whereas a
score of 5 for the process complexity
criterion meant two or fewer steps.
The criteria of process simplicity,

maintainability, yield, and resupply
requirements were weighted double
due to their importance. Finally, a
minimum cutoff value of 37 was
selected.

Eight processes equalled or exceeded
this cutoff. The process which
received the highest score (46) was
fluxed electrolysis (also known as
molten salt electrolysis). The other

extraction techniques for all metals; for

iron, its occurrence from lunar sample
studies

evaluation of data on uses of lunar glasses

choices, in order of desirability,
were: vapor phase reduction (42),
hydrogen reduction of ilmenite (41),
volatile extraction(41), carbothermal

reduction (40), ion separation (40),
magma partial oxidation (37), and
magma electrolysis (37).

The fluxed electrolysis process

received its high score due to its very
high yield, very high process
simplicity, high reactant recovery
capability, high reliability, and
capability of using any feedstock. It
requires large amounts of energy,
but because it can use any feedstock,
actual mining requirements are
significantly reduced over more

well-known processes such as
hydrogen reduction of ilmenite.

Vapor phase reduction ranked very
high in terms of process simplicity,
reactant recovery, and feedstock use,
but its yield is much less than that of
fluxed electrolysis. Hydrogen
reduction of ilmenite has high
simplicity and reliability, but few
byproducts and stringent feedstock
requirements. Volatile extraction is
reliable, moderately simply, and
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provides excellent reactant recovery,
but its yield and byproducts are low.
It has medium feedstock flexibility.

Feedstock flexibility for
carbothermal reduction is high, and
its simplicity is moderately high.
However, its yield, reactant recovery,
and byproducts are only medium. Ion
separation is a simple process, with
great feedstock flexibility and
moderately high yield and
byproducts. However, its reliability
is low, and reactant recovery is
moderate.

Magma partial oxidation scored
moderately high on reliability,
reactant resupply, and feedstock
flexibility, but was medium to low in
other criteria. Finally, magma
electrolysis scored high in simplicity
and reactant recovery, but only
medium to low in other areas.

Plant equipment needed for these
processes was identified and
compared in terms of feedstock type,
mass, average power, peak power,
standby power, volume, estimated
operational life, and resupply in
tons/yr. A number of trade studies
needed for further information on

the processes were identified.
Justifications for extraterrestrial

propellant production for the Moon

and Mars system were provided.
Finally, each process which the
group examined was described in
detail.

7.3 PLANT ENGINEERING

Group 3 defined a typical ISRU
processing plant, based on a
functional analysis of block

components. A basic ISRU plant was
laid out in a block diagram, and the
issues and concerns associated with
each block were discussed.

The basic block components are
Beneficiation, Processing, and
Oxygen Separation and Storage. In

the Beneficiation step, ore is received
and processed to meet all other plant
requirements. In the Processing
Block, oxygen is extracted from the
beneficiated material, along with any
other resources which could be
useful. These would include

refractories or metals, for example.
The extracted oxygen is liquefied for
storage. Other gases may also be

liquefied for storage or recycled back
to the process block, depending on
their use.

Specific oxygen processes were not
discussed, but five process categories
were identified:

•Thermochemical Reduction -

hydrogen reduction of ilmenite,
carbothermal reduction, volatile

recovery, and hydrogen sulfide
reduction.

.Thermochemical
carbochlorination

-Thermochemical

fluorine exchange
•Reactive solvent
,Electrochemical

electrolysis.

redox

oxidation -

HF leaching
- magma

7.4 VOLATILE EXTRACTION

Group 4 examined processes for the
extraction of volatiles. Such

extraction consists of five steps:
acquisition, beneficiation,
processing, species separation, and

storage.

The group first identified the
volatiles which are accessible on the

Moon and in the Mars system. Next,
for each of the five extraction steps, a
primary and an alternate method was
defined. Finally, research and
precursor science missions necessary
for volatile extraction and technical

spinoffs from such research were
discussed.

Tables 7.4.I and 7.4.11 summarize

baseline choices and major options
for volatile extraction on the Moon,
Mars, Phobos, and Deimos:
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TABLE7.4-I.-BASELINECHOICESFORVOLATILEEXTRACTION
Moon Mars Ph/D/asteroids

Acquisition Mobile Miner Drill, heat,& pump Dragline/rail/
hot clamshell

Bucketwheel
Beneficiation Screen Screen Grizzly

Processing

Separation

Storage

Thermal Heat

Heat exchange pipes

Cooling &
Diffusion membrane

Filtration/
distillation

NIA

Thermal Heat

Heat exchange pipes

Cooling

Liquid tanks/ Liquid tanks Liquid tanks
radiation

TABLE 7.4-II.-MAJOR OPTIONS FOR VOLATILE EXTRACTION

Acquisition

Beneficiation

Processing

Separation

Storage

Moon

Dragline

Screen; electrostatic
Radiation; direct
solar

Diffusion
membranes

Liquid tanks;
radiation with

chemical or high

pressure gas storage

Mars

Mobile Vehicle
Processor

Heat

ion exchange/
chemical

NIA

solid in container

Ph/D/asteroids
Microwave/
rototiller; clamshell

-- inertia-active;
mole

Grizzly
radiation

Diffusion

membranes;
molecular sieves

liquid tanks

7.5 OTHER RESOURCES

Group 5's task was to examine
resources for metals, ceramics,
semiconductors, arable soils, and

other materials. One aspect of this
examination was the degree to which
the production of these byproducts
could be integrated with the
manufacture of primary materials
such as oxygen and volatiles. State of

the art knowledge of production of
these materials was to be described,

where possible. The procedure was to
list resources for these byproducts
and then categorize them according
to use for safety, construction,

energy management, storage,

agriculture, transportation, and
waste processing. Because the use of
a resource often dictates its method of
production, concerns with

manufacturing integration were also
examined at this stage.

Safety requires shielding from
galactic and solar cosmic rays, and
the primary resource for this
shielding is safety. Metallic and non-
metallic resources were identified for

construction purposes. Metallic
resources include iron, nickel,

aluminum, silicon, magnesium, and

any other metals which the regolith
can provide, as well as their alloys.
Non-metallic construction resources
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include sintered regolith bricks,
glasses, glassy and crystalline
ceramics, and cements made from in
situ resources such as calcium oxide
or sulfur.

Energy management is a broad topic,
including energy production,
distribution, storage, and waste heat
rejection. Energy production will
most likely to be either solar or
nuclear. Both can produce
electricity, but solar energy will be
used for thermal energy. A broad

range of thermal, electrical,
mechanical, and chemical methods

for energy storage exist, including
friction-free flywheels, molten
regolith, and fuel cells.

Numerous resources exist for energy
transmission, which includes heat
transfer. Heat transfer involves
transfer media such as helium or
sulfur, thermal radiative barriers

such as regolith, and thermal
radiators made from iron-nickel

alloys. Optical components,
photovoltaics, electrical conductors
and insulators, magnets, and
transformers are all needed for

energy transmission. Sources for
these elements of energy
transmission systems are quite
varied, including metals, glasses,
ceramics, oxides, and silicon.

Three types of materials were

identified as storage container
resources. One type of material is
metals, specifically aluminum,
magnesium, and ferrous metals.
Glasses are a second resource. The

third resource is glass composites,

where fiberglass is woven into a
matrix of glass or metal.

For agriculture, the chief resources
are regolith and sunlight. Regolith

will provide not only a substrate for
plant growth, but it is also believed to
be a source of many of the necessary
trace elements needed for plant and
human health. Sunlight, piped

through optical fibers, will provide
the necessary light for
photosynthesis. If artificial light is
to be used, then an electrical source
for it must be built.

Aerobrakes and rocket propellants
are the primary transportation
resources. Aerobrakes can be made

from sintered regolith bricks or from
ceramics. Propellants considered by

Group 5 did not include H2-O2 and CO-
02 because those were under

discussion by other groups. The
propellants Group 5 concentrated on
involved metals and silanes, such as

magnesium, aluminum, silicon, iron,
titanium, calcium, sulfur, and carbon.

Waste processing is a very complex
subject, due to the varied
environments within the solar

system. Also, the need to use a waste
stream from one process as a
feedstock stream of another makes

waste processing a crucial part of the
integration of manufacturing
processes. However, this area was
considered to be ripe for further
development as knowledge of
extraction processes increases.
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Speaker: Mike Gibson
Affiliation: Carbotek

Topic: Oxygen Production From Hydrogen Reduction of Ilmenite

The production of oxygen from the hydrogen reduction of ilmenite

was described. First the process itself was described and compared

to terrestrial analogs. Then process design considerations for 1000

tonne/yr LOX production were discussed.

The reaction is:

FoTiO3 + H2 _ Fo + TiO2 + H20 _ H2 + (1/2) 02

Ilmenite constitutes less than 10% weight of lunar soil, so a

beneficiation step is required to process it. Efficient, automated, low-

maintenance process system designs are required for lunar

operations. Vacuum and 1/6 gravity must dictate designs for solids

feed and withdrawal and gas-solid contacts. Terrestrial analogs of

this process include fluidized iron ore reduction, limestone calcining

and sulfide roasting, and coal gasification. Fluidized-bed, gas-solids

contacting was considered important to each of these.

Many considerations are involved in process design. First, reactor

design requires more data on reaction thermodynamics, kinetics and

solids sintering, fluidized-bed, gas-solid contacting, standpipe solids

transport, construction materials, and instrumentation and

control/dynamics. Qualitative results on kinetics and sintering were
described. Other research results which were described included

standpipe behavior predictions and studies of bubble size and

growth rate, and the effects of bubbles on gasification. Process

design considerations involve beneficiated feed solids in the 20-200

micron range, substantial recycling of hydrogen, smooth solids

feeding and withdrawal with minimal gas leakage, heat salvage from

the spent solids, a refractory-lined vessel, and an avoidance of

thermal cycling.

Equilibrium conditions and process design requirements therefore

call for a continuous, staged fluidized bed reactor, a lock

hopper�vacuum pump scheme to seal solids feed and withdrawal

points, and a vapor-phase water electrolysis at reactor temperature.

All these considerations are met in Carbotek's designs. (Adapted

from viewgraph presentation at workshop.)
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Appendix A: Plenary Paper Summaries

Speaker: I.N. Sviatoslavsky

Affiliation: University of Wisconsin

Topic: Mining Lunar Helium-3

Steps in the mining and extraction of He-3 from regolith, mass of

equipment required, power required, and energy payback were

discussed. The Lunar Miner Mark II design requirements were

described. Prime considerations include deep regolith mining (three

meters), minimizing impact on lunar surface by re-depositing

regolith, and convenient gas handling. The mobile miner would use a
bucket wheel excavator to excavate a wide trench of material which

would then be processed by the miner. Rejected regolith would be

deposited along the miner's sides and processed regolith would be

ejected at the back to refill the trench. Empty gas cylinders placed

along one side of the mining route by service vehicles would be

picked up by the miner, filled, and placed on the other side of the

trench. Service vehicles would retrieve the filled cylinders and take

them to the condensing station.

Equipment parameters were defined, including those for the regolith

heater, the gas collection system compressor, the cooling radiator,

and the cryogenerator. Energy requirements for the miner's

operations were estimated at 84 giga-Joules per kg of He3, and

energy needed to separate other gas components from the He3 were

estimated at 186 giga-Joules per kg. Total energy required to bring

mining equipment and people to the Moon were estimated at 1983

giga-Joules. Total energy invested to obtain and transport one kg of

He3 to Earth was reckoned at 2253 giga-Joules, but the energy

expected to be released from the kg is 600,000 giga-Joules.

Therefore the payback ratio is 266. To manufacture the fusion

reactor, 5025 giga-Joules per kg of He3 of energy is required. If this

energy is added to the costs, the payback ratio becomes 82 (i.e.,

600,000/[5025 +2253] = 82).

Conclusions: 1) Obtaining lunar He3 appears to be both technically

feasible and economically viable; 2) proposed procedures are state of

the art, except for beneficiation 3) the mass of equipment needed

from Earth is large, but will eventually be ameliorated by indigenous

titanium; 4) the energy payback is about 80, providing real incentive

for commercial investment; 5) byproducts can be used to resupply a

permanent lunar base and other space establishments, thus

significantly enhancing space exploration. (Adapted from workshop

viewgraph presentation.)

A-3



OEXP Annual Report. FY 1989, Vol. VI

Speaker: John S. Lewis

Affiliation: Lunar and Planetary Lab., Tucson, AZ 85712

Topic: Importance of Space Resource Utilization for Future Space

Development

The cost of large-scale space activities was shown by a graph which

compared a 1962 estimate of the cost in 1980 to lift a pound to LEO

with the real price in 1980. The 1962 estimate of the 1980 cost was

approximately $200; the real 1980 cost (in 1962 dollars) was closer

to $1400.

To bring the cost of large-scale space activities down, at least three

criteria must be met. First, the cost of launching payloads into LEO

must be reduced. Second, the cost of building spacecraft must be

decreased by the use of long series of production-line vehicles.

Third, the cost of LEO activities must be reduced by using non-

terrestrial materials instead of paying the energy penalties to bring

materials up from Earth.

Criteria for non-terrestrial resource and process selection were

identified: ore/resource abundance; high demand; purification

process simplicity; process autonomy; process efficiency;

mass/energy transportation efficiency; maximum use of low-grade

thermal energy. LEO, GEO, lunar base, and Mars system were

identified as sites of high-volume, low-tech material demand for

propellant, life support fluids and gases, shielding materials, and

structural materials. Resource availability dictates the materials

appropriate to each location for shielding, structures, and life

support, and of course propellants have specific uses at different

locations. For example, propellants at LEO would be used to get to

GEO, whereas propellants at GEO would be used for stationkeeping.

GEO was not listed as needing life support fluids, and the Mars

system does not require shielding or structural materials.

High demand space resources include water, ferrous native metals,

shielding, refractory elements, energy, and carbonaceous materials.

These resources are distributed unequally throughout the solar

system, so the particular resource material and its accessibility

varies. Some political and economic drivers for bases at the different

locations were discussed, as were extraction processes. Strategic

materials distribution was discussed in the context of space

resources.
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Appendix A: Plenary Paper Summaries

Speaker: Grant Heiken
Affiliation: Los Alamos National Laboratories

Topic: Overview of Lunar Materials-What We Know and What We

Probably Don't Know

Lunar regolith, lava, and pyroclastic rocks were discussed and

described. Apollo and Luna regolith sample sizes and content were

discussed. The five basic particle types comprising regolith are:

crystalline rock fragments, breccia, glass particles, mineral grains,

and agglutinates. Most unique of these particles is the agglutinate,

which consists of fragments of rock and glass bonded by

heterogeneous glass droplets containing abundant, well-dispersed

30-100 Angstrom diameter iron droplets. They are rich in solar-

wind implanted gases. Lunar regolith is heterogeneous, and its bulk

composition reflects that of the local bedrock.

Lunar lavas comprise less than one percent of the lunar crust, but

they are both very important and very accessible. Most interesting

are the high-titanium basaltic lavas, sampled by Apollo 11 and 17

crews. These lavas are rich in ilmenite (FeTiO3), chromite (FeCr204),

and troilite (FeS). Over the last ten years, ilmenite has been

proposed as an important source of oxygen with iron, titanium,

sulfur, and chromium as byproducts. High-titanium lavas make up
about 20% of lava flows observed on the nearside, and ilmenite

grains make up 10 to 20 percent of the volume of these lavas. But

not all of the rocks contain easily accessible ilmenite.

Pyroclastic deposits have been interpreted as the products of fire

fountains at vents of mare lava flows. They are completely glassy

deposits, and may serve well as feedstock for lunar glass

manufacture or as sintered blocks in construction. However, they

may have even greater value as sources of sublimates from

eruptions of now-extinct lava fountains. Those sublimates include

sulfur compounds, Fe, Zn, C1, Pb, Ge, Au, and Sb (?).

Substantially more data are needed for the Moon, including extensive

surface explorations and deep-core drilling. Suggested exploration

methods include photogeology, remote sensing, coring, and ground-

penetrating radar. Volcanic vents should be explored for evidence of

deposits of sublimates. Finally, once base sites have been selected,

observations of thicknesses and lateral variations within the regolith

and underlying rock units must be explored.
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Speaker: Murray Hirschbein
Affiliation: NASA HQ

Topic: Pathfinder Program

Key program elements of Pathfinder are basic production methods

for required materials, process engineering, raw material

preparation, and pilot plant design. Basic production methods are of

particular interest for oxygen, metals, and construction materials.

Areas under study in process engineering include engineering

methods development and component concept design. Raw material

preparation concerns include simulant development and production,
materials handling methods, and mining technology. Pilot plant

design concerns include component hardware design and

development, lunar pilot plant conceptual design, testbed design and

development, and system studies.

Eight priorities exist. First, second, and third is the validation of

oxygen production methods, construction material production, and

metals production. A conceptual pilot plant design is the fourth

priority. Volatile extraction is fifth, with ore concentration sixth.

Special topics such as Mars constitutes a seventh priority, and eight

is the development of large scale mining technology.

In terms of relative effort, 45% of resources is being invested in basic

production methods for the various materials. Process engineering
consumes 28%, with 14% each going to raw materials preparation and

pilot plant design.
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Speaker: Chris McKay

Affiliation: NASA/Ames

Topic: Overview of Martian System and Near-Earth Asteroids

Mars and the Moon are very different bodies. Subsequently, what

works on the Moon and what works on Mars will be different. The

"first foot in the door" on Mars will be the extraction of oxygen from

the CO2 in the atmosphere. The emphasis on "mining" is misdirected;

it is not simple, nor is it believable as a first step. In situ resource

utilization (ISRU) will not drive space exploration. The mass gain

factor, F, must be considered explicitly:

F > 102 -103 (grams resource/gram power plant +)

An essential precursor at Mars for ISRU is the detection of
subsurface water.

Available Martian resources were listed. Water comprises one

percent by weight of soil and is 10-90 pr. _tm in atmosphere. 02 as

CO2 forms 95% of the atmosphere; 70-760 nanomoles/cm3 were

released from the soil in Viking experiments. As a buffer gas, N2/Ar

forms 5% of the atmosphere. As propellant sources, CO/LOX can be

made from atmospheric CO2, and CH4/LOS can be made from CO2

and H20.

Concentrations of various gases in the terrestrial and Martian

atmospheres were compared; water availability on Mars and Martian

dust storms were discussed. The energy required for extraction of
Martian resources was estimated, and lists of materials which can be

produced from Mars atmosphere and soil were presented. Potential
use of these materials were identified. A Mars gas extractor design

was presented.
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Presenter: Larry Haskin

Affiliation: Dept. of Earth and Planetary Sciences, Washington Univ.

Topic: Constraints on Chemical Processing Concepts

Feedstock, process, product/residue, and energy and mass

constraints were discussed, followed by a detailed discussion of six

processes in terms of 18 criteria. The six processes were hydrogen

leaching, electrolysis, carbothermal, vapor pyrolysis, hydrogen

reduction of ilmenite, and fluxed electrolysis.

An obvious constraint on feedstocks is the existence of the feedstock

in question. Preparation is another constraint: should the regolith be

scooped up; should drilling or tunneling be used; should rock be

ground up; should a sieve be used; is high-grade ore available7

Another feedstock constraint is the tolerance of the process for

variability; should composition therefore be monitored?

Several process constraints exist. They include equipment
complexity, number of steps per product, needed terrestrial imports,

need for reagents and their recovery and recycling, energy and

feedstock efficiency, ease of input and output, and robustness and

tolerance of the process.

Constraints on products and residues involve questions of further

purification. Also, should the product be fabricated as needed or

stored? Delivery to the consumer is a third constraint.

There are energy and mass constraints for all steps in ISRU. Those

steps include mining and preparation of feedstock, factory input and

output, processing, storage and delivery, and scaling from laboratory
studies.
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SUPPORTING DATA FOR CONSTRUCTION OPERATIONS ANALYSIS

Introduction

The construction of extraterrestrial surface bases will depend on careful

coordination of crew and equipment during each phase of base development.

A structured approach to the estimation of construction operations

requirements was adopted for this study so that the large number of variables

and assumptions could be more easily managed. The method used was

intended to assist others in the space planning community as they review the
progress made to date in the field of extraterrestrial construction and extend

the work performed during this study. As a result of this effort, several

categories of information were catalogued and organized into data bases that

can be used to determine the resource allocations required for lunar and Mars

construction activities. Hopefully, these data bases and the equations that

relate them to one another and to specific construction projects will serve as

basic building blocks for further investigation.

The construction operations analysis progressed in three major phases.
The first phase was to identify and characterize the fundamental tasks and

resources that would be used in the analysis. The second phase was to use the

general task primitives to build and quantify specific task representations of

the construction activities for the lunar scenario under investigation. The
third and final phase was to combine the tasks in accordance with the

constrained availability of resources to arrive at overall project durations.

Each of these phases is described and documented in greater detail in the

following sections.

Phase I. Fundamentals

The methodology used to quantify the operational requirements for

the lunar and Mars surface missions is based on the premise that the majority

of construction projects can be built up from a set of elemental construction

tasks. A similar approach is being adopted for planning EVA work periods

for the Space Station. The elemental tasks used by the EVA planners are

referred to as primitives and are used to develop EVA timelines. Sequences

of generic tasks are developed for specific EVA applications and then each

task is quantified on the basis of previous EVA experience or the results of

computer simulation.

A set of primitives for extraterrestrial construction operations was

developed to facilitate the analysis of lunar and Mars construction

requirements. Based on a review of the proposed lunar/Mars program

objectives and the results of working sessions held during the NASA Mining

and Construction Workshop, the study team determined that 25 basic tasks



were sufficient to characterize the construction activities under investigation.
In addition to a set of basic tasks that can be used to define the construction

work, a set of resources available to perform the work must also be identified.

The set of construction resources used in this study was compiled with the

help of the conceptual equipment design team from Pacer Works, Ltd. The
tasks and resources listed in table 1 are the fundamental entities that were

used in the operations analysis.

The information in table 2 indicates the mapping between tasks and

resources. A group of resources is assigned to each task based on the

functional capabilities of the equipment and crew. The excavation task, for

example, is accomplished by an IVA crew member who teleoperatively

manipulates a system that is composed of a reverse clam shell digging

implement, a mobile work platform, an energy storage unit,.and a

supervisory module. The assignment of IVA crew to any of the tasks listed in
table 2 indicates that an WA crew member would be directly involved as a

teleoperator or remote task controller. The assignment of an IVA
crewmember to monitor an EVA task is not indicated in table 2, but it is

accounted for in the third phase of analysis through the assignment of

overhead IVA resources for each task requiring EVA crew

The tasks are further characterized by a productivity measure that is

expressed in units of work per hour. The unit of work identifies the

parameter deemed to be the primary driver of task duration. The volume of

regolith involved in an excavation task, for instance, is a significant driver of

the time needed to complete the excavation task. For some tasks, the unit of

work is a composite rather than a single measure of task difficulty. In the case

of transporting bulk regolith, the unit of work is expressed as the volume of

regolith to be moved (expressed in cubic meters) multiplied by the distance

the regolith is to be transported (expressed in meters). The productivities

indicated in table 2 reflect the estimated performance of the equipment

involved and are designed to establish a set of benchmarks for this study. The

sensitivity of overall project durations to these individual productivity

measures is an issue that should be explored in future efforts

2



TABLE I.-BASIC CONSTRUCTION TASKS AND RESOURCES

Survey
Excavate

Remove Boulders

Break Up LargeBoulders

TransportBulkCargo
Trench

Grade

Backfill

Offload

TransportPallets

Emplace LargeItems

Emplace Medium Items

Emplace Small Items

TASKS

Hardware Ingress
Emplace Utilities
Inspect
Set Anchors

Elevate Bulk Cargo
Connect/Disconnect
Activate/Test

Repair/Startup
Transport Crew
Resta tion Machines

Configure Machines
Set Up/Tear Down

RESOURCES (Code Letter)

EVA Crew (A)

IVA Crew (B)

Cargo Bin (C)
Mobile Work Platforms (D)

Casters (E)

Crane Assembly (F)

Reverse Clam ShellDigger (G)
RoboticArm (H)

DrillImplement (I)

Regolith Bagger
Grader Blade

Supervisory Module
Servicing Module
Belt Conveyor
Energy Storage Unit
Unpressurized Rover
Mining Equipment

(J)
(K)
(L)
(M)
(N)
(O)
(P)
(Q)

3



TABLE 2.- PRODUCTWITY AND RESOURCE ASSIGNMENTS FOR ELEMENTAL
CONSTRUCTION TASKS

Elemental Task Name

Survey
Excavate

Remove Boulders

Task Unit of Work Productivity*
ID

Resou_2L-_

AMO

BDGLO

BCDEH

ADIMO

BCELO

BDGLO

BDKLO

BDGLO

ABDFLO

BCELO

ABDFLO

ADHLO

AM

AB

BDHLO

AM

BDILO

BDGNLO or

BDJLO
AM

AM or BM

AM

DEO or PO

DELO or

CELO
AM

AM

Break Up Larffe Boulders
Transport Bulk Cargo

Trench

Grade

Backfill

Offload Pallets

Transport Pallets

Emplace Large Pieces

Empiace Medium Pieces

Emplace Small Pieces

Hardware In[_ress

Emplace Utilities

Inspect
SetAnchors

Elevate Bulk Cargo

Connect/Disconnect

Activate/Test

Repair/Startup

TransportCrew
RestationMachines

Configure Machines
Set Up/Tear Down

001 points 12 points/hr
002 volume (m3) 3 m3/hr

003 pieces 4 pieces/hr

004 pieces .25 pieces/hr
005 volume (m3)* 2 m3 @

distance (kin) 4 km/hr

006 volume (m3) 3 m3/hr

007 volume (m3) 3 m3/hr
008 volume (m3) 6 nO/hr

009 pallets .2 pallets/hr
010 distance (km) I km/hr

011 pieces .2 pcs/hr

Ol2 pieces 2pcs/hr

013 pieces 4pcs/hr
014 volume 1.33m3/hr

015 length (m)

016 Points

017 points
018 volume (m3)

500 m/hr

4 ptslhr

1 ptlhr
3m3/hr

019 , points 4 pts/hr

020 systems 4 systems/hr

021 systems .5systems/hr
022 distance(kin) I0km/hr

023 distance(krn) 4 kmlhr

024 functions I function/hr

025 systems 2 systems/hr

* For tasks requiring EVA crew as a resource, the productivity is based on the amount of
work that can be accomplished by a two-person EVA crew on average.
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Phase 1I. Task Representations

The elemental construction tasks, resource assignments, and

productivities were then used to calculate project durations and resource

usage for the lunar scenario developed as a result of the FY89 case studies.

Using the planetary surface systems lunar manifest as an indicator of the

infrastructure to be installed and the availability of construction resources

and materiel, specific task lists were developed for each period following a

delivery of lunar hardware and/or crew to the lunar surface. Detailed,

bottoms-up analysis was performed for all of the flight periods in the

emplacement and consolidation phases (2003-2011). The major construction

projects associated with the utilization phase were additional installations of

modular LLOX plants and the construction of a low frequency radio telescope

on the lunar far side. These projects were quantified using the aggregate

results of the detailed analysis.

The tasks for each activity period were sized by the appropriate number

of work units and a task duration was calculated based on the assumptions on

productivity. The implementation of this phase of the analysis was well-

suited to a spreadsheet environment where similar calculations could be

easily replicated and referenced to a standard set of productivity data. A total

of 16 spreadsheets (Lotus Symphony, Version 2.0) were developed to record

and manipulate all of the task-related information. Printouts of the

spreadsheets are provided on pages 7 through 25 as a reference for the

assumptions made in regard to level of work required for each task.

Phase UI. A_gregate Task Scheduling

The task durations calculated in the first phase of the analysis are

expressed in hours. In order to determine the project duration in terms of

mission days, the resources required for each project must be scheduled

within the constraints imposed by human and machine performance,

operational procedures, and the mission manifest. A project scheduling

package (Computer Associates Super Project Expert, Version 1.1) was used to

aggregate the tasks subject to the constraints imposed by the operating

environment. The tasks and their individual durations were imported into

the scheduling package as the starting framework for the scheduling portion

of the analysis. Precedence relationships were established and entered for all

of the tasks. The availability of each resource was entered into the project

database and resource assignments were made according to the mappings

developed in the first phase of the study.

The scheduling package provides several views of the project

information, but the most important views for this effort were the Gantt

charts and resource histograms. Gantt charts for each activity period are

provide on pages 26 - 46.
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A large number of assumptions were made in order to develop the

elemental construction task database, the construction project task data and

the availabilities for each resource. The assumptions can be organized into

three major categories: machine performance, human performance, and

operational procedures. The assumptions that are not explicitly called out in
table 2 are listed in table 3.

TABLE 3 - ASSUMPTIONS USED IN CONSTRUCTION OPERATIONS STUDY

Average Slope at Site

Allowable Average Slope
Volume of Re_olith to be Moved per Area to be Graded

An[_ie of Repose for Disturbed Lunar Re_olith

Angle of Excavated Wall Face (referenced to verticle)
Mass of Small Piece

Mass of Medium Piece

Mass of Larl_e Piece

Average Number of Systems to be Tested Per Machine

Average Mass of Package to be Inl_zssed

Traverse Distance from Landin[_ Zone to Habitation Zone

Traverse Distance from Landing Zone to ISRU Zone

Width of Area Cleared for Roadways

Fraction of Systems Requiring Some Troubleshootin[_ Activity

Average Duration of Troubleshooting Activity
Machine Duty Cycle, Daily

Machine Duty Cycle, Weekly

Machine Duty Cycle, Lunar Cycle

WA Crew Duty Cycle, Daily

IVA Crew Duty Cycle, Weekly

EVA Crew Duty Cycle, Daily

EVA Crew Duty Cycle, Weekly
Airlock Capacity for Equipment Insress

Average Density of Equipment to be In_ssed

4.7 deh,rees over 25 m
2.5 d_rees over 25 m

.15 m3/m2

36 de_rees

30d_

m< lOOk_

100 k_ < m< 1000 kg
m > lO00k[_

4

100 k[_
5km

4km

lOre

25%
2 hrs

8 hrs per day

6 days per week

4 weeks per 4 week cycle

8 productive hrs per day

6 days per week
6 productive hrs Per day

6 days per week

8 m3 Per in_ress cycle
.18 t/m3
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Year: 2004, Month: 2

Task ID TaskName Duration
Quantity

TypeOf Work Units

1 Activate Equip 0
2 Offload _ 1 1 2 _l items
3 Test M_s 2 1 8 systems
4 Offload Trucks 1 1 2 md item
5 Test Trucks 2 1 8 system
6Offload_'PCart 5 I IIg item
7 Test _ Cart 1 I 4 system
8 Offloadleplmts 3 1 I0selitem

9 OffloadTCCart 5 I I Igitem
10TestTCCart 1 1 4 systems

IIOffloadLiq_Tks 5 I i Igitem
12TestLiqfRs i i 4system
13 PVA/LPC 0

14 LayoutPVA/IFC 1 I 12points
15S_f Prep PV_C 0
16LevelPVAIP_ 20 1 60 cubicmtexs
17RemoveSoilRocks 2 1 6 pieces

18RemoveLgRocks 2 1 0.6pieces

19UnloadPVA-_C 5 I I igitem
20IportPVA-IFC I I 300raters
21EmplacePVI 2 I 4md item

22_mplaceEeC 5 I I Igitem
23AnchorP_C 4 I 4 points
24ConnectPVl 2 I 8 points

25bchor PVl 4 I 4 points
26ConnectPVA/RVC 1 l 2points

27 Inspect PVI/IFC 1 1 4points
28TestPVAIP_C 1 1 4 system

29Repair/Startup 2 1 I system
30 FinalPreplClnup i 1 250square rater
31Habitat 0

32 LayoutHabMud I l 12points
33Surf PrepHab 0
34LevelHabbea I0 1 30cubicraters

35 Remve SmlRocks 1 1 3 pieces
36 RemoveLg Rocks 1 1 O.3 pieces
37 OffloadilabMod 5 I I lg item
38 Iport Bablbd 1 1 300raters

39 _place HabMud 5 I 1 lg item
40 bchor HabMod 4 I 4 points

41UnloadALock&US 10 1 2 Ig item
42 Iport _ck &US I 1 300 raters
43 EmplaceUS 1 1 1 md item
44 AnchorUS 4 1 4 points
45 _mplaceAirlock 5 I I Igitem

46Connectlirlock 2 1 8points
47 Inchorlirlock 4 I 4 points
48EeplaceTent 2 1 4 eelitem

49l.chorTent 4 I 4 points
50 Inspect HabSys 3 I 10 points
51 TestHabSys 3 1 I0system
52FinalPreplClnup I I 250square rater
53 Utilities 0

ProductionTaskDuration
Rate/Hour Hours

2 1
4 2

2 1
4 2

0.2 5
4 1
4 3

0.2 5
4 i

0.2 5
4 I

12 I

3 20
4 2

0.25 2
0.2 5

1000 1
2 2

0.2 5
i 4
4 2
1 4
4 l
4 1
4 l

0.5 2
250 !

12 1

3 10
4 I

0.25 1
0.2 5

1000 1

0.2 S
1 4

0.2 10
1000 1

2 1
1 4

0.2 S
4 2
1 4
2 2
1 4
4 3
4 3

250 I



Year: 2004,

Task ID

Month:2

_kNm

54 PowerCable

55 Layout CabT_ch
56 DigCabletrench
57ExcavateTrench
58RemoveSmlRocks

59 Rmove Ig Rocks
60 InstallCables

61CoverCables
62 ConnectCables

63 InspectCables
64 FinalPrep/C1n_p
65 TCSPiping
66 Layout Tznnch
67 l_cavateCabTrn
68DigPipingTrenc
69 RemoveSmlRocks

70 RemoveI_ Rocks
71InstallPiping
72Corer Trench
73ConnectPiping
74InspectPiping

75FinalPrep/Clntrp
76TestIllSystem

77 RepairlStartup
78 Stock Hab

79 Iport Supplies
80 Ingress Supplies
81 Stow Supplies
82 Launch/Landlrea

83 LayoutLLArea
84 SurfPrep LLArea
85Level LLlrea
86Remove_ml Rocks

87 Remve Lg Rocks
88BlastBarriers
89AnchorPadMarke

90AnchorNayBecon

91ScienceIrea

92 LayoutSciArea
93Surf Prep Sci
94 Level Sci Area
95Rmove _ Rocks
96 RemoveI_ Rocks
97 Cable

98 Layout
99 Trench

100DigTrench
101RemoveSmlRocks
102RemoveIgRocks
103LayCable
104 Cover Cable
105ConnectCable
106lastSolarCbser

Duration

I

2
i

I
I

1
I

1
I

I

1
I

I
I
I

1
I

I
8

14

I
49

16

2

192
14

23
60

I
3

I

20
1
1

1

2
1
1
1
5
1
2

T_oe
Quantity

Work

4

6.25
0.625

0.0625
100

12.5
4
4

250

3

3.125
0.3125

0,03125
50

3.125
4
4

250
30
7

25O
65
65

20

576.975
57.6975
5.76975

180
1
3

12

60
0.6

0.06

17

4.6875
0.046875
0.004687

500
31.25

4
3

UnI_

ProductionTask Duration
hte/Bour Hours

points 12 I

cubicmters 3 2

pieces 4 I

pieces O.25 1
meters 500 I

cubicmeters I00 I

connections 4 1

points 4 I
squarerater 250 I

points 12 i

cubicmeters 3 I

pieces 4 I
pieces O.25 1
raters 100 1
cubicraters 6 I
connections 4 1
points 4 I

squarerater 250 1
system 4 8
system 0.5 14

meters I000 I
smlitems 1.33 49
sml item 4 16

points 12 2

cubicmters 3 192

pieces 4 14
pieces 0.25 23
cubicmeters 3 60
points I i
points I 3

points 12 I

cubicmeters 3 20

pieces 4 I

pieces 0.25 i

points 12 I

cubicmters 3 2

pieces 4 I

pieces 4 I
mters 500 I

cubicmeters 6 5
points 4 I
md items 2 2



Tear: 2004.

TaskID

Month: 2

Task Name

107l_'pSolarObser
I08TestSolarObser

109InstGeoStation

110InspGeoStation
IIITestGeoStation

I12FinalP_/Clnup
113LLOI_mo Prep
114InstallLI_

llSLay P_ Cables
I16ConnectCables
I17InspectI_ I_
II!TestI_ I_C

119FinalPrep/Clnup

Duration Type
_uantity
Of Work Units

4 points
4 sTstem
Sml itms

6 points
6 system

250sqnnremeter

4 ned items
I_ meters

4 connections

4 points
4 sT_em

250squaremeter

Productioa
Rate/Hour

4
4

4

4
4

2SO

2
5OO

4
4
4

2SO

Task_rati_
Hours



Year:2005.Month:I

Task ID Task]Jam

I ActivateEqulp
2 UnloadUPRover
3 Test UPRover
40ffload Balance
5LO Item
6 kl item
7 Transport Cargo
8 Ingress Supplies
9 Stov Supplies

10 Optical Tel #!
11 _lace 0 T #l
12 Connect OT# !
13 AnchorOr #I
14 Test OT# l
15 Repair/Start up
16 PVA

17_lace PVA# 3
l B AnchorPVA13
19 Connect PVA# 3
20 Inspect PVI#3
21 Test PVA# 3
22RepairlStar'cup
23 Cable
24 Install Calbes
25 ConnectCables
26 CoverCables
27 M/ERadio Intrf

28 _uplace
29 Anchor
30 Connect
31 Inspect
32 Test _I

33 Repair/Start up
34 Final Prep/Clnup
35 Prep nen phase

36 _n Teles 2 P:ep
37 Layout Telescops
38 SurPrep Teles
39 Level
40 Remve _1 Rocks

41 Rmove I9 Rocks
42 F_ch Cbservator

43 Layout BO
44 Surf Prep _)
45 Level
46 Remove_ Rocks

47 ]jemve lO Rocks
48 Road to LLArea
49 Layout I_ Road
50 Surface Prep
51 Level LL]joad
52 Remve Sel Rocks
53 Remve Lg Rocks

Duration

i
!

10
3
!

75
25

2
2
4
+t
2

2
4
2
1
1
2

1
2
I

2
4
1
1
2
4
1

1

5
1
+t

1

5
1
1

28

833
63

IO0

Type
0
1
1
0
1
1
1
1
1
0
+t
+t
1
1
1
0
1
1
1
1
1
1
0
1
1
+t
0
+t
1
1
1
I
1
i
0

0
i
0
1
+t
1
0
1
0
1
1
1
0
1
0
1
1
1

Quantity
Of Work Units

+tmd item

4 systems

2 +tgitem
6 md item

300 mcers
+TO0smlitem

100salitem

3md item

6 points
4 points
4 system
I system

4 md item

4 points
8 points
4 points
4 system
I system

'tOmters

8 points
0.625 cubicmters

4md item

4points
4points

4 points
8 system
2 system

50 square rater

12 points

15cubicmeters
1.5Se[rocks

0.15LORocks

12points

15 cubicmters
+t.5Selrocks

O.15 I_ Rocks

333 points

2500cubicraters

250 Sml rocks

25 LOltocb

2
4

0.2
2

4000
1.33

4

2
4
i
4

0.5

2
i
4
4
4

0.5

5OO
4
6

2
1
4
4
4

0.5
25O

12

3
4

0.25

12

3
4

0.25

12

3
4

0.25

Task Duration
Hours

1
+t

10
3
I
75

25

2
2

4
I

2

2
4

2
I
i

2

I

2
1

2

4
I

i

2
4

I

l

5

I
I

I

5
+t

1

28

833

63

100

i0



Year: 2005,

Task ID

Month: 7

TaskName

1 Activate Equip
2 UnloadP Oti Veh
3 Test P Otfl Veh

4 UnloadTunRamp
5 Test TunRaep
6 Unloadl_ Tlr
7 Test hrr Tlr
8 Unload _ P Cart
9 Test FCP Cart

10 UnloadTCCaz_s
11 Test _Caz_s
12 Unload lab Tlr
13 UnloadRover
14 Test Rover

15 Liq Plant/Tanks
16 Emplace P/Tanks
17 Test Plant/Tanks
18 @place Tents
19 UnloadBalance
20 _ items
21Meditem

22 Transport Bal
23 Telescopes
24 EmplaceTeles
25 AnchorTele
26Connect
27 Test Telescopes
28RepeirlStartup
29 Pinal Prep
30 Iab Trailer

31TransportLabTr

32EmplaceLabTlr
33CoenLabTlr
34TestLabTlr

35IngressRioLab

36E_eplaceBiomd L
37 Ingress Sci Lab
38 _place Sci Lab
39 Earth Obsenator
40 Emplace_0
41 i.chor_)
42InspectEO
43 Test_O

44 Repair/Staz_ up
45 Prep next phase
46 SP-iO0 Prep
47 Layout SP-IO0
48 SurfPrepSP-lO0
49 level
50 RemoveSmIRocks

51 Rmove 19 Rocks
52 gzcavate
53 Dig Hole

Duration

5
2
5
1
5
1
5
1
5
1
5
i
1

i
i
2

i5
1
1

3
8
2
2
4
1

1
5
3
1

28
9
9
3

5
4
I
1
2

1

9
i
i

8

Quantity
Type Of _ork Units

0

1 1 lg item
1 8 system
1 1 lg item
1 4 systems
1 1 lg item
1 4 systems
I I Igitem
1 4 system
I i Igitem
1 4 systems
I I Igitem
i Ireeditem

1 4 system
0
1 1 md item

I 4 system
1 4 eed item
0

I 3 lg item
I Imd item
1 300 mCers
0
I 6 reediCes
1 8 points
I 8 points
1 8 system
i 2 system
1 lO0 square mter
0
I 300 meters

I I Igitem
I 10points
1 5 system
1 37 item
I 37item
I 12item

I 12item
0

I I Igitem
1 4 points
1 4 points
1 4 system
1 1 system
0
0

i i2 points
0
i 26.49375 cubic meters
1 2.649375 sml rocks

i O.264937lg rocks
0
1 24 cubic meters

ProductionTask Duration
hte/Hour Hours

0.2 5
4 2

0.2 5
4 1

0.2 5
4 1

0.2 5
4 l

0.2 5
4 1

0.2 5
2 1
4 1

2 1
4 1
2 2

0.2 15
2 i

iO00 i

2 3
i 8
4 2
4 2

0.5 4
250 1

4000 I
0.2 5

4 3
4 1

1.33 28
4 9

1.33 9
4 3

0.2 5
1 4
4 i
4 i

0.5 2

12 i

3 9
4 1

0.25 1

3 8

11



Tear: 2005,

TaskID

_nth: 7

TaskN_ Duration Type

54 RemoveSmlRocks 1 1

55RemoveIg Rocks 1 1
56Cablefor _ 100 0
57Layout Cab SPIO0 1 1
58 Dig Trench 0
59Trench 10 1
60 Re_ove_ Rocks l 1
61 Removelg Rocks 1 l
62 Road To |uc Pits 0

63Layout 6 1
64Surface Prep 0
65Level 167 l

66 RemoveIq Rocks 13 1
67 RemoveSnl Rocks 20 1
68 T.T._ea 0
69 Layout 5 1
70 Surface Prep 0
71 Level 144 1
72 Remove_1 Rocks 11 1
73 RemoveLGRocks 17 1
74 Blast Barriers 220 I

2.4
0.24

17

31.25
3.125

0.3125

67

500
50
5

60

432.7312
43.27312
4.327312

66O

Units

smI rochs

lg rocks

points

cubic meters
ml rocks

lg rocks

points

cubic meters
sel rocks

lg rocks

points

cubic raters
ml rocks

igrochs
cubicraters

Productiou

Rate/Hour

4
0.25

i2

3
4

0.25

12

3
4

0.25

12

3
4

0.25
3

1
1

1

10
1
I

6

167
13
20

5

144
11
17

220

12



Year: 2006,

Task ID

Month: 1

Tuk Nam

1 UnloadLander

2 IporttoBase

3 Ingress Cons
4 StowConsumables

5 _mplace Sc Resup
6 SP-IO0

7EmplaceSP-IO0
8EmplaceCable
9 CoverTrench

10 Cozmct SP-IO0
11 Inspect SP-IO0
12TestSP-IO0

13Repair/Startup

14 FinalPrep/Clnup
15 PrepNextPhase
16 InfHabPrep

17LayoutInfHab
18ExcavateIn:[Hab
19RemoveSmlRocks

20 RemoveLg Rocks
21 II Tele Prep
22 LayoutIR Tele
23 SurfacePrep
24Level
25 RemoveSad Rocks

26RemoveLgRocks

27UVTelePrep
28Layout UVTele
29 Surface prep
30 Level
31RemoveSml Rocks
32 RemoveLgRocks
33 Rd To ISIU Area
34Layout
35SurfacePrep
36 Level
37 Remve _ Rocks

38 Remove_ _ocks

Duration

I0
5

84
27

1

5
1
5
1
3

3
4
1

1
667
50

80

1

5

1
1

1

5

1
1

2

s
I

I

Type

1

1
I

1
1
0

I
I

I
1

1
I
I
I

0
0

1
I

i
1

0
I
0

I
I

I
0
1
0

1
I

I

0
I
0

1
I

I

Quantity
Of Work Units

2 lg items
5000mters

112smlitem
108ml item
4 smlitem

1 Lg itm
500mters

31.25Cubicmte_s

5points
10 points
10 systems
2 system

250 square meter

12points
2000cubicmters

200smlrocks
20 Igrocks

12points

15 cubicmeters
1.5smlrocks

0.15 Igrocks

12points

15cubicmeters

1.5_ rocks

O.15 lg rocks

24points

15cubicraters

1.5smlrocks

o.tslgrocks

Production

Rate/Hour

0.2
1000
1.33

4
4

0.2

50O
6
4
4
4

0.5
250

12
3
4

0.25

12

3
4

0.25

12

3
4

0.25

12

3
4

0.25

TaskDuration
Hours

I0
5

84
27

1

1
667
50

80

1

5
1

I

I

5

1
1

2

5

i
1

13



Tear: 2006,

Task ID

Month: 7

Tuk 1era Duration
_atity
OfWork Units

Production Task Duration
Rate/flour Hours

! Inf Hab 0

20ffload Inf Hab 5 1 1 lg items 0.2 5
3 llon Inf Hab 5 1 5000raters 1000 5
4_placeFound. l 1 Imd item 2 1

5 Ancbur Found 1 8 points 27
6 kplaceInfHab 5 I IIg item 0.2 5
7 Inflate Hab 20 1 20 hours 1 20

8 Connto Found. 2 I 6 points 4 2
9 CourtPower I I 4 points 4 I
I00ffloadTunnel 5 1 I Igitem 0.2 5
1]. Iport Tunnel 5 l 5000meters I000 5
12_placeTunnel 5 i i lgitem 0.2 5

13ConnectTunnel 2 1 6 points 4 2
14AnchorTunnel 4 i 4points 1 4
15 InspectHab/Tunn 3 1 10 points 4 3
16 TestHabltuunel I i 4 system 4 I

17RepairlStartup 2 1 I system 0.5 2
18BackfillHab 167 I I000cubicmtsrs 6 167
19 IRTelescope 0

20EeplaceIRT 2 I 4 md item 2 2

21Connect 2 ! 6 points 4 2
22 Anchor 4 1 4 points 1 4
23 Inspect I I 4 points 4 I

24 TestIRT 1 I 4 system 4 1
25 RepairlStartup 2 1 1 system 0.5 2
26 FinalPrep I I 50squaremeter 250 I
27UV Telescope 0
28 hplace UVT 2 l 4 md item 2 2
29 Connect 2 1 6 points 4 2
30 _cbor 4 1 4 points 1 4
31Inspect I I 4points 4 1

32TestUTT 1 I 4 system 4 I
33 Repairlstartup 2 1 1 system 0.5 2

34 FinalPrep 1 1 50 squarerater 250 1
35 RoadNucto ISRU 0
36 Layout 4 l 50points 12 4
37 SurfacePrep 0
38 Level 167 ! 500cubicmeters 3 167
39 RemoveSmlRocks 13 I 50smirocks 4 13
40 Remve I_ Rocks 20 1 5 lg rocks 0.25 20

14



Tear: 2007,

TaskID

Month:1

TaskName

10tfload Lander
2 Ipo_ Cargo
3 StowCons.rabies
4 _ ConstHab
50ffload TCS

6xpo__s
7 _place TCSext
8 Anchor TCSext

9 T(_ Ingress
10 _lace TCSint
11 Piping Trench
12 Dig Trench
13 Removeml rocks
14 Removelg rocks
15 @place Piping
16 Cover Trench

17 Connect Piping
18 Inspect TCS
19 Test T_

20Repair/Startup
21Rd ISRUToL/L

22Layout
23SurfacePrep
24Level

25RemoveSmlRocks
26Removelg Rocks

Duration

5
5

25

5
20
5
8

11
4

2
1
1
1
1
1

10
29
58

3

667
50
80

_antity
O_Work Units

1 lg item
5000meters
100 sml items

1 lg item
5000meters

1 lg item

8 points
14item
14ml items

6.25 cubic meters
0.625 sin1rocks
0.0625Igrocks

100neters
6.25 cubic mters

4 points
38points

116systees
29 systems

40 points

2000cubic raters

200smlrocks
20 lg rocks

Pr_uctim

Rate/Hour

0.2
1000

4

0.2
1000
0.2

1
1.33

4

3
4

0.25
100

6
4
4
4

0.5

12

3
4

0.25

5
5

25

5
20
5
8

11
4

2
1
1
1
1
1

10
29
58

3

66?
50
80
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Year: 2007,

Task ID

Month: 7

Task _am

1 Activate Equip
20ffload Pvr Tlr
3 Test Pvr Tlr
40ffload PUV# 2
5 Test PUV# 2
60ffloadBal

9 _Do_ Balance
10 _._
11 Install N.SS en

12 Inspect PISS ere
13 _ Ingress
14 Install _SS int

15 Inspect int
16Test ILSS

17 Repair/Startup
18 Outfitting
19OutfittingIngr

20hst Outfitting
21TestOutfitting

22 Repair/Start Up
23 OptTel f 2
24 Layout
25Surf Prep
26 Level
27 Removeml Roc_
28 RemoveLg locks
29 EmplaceOpt Tel2
30 AncborOT#2
31 InspectOT# 2
32 Test 0 T # 2
33 Repair/StOpOT2
34 Cover Bah

Duration

5
1
5
2

15
5

25
25
44
15
25

i00
2O0

67
22
11
24

1

5
!
1
1
4
2
!
2

567

0
1
1
1
I
I
1
0
1
1
1
1
1
i
1
0
1
1
1
1
0
1
0
1
1
1
1
1
1
1
1
1

ProductionTaskDuration
Units Rate/Hour Hours

1 lg item 0.2 5
4 systems 4 1
1 lg item 0.2 5
8 systems 4 2
3 lg item 0.2 15

5000mcers 1000 5

5 lg items 0.2 25
100 points 4 25
59 items 1.33 44
59ml items 4 15

lOOpoints 4 25
400 systems 4 100
100system 0.5 200

89 items 1.33 67
89 eml items 4 22

45 systems 4 11
12 systems 0.5 24

12 points 12 1

15 cubic meters 3 5
1.5 w1 rocks 4 1

0.15 lg rocks 0.25 1
1 md item 2 1

4 points I 4
6 points 4 2
4 system 4 I

I system 0.5 2
1700cubicmters 3 567
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Tear:2008.

TaskID

_nth: I

TaskNam

10ffload Lander

2 Ipoz_Cargo
3 Stw Coas_bles

4 OptTel# 3
5 LaTout
6 Surf Prep
7 Level
8 [emove Sel i_ocks

9 _esove I_ Rocks
10 _place OT# 3
11AnchorOT # 3
12 Inspect
L3 Test

14 2epair/Startup

Duration

5
S

25

1

S
1
1
1
4
2
1
2

Quantity
Of Work

1
500O
100

12

15
1.5

0.15
1
4
6
4
1

Units

lg item
meters
sel items

points

cubic wters
sel rocks

lg rocks
eed item

points
points
sTstees
systems

Productica

mate/Hour

0.2
100O

4

12

3
4

0.25
2
1
4
4

0.5

TaskDuration
Hours

5
5

25

1

S
1
1
1
4
2
1
2

17



Iear:2008.

Task ID

Montb: 7

Task lime

i Lander?ac Iddns
20ffload Mdns
3 _eplacelddns
4 Test lddns
5COrnTower
60ffloadC_ Twr

7 XporcCoe _
8 _place Found
9 lnchor Found

10_place T_
IIAnchor l_r
12ConnectTtc
13 Test _r

14 l_gairlStart_

Duration

25
25
3

1
I
2
4
1
4
1
1
2

Type

5
5

I0

1
SO00

4
4
1
4
4
4
1

Units
ProductioaTaskDuration
Eate/Hour llours

lg item 0.2 25
lg item 0.2 25
systems 4 3

reeditems 2 1
meters 4000 1
Lid items 2 2

points 1 4
El itm 2 1

points I 4
points 4 1
sIstem 4 1
system 0.5 2

18



Year:2009,

Task ID

Month: 1

TaskName

10ffload lander

2 XportCargo
3 StowConsumbles
4 Prep Next Phase
5 NucPer Pit
6 layout
7 Excavate

8 Dig pit
9 Eesove seI rocks

10 Ieeove lg rocks
11 Surf Prep
12 Izvel
13 Removeml Rocks

14 Remve Lg rocks
15 P_ID
16 layout
17 Trench

18 Dig trench
19 Eemve Sel Rocks
20 Emove lg rocks

Duration

10
5

25

2

12
1
4

141
1
4

4

15
1
4

Quantity

Type OfVork Units

I 2Ig item
I 5000mters
1 I00ml item
0
0

I 20points
0

I 35cubicmete_
1 4 ml rocks

I I Igr_zks
0
I 423.9 cubic meters
1 4 s_l rocks

i I lg rocks
0

1 50 points
0
1 43.75 cubic meters
1 4 ml rocks

I 1 lg rocks

ProductionTask Duration
Rate/Hour Hours

0.2 10
1000 5

4 25

12 2

3 12
4 1

0.25 4

3 141
4 1

0.25 4

12 4

3 15
4 i

0.25 4

19



Year: 2009,

Task ID

_onth: 7

Task lime Duration
Quantity

Type OfWork Units

l Commbles 0
20_floadConsums 5 1 1 lg item
3 lpo_c Consms 5 1 5000mters
4 IngressConsum 81 i I08smlitem
5StowCoasums 27 I i08smlitem
6 Nuclear P_r Pit 0

70ffload Nuc 5 I I lg itm
8 lport Muc 6 1 6000meters
9 @place bulkhead 5 1 1 large piece

10 Inspect 3 I 12 points
IIBackfillpit 2 I 14n3
12 Inspect 3 1 12points
13 Emplace reactor 5 I I large piece
14_place I/OMani 1 1 1 eediuepiece
15ConnectII0Mani I I 2points
16 _place engine p 4 1 8 mdpieces
17 Emplace engines 40 1 8 large pieces
18 Connectheat re_ 4 I 16 points
19Connectshunts 4 I 16points
20Coanectconverte 2 1 8 points
21 Inspect 14 1 56points
22 _lace reflecti 40 1 8 large pieces
23 _lace panels 20 1 40 md pieces
24 Connect panels 10 1 40 points
25 lnchor radiators 48 1 48 points
26 Co_e_ _ilold 2 i $_ints
27 _place svitchin 2 i 3 mdpiece
28 _place utilitie 1 1 700mters
29Connectutilitie 2 I 8 points
30 Inspect 9 i 35 points
31 Bacldill trench 7 1 43.75 cubic meters

32 Inspect 9 1 35 points
33 Final Prep/Clean 1 1 140squaremtar
34 Activate &Test 8 1 32 systms
35 Repair Startup i6 1 8 system

ProductimTaskDuration
Rate/Hour Hours

0.2 5
IOOO 5
1.33 81

4 27

0.2 5
iO00 6
0.2 5

4 3
6 2
4 3

0.2 5
2 1
4 1
2 4

0.2 40
4 4
4 4
4 2
4 14

0.2 40
2 20
4 10
1 48
4 2
2 2

5OO i
4 2
4 9
6 7
4 9

25O 1
4 8

0.5 i6

2O



Year: 2010, _nth: 1

Task ID Task Mine

1 Cons.rabies
20ffload Consum

3 Xport Coas,..s
4 Stov Coasus

Duratioa

S
S

2S

Quantity

T_pe Of York Units

0

i I Igitem
I SO00raters
I i00smlitems

Production TaskDuratioa
late/Hour Hours

0.2 S
1000 5

4 25
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lear:2010,

TaskID

1
2

3

_n_:7

TaskName

Consumables
Offload Coes=s

lportConsms
4 StowConsums

5 LLOIFacility
6 LLOIPlant

7 Layout
8 Surf Prep
9 Level

10 Removesa_ rocks

11 Removelg rocks
12 Offload

13 Xport
14 Emplace
15Anchor
16TCS

178eplace
18 Anchor
19Connect

20 Bene Equip
21 Offload

22 _eplace Lg Item
23 Emplace MedItem
24 E_place Sml Item
25 Inspect
26 Connectcables

27 Storage Tanks
28 _cavate

29 Dig
30 Removes_ Rocks

31 Remove_ rocks
32 _mplace Tnnks
33 Connect
34 Cover Tanks
35 P_

36Layout
37 Trench

38 Dig trench
39Rmove ml rocks
40 Removelg rocks
41_mplace Cable
42 Cover Cable
43 Connect Cable

44 Inspect all syst
45 Activate/test

46 Repair/startup
47 Finalpreplclup
48 Mining_quip
49 Offload

soxport
51Test

52Repair/Startup
53 G-RTelescope

Duration

5
5

25

2

3
l
1
5
5
5
3

5
8
1

5
1
2
1
3
2

20
2
2
1
2
5

3

21
2
3
2

10
2
S
1
6
l

15
5
3
6

Quantity
Type OfWork Units

0

1 I Igitem
1 5000raters

1 100suititems
0

0

l 20points
0
I 10.05cubicmeters
1 1.005 ml rocks
1 0.1005lg rocks
1 1 lg item
i 5000raters
1 1 lg item
I 3 points
0

1 1 Igitem
1 8 points
1 4 points
0

1 1 lg item

1 0 lg item
1 3 seeditems
I 4 sml item

i 10points
1 6 points
0
0
1 60 cubicraters
1 6 era1rod_

1 0.6 lg rocks
I 2 reeditem

I 8 points
1 30cubicmeters
0

I 35 points
0
1 62.5cubicmeters
1 6.25 sml rocks

1 0.625 lg rocks
1 1000mCers
1 62.5 cubicmeters

I 8 points
I 20points
1 10system
I 3 system
I 250squarerater
0

1 3 lg item
1 5000racers

I 12system
I 3 system
0

Production TaskDuration

Rate/Hour Hours

0.2 5
1000 5

4 25

12 2

3 3
4 1

0.25 1
0.2 5

1000 5
0.2 5

I 3

0.2 5
1 8
4 1

0.2 5
21 1
2 2
4 1
4 3
4 2

3 20
4 2

0.25 2
2 1

4 2
6 5

12 3

3 21

4 2
0.25 3
5OO 2

6 10
,! 2
,I 5

3O !
0.5 6
25O 1

O.a 15
1000 5

4 3
0.5 6
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Year: 2010,

TaskID

lloe_: 7

Tasklime

54 Layout
55 Surf Prep
56 Level
57 2e_e sel rocks

58 removeIg rocks
59O_fload

60 Ipo_
61 gepiace
62 Aa_or

63 Inspect
64 Test

65 liepair/start up

Duration

!

11
1
1

i0
5

10
6
1
1
2

Type
Quantity
Of_ork

12

33.75
3.375

0.3375
2

5000
2
A
4
4
1

Units

points

cubicmeters
ml rocks

Igrocks

Ig item
meters

Ig items
points

points

sTstem
system

Productioa

Rate/Hour

12

3
14

0.25
0.2

1000
0.2

!
4
4

0.5

TaskDuration
Hours

1

11
1
I

I0
5

10
6
I
1
2
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Year:2011,Month: 1

TaskID TaskName

1 Conslbles
20_fload Consues
3 Iport Cons_es
4 Stov Consues

Duration

5
5

40

Quantity

Type Of Work Units

0

i 1 Igitm
I 5000raters
I 160 ml item

l_oductim Task Dutati_
hte/Mout Bouts

0.2 5
1000 5

4 40
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Year: 2011,

TaskID

Month: 7

TaskNero Duration Type Units

ProductionTask Duration
_ate/Hour Hours

1P_V 0
20_fload 5 1 1 lg item 0.2 5
3 Test 1 1 4 system 4 1
40ffload Bal 15 1 3 lg items 0.2 15
5 Transport Bal 5 1 5000meters 1000 5
6 $tow Sci Resup 1 1 4 ml items 4 1
7 Ingress lab Inst 75 1 100 sel item 1.33 75
8 Iastall Lab inst 25 1 100sml item 4 25

9 I-by Tele 0
10 Layout 1 1 12 points 12 1
11 Surf prep 0
12level 5 I 15cubicraters 3 5
13 Beeove sel rocks 1 1 1.5 ml rocks 4 1

14 leeove Lg rocks 1 I 0.15 lg rocks 0.25 1
15 Transport 1 1 1000meters 4000 1
16_¢place I i 2md item 2 I

17 Anchor 4 I 4points 1 4
18 l_ect 1 1 4 points 4 1
19 Test 2 I 6 system 4 2
20 _epair/sCL_up 4 1 2 sTstem 0.5 4
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Task Gantt

11-29-89

Task

XD

2:07p

Project: I2004 2.PJ

Revision. T 28

Reading/Task

I2004 2.PJ

ActiVate Equip

± Of±load MWP

± Test MWPs

± Of±load Trucks

± Test Trucks

± Of±load FCP Cart

± Test FCP Cart

± Of±load Implmts
± Of±load TC Cart

± Test TC Cart

± Of±load Liqf Tks

i_ Test Liqf Tks

PVA/RFC

± Layout PVA/RFC

Surf Prep PVARFC

± Level PVA/RFC

± Remove Sml Rocks

± Remove Lg Rocks

± Unload PVA-RFC

± Xport PVA-RFC

± Emplace PVA

± Emplace RFC

± Anchor RFC

± Connect PVA

± Anchor PVA

± Connect PVA/RVC

± Inspect PVA/RFC

± Test PVA/RFC

± Repair/Startup

± Final Prep/Clnup

Habitat

± Layout Hab Mod

Surf Prep aab
± Level Hab Area

± Remove Sml Rocks

± Remove Lg Rocks

Of±load Hab Mod

Xport Hab Mod

± Emplace Hab Mod

± Anchor Hab Mod

± Unload ALock&TCS

± Xport ALock &TCS

± Emplace TCS

± Anchor TCS

± Emplace Airlock

± Connect Airlock

± Anchor Airlock

± Emplace Tent

± Anchor Tent

± Inspect Hab Sys

± Test Hab Sys

± Final Prep/Clnup

Utilities

Power Cable

± Layout Cab Trnch

Dig Cable Trench

Feb 04

02

eoooee

eeeooo

eoooeee

eooeoeo

oeeeoee

ooeeooe

eoeoooeo
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Across: 1 Down: 2

057

058

059

060

061

062

063

064

065

066

067

068

!069

070

071

072

073

074

075

076

077

078

079

08O

081

082

083

084

085

086

087

088

089

090

091

092

093

094

095

096

097

098

099

100

101

102

103

104

105

106

107

108

109

110

111

112

113

I14

115

116

117

± Excavate Trench

± Remove Sml Rocks

± Remove Lg Rocks

± Install Cables

± Cover Cables

± Connect Cables

± Inspect Cables

± Final Prep/Clnup

TCS Piping

± Layout Trench

Excavate Cab Trn

± Dig Piping Trenc

± Remove Sml Rocks

± Remove Lg Rocks

± Install Piping

± Cover Trench

± Connect Piping

± Inspect Piping

±Final Prep/Clnup

±Test All Systems

±Repair/Startup
Stock Hab

± Xport Supplies

± Ingress Supplies

± Stow Supplies

Launch/Land Area

± Layout LL Area

SurfPrep LLArea

± Level LL Area

± Remove Sml Rocks

± Remove Lg Rocks

± Blast Barriers

± Anchor Pad Marke

± Anchor Nay Becon

Science Area

± Layout Sci Area

Surf Prep Sci

± Level Sci Area

± Remove Sml Rocks

± Remove Lg Rocks

Cable

± Layout
Trench

± Dig Trench

± Remove Sml Rocks

± Remove Lg Rocks

± Lay Cable

± Cover Cable

± Connect Cable

± Inst Solar Obser

± Insp Solar Obser

± Test Solar Obser

± Inst Geo Station

± Insp Geo Station
± Test Geo Station

± Final Prep/Clnup

LLOX Demo Prep

± Install LLOXDemo

± Lay Pwr Cables
± Connect Cables

± Inspect LLOX POC

2h

lh

lh

lh

lh

lh

lh

lg

lh

lh

lh

lh

lh

lh_

8h'

14h

12

lh

49h

16h

47

2h_

47

192hi

14h

23h

60h

lh

3h

8

lh

4

20h

lh

lh

5

lh

3

2h

lh

lh

lh

5h

lh

2h

lh

lh

lh

2h

2h

lh

6 ,

2h_

1hi
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Across: 1 Down: 3

118
119

f

i

!
I

± Test LLOX POC
± Final Prep/Clnup

lh
lh o o o o OqllOOeOOO oeeooe eoe • ooeeeoe ooge •

_i_ Non Critical m Milestone

_ Critical M Critical MS

Interrupt
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Task Gantt

11-29-89 5:36p

Emplacement Phase -_Personnel Flight 2

Project: I2004 7.PJ
RevisionT 21

Task

ID

Heading/Task

I2004 7.PJ

ReceTve Cargo
± Offload Rover

± Test Rover

± Offload Lander

± Transport All

Supplies

± Ingress Supplies

± Stow Supplies

PVA-RFC # 2

± Layout PVA/RFC

Surf Prep PVARFC

± Level PVA/RFC

± Remove Sml Rocks

± Remove Lg Rocks

± Emplace RFC

± Emplace PVA
± Connect PVA

± Connect PVA/RFC

± Inspect PVA/RFC

± Test PVA/RFC

± Repair/Startup

± Final Prep/Clnup

Con_n Equip

± Emplace Comm Eq

± Inspect Comm Eq

± Test Comm Equip

Node

± Emplace Node

± Connect Node

± Anchor Node

± Inspect Node

± Test Node

± Repair/Startup

Prep Next Phase

PVA # 3 Prep

± Layout PVA 3

Surf PEep

± Level PVA 3

± Remove Sml Rocks

± Remove Lg Rocks

Opt Tel # 1 Prep

± Layout Op Tel 1

Surf Prep Tel 1
± Level Tel 1

± Remove Sml Rocks

± Remove Lg Rocks

M-E R Inf Prep

± Layout ME Inf

Surf Prep

± Level ME Inf

± Remove Sml Rocks

± Remove ig Rocks

Cmp Hb Area Prep

± Layout Hab Area

Surf Prep

± Level Hab Area

DUE
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Across: 1 Down: 2

05'7
058
059
060
061
062
063
064

!

Remove Sml Rocks

± Remove Lg Rocks
HabAroa Roads

± Layout Roads
Surf Prep
Level Roads

± Remove Sml Rocks

± Remove Lg Rocks

3.h........................::LI
_ 01J't ooooooooooooooooooeooooo ee

34 :.::...::::. .... :..:..:.. go

6h ......

a.Th .... ii
13_ o,mlm• • Q • • so • oe • s oe • • • oe o • • o_ • oo oee @8 o @o

20_ Ooeoeoeooeoeeooooooeo_oooooooeooooo oo

_'_' Non Critical m Milestone Interrupt
_ Critical M Critical MS
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TaskGantt
11-29-89 5:38p

Begin Consolidation Phase

Project: I2005 I.PJ
Revision.'-- 14

Task
ID

P3 I
001 i
002 1
003
004 i

005
006
007
008
009
010
011
012
013
014
015
016
017
018
019
020
021
022
023
024
025
026
027
028
029
030
031
032
033
034
035
036
037
038
039
O40
041
042 ;
043
044
D45
O46
047
048
049 i
050
0Sl ,
052
053

Heading/Task

12005 I.PJ
ActiVate Equip
± Unload UP Rover
± Test UP Rover
Offload Balance

± Lg Items
± Med items

±Transport Cargo
±Ingress Supplies
±Stow Supplies
Optical Tel #i

± Emplace O T #i
± Connect OT # 1
± Anchor OT #I
± Test OT # 1

± Repair/Start up
PVA
+ Emplace PVA # 3
± Anchor PVA #3
+ Connect PVA # 3

+ Inspect PVA #3
± Test PVA # 3

± Repair/Start up
Cable
± Install Calbes
± Connect Cables
± Cover Cables
M/E Radio Intrf

± Emplace MERI
± Anchor
± Connect

± Inspect
± Test MERI

+ Repair�Start up
± Final Prep/Clnup

Prep next phase
)ion Teles 2 Prep

± Layout Telescops
Sur Prep Teles

± Level
± Remove Sml Rocks
± Remove Lg Rocks

Earth Observator

± Layout EO
Surf Prep EO

+ Level
± Remove Sml Rocks

± Remove Lg Rocks
Road to LL Area

± Layout LL Road
Surface Prep

+ Level LL Road
± Remove Sml Rocks
+ Remove Lg Rocks

DUE

198
1
lh
lh
3

10h
3h
lh
75hi
25hi

2h,
2h
4h
lh
2h
7
2h
4h
2h
lh
lh
2h
l
lh
2h
lh
7
2h
4h
lh
lh
2h
4h
lh

173
2
lh

2
5h
lh
lh
3

31
5h_

lh
171 !

28h,
167 :
833h

63h
lOOh
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Task Gantt

11-29-89

Task

ID

5:42p
Consolidation Phase, First Cargo Flight

Project: Z2005 7.PJ
Revislon _. 18

Heading/Task DUE Aug

I2005 7.PJ

ActiVate Equip

± Unload PUti Veh

± Test P Util Veh

± Unload Tun Ramp

± Test Tun Ramp

± Unload Pwr TIE

± Test Pwr Tlr

± Unload FC P Cart

± Test FC P Cart

± Unload TC Carts

± Test TC Carts

± Unload Lab Tlr

± Unload Rover

± Test Rover

Liq Plant/Tanks

± Emplace P/Tanks
± Test Plant/Tanks

±Emplace Tents
Unload Balance

± Lg items

± Med items

±Transport Bal

Telescopes

± Emplace Teles

± Anchor Tele

± Connect

± Test Telescopes

± Repair/Start up

± Final Prep

Lab TEa±leE

± Transport Lab Tr

± Emplace Lab TIE
± Corm Lab Tlr

± Test Lab Tlr

±Ingress Bio Lab

±Emplace Biomed L

±Ingress Sci Lab

±Emplace Sci Lab
Earth Observator

± Emplace EO
± Anchor EO

± Inspect EO

± Test EO

± Repair/Start up

Prep next phase

SP-100 Prep

± Layout SP-100

Surf PEep SP-100

± Level

± Remove Sml Rocks

± Remove Lg Rocks

Excavate

± Dig Hole

± Remove Sml Rocks

± Remove Lg Rocks

Cable for SP I00

• eoooooooooo

oooeoooooeoo

• ooooooooooo

• oooo oeo

oooooooooooooee i

• eoooeoooooeoo

oooooeoooooo

• eoooooeoooo
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Across: 1 Do_: 2

057
O58
O59
060
061
062
063
064
065
066
067
O68
069
07O
071
072
O73
074

± Layout Cab SP100
Dig Trench

± Trench
± Remove Sml Rocks

± Remove Lg Rocks
Road To Nuc Plt8

± Layout
Surface Prep

± Level

± Remove Lg Rocks
± Remove Sml Rocks

LLArea

± Layout
Surface Prep

± Level
± Remove Sml Rocks
± Remove LG Rocks

Blast Barriers

!i!_!_!_Non Critical m Milestone
_ Critical M Critical M_

lh ..::::::::...::.: .....................
4 ee see ooeeeeeeeeeeeeeeeeeee

],Oh ooeeeeeeeeeeeee oeeeeeeeeeeeeeeeeeeee

lh ................. ::::::::::::::::::::lh ........ ,..
35 .... .,.!
6h ....... i

34 ....... i
167h ''°'°°°i

13h -o° ...........
20h ..............
57 eeeeeeeeeeeeeeeeo

5h .................

ooeoeeeoeeeeoooooeeeoee

eeoeeoeooooeeooeoeeeeee

°°eeeoeooeeoeeeooeeooeo

ooeeeoooeeeoeeeooeoooo° I

°°°oo eeoc °i

ooo°o i

ooooeeeeeoeoeooeq 01

144h ..... ,,, ......... .°,...°.

17hllh:..............:::::: .... ::::::.::::.:::
220h .................. _ ............

-- Interrupt
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Task Gantt

11-29-89 5:45p

Consolidation

Task Readlng/Task Dur

ID

P5 I2006 1.PJ 160

001 ±Unload Lander _ 10h

002 ±Xport to Base 5h

003 ±Ingress Cons 84h

004 ±Stow Consumables 27h

005 ±Emplace Sc Resup lh
00_ SP-100 4

007 ± Emplace SP-100 5hl

008 ± Emplace Cable lh

009 ± Cover Trench 5hl

010 ± Connect SP-100 lh

Oll ± Inspect SP-100 3h

012 ± Test SP-100 3hl

013 ± Repair/Start up 4h

014 ± Final Prep/Clnup lh

015 Prep Next Phase 137

016 In± Bah Prep 133

017 ± Layout In± Hab lh

018 ± Excavate In± Hab 667h

019 ± Remove Sml Rocks 50h

020 ± Remove Lg Rocks 80h

021 IR Telo Prep 2

022 ± Layout IR Tele lh

023 Surface Prep 2

1024 ± Level 5h

i025 ± Remove Sml Rocks lh

026 ± Remove Lg Rocks lh

027 UV Tele Prep 2

028 ± Layout UV Tele lh

029 Surface prep 1
030 ± Level 5h

031 ± Remove Sml Rocks lh

032 ± Remove Lg Rocks lh
033 Rd To ISRU Area 2

034 ± Layout 2h

035 Surface Prep 2

036 ± Level 5h

037 ± Remove Sml Rocks lh

038 ± Remove Lg Rocks lh

Phan_ Continued i

Project: I2006 I.PJ
Rovielon T. 14

::nl ebl.a I oo
_illlUlli_illli eoo

ooooooooooeooeoooeoooooooooooooeoooooeee

eooooeoooooeeeeoeooeeooeoooooeooeeooooee

oeee

 Nii  i}i)iiiiiiiiiiiiiiiii;i}?i}));)
Q_ooe oeeooeooleooooeeeoooeloeooeoooeoool

ooooo ooooeoooooooooeeooooooooooooeeoeooo

ooooo oooeooeeoeoooooooooooeoeooooooooooo

oooo oooeooooooooooeooooooeooooooeeooeoo
oooo oeooooooooeeeoooeeooooeeeeooeoeeooe

eoooo] oooooeoeoooooeoooooooooeeeoeoeoooee

oeooooooeoeooooooeooeooeoooooooooooeoo

eoo*oooooooooooeoooooooooooeoooooooo _ooo

eooeooeeoooooeoooooooooooeoooooooooe eooo

ooooeooooeeoeooeeoeooooeoooooeoeoeoo eooo

eooooeeoooooooeoeoeoeooooooeooeoooee eeoc

oeoeoooooooeeeeeeooooeeooeeoeooooooe oeoe

 ;11111;111111111;111;1111111111;;i;.111

ooooeoeooeo_oo_ooooooo_oooooooo_eoeoooee

eooooooooeooooooeoooeoeoooeoooeooeoee eoo

oooooeoo_oooo_ooooooooooooooeeoooo_oe oeo

_ Non Critical m MilestoneCritical M Critical MS
Interrupt
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Task Gantt

11-29-89 3:40p

Project: 12006 7.PJ

Revilion_ 22

Task Heading/Task
ID

P6 I2006 7.PJ

001 Inf _ab

002 20ffload Inf Hab

003 2 Xport Inf Hab

004 2 Eaplace Found.

095 i2 Anchor Found
006 !2 Emplace Inf Hab

007 12 Inflate Bab

008 i2 Conn to Found.

009:2 Conn Power

010 i20ffload Tunnel

011 2 Xport Tunnel

012 2 Emplace Tunnel
013 2 Connect Tunnel

014 2 Anchor Tunnel

015 _ Inspect Hab/Tunn

016 !_ Test Hab/tunnel

017 i± Repair/Startup
018 ± Backfill Hab

019 IR Telescope

020 12 Emplace IRT

021 2 Connect

022 12 Anchor

023 2 Inspect

024 ,2 Test IRT

025 12 Repair/Startup

026 12 Final Prep

027 OV Telescope

028 i± Emplace b'VT
029 i2 Connect

030 2 Anchor

031 2 Inspect

032 2 Test UVT

033 2 Repair/startup

034 2 Final Prep

035 Road Nuc to ISRU

036 2 Layout

037 Surface Prep
038 2 Level

039 ± Remove Sml Rocks

040 2 Remove Lg Rocks

Du= ,July 06 /August SeptenLber October
103 17 31 14 28 11 25 09
I I I ; I I I t

75 _...,,.,.,,,,

5h eeeeeoeoeoo oeeeeeeeeee eeeeeeoeeeeeeeeeee

5h eeoeeoeeeeo eeeooeoeeoe oeeeoeeooeeeeoeeoo

lh eee eeeeeeoeeeeeeeeeeeeeeeoeeeeeeoeeeooeeoeoeoeeeeeeeeeee

............................!!ii!i!!ii.........!iiii!!!
20_ eeeeeeJeeeeeeeoeee eeeeeeeee

2h eeooeoooeeeeoeoeee eeoeeoooe

lh eeeeeeeeeeeeeeeeee eeoeeeeee

sh::::::_ ...........................
_h eeeeeeeeeeeoeeeeoe ooeoeeeoo

sh .::: ...........................2h eeooooeoeooeeeeeee eeoeeeeee

4h eeeoeeee eeoeoeeeeeoeeeeoeeeee eeoeeeeoe

3h oeooeeee eeeoeeeeeeoeeeoeeeeeeeoeoeeeeeeeeeeeeeooeeeeoeee
lh eeeeeeee: eeoeeeeeeeeeeeeeeeeeeeeeeeoeeoeeeoeeeeeeeeeeoeee

2h........n...............................................
167h .... e. ...... _....,., .... ,,o,,., .......... ,

oeoooeeeooemeeeoe_eeeeee eoe oooeooeeeooeeeo

2h eoooooooeooeeooeooeeeeo

4h eeeeeeeeoeooeeoooeeee

lh e: eeeeeeeeoeeeeeeoeeeee

lb, • eeeeeeeooeeoeeeeeeeee
2_ e: eeoeooeeoeooeooooeeo J

'_h o: eeeeoeeooeeeeeeoeeeeo

3 • J.....................
2 _l • eeeoeoeoOeeoeeeooeeeo

"-_h e: eeeeeeeeeeeeeoeeeeeee

4h • eeooooo • oeeoeeeooeoe e,

1_ a_e oeeeeeeooeooeeeoeeeee

1_:: .....................2h oeeoeoeooeeoeeeooeeeo

i!:!!!!!!i!!............34 .......... o.

4h ........ ............................
167h ................. _ ,,,,,13h .... ,,,*,, .......... ,*

20h ************************

eeooeeooooeoeooooooooeooeeoeooeoo

oeooeeooeoeooooeooeeoooeeeooooeeo

oeoooeeoeoeoeooeooeeooeeeeeoeeeoo

oeeeeeeeeeeeeeeeeeeeeeeeeeeoeeeoe

oeeoeeeeeoeeeeeeeeeeeeeeeeoeeeeee

eeeeeeeeeeeeeeeeeoeeeoeeeeoeeeeee

eeeeeeeeeeeeeeoeeoeeeeeeeeeoeeeee

eeeeeeeeeoeeeeoeeeeeeeoeeeeoeeeee

eeeoeeeeeoooeeoeeeeeeoeeeeeoeeeee

eeeeeeeeeeeeeeoeeeeeeoeeeeeeeeeee

eeeeeeeeeoeoeeeeeeeeeoeeeeeeeeeee

::::::::::::::::::::: .......... 1:
eee eee coo oeeoeoeeee

eeeeeeleeeoeeeeeoeeooeeeeeeoee

:::::::::::::::::::::::::

Non Critical m Milestone Interrupt

Critical M Critical MS --
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Task Gantt

11-29-89 5:46p

Project: I200T I.PJ
Ravision.':" 14

Task Heading/Task Dur
ZD

P7 Z2007 1.PJ 163

,001 ±Offl_ad Lander 5h

002 ±Xport Cargo 5h
003 ±Stow Consumables 25h

1004 TCS Const Rab 26

005 ± Offload TCS 5h

i006 ± Xport TCS 20h

007 ± F_place TCS ext $h
1008 ± Anchor TCS ext 8h

009 ± TCS Ingress llh
010 ± Emplace TCS int 4h

011 Piping Trench i

012 ± Dig Trench 2h
013 ± Remove sml rocks lh

014 ± Remove Ig rocks lh

i015 ± gmplace Piping lh
016 ± Cover Trench lh

017 ± Connect Piping lh

018 ± Inspect TCS 10h

019 ± Test TC$ 29h_

020 ± Repair/Startup 58hi

021 Rd ZSRU To L/L 134

022 ± Layout 3h

023 Surface Prep 133

024 ± Level 667h

025 ± Remove $ml Rocks 50h

026 ± Remove Lg Rocks 80h

Jan IFeb IMar IApr IJun IJul IAug ISeP I°c07 nMay

Ioeeeoeeoeeeoeeeee,

ee eeoooeoootoeooqloeooooo oeoooeo oe eoq) eoseoeeooooeooooeooo

eeeeeeeeeeoq0eeoeeeeoeeeeeeooeoeeeeeoeeeeooeeeeoeeeeeeeoe

Qooeeeoeeoeoeooeeoeeoeeeooeeoeeoooooeoooeeooeeooooeoeee

:mum............................................. ::::
eo0eooe eooeooeeeee ooeooeqDeo oo00e ooeooeeooeeooeooeoeoe

i .............................i;!!i;il......ii;i;!iiiio oee e oeeqpeeeeqoe eealeeeo • eeeooo oeeeoe

eooeg) oeeoe eeleo eeoee oe oeee coo ooeooe

::::::::::::::::::::::::: ............ore eoO oeeooe 8eeoee

ee: ee elooeeeee oqJ e eoeoeteeeooe • Ipeeoe eeeeeeee oooooeeoe eeeee

ee,, )eoeeeeeOQoooeqbeeeeeee • eeeeeee oee oeoeeoeoeeeooeoooee ee

oe eeeeeoee_eeeoeeeeeoeeeeoeeeeeeoeeeeeeeeeeeeoooeeeeeee

ee oeeeeoeeoeeeeeeeemoeeeeeleeeeeeeeeoeeeoeeeeeeeoeeeeeo

ee: oeqeeeeeoeeeeeeeoeeooeeeeeeoe eoeeeoeeeeeeoeeeoeeeeeoe

ee eeeeeeeoeeeeeeooeeeeeeeeeeeeeeeeeeeeeeeoeeeeeeeeeeeee

ee: eeeoeeeeeeeeeeeeeeoeeooeeeoeeeeeeeeeoeeeeeeeeeeeeeeee

eve eeeeeeoeeoeeeeeeeeeeeeeeeeeeeeeeoeeeeeeeeeeeeeoeoeeee

................

!_!_ Non Critical m Milestone Interrupt

_Critical M Critical MS --
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Task Gantt
11-29-89 3:46p

Project: 12007 7.PJ
_vlaion_ 17

Task Heading/Task
ID

P8 I2007 T.PJ

001 ActiVate Equip
002 _ Offload Pwr Tlr

003 ,± Test Pwr TIE
004 '± Offload PUV # 2
005 ± Test PUV # 2
006 ±Offload Bal
009 ±Export Balance
010 RLSS
011 £ Install RLSS ext

012 _ Inspect RLSS ext
013 ± RLSS Ingress
014 ± Install RLSS int

015 ± Inspect int
016 ± Test RLSS

017 ± Repair/Startup
018 Outfitting
019 ± Outfitting Ingr
020 ± Inst Outfitting
021 ± Test Outfitting
022 ± Repair�Start Up
023 Opt Tel # 2
024 ± Layout
025 Surf Prep

026 ± Level
027 ± Remove sml Rocks

1028 ± Remove I,g Rocks
029 ± Emplace Opt Tel2
030 _ Anchor OT #2
031 ± Inspect OT | 2
032 ± Test O T # 2

033 ± Repair/StUp OT2
034 ±Cover Hab

D_ o

187
2
5h
lh
Sh
2h
15h
5h

67
25h;
25h
44h
15h
25h
100h
200h
2O
67h

22h
11h
24h
3
lh
2
5h
lh
lh
lh
4h
2h
lh
2h

567h

0,+u,l u+]s+ploc,INovio+oo,+anl +iOr
eleeeeooeeeee

leeloleeeoeeelelleeleeeeeeeeeeeelleleeeee+eeoeeeelleeeee

IIIIIIIIIIIIIIIIIIIIIIIIIIIiiiiiiiiiiiiiiiiiiiiiiiiiiiii

+IIIIIIIIIIIIIIIIIIIIIIIIIIIiiiiiiiiiiiiiiiiiiiiiiiiiiiii

IIIIIIIIIIIIIIIIIIIIIIIIIIIiiiiiiiiiiiiiiiiiiiiiiiiiiiii

IIIIIIIIIIIIIIIIIIIIIIIIIIiiiiiiiiiiiiiiiiiiiiiiiiiiiiii

+.h.+..:++++++++++++++++.................................+............ _ .....................

oeoeooeeoeeo eoeeoooOoooooeeeoo

eeeeeeeeeeeeoeeoeeeeeeeeeeeeeeeeeee

eoee eol|oeoooeeoooeeoeoooooeeeoooleeoooeoeeo

eeooeoeeeeeeeeeeeeeeoeeeoeeeeeeeeeeoeeoeeee eeeeeeeeeeelol

eeeoeeeeeeeeoeeeoeeeeeeeleeeoeeeeeeoeeeeeee leeeoeeeeeeol

eeeoeeeeeeeeeeeeeeeeeeeeeeeeeeeeeleleeoeloe eeeeoeeeeeelo

_: ......... _ .................. _i_'"_ ..............eeeeeeeee oeeeeoeeeeeeeeeeee eeeileeeeee
eeeeee

eeeeeeeeeeeeeleeeeeeeeeeeeeeeeeeeJeeeeeeeeei Jeeeeeeeeeell

eeeleeeeeeeeeleeeeeeeeeeeeeeeeeeeeeeeeeeeeol oeeeeeeeeeell

eeeeeeeeeJeelmeeeeeeeeeeeleeeDeeeeeeeeeoeeo! Deeeeeleeeeml

1111_................................ 11_11"_.............
eeeoeeeoeeeeeeeooeeeeeeeeeeeeeeo eeeeeeeooeeeeee

eeeeDeeeeeoeeeeeeeeelleeeeeeeeeeeoeeeeeeeeeeeoeeeeeeeeeee

eeeeelleeeeeeeeeoeeel I Ioeooleeeeeeo

+++_|+Non Critical n Milestone
_Critical M Critical MS

-- Interrupt
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Task Gantt
11-29-89 3:48p

ProJe=t: Z2008 1.PJ
RevisionT I0

Task aeading/Task
ID

P9 I2008 1.PJ
001 ±Offl_ad Lander

002 ±Xport Cargo
003 ±Stow Consumables

00.1 Opt Tel # 3
005 ± Layout
006 Surf Prep
007 ± Level
008 ± Remove Sml Rocks
009 ± Remove Lg Rocks
010 ± Emplace OT | 3
011 ± Anchor OT # 3

012 ± Inspect
013 ± Test

014 ± Repair/Startup

Dur January 08 February
07 14 21 28 04
I I I I I

ooee oooooo

eoo eeoeee

2_h ..
ioooooo ooo

h; ........ °oeoooeo ooooo

5h °°o°o • ,o°°
lh .........
lh • .... • o°o°
lh °oo°° • ,°o
4h ° ........ °
2h °°o°° o° °o
lh ..........
2h .......

:.:.:.:_:._Non Critical m Milestone

j Critical Critical MSM
Interrupt
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Task Gantt

11-29-89 3:50p

Project: I2008 7.PJ

Revision_ 10

Task Heading/Task

ID

P10 I2008 7.PJ

001 Land_r Fac Addns

002 ± Offload Addns

003 ± Emplace Addns

004 ± Test Addns

005 Con_n Tower

006 ± Offload Com Twr

007 ± Xport Com Twr

008 ± Emplace Found

009 ± Anchor Found

010 ± Emplace Twr
011 ± Anchor Twr

012 ± Connect Twr

013 ± Test Twr

014 ± Repair/Startup

I

Dur iJuly 08 August

i 07 14 21 28 04
I I I I I

ii I iii!! !iiiii!!iiii!i!ill
4 •

lh o. ......

2h ..... ::::4hi°..°.

lh .........
4h!.°°° .....

lh .........

lh .........

2h .........

============================

I: "'i!'"iii:::ii..........ee ee eeee eeeeee

ee ee eee eeee eeeeee

• eeeeee eoeeee eeeeee eeeeee

• eeeeee eeeoee eeeeee eeeeee

• li!i'"!!:...............el ee eee eeeeee eeeeee

ee ee eeee eeJeee eeeeee

°._°°_._
,::.:::.:::'Non Critical m Milestone Interrupt

i Critical M Critical MS --
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Task Gantt

ii-29-89 3:59p

Project: I2009 1.PJ
RevisionT 12

Task Heading/Task Dur January 09 February

ID

P11 I2009 I.PJ

001 ±Offl_ad Lander

002 ±Xport Cargo
003 _Stow Consumables

004 Prep Next Phase
00_ Huc Pwr Plt

006 _ Layout

007 Excavate

008 !_ Dig pit

009 ± Remove sml rocks

010 ± Remove Ig rocks

011 Surf Prep
012 ± Level

013 ± Remove sntl Rocks

014 ± Remove Lg rocks

015 PMAD

016 ± Layout
017 Trench

018 ± Dig trench
019 _ Remove Sml Rocks

020 ± Remove 1g rocks

05 12 19 26 02 09 16 23
i I I I I 1 I I I

" .........::'i"",,,'°_'i:_:iiiiiiiiiiii!iiiiiiiiiiiiiiiiiiiii..................
30_ i!!:ii!mM_w.:::::::::::::::

2h ee eeoooa oooeoo olJoooo eeoeoe eeooeo oooooo ooee

lh iii .... : iiiiii iiiii: iiiii: iiiii: :.........

4h ...... _ ..............

, .s.:::::: :3 :::.::::::.:...:: ........ ::::::.::: ............4h! ..................

....i::°°i'i°°i!iiiiii°::°°i::........ .......i15h ... ... ... "'" "''''" "'' "'"
lh eoo see ,,ee eeee oeoese see ooo

4h cos see eeo eee eoeeoe cos sos

_!_ Hon Critical a Milestone -- Interrupt

I Critical M Critical MS
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TaskGantt
11-29-89 4:03p

October09 November
07 21 05 19 02 16
I I I I I I

63 .,...,.,.,......,........,....
h oooooooooeeoeoooeeeoooeoeooooooooooooooo

_h oeeoeoooooooeoooooooooeooeeoooooooeeoooe

81h oooeoooooooeoooooooooeoeooooooee

2_h oooooooe oooooooeoooooooeoooeeoeeeooeoo

4_ ooooooeoOO eooo
h ooooooooeoooooeoo eooooooeoooooooooooooo

6h .oooo...oo,ooooo.o ooo..,,..o.o,ooooooo.°

5h oo°ooo...°ooo..°oo oo.,o.ooooooo..°oo,,°o

3h eoooooooeeooooooeo oooooooooeooooooooeee

2h ..o0..0....0o.0..0. ..o.............o.o..
3h ooe-oooooo.o.oooo.o ooooooooo..oo.ooooooo
5h ooooeoooeoooooooeoo oooooooooooooeoooooo

lh oeooooeoeoooooooeooe oooooooooooeoeooooeo

lh ooooooooeoeoeoooooeo ooooooooogooooooooeo

4h .oo.ooo.o.ooooo.o.oo oo..o.oo.oooooo..oo
40h • .00.

4h o°oo°oo.-oo-oooooo..°oo.o.o..... ._o.°ooo

4h ooooooooooooo.oooooooooo,o.oo.oo oooooo,.

2h .o-oo..oo.o.............°....... 0.0...0

14h .00o0o00000.000000000000000000o00 .0000.

40h i

oooooeoooo oooooooooeooooooeooooooooe

20h 00000..0.0.0.0 ...................o....
10h eooeoooeoeoooeoo ooooooooooooooooooooooo

48h ooooooooo. ......... . ..... Bmlin. ..........

2h -oooo..oo.o....o..oo.o..._o,oo,ooo..

2h |ooeooooeooooooooooo ooeeooooooooooooeoooe

lh oooeooooooeoooooooo eeoeoooeoooooooeeoeoe

2h ............................. |o. .........
9h ........00..o.............000.711. o.o.oooo
_h oooeooooooooooeeeeooooooooooo oeoooooooo

9h m mooeooeoooooooooooeooooooooooooo ooooooeo

lh |ooooooeoooooooeeeooooooooooooooooooe eooo

8h oooeoeooeooeooooeooooeoooooeeeoooe_oeoe16h ...o0-0...000........0.........0.0 0...

Project: 12009 ?.PJ

l_viaion_ 16

Task Reading/Task
ID

P12 I2009 7.PJ

001 Cons_nables

002 ± Offload Consums

003 ± Xport Consums

004 ± Ingress Consums

005 ± Stow Consums

006 Nuclear Pwr Plt

007 i± Offload Nuc

008 ± Xport Nuc

009 ± Emplace bulkhead

010 ± Inspect

011 ± Backfill pit

:012 ± Inspect

013 ± Emplace reactor

014 ± Emplace I/O Man±

015 ± Connect I/O Man±

016 ± Emplace engine p

017 ± Emplace engines

018 ± Connect heat rej
019 ± Connect shunts

020 ± Connect converte

021 ± Inspect

022 ± Emplace reflect±

023 ± Emplace panels

024 ± Connect panels

025 ± Anchor radiators

026 ± Connect manifold

027 ± Emplace switchin

028 ± Emplace utilitie

029 ± Connect utilitie

030 ± Inspect

031 ± Backfill trench

032 ± Inspect

033 ± Final Prep/Clean

034 ± Activate & Test

035 ± Repair Startup

:.:.:::.::_Non Critical m Milestone

_ Critical M Critical MS

DuE

-- Interrupt
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Task Gantt

11-29-89 4:061)

P=oJect: 12010 I.PJ
_mvislonT 9

Task Headlng/TaskID

i

PI3 I2010 I.PJ

001 Cons_mu&blee

002 ± Offload Consums

003 ± Xport Consums

004 ± Stow Consums

;

DuE January i0 IFebruary

04 II 18 25 01 08
I I I I ! l

5 i:: .........G ::::::::::::::::::::::::::::::::
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Lunar Launch and Landing
Vehicle Turnaround Scenario

This section presents a lunar surface scenario for

launch and landing vehicle turnaround. The scenario

responds to the 1989 Exploration Study Requirements

Document Lunar Evolution focused case study. It is

generic in that it includes tasks that could apply to a

variety of operational scenarios, depending on the lunar

base development phase, base capabilities, and flight

frequency. For example, during the emplacement

phase, an expendable cargo vehicle may only require

cargo off-loading, while a flight during the

consolidation phase will require more extensive

processing to include such things as the loading of lunar

LOX. The turnaround scenario is for a composite

vehicle in that it includes some tasks, such as crew

egress, that would only apply to a manned vehicle, and

others, such as cargo removal, that may not apply to

manned flights.

Another objective was for the turnaround scenario to

require minimum effort on the lunar surface. Our

approach was to review all applicable KSC turnaround

tasks and scrub these tasks down to a minimum set of

turnaround requirements. A perfect flight vehicle was

assumed in order to drive out those tasks that could not

be deleted through improved design. The resulting

scenario has been presented to the following groups;

the NASA-KSC Study Team on June 23rd, the Planet

Surface Systems Working Group on June 29th, the

Exploration Working Group on July 13th, and the

MSFC Support Team for Exploration Initiative on

August 18th. Questions have been asked but no one has

challenged the basic scenario content.

In developing the turnaround scenario, several

assumptions were made in addition to that of a perfect

flight vehicle. The more significant ones follow:

• No lunar base manpower was included for active

participation in rendezvous, docking and other

activities performed at the LLO node, flight vehicle
approach control and landing control or ascent,
except for potential range safety intervention on

unmanned cargo missions. However, the presence of

trained pilots and the lack of transmission delays may
make the lunar base the preferred location for some
or all of these activities.

• The times shown on the following flow charts are
Earth ground equivalent times, and do not
compensate for inherent EVA inefficiencies.

• No attempt has been made to identify the potential
for parallel operations as crew size limitations may
not permit them.

• Uplink capability from lunar base to flight vehicle
will be provided to call up stored programs for

vehicle functional testing (i.e., tank pressurization,
avionics checkout, verify flight programs, cabin
pressurization, etc.).

• Flight vehicles will have BIT/BITE with capability to
automatically detect and isolate problems and
recommend corrective action. These data will be

transmitted to personnel at the lunar base.

• Time and cycle limit tracking data will be maintained

automatically on the flight vehicles and surface
systems elements, and will be relayed to both the
lunar base and Earth.

• A database of corrective action procedures, which
will identify facilities, equipment, time, and

manpower required to perform tasks will be
maintained at both the lunar base and at Earth.

Updates will be incorporated into these procedures
based on the hands-on experience of lunar crews.

• A parts inventory and location database will be
maintained on Earth, but the database will be

available for queries and updates by the lunar base
personnel.

The Lunar Launch Vehicle Turnaround Scenario is

illustrated in figure 1. The boxes of the scenario

represent individual Functional Flow Diagrams (FFD)

that detail the required tasks, and the times above each

box equal the sums of the individual task times on each

FFD. The numbers in the lower right comer of each

box correspond to the number of the FFD that it

represents. This is a generic scenario, and those items

that apply only to a manned Lunar Crew Sortie Vehicle

are indicated by an asterisk (*).

The maintenance and retest task is a violation of the

perfect vehicle assumption, and is included as a

reminder that no vehicle is totally perfect. Lunar

surface maintenance was required on the Apollo

program Lunar Excursion Module, and some level of

maintenance will certainly be required for future lunar

landers. Total time required for maintenance and retest

will depend upon the quantity and types of failures

experienced.

The total required turnaround time is estimated to be

55 hours 15 minutes, exclusive of flight and surface

systems maintenance. Individual unplanned

maintenance activities could range from 4 hours

50 minutes for replacing an avionics box to 38 hours

35 minutes to replace an engine.

1.0 LANDING

The landing phase FFD is shown in figure 2. This phase

will begin with a visual inspection of surface systems in

the landing area. The purpose of this inspection is to



3:15 Hrs 5:45 Hit 3:10 Hrs _ Hr_

I II I/ I I /
I LANDING _ MATE SSE _ TRANSPORT TO HAD _ CARGO REMOVAL

I I-I INTERFACES I-I .o°.... I- I I I
I 11 I 21 I 31 I 4' I

I 4:50 Hre Min
I 7:10 Hrs 1.'00 Hrs 38:35 Hrs Max 7:10 Hrs

I I I I I I VE..C,. I I REMOVEOLAN_I
I I POST LANDING I l AUTO C/O & I I MAINTENANCE] II I & PERFORM /
I-aeJ INSPECTION & _ MAINTENANCE _ RETEST & _ EXTERNAL I_

--I INSTALLOLANK"I -I DATADUMP I-I S._'_,_T,_'('I - I CLOSEOUT I I
5 8 7 8

I 4:15 Hrs 5:45 Hrs 8:45 Hrs

I| POST LANDING I I AUTO C/O& II MAIVEH/CALNENcE] I

INSPECTION & _ MAINTENANCE _ RETEST & I
- I INSTALL BLANKET II _ I DATA DUMP I _ I SERVICING TASKS l

/ ol I ,oll ASREQUIRED11I
* Applicable only to Lunar Crew Sortie Vehicle

Figure 1. Lunar launch vehicle turnaround scenario

ensure that launch and landing (L&L) systems have

sustained no obvious physical damage or dislocation
since last checked. It will be performed remotely from

the base using teleoperated television cameras with

pan, tilt and zoom mounted either at multiple
blast-proof pad locations or on a mobile teleoperated

assistant. The estimated time is only for inspection, and

includes no travel time for the teleoperated assistant,

equipment activation time, or time that may be

required for corrective action.

The visual inspection will be followed by an operational

check of the various L&L systems and equipment to
ensure its readiness to support the landing. It is

assumed that these checks can be conducted remotely

from the base by two people. It includes the time to

0:15 Hrs 1 IVA 1:30 Hre 2 IVA

I REMOTE TV VISUAL H

INSPECTION OF
SURFACE SYSTEMS

1.1

• Check for:. • Activate systems
- Debris* • Check
- Unsecured equipment - Landing lights

- Communications
- Navlgaticn aids
- Rescue equipment
- Range safety

1:_ Hr 3 IVA/2 EVA 0.35 Hrs _ IVA

CHECK I I ACTIVATELANDING| I
OPERATIONOF I I SYSTEMS, I I

LANDING I_ START DESCENT & _ LANDING

SYSTEMS I-I TRACK VEHICLE I-I
1:1 i 1.3il i

• Man stations
- Range safety
- Rescue operations
- Systems expert(s)

• Establish communications
• Clear hazardous area

• Deactivate and Safe
flight & Ground Sys.

I Continuous 1 IVA **

II ,o.o, I_] s_ E%_1.5
• Monitor

- Temps
- Pressures
- C&W

* Remove debds/sacure equipment as required. Time ,, TBD EVA

** Continuous Computer Monitoring with C&W Alarms to Alert IVA Crew of
Out-of-Tolerance Conditions.

Total Elapsed Time ,, 3:15

Figure 2. Landing.
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activatetheSurfaceSystemsControlandMonitor
System (SSCMS) from a cold-start, run self test

diagnostics, and then perform similar activations and

diagnostics on each of the several landing systems.

Base personnel will track and monitor the vehicle

during the descent phase through touchdown, one

monitoring vehicle systems and one monitoring for

range safety. It is assumed that an uplink thrust
termination capability will exist for errant unmanned

cargo vehicles that have projected impact points on the

lunar base. During landing, one person OVA) will man

the Pressurized Utility Vehicle (PUV) and two persons

(EVA) will be suited up to perform rescue/contingency

operations, if necessary. It is assumed that rescue

equipment will be in place and ready for transport by

the Pressurized Utility Vehicle.

Upon landing, voice, uplink and downlink

communications will be established with the flight

vehicle, and systems will be deactivated as necessary to

safe the vehicle. Vehicle safmg essentially completes

the landing phase, which will consume an estimated
3 hours 15 minutes. After safmg, one person will be on

standby continuously, to respond to any caution and

warning alarms or out-of-tolerance conditions flagged

by the SSCMS.

2.0 MATE SSE INTERFACES

Immediately after landing, the next phase will mate

interfaces between the flight vehicle and surface

support equipment (SSE). The FFD for this phase is

shown in figure 3. "1_o EVA personnel will prepare the

SSE for transport to the pad. It is assumed that all
required SSE can be towed, trailered, or carried to the

L&L pad on the Unpressurized Rover in one 30 minute

trip. At the pad, the SSE will be positioned and

deployed as necessary.

1.00 Hrs 2 EVA 0:20 Hrs 2 EVA 0:20 Hrs 2 EVA 0:20 Hrs 2 EVA

CONNECT[ TRANSPORT i I ESTABLISH _ ] CONNECT _ I AUXIUARY /

I EVA CREW & SSE _ COMMUNICATIONS _ ELECTRIC POWER II-lmd COOLING i.--..

[ TO PAD I--[ INTERFACE I--1 INTERFACE I--I INTERFACE I [
2.1 2.2 2.3 2.4

• See SSE list • Vok:e
• Load unpressurlzed rover • Data
• Drive to pad
• Position SSE for access
• Remove protective covers

0:15 Hr._..ss1 IV.__AA 1:15 Hrs 1 IVA / 2 EVA 0:35 Hr_.ss2 EVA 0.40 Hrs 2 EV....__A

II I CONNECT E.,.I I-- | I
TRANSFER TO II [ PROPELLANT II I INSTALL/CONNECT/ II [ WATER DESERVICER I[
SE SERVICES & _ RELIQUEFACTION _ VERIFY LOX TANK _ INTERFACE TO [_

VERIFY II _ ] SYSTEM II v I VENT UNE II v I SPACECRAFT II I
II I iNTERFACES II | | I | |

2.5 2.6 2.7 2.8

• Power • Install/posi0on access
• Cooling equip

• Connect Inlet lines to
tank vents

• Connect outlet lines to
tank fill connections

• Power-up system & C/O

_0:40 Hrs 2 EVA 0.20 Hrs 2 EVACONNECT ERIFY'IFREO'D •,."1I ]

WASTE MANAGEMENT II _ TRANSPORT
DESERVICER TO _ EVA CREW TO

SPACECRAFT, II _ ] HAB MODULE

2.9 | ] 2.10

• InstalUposltion access
equip

• Connect line to LO tank
vent

• InstalVposltion access
equip

• Connect line to H_) tank

• Insteli/position access
equip

• Connect line to
waste tank

* Applies only to LCSV

SSE: - Electrical power
- LOX tank vent lines
- Access equipment
- Lander Ihormad control cart
- Propellant roliquefaction
- TunneUalfloek
- Water dxervk_r
- Waste management deeervicer
- Communications

Total Elapsed Time ,, 5:45

Figure 3. Landing
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After deployment communications will be established,
both voice and data, over either RF or hardware links

assumed to exist to the pad. Access equipment will be

positioned, as necessary, static electrical potentials

equalized, the surface systems electrical power
interfaces will be connected, and no-load verified

through the flight vehicle umbilical. The Lander
Thermal Control Cart will be connected to flight

vehicle quick-disconnects and checked for leakage.

Flight vehicle systems will then be transferred to and

operation verified on surface systems power and
cooling.

Access equipment will be repositioned as required to

gain access to the flight vehicle propellant vent and fill

connections. It is assumed that the flight vehicle will

have a single ground interface each for GH2 vent, LH2

fill, GOX vent and LOX fill. The Hydrogen and

Oxygen Boiloff Capture and Reliquefaction Systems
will be connected and activated. These systems will

permit propellants to be stored on the surface in the
flight vehicle tanks. When lunar LOX becomes

available, late in the lunar base consolidation phase,

LOX reliquefaction may no longer be necessary, and a

LOX Boiloff Vent Line can be used to carry GOX from

beneath and prevent any collection under the thermal
blanket.

Access equipment will be repositioned and connections

made between the flight vehicle water tank and the

Fuel Cell Water Deservicer. Similarly, interfaces will be

mated to the Waste Management System Deservicer, if

required. The short duration of round trips between the

lunar surface and LLO may not warrant inclusion of a

full Waste Management System for the Lunar Crew

Sortie Vehicle (LCSV).

Upon completing the connection and verification of the
SSE interfaces, the EVA crew will return to the lunar

base. Total elapsed time for this phase is estimated to
be 5 hours 45 minutes.

The next FFD assumes that the PUV will have a

capability for elevating its pressurized cabin to the level

of the LCSV hatch, thereby permitting it to mate
directly with the LCSV and obviating the need for a

separate Tunnel Ramp. This capability, illustrated in

figure 4, may necessitate the need to include

deployable stabilizers and/or a leveling system.

For mating with pressurized structures, it is assumed

that the PUV will have a Space Station Freedom

docking mechanism on the end. The docking

mechanism will contain a bellows, which will permit

sufficient freedom of movement to effect a proper

mating.

Figure4. Pressurized UtilityVehicledockingwith
LCSV crew module.

3.0 CREW EGRESS & TRANSPORT TO HABITAT

Once the flight vehicle is operating on surface utilities,

the next phase, applicable only for a manned LCSV,
will be to transfer the flight crew to the habitat. The

FFD for this phase is shown in figure 5. An IVA
operator will enter the PUM activate and prepare it for

travel by sealing its hatches, undocking from the

habitat, retracting stabilizers and lowering the cabin, if
elevated.

The operator will drive to the pad, posRion the utility

vehicle beneath the LCSV hatch and prepare it for

docking by extending stabilizers and leveling the PUV

as necessary, equalizing static electrical potentials and

elevating the pressurized cabin approximately 6 meters
to the level of the LCSV crew module hatch. He will

activate the docking hatch mechanism and leak check

the pressure seal. Pressures between the PUV and the

LCSV crew compartments will be equalized, hatches

will be opened, the LCSV crew will egress into the
PUV, and hatches will be closed. The PUV will be

undocked from the LCSV and prepared for travel as
described above.

The operator will drive to the habitat, posRion the

PUV at the hatch, prepare the vehicle for docking, and

dock as descn'bed above. The operator will power-down

and secure the PUV, and the flight vehicle crew and

operator will egress to the habitat, closing hatches
behind them.

Total elapsed time for this phase of the turnaround
scenario is estimated to be 3 hours 10 minutes. Only

one IVA operator is identified; the flight vehicle crew

members are not considered to be "base personnel"
until their first entry into the habitat.

4



4.0 CARGO REMOVAL

Cargo removal, illustrated by the FFD in figure 6, is

the next phase of the turnaround scenario. It was

assumed that the cargo will consist of a package or

container that will be removed from the flight vehicle

as a single unit using a single point lift in one removal

i

0:.20 Hrs 1 IVA 0:35 Hrs 1 WA 0.10 Hrs 1 IVA 0.30 His 1 IVA

DRIVE PRESS'D

UTILITY VEHICLE
(PUV) TO

LCSV 3.1

• Operator enters PUV
• Secures PUV for travel
• Drives to Pad

MATE/VERIFY H • i FLT CREW ENTERS I

TRANSPORT FLT CREW EXITS _ i TRANSPORTER & II

TUNNE_AIR_K AIRLOCK I v I O_rAC.FROM r--TO LCSV TO TUNNEL\ _ LCSV |
II

3.2 3.31 I 3.4/
Position PUV & latch
docking mech

• Pressurize space
between hatches

• Check pressure seal

• Check & equalize
pressures

• Flight crew opens LCSV
and tunnel sirlock hatch

• PUV operator opens
PUV hatches

• Enter tunnet/sirlock

• Close LCSV hatch
• Enter PUV
• Close PUV hatch
• Detach from LCSV

depressing space
between hatches

0:20 Hrs 1 IVA 0.35 Hrs 1 IVA 0:10 Hrs 1 IVA 0.30 Hrs 1 IVA

-- -- I F- "-- I F-TL -C EW, I |
DRIVE TO | I MATE/VERIFY | I OPERATOR EXITS | I OPERATOR EXITS |

HAB MODULE J_ TRANSPORT TO _ TO TUNNEl./ _ TRANSPORT |

I -I I-I I-I I
3.5 3.6 3.7 3.8

• Close PUV hatches
• Close Hab Module hatch

• Position PUV & latch • Check & equalize
docking mech pressures

• Pressurize spice • Open PUV
between hatches • Open Hab hatch

• Check pressure seal • Enter tunnsi/sirlock Total Elapsed Time : 3:10

Figure 5. Crew egress and transport to habitat

0:30 Hrs 1 IVA [ 2 EVA 1:30 Hrs 2 EVA 0:15 Hrs 1 IVA 0.30 Hrs 1 IVA [ 2 EVA

I DISPATCHEVA _ POSITION' DEPLOY' I II i H

CREW & CARGO ALIGN & ATTACH I I SAFE/POWERDOWN DISCONNECT
HANDLING

HANDLING & EQUIPMENT |el VEHICLE-TO-CARGO VEHICLE TOTRANSPORT INTERFACES CARGO INTERFACES

EQUIPMENT 4.1 4.21 I 4.3 4.4

• Load access end handling • Position crane & deploy • Power
equip on unpreasurized stabilizers • Data
rover • Position access equip • Fluids

• Drive to pad • Attach lifting slings to
• Transfer crane and cargo cargo

transportm" to pad
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INTERFACES | w j TRANSPORTER |- | TRANSPORTER AND

I i I I STOW HANDLING

4.sI I 4.6I'. I SQU,p 4.7

• Position access equip &
disconnect I/Fs

0.30 Hrs 1 IVA / 2 EVA

• Caps
• Covers

H TRANSPORT CARGO

AND HANDUNG
EQUIPMENT TO USE

LOCATION

4.8
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Figure 6. Cargo removal



operation.Thelift wasassumedtobe accomplished by

a crane similar to the Eagle Engineering concept shown

in figure 7. It was also assumed that the cargo weight

and center of gravity will be within handling tolerances,
so that cargo shifts that will occur when it lifts clear,

can be controlled by a two-man tag line crew. Another

assumption was that the cargo must have power and

cooling as long as poss_le.

Figure 7. Cargo unloading with mobile crane

To initiate this phase, the two man EVA crew will load

access and handling equipment onto the Unpressurized

Rover, and will drive to the pad. Meanwhile, the IVA
teleoperator crew member will drive the Crane and the

Cargo Transporter to the pad. The Crane will be

positioned and stabilizers deployed by teleoperation,
and the EVA crew will position access equipment and

attach lifting equipment to the Crane and then to the

cargo. Cargo power and cooling will be shutdown and
the interfaces safed by the IVA crewman, and the EVA

crew will break and place protective covers on the

cargo-flight vehicle interfaces connectors. It was

assumed that these interfaces are in a common, easily

accessed location. Tag lines will be installed and access

platforms moved, as necessary.

The IVA crewman will remotely release the cargo
retention latches. While the EVA crewmen stabilize

the cargo with tag lines, the IVA crewman will lift the

cargo vertically, traverse, and then lower the cargo onto

the transporter. The EVA crewmen will reposition

access equipment, remove and stow the lifting

equipment, and secure the cargo to its transporter. The
availability of remotely operated cargo retention latches

on the Cargo Transporter and tapered guide pins to aid

alignment, will simplify this operation.

The EVA crewmen will stow all handling and access

equipment and return to the base on the Unpressurized
Rover. Meanwhile, the IVA crewman will prepare the

Crane for travel and drive it and the Cargo Transporter

to their base destination. Upon arrival he will position
the Crane and prepare it for lifting while the EVA

crewmen again position access equipment and

reconnect the lifting hardware between the cargo and
the Crane. With the EVA crewmen again manning tag

lines, the IVA crewman will release cargo retention

latches, lift, traverse, and position the cargo at its use

location. The EVA crewmen will secure the cargo, as

necessary, and disconnect and stow all handling and

access equipment. They will uncap and mate interface
connectors, and the IVA crewman will activate and

verify system operation using base utility services. The

EVA crewmen will then return the Unpressurized

Rover and equipment to its storage location, and

re-enter the habitat, while the IVA crewman parks the

Crane and the Cargo "IYansporter.

Total elapsed time for this phase is estimated to be 9

hours. Several areas of concern are the cargo

center-of-gravity with respect to the cargo lift points,

and the ability of the EVA crewmen to control the

cargo using tag lines as the cargo is lifted from the

flight vehicle.

5.0 POST LANDING INSPECTION AND BLANKET
INSTALLATION

After the cargo has been removed, the flight vehicle

will be inspected and its thermal blanket installed to

protect the flight vehicle from solar heat and

micrometeoriods during its long-term storage on the

lunar surface. The FFD for this phase is shown in

figure 8. Two EVA crewmen will remove the blanket

and related equipment from storage, load it onto the

Unpressurized Rover, (the availability of lifting device

such as a fork lift is assumed), and drive to the launch

and landing pad. Upon arrival at the pad, the crew wiJl

drive around the flight vehicle, inspecting it for visual

damage and noting any maintenance items required. A

television camera, with pan, tilt, and zoom, will be

mounted on a telescoping mast attached to the

Unpressurized Rover. It is assumed that flight vehicle

surfaces will not require pre-inspection cleaning. The

video inspection could be performed as a parallel
operation from inside the habitat if a suitable

teleoperated vehicle or teleoperated assistant were
available.
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TO PAD HAB MODULE

s.6 s.71 I u
• Connect power to drive
• Activate drive • raise

• Rolease blanket retainer
• Lower blanet down

• Stako or sandbag blanket
to pad Total Elapsed Time = 7:10

Figure 8. Post landing inspection and blanket installation.

Upon completion of the visual inspection, thermal
blanket erection will be initiated. This scenario was

based upon an assumed configuration, illustrated in

figure 9, and different configurations may cause

significant timeline variations. The blanket support
frame will be assembled, positioned on the surface,

attached to opposite flight vehicle lander legs, and the

erection drive mechanism attached. The near-side edge

of the blanket will be secured to the surface by stakes

or weights and the far-side attached to the frame guy

wires. The frame will be erected to an upright position,

deploying the near-side half of the blanket and its guy

wires in the process. The far-side guy wires will be
extended to form an A-frame and staked to the surface,

and then the far-side edge of the blanket will be

lowered to the surface and secured. The weight of the
blanket compared to that of the crew will determine

how lowering is to be accomplished. The erected

blanket will be approximately 17 meters (55 feet) tall.

The two-man EVA crew will return to the habitat in

the Unpressurized Rover. Total elapsed time is

projected to be 7 hours I0 minutes• At this point the

flight vehicle is ready for long-term surface storage.

It must be realized that the time required for thermal

blanket errection could change significantly with

different blanket and frame designs. For example, it is

conceivable that a completely automated deployment
and erection design, with a folding frame similar to an

automobile convert_le top, could be designed• An

(4 pc,)

CentM of Blanket

Blanket Lowered
Down Guy Wires

Edge of Blanket
Staked to Pad

Figure 9. Blanket installation using A-frame concept.

obvious weight penalty is the cost of such an

operationally efficient design. One optional concept

using flexa_le graphite epoxy rods for support is shown

in figure 10. The end opening is sufficient for erect
entry of a crew member.



Lunar Crew Sortie Vehlcie Sun Shade
Partially Deployed

Figure 10. Optional deployable sun shade concept.

6.0 AUTOMATIC CHECKOUT AND

MAINTENANCE DATA DUMP

The FFD for Automatic Checkout and Maintenance

Data Dump is shown in figure 11. These operations can

be scheduled any time during the flight vehicle surface
storage period; however, they should be conducted

during the early part of the period to acquire an early
definition of the maintenance tasks that must be

completed before the next flight.

The flight vehicle and surface support equipment will

be activated and monitored IVA from the habitat using
the SSCMS. On-board BIT/BITE will be activated for

the various systems.

The results of the BIT/BITE runs will be transmitted to

and displayed by the SSCMS. Anomalous performance
by any system or component will be identified and

required corrective action will be recommended. The

0:30 Hrs 1 IVA 0:.30 Hrs 1 IVA

ACTIVATE TEST &

INITIATE BIT/BITE MAINTENANCE
DATA DUMP

6.1 6.2

• Flight vehicle equip • Dump of BIT/BITE results
• Surface support equip • Dump of recorded

anomalies occurring
during operation

Total Elapsed Time = 1:00

Figure 11. Automatic checkout and maintenance
data dump.

system will identify any component that is projected to

reach its operating time or cycle limits by the end of the

next flight, and will display trend data for any

component with a performance parameter trend that is

approaching a performance limit.

Total task time is estimated to require one hour.

Analysis of the data acquired will define the total

complement of maintenance tasks for planning and

scheduling.

7.0 FLIGHT VEHICLE MAINTENANCE

AND RETEST

The FFD for the maintenance and retest task for flight

vehicle turnaround is shown in figure 12. The scope and

duration of the task (which violates the assumption of a

perfect vehicle) will be determined by the number and

type of failures experienced, and will vary from

vehicle-to-vehicle and from flight-to-flight. The
definition of the task will result from the combination

of the visual inspection and the maintenance data

dump. Also, the SSCMS will monitor system
performance and flag any additional maintenance or

repair items as they occur. The SSCMS will open
problem and maintenance action files to ensure that

the required maintenance tasks are accomplished. It

will also identify the appropriate repair/maintenance

procedures and the required manpower skills and
equipment resources.

Since this scenario was to assume a perfect vehicle, the

entire spectrum of maintenance tasks has not been
addressed; however, what are believed to be the two

ends of the maintenance spectrum have been assessed.

The removal, replacement, and retest of an avionics

box in the pressurized crew compartment of the Lunar
Crew Sortie Vehicle, requiring 4 hours 50 minutes,

represents the low end of the spectrum, and the

removal, cannibalism, and replacement of an engine,

requiring 38 hours 35 minutes, represents the high end.

Upon completion of the maintenance task, the SSCMS

will log the location and disposition of the replaced

equipment as to whether it is to be repaired, replaced,

or scrapped. It will update inventory records to reflect

any changes in inventory status, quantities, and/or

location, and it will close the previously opened action

file to complete the maintenance action.

Total elapsed time for the entire maintenance and

retest task will be a variable depending upon the

quantity and types of maintenance actions required. All
maintenance items should be closed before the end of

the flight vehicle long-term surface storage period.

The detailed FFD for the removal, replacement, and

retest of an avionics box is shown in figure 13. This



sub-taskwasassumedtousethePUV,asdescnt_ in
Section3, to avoid the need for EVA operations.

The detailed FFD for the removal, cannibalism, and

replacement of an engine is shown in figure 14. The

performance of such an operation in the dusty

environment of the lunar surface, by persons in EVA

suits which limit mobility and access, would be

extremely risky, and is not recommended.

-- NORMAL DATA SYSTEM OPERATION WITH IVA MiNOTORiNG -_

[ DATASYSTEMI I DATASYSTEMI f DATASYSTEM_ .,.,...-AVIO.iCSb
I FLAGS MALFUNCTION/I I OPENS PROBLEM I I IDENTIFIES I - I BOX CHANGE OUT IN IL-.
I MAINT&SPECIFIES _ AND MAINTENANCE _ REPAIR/ | [ LCSVm4:5OHrsT.4A| [
| MAINT/REPAIR | - I ACTIONS FILE | w [ MAINTENANCE | "" [

DISPOSITION H UPDATE H

REPLACED INVENTORY CLOSEOUT PROBLEM
EQUIP RECORD

7.7 7.8 7.9

_-- NORMAL DATA SYSTEM OPERATION WITH IVA MINOTORING

Figure 12. Flight vehicle maintenance and retest.
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BRIEFING AVIONICS BOX TO PAD TO LCSV

7.4.1A 7.4.2A 7.4.3A 7.4.4A

• Review procedure • Remove new box from • Operator & maint crew • Position Iransportmr &
log module enter PUV latch docking milch

• Log remove/from • Drive to pad • Pressurlzo spm_
Inventory between hatches

• Check pressure seal

I 0:40 Hrs 3 IVA 0:20 Hrs 3 IVA

TO LCSV

l 7.4.5A 7.4.6A

• Check & equalize
_essures

• Open & close hatches

RE.DYE ,.STA" H TESTSYSTEMFRO.--r--[FAILEDBox NEWBOX LOCAL CONTROL |

7.43A 7.4.8A |

• Demate elec connectors • Insert box • Power up system
• Release mech latches & • Mate elect connecters • Activate BIT/BiTE & verify

remove box * Mate mech latches opermtlon
• Fewer down system

:20 Hr_ _1IVA 0.25 H TM 3 IVA

_0:40 Hrs 3 IVA 0:45 Hrs 3 IVA.AiNTCREWI I DRiVETONAB[

TRANSFERS TO | I MODULE, DOCK &_.A._O.T.. _.. ..A._.TO
_sv 7.4.9A I I 7.4._0A Total Ehlpaed Time - 4:50

Figure 13. Avionics box removal, replacement, and retest.
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Total Elapsed Time ,, 38:35

Figure 14. Engine removal, cannibalism, and replacement.

There is a continuum spectrum of possible maintenance

and retest sub-tasks which could be necessary for
continued use of a failed flight vehicle, and at some

point it will become more economical to replace the

vehicle rather than perform the maintenance. Also, the

probability of in-flight failures increase with vehicle

use. Programmatic decisions will be required to
determine both the level of lunar maintenance to be

accomplished and the frequency of flight vehicle

replacement.

8.0 BLANKET REMOVAL AND EXTERNAL

CLOSEOUT

The end of the flight vehicle long-term storage period

will be marked by removal of its protective thermal

blanket, and will be preceded by a check of the SSCMS

database to ensure that all required maintenance items

are closed. The FFD is shown in figure 15. A two-man

EVA crew will drive to the launch and landing pad in

the Unpressurized Rover. They will release the far-side
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Figure 15. Blanket removal and external closeout.

surface attachments (e.g., stakes, or sandbags), and

hoist the blanket far-side up the guy wires to the peak.

They will then unstake the far-side guy wires, and using

the drive mechanism, carefully lower the blanket

support frame, with blanket attached, to the pad

surface.

After the frame and blanket have been lowered, the

blanket will be detached from the frame, the frame

detached from the flight vehicle legs, and the frame

disassembled. The surface attachments for the

near-side of the blanket will be removed, and the

blanket and guy wires will be folded.

Once the blanket and frame have been packaged for

storage and loaded onto the Unprcssurized Rover, the

flight vehicle and surface systems equipment in the pad

area will be visually inspected and any late maintenance

items noted. A video recording of the flight vehicle

external configuration and condition will be made as a

closeout record. This could be accomplished as a

parallel operation from inside the base by teleoperation

if a suitable teleoperated vehicle or assistant were

available.

The crew will then drive to the storage area, remove

and store the thermal blanket and frame, and return to

the habitat. Total elapsed time is projected to be 7

hours 10 minutes, but it must be realized that this task

time, like that for blanket installation, could change

significantly with different blanket and frame designs

and removal scenarios. At this time the flight vehicle

will be ready to receive any up-cargo.

9.0 CARGO-VEHICLE INTEGRATION

Upon removal of the thermal blanket, the flight vehicle

will be ready for the installation of any bulk cargo to be

shipped from the lunar surface, and for cargo-vehicle

interface verification. The FFD for this activity is

shown in figure 16. At the base logistics area, the

two-man EVA crew will position access equipment and

man tag lines, while the IVA crewman, via

teleoperation, will position the crane and prepare it for

cargo lifting (as described in Section 4, Cargo

Removal). It is assumed that the cargo pallet/container

will have been previously loaded and that its center-of-

gravity will be within handling tolerances. Cargo-base

interfaces will be deactivated, safed, broken, and

protective covers installed. The cargo will be lifted onto

and secured to its transporter and lifting equipment

loaded onto the Unpressurized Rover. All equipment

will then be driven to the pad and deployed for cargo

installation.

At the pad, the EVA/IVA crew will jointly deploy and

position equipment to prepare for cargo hoisting. The

cargo lift will be executed by the IVA crewman via

teleoperation with two EVA crewmen manning tag

lines. It is assumed that the flight vehicle will have

alignment aids, such as tapered pins, to assist in the

alignment and mechanical mate of the cargo. Once the

cargo is in place, mechanical latches will be remotely

activated by the IVA crewman, and will be visually

inspected by the EVA crewmen. Interface connectors

will be uncapped and mated by the EVA crewmen, and
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Total Elapsed Time = 4:15

Figure 16. Cargo-vehicle integration.

the interfaces activated and tested by the IVA

crewman.

The vehicle and lifting hardware will then be

transported to the habitat area. Equipment will be
stowed and stored, vehicles parked, and the EVA

crewmen will return to the habitat. Total elapsed time
is estimated to be 4 hours 15 minutes. Unmanned

vehicles will now be ready for launch countdown and

the LCSV will be ready for internal cioseout.

10.0 INTERNAL PRELAUNCH CLOSEOUT

The FFD for the internal prelaunch closeout phase is

shown in figure 17. This phase applies only to the

manned LCSV, however, automated system checkout

will be required to verify pre-countdown readiness of
all vehicles. The LCSV Environmental Control and

Life Support System (ECLSS) will be activated and will
include a check of the SSCMS to ensure that all crew

cabin maintenance items are closed. Critical crew

module parameters (e.g., pressures, temperatures,

oxygen level) will be monitored to ensure readiness for

personnel ingress. Meanwhile, tools and equipment will
be loaded into the PUV.

When the LCSV ECLSS parameters are acceptable,
two IVA crewmen will detach the PUV from the

habitat, drive to the pad, and position and dock the

0:30 Hrs 2 IVA

i POWER UP ECLSS &

REVIEW READINESS
FOR CLOSEOUT

10.1

• Monitor cabin pressure/
temperature

• Review open work/
anomalies

1:35 Hrs 3 IVA 0:25 Hrs 3 IVA 0:30 Hrs 3 IVA

INGRESS AUTOMATIC CABIN
LCSV LCSV CHECKOUT CONTROL CHECKS

10.2 10.3 10.4

Detach from Hab module
Drive to pad
Mate PUV to LCSV hatch

• Pressurize tunnel/alrlock
• Check pressure seal
• Open & close hatches
• Ingress

0:30 Hrs 3 IVA _:20 Hrs

LATE ACCESS PERFORM
CABIN CARGO CLOSEOUT

STORAGE ACTIVITIES

10.5

• final visual Inspection
• Cleaning
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H MAKE VIDEO H

RECORDING OF
INTERNAL

CONFIGURATION

10.6 10.7

3 IVA 0:20 Hrs 3 IVA 1:35 Hrs 3 IVA

GROUND CREWMAN
EGRESS &

TRANSPORT TO
HABITAT

10.8

• Egress
• Open & close hetchea
• Depreseurlze tunnel/

alrlock
• Detach from LCSV
• Drive to Hab area
• Mate with habhat
• Egress transporter

Total Elapsed Time : 25:45

Figure 17. Internal prelaunch closeout.
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PUV to the LCSV crew module hatch as described in

Section 3.0. They will enter the LCSV crew module,

and in conjunction with the SSCMS operator at the

habitat, will perform an automated LCSV checkout to
verify system readiness for launch countdown. This will

be followed by module control checks, to configure the

crew module for countdown. Stowage of late cabin
cargo items will then be completed. These items will

include anything excluded from the prepackaged bulk

up-cargo and items subject to spoilage or deterioration
in an uncontrolled environment. Final crew module

closeout will include such things as a final visual

inspection, final cleaning, and removal of

"remove-before-flight" items. A video recording of the
final internal configuration will be made as a closeout
record.

The crew will then egress to the PLI_, demate, and

return to the habitat. Total elapsed time is estimated to
require 5 hours 45 minutes.

11.0 LAUNCH COUNTDOWN/LAUNCH (LCSV)

The launch countdown FFD, shown in figure 18, is
descrl_oed for a manned LCSV, as it contains several

tasks that will not be required for the unmanned
vehicles. Before lunar LOX is available, LOX will be

stored in the flight vehicle tanks. This scenario assumes

the availability of lunar LOX and a requirement to load
LOX before launch.

A two-man EVA crew will exit the habitat, load access

and other equipment onto the Unpressurized Rover,

pick up a loaded LOX tanker (assumed ready to travel),
and drive to the launch and landing pad. Access

equipment and the LOX tanker will be positioned,

static electrical potentials equalized, LOX Fdl lines
unstowed, protective covers removed, and interfaces to

the flight vehicle mated. A single LOX fill connection

is assumed. The fill lines will be slowly filled to each
flight vehicle tank shutoff valve, with boiloff bled off at

that point through the LOX vent system. When
chilldown is complete, bleed valves will be closed, a

main LOX tank shutoff valve will be opened, and the

tank will be filled via a pressure feed. Once flow is

established, the fill rate can be increased, and as the

desired load is approached, the fill rate will be
decreased until the desired load is attained. The

process will then be repeated for the other main LOX

tank and the fuel cell LOX tank. It may be possible to

load all three tanks simultaneously. Fill time will
depend upon the size of the transfer line and the

pressures used. Smaller transfer lines will reduce the
mass to be chilled and reduce boiloff but will increase

the required fill time.

._O Hrs 2 EVA 1.'00 Hrs 2 EVA 1:30 Hrs 1 IVA 0:15 Hrs flight Crew

I I I I I i STOWCAB,NI
TRANSPORT II i LOAD LOX AND II I II I CARGO II
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° I-I CE,. I-I FLIGHT CREW I-I ITEMS) I I

11,1 11.2 11,3 11.4
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unpressurized rover • Connect LOX tanker • Drive to pad
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unlxessurized rover • Disconnect inter/a.:es LCSV

• Position LOX tanker • Remove LOX tanker

_.15 Hrs flight Crew 0:25 Hrs Flight Crew
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VEHICLE SYSTEMS _ AUTOMATIC_r I LCSV CHECKOUT

/ 11.51 I 11.6

0:30 Hrs FlightCrew 3:15 Hrs ? I_A

Jl_ REMOVE SSE &
CABINcHEcKsCONTROL|wj CLEAR PAD

11.711 t 11.0

• SEE SSE list

0:15 Hrs Flight Crew 0:.15 Hrs 1 IVA

INITIATE I I MONITORASCENTt I
AUTOMATIC

LAUNCH SEQUENCE J-]D,I POST-LAUNCH ,I - I INSPECTIONS I

t 11.91 l 11.1oI

SSE: • Power cord corVFuel coil power
• Lander thermal control cart
• Fuel cell water del4fvlcef
• Hydrogen boiloff capture & rellquefactlon
• LOX tanker
• LOX boiloff vent line

Total Elapsed Timo = 8:45

Figure 18. Launch countdown and launch.
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When the fill is complete, the fill line will be drained

back into the LOX tanker, and fill lines disconnected

and stowed. EVA suits must protect personnel from

injury due to contact with the cold LOX transfer line.

EVA personnel will drive the Unpressurized Rover and

the LOX tanker to the LOX storage area. The tanker

will be connected to the storage tank and residual LOX
returned to the tank in a manner similar to that

described for the flight vehicle.

Once flight vehicle LOX boiloff has stabilized, the

flight crew will enter the PUV with one base crewman.

They will detach from the habitat, drive to the pad, and

dock with the LCSV crew module hatch. The flight

crew will ingress the LCSV crew module and stow

personal items. The flight vehicle will then be

transferred from surface systems services to flight
vehicle services, and an automated test of vehicle

systems conducted, followed by module control checks
to ensure launch readiness.

Once the LOX tanker has been off-loaded of residuals

and parked, the two-man EVA crew will return to the

pad to disconnect and remove the equipment used to

provide surface systems services to the flight vehicle.

These items will be placed in storage and the two
crewmen will return to the habitat.

The automatic launch sequence will be initiated with
T-0 timed to achieve lunar orbit rendezvous with the

Lunar Piloted Vehicle. The vehicle downlink data will

be monitored during ascent, and after launch, the

teleoperated assistant will be dispatched to the pad for

a post-launch video inspection. Total elapsed time is

expected to be 8 hours 45 minutes.

12.0 SURFACE SYSTEMS HARDWARE

Several items of SSE will be required to accomplish the

turnaround scenario. Some of these items are unique to

the launch and landing area; however, the majority will

also be required by other areas.

12.1 HARDWARE UNIQUE TO LAUNCH

AND LANDING.

Table I shows a cross reference to the phase of the

turnaround scenario that requires the use of each item

unique to Launch and Landing operations. The need

for each of these items is described briefly below.

Lander Thermal Control Cart. Required to dissipate

heat generated by flight vehicle systems while operating

from surface systems services.

H2 and 02 Boiloff Capture and Relio.uefaction

,_l_. Required to preclude loss of the launch

propellant supply while the flight vehicle is stored on

the lunar surface.

Oxygen Boiloff Vent Line. Required when lunar LOX
becomes available to route residual LOX boiloff to

lunar vacuum so as to preclude the poss_ility of GOX

collection beneath the thermal blanket or other

enclosed structures.

Lnnding/Navigation Aids. Required to ensure accurate

landing at the proper Launch and Landing Pad.

_D_zmai__t_kf.t. Required to protect each flight

vehicle from direct and reflected solar thermal

TABLE I - HARDWARE UNIQUE TO LAUNCH AND LANDING

Am

kar_a_Ttw.'u_ • • • • • • • • i •
C(_,ltrOl

H2 & 02 • • I • • • • • • I
leliquefac_on
;¥stems

Oxygen Boiloff • • • • • • • • • •
Vent Line

Landing/Navigation •
Aids

lllomlalBlankot • • • •

E_ G_,_ • • • • • • • • • •
$),stem

EngineHandling •
Fixture

z_c_ • • • • • • • • • • •
Power

_o,oc_o_ • •
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radiation during the lunar clay. It will also provide some

degree of micrometeoroid protection.

Electrical Groundin_ System. Required to ensure that

the several pieces of flight and surface systems

equipment involved in an operation are at

equipotential, and thereby prevent equipment damage

through static discharge.

Range Safety System. Required to protect the lunar

base from errant unmanned flight vehicles during

launch and landing.

Engine Handling Fixture. Required if engine removal

and replacement is to be accomplished on the lunar
surface.

Electrical Power at Launch and Landing Pad (options

include: Power Cord Cart, Fuel Cell Power Cart, and

Beamed Power Cart). Required to operate electrically

driven surface systems, power tools, equipment, and

the flight vehicles at the launch and landing pads.

l_da&L]_IIKct:_. Required to protect surface systems

equipment and facilities in the launch and landing area

from surface ejecta generated during vehicle launch

and landing.

12.2 HARDWARE SHARED WITH OTHER

BASE OPERATIONS.

Those items needed for launch and landing operations

that will also be required by other areas are listed in

"l_ble II. Also included is a cross reference to the phase

of the turnaround scenario that requires its use. Some

of the items are required infrequently during the

scenario. These items, designated in the table by "Stays

Connected," will be transported and connected at

initial use. In order to save time and resom-ces, they

will be left connected until their final use before being

removed from the pad area. However, they could be

removed and used elsewhere should the need arise.

TABLE !1 - HARDWARE SHARED WITH OTHER BASE OPERATIONS

Auto

Unpme_xized Rover • • • • •
i

PressuredU_li_ • • •
Vehicle

iJun_

MobileCraJ'le • •
i

,.Car._o Transport • •
Vehkde

• • • • • • • •
Remov_ Sys.... ......
Cryogen Tanker(s) •

Fue4Cell Maintenance • StaymConnected • Stayl Connoclod •
Cart

ECLSS MaJnt_ •
Cart

GN2 Harcll0r • •

n'¢ Sy1. • StmylConnected • _ayl Connoc_d •

_mo, operator, • • • • • • •
LJqt_naSvs.

Inspectk_ Equipment •
Acco_ DeVces • • • • l • • •

ii

LOXCleaning •
Capa_)ny
CommunP__ons • • • • • • • • • • •
Systems
_ & Monb0r • • • • • • • • • • •
System

_._.,_,_ • • • • • • • • •
Mon_or

Uo_ T__ • • • • • • •
Assist.

• •RemoteTelm_oo_ • • m
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Unpre_urized Rover. Required to transport EVA

personnel, tools, and equipment between the Habitat
and the launch and landing pad.

Pressurized Utility_ Vehicle that will mate with the

Habitat and the LCSV Crew Module. Required to

effect IVA ingress/egress to the LCSV Crew Module

for flight crew changeout and turnaround tasks.

Mobile Crane with Slings. etc. Required to remove

down-cargo from or install up-cargo onto the LCL or

LCSV. Also required to remove and replace major

flight vehicle assemblies.

Cargo Tran..sport Vehicle. Required to transport heavy

cargos, up to 40 metric tons, between the launch and

landing pads and the use area.

Lunar Dust Contamination Removal System. Required

to remove dust from items whose performance may be

degraded by lunar dust, to clean system interface
connections, and to avoid introduction of dust into

pressurized areas.

Cryogen "Panker(s). Required to transport lunar LOX
and/or LH2 from the in situ production plant to the

flight vehicle. Dedicated tankers will be required for

each propellant.

Fuel Cell Maintenance Cart. Required to service and

deservice flight vehicle, surface vehicle, and surface

facility fuel cell oxygen, hydrogen, and water tanks.

ECLSS Maintenance Cart. Required to service,

dcservice, circulate, and filter fluids used in the various

flight vehicle, surface vehicle and surface facility
Environmental Control and Life Support Systems.

_. Required to transport GN2 and recharge

GN2 tanks on pressurized buildings and vehicles.

Waste Management System Deservieer. Required to

deservice the several WMS holding tanks, and clean

and sanitize the systems.

Surface Operations Lighting S_tem. Required to

provide auxiliary lighting for surface operations.

Inspection Equipment. Includes a range of inspection

equipment required to determine the status of
hardware and work environments.

/_,g,_LD.gldg_. Required to provide internal and

external access to flight vehicles, surface vehicles, and

surface facilities for inspection, maintenance, and

servicing.

LOX Cleaning Ca_nobility_.Required to LOX clean and
double bag piece parts and components after

maintenance (e.g., after replacement of valve soft

goods), and to clean LOX systems after installation but

before placing in service.

Communications System. Required for the
simultaneous communication of command, data, video,

and full-duplex voice among all locations involved in

launch and landing operations.

Surface Systems Control and Monitor System.

Required for control and monitor of flight vehicles and
surface systems, vehicles, and personnel involved in

multiple flight vehicle turnaround operations. Must
include execution, monitoring, and evaluation of

application test and monitoring software. Requires data

exchange with and display of data from other base

systems and similar systems on Earth.

Automated Performance Monitoring System. Required

to automatically monitor systems performance and alert

base personnel of out-of-tolerance conditions; thereby,
relieving base personnel of this large and tedious task.

Mobile Teleo.tmrated Assistant. Required to assist EVA

personnel by performing such functions as holding,

lifting, fetching, and stowing. Can also perform

robotically simple tasks such as equipment, and launch

and landing pad inspections to reduce crew size and

EVA exposure.

l_emote Telerobotic Servicer System. Required to

perform robotically, tasks such as loading, unloading,

positioning and other servicing operations, to reduce
crew size and reduce EVA exposure. A derivative of

the Space Station Freedom flight telerobotic servicer,

modified for operation in the lunar surface

environment, is envisioned. Could be a part of the

Pressurized Utility Vehicle or a separate self-propelled

vehicle.
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ABSTRACT

The possibility of a solar powered rover to be used for the unmanned exploration of Mars is

examined and analyzed. The amount of solar power available on Mars is found as a function of

time, location and atmospheric dust, allowing the determination of the amount of power that can be

collected by either photovoltaic or thermal collectors. It is found that the maximum available power

in a normal Martian day varies from 220 to 140 watts per square meter depending on the amount of

dust in the atmosphere, while the average annual power is 100 watts per square meter.

The energy requirements of the rover are determined and used to find the size of solar collector

needed to power the vehicle. For the existing baseline vehicle, for which radioisotope

thermoelectric generators are planned, is is expected that a 500 watt power supply will be required.

The actual average power need of the baseline rover is 275 watts, and this is taken as the power

supply requirements of a solar rover. About 66 percent of the energy consumed by the rover

occurs when the rover is in an idle mode. For a solar powered vehicle which can be placed in a

low power use dormant mode as needed (during dust storms, night, or in idle mode) 116 watts

will be adequate. Power saving for a solar rover will be accomplished mainly by increasing the

efficiency of the mechanical systems, and by significantly reducing the power demands of the

computer systems from 75 watts to 25 watts by closing down pans of the computer system when

they are not needed. For the baseline rover, energy storage is achieved by 72 kilograms of lithium

titanium disulfide baneries withacapacityof about7.2 kWh.

It is found that a solar powered Mars rover is possible, with a collector area of 16 to 23 square

meters. The actual projected planform area of the existing vehicle is about 20 square meters. At

any given time of year, the rover could operate successfully on over half of Mars. Near the

equator, this solar rover could operate year-round. The introduction of a power saying"sleep"

mode is found to be an effective method of reducing the collector area to about 7 square meters, as

well as providing for improved rover survivability in the case of prolonged dust storms or failure

of part of the solar panel or battery bank. Future work should include improved models for energy

production and use, and design of rovers optimized for solar power.
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Seet_m 1

INrRODUCTION

The missions currently planned to place a unmanned rover on the surface of Mars all use

radioisotope thermoeleclric generators (RIGs) for the source of electric power. The only other

source of power on Mars suitable to long term missions is solar power. In the past, solar power

was not considered a useful source due to the distance from Mars to the Sun, the dust in the

Martian atmosphere, and the day/night cycle.

Recently, several problems have surfaced that make the future use of RIGs difficult. The

plutonium used to fuel them is in short supply, and the reactors that make this fuel are not

operating. Making these reactors operational will require a large amount on capital, more than

NASA may be willing to spend.

There are also safety issues associated with the use of plutonium. Although it is not very

radioactive, plutonium is one of the most poisonous substances known. Containment of the

plutonium in the event of a launch accident is mandatory. The current containment methods are

believed adequate even for the case of the worst possible accident, and in fact some RIGs have

survived launch failures intact. Because of this, the safety issue may be more of a perceived

problem than a real one. However, even perceived problems can slow or stop a space mission, so

this issue must be addressed.

Energy sources other than solar and nuclear do not appear to be useful on Mars. Stored chemical

energy could not supply sufficient energy for the duration anticipated for the Mars rover sample

return (MRSR) mission. The needed energy must be collected from the environment. Possible

sources include temperature differences, geothermal heat, wind, and solar energy. Temperature

differences, whether between different times of day, or different positions (for example between

the air and the ground) are hard to use because they require large heat exchangers and a heat

engine. Geothermal energy cannot be used by a rover, although it could one day prove useful for

large f'Lxedinstallations. Wind energy is probably insufficient due to the low air density on Mars.

In addition, wind energy tends to be highly variable in both time and position, making it a difficult

resource for a rover to rely on. Thus, direct solar power appears to be the only viable alternative to

RTGs for a Mars rover. This report gives the results of an initial investigation into the feasibility of

a Mars solar rover.

The fast subject that must be addressed is the availability of solar energy on Mars. Factors that

affect the amount of solar radiation received on a collector on the surface of Mars are the

eccentricity of Mars' orbit, the Martian seasons, the time of day, the panel orientation, and the



amount of dust in the aunosphere. Of these, the effects of the orbit, season, time, and panel

orientation can be calculated. The effects of dust can be based on Viking lander data and theoretical

models.

Once the resource has been quantified, the amount of energy that can be converted to a useful form

can be determined. Two methods of conversion are investigated: photovoltaic conversion for

electrical energy production, and thermal collectors to gather heat for the thermal control system.

For the photovolmics, both silicon and aluminum-gallium-arsenide gallium-arsenide heterojunction

(abbreviated GaAs) types of cells are considered, along with two collector orientations, horizontal

and tracking. For the thermal collectors, only simple fiat-plate collectors are considered.

Sizing the solar panel requires quantification of the power needs of the rover. Power is needed for

mobility, computation, data storage, science, communications, vehicle control, and thermal

control. Each of these systems requires a varying amount of power depending on the operational

mode of the rover. An average power requirement can be found by examining a possible operating

scenario that defines the baseline case. When this is done, the average power use is found to be

only about 10 percent more than the power used by the rover when it is in idle mode. The rover

spends 72 percent of the time in idle mode. Because of this, the possibility of a rover with reduced

energy needs is examined, where the reduction is to be achieved by reducing the power needs of

the idle mode.

Use of solar power requires energy storage. For the electrical energy, batteries are used. The

driver for the battery store size is the need to survive the night. The batteries also influence the size

of the solar panel, as a portion of the energy stored and later retrieved from them is lost. For the

thermal energy store, a phase-change material is assumed. Due to the temperatures involved, water

is an acceptable material.

With the output of the various types of collectors determined, and the energy needs of the rover

specified, the size of the required collector can be found. This is done for three cases: a panel that

can provide an average of.500 watts, the same power as the RTG of the current MRSR rover, a

combined elecwic and thermal collection panel to handle the baseline case; and a combined panel to

handle the case with the reduced power idle mode.

The conclusions of this program are as follows:

The available solar power on a horizontal panel averages over 100 watts per square meter for

most of Mars for most of the year.
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The amount of power that can be collected averages 17 to 20 watts per square meter for

photovoltaics, and 60 watts per square meter for thermal collectors, for areas of Mars with a

100 watt per square meter resource.

The power needs of the baseline rover average 256 watts electrical and 50 watts thermal,

including the storage losses. If the idle mode, which currently consumes 240 watts, is

replaced by a sleep mode, which consumes 80 watts (and in both cases 50 of those watts are

thermal), then the average power requirements drop to 116 watts electrical and 50 watts

thermal.

The required panel size is 25 square meters, if an average power output of 500 watts is

required, corresponding to the current design using an RTG. For the baseline rover using

combined electric and thermal collection, the panel size is 13.63 square meters. For the case

with the sleep mode, the panel size is 6.63 square meters.

The recommendations from this study are the following:

Improved models for the solar resource on Mars, as well as the amount of the resource that

can be converted to useful forms of energy, should be developed.

Methods for reducing the power needs of the rover should be investigated. These should

include both component efficiency improvements and energy management improvements,

such as introduction of a sleep mode.

Rover configurations more conducive to solar power should be developed. Such

configurations would have large areas suitable for mounting solar collectors with little or no

need for deployable structures and would make allowances for camera and antenna placement

so that the solar collectors would be shadowed as little as possible.

Experimental data are needed on the long term effects of the Martian environment on the

efficiency of solar collectors on Mars. This may require that a small, simple probe be sent to

Mars for this purpose. A somewhat more complex probe could also be sent, for example a

small rover. Such a rover could be used to test the Martian surface in order to determine

whether there are any problems with mobility, before a larger, more expensive rover is sent.

9



Section 2

SOLAR POWER PRODUCTION

2.1 Solar Availability

To examine the feasibility of a photovoltalc power system for an unmanned Mars rover, the

solar radiation levels on the Mars surface must first be determined. The total radiation

reaching a Martian surface is the sum of the direct solar radiation and a diffuse component

resulting from scattering in the atmosphere and reflection from surrounding surfaces.

Estimates for these quantities are based on information provided by Appelbaum (1989).

2.2 Direct Solar Radiation

The following equations are used to estimate the direct solar radiation on a horizontal

surface as a function of season, latitude, time of day and optical depth of the atmosphere.

The direct radiation, Ib, is:

Ib = Io cos(IS)e"(x/c°s(_))

where the zenith angle [3 is given by:

cos(J3) = sin(_b)sin(8) + cos(O)cos(8)cos(h)

0 = latitude

8 = solar declination.

L s is the Areocentric longitude defined as the position of Mars in its

orbit measured from the Martian vernal equinox. Thus:

At Ls = 270°(N. Hemisphere winter), 8 = -24.8 °

AtL s = 90°(N. Hemisphere summer), 8 = 24.8 °

h = hour angle (0 at zenith; + to the wes0.

Io is the solar radiation on a surface normal to the sun's rays beyond the Martian

atmosphere and is given by:

Io = 590(1 + ecc(cos(L s - 245)))2/(1- ecc2) 2 0V/m 2)

where the eccentricity, ecc = 0.093377.
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Here, 'c is the optical depth, a dimensionless quantity which determines the reduction in the

direct radiation due to scattering in the atmosphere. A value for 'cof 0.5 has been assumed

for clear sky conditions, and 2.0 for dust storm conditions. Higher values for z occur, but

they are rare and do not last long.

Because the

minimum of

L s = 69 ° and

Martian orbit is elliptical, Io varies from a maximum of 718 W/m 2 to a

493 W/m 2. The variation in Io is shown in Figure 2-1. Aphelion occurs at

perihelion at L s = 249 °.

To begin the examination of the insolation levels, the diurnal variation at the equator was

estimated for Ls = 90 ° (summer in north hemisphere) and L s = 270 ° (winter in northern

hemisphere) for an assumed optical depth of zero. These estimates are shown in Figure

2-2. The average for the daylight portion of a sol (one Martian day) at Ls = 90 ° is 321

W/m 2, and for L s -- 270 °, the daffy average is 451 W/m 2. An optical depth of zero is not

realistic, so in Figure 2-3 the estimates of the direct insolation for an optical depth of 0.5 are

summarized. With this value for the optical depth, the attenuation in the direct insolation

reduces the daylight average values to 155 and 217 W/m 2 for L s = 90 ° and L s -- 270 °'

respectively. That is, the direct radiation is reduced by approximately half by scanering in

the atmosphere (assuming an optical depth of 0.5). The total insolation will not, however,

be reduced by this amount, because there will be an increase in the diffuse component.

Estimates of solar insolation have also been made for a location with a latitude of 45 ° N.

These results are shown in Figure 2-4. During the summer, the average daylight insolation

is 195 W/m 2, which is comparable to values at the equator. However, during the winter,

the daylight average falls dramatically to only 20 W/m 2, making operation of a solar-

powered vehicle this far north possible only during the summer.

The above estimates have been calculated assuming the solar array is a horizontal surface.

If the array tracks the sun, so that its surface normal is parallel to the incident solar rays, the

insolation value can be increased. Results for a tracking array are shown in Figure 2-5. By

tracking, the average daylight insolation can be increased from 217 to 301 W/m 2 for

Ls = 270eand from 155 to 214 W/m 2 for L s = 90 °. There is a penalty for wacking in that

power must be used to provide the sensing and tracking and additional mass is required for
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motors, sensors and linkages. This additional power requirement can be estimated by

referring to the power required to track and move the communications antenna, as shown in

the Phase 1 design data book (Muirhead, 1988). To move a 1-kg antenna dish requires 15

watts. So if, for example, if a 10 m 2 panel at 2 kg/m 2 is required to provide the necessary

power, then 300 watts is necessary for tracking. This is not, of course, a continuous

requirement, but would made at discrete time intervals.

2.3 Diffuse Radiation

In the previous section, it was shown that the atmospheric dust reduces the direct radiation by

40 percent when the optical depth is 0.5, which is considered clear conditions. In dusty conditions

when the optical depth is 2.0, the direct radiation can be reduced to 14 percent of the level in space.

Fortunately for the use of solar power on Mars, much of the loss in direct radiation is stir available

as scattered radiation. Appelbaum gives predictions for the total radiation, the sum of the direct

and scattered components, for a wide range of optical depths and solar elevation angles. Using

these, the total available solar intensity on Mars can be found.

The optical depths that occur most of the time can be determined from the Viking lander data. A

summary of this data is shown in Figure 2-6 for Lander number one and in Figure 2-7 for Lander

number 2. For a large portion of the year the optical depth is about 0.5. In the later part of the

year the global dust storms occur, raising the optical depth. For lander number one, the dust storm

causes a peak optical depth of about three. For the other lander, the maximum is about two. For

both landers, the optical depth is rarely greater than two. The higher optical depths tend to only

occur when Mars is near perihelion, so the reduced insolation due to dust is compensated for by

being closer to the sun. For design purposes, a optical depth range of 0.5 to 2.0 was selected as

typical operating conditions. When higher optical depths occur, rover operations will have to be

modified to accommodate the reduced power production.

Figure 2-8 shows G h, the available solar power on a horizontal plate for several solar zenith angles

as a function of atmospheric optical depth. The region of the plot that covers those optical depths

that occur most of the time is 'r - 0.5 to 2.0. For this plot, the in-space intensity of the solar

energy is 590 watts per square meter, the average value for Mars over the course of a orbit. As

shown in the plot, the effect of dust on the total radiation level is not great, about 10 percent loss

for a optical depth of 0.5, to 40 percent loss for an optical depth of 2.0.

Integration over one Martian day, a sol, gives the solar energy available. The results of this
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integration are shown in Figure 2-9 for the case of an optical depth of 0.5, and in Figure 2-10 for

the case of an optical depth of 2.0. In both figures, the available energy averaged over a entire sol

is shown for several latitudes and areocenuric longitudes.

These figures indicate that 100 watts per square meter are available in most locations and in most

seasons on Mars. The maximum availability occurs in the southern summer, at over 220 watts per

square meter. At an optical depth of 2.0 due to a moderately severe dust storm, the availability is

reduced to about 66 percent of the clear condition.
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Section 3

SOLAR ELECTRIC ENERGY PRODUCTION

3.1 Model Description

In this study, the level of analysis used for modeling the production of electrical power from solar

cells is kept fairly simple. The effects taken into account are the solar intensity, both direct and

scattered, the cell material, and the cell temperature. The effects not taken into account are the

radiation scattered off the ground, the change in the panel's efficiency due to radiation level, except

as it affects temperature, and the second order effects of heating and cooling on cell temperature.

In determining the cell temperature, only the effects of the incoming solar radiation and black body

radiation from the front of the panel are included. The effects of cooling from the Martian

atmosphere, heating from scattered and emitted radiation of the ground, and infrared radiation

emitted from atmospheric dust were ignored.

3.2 Cell Temperature and Efficiency

The solar panel has three main paths for gaining and losing energy: incoming solar radiation,

electrical energy production, and black body radiation from its front surface. Other paths also

exist. Thermal exchange with the ground is possible; however, the ground can be expected to have

a temperature close to that of the panel, as both are exposed to the same sun, and the back of the

cells is somewhat insulated by their supporting structure. Thus, the effects of the ground will be

ignored. The Martian atmosphere can be expected to cool the panel to some extent. On Earth, a

solar panel will lose about half its heat to the air by convective cooling, the rest by black body

radiation. On Mars, with its lower atmospheric density, convective cooling can be expected to be a

small effect, so it will be ignored here. Atmospheric dust will also radiate black body radiation to

the cells. However, the dust is cold and fine, resulting in low levels of infrared radiation. With

these simplifying assumptions, the only terms that remain are the solar input, electrical production,

and the cell's black body radiation. The temperature of the cell can now be found.

The incoming energy to the cell that is not convened into electricity, and will be reradiated as black

body radiation is

energy input - I (1 - ¢)

where I is the incoming solar radiation and _ is the efficiency of the solar cells. The efficiency is

modeled as a simple function of temperature:
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¢ = r_ (1 -aT)

where % is the extrapolated efficiency of the cell at absolute zero, a is the reduction in cell output

per degree, and T is the absolute temperature. The values used for the constants _ and a for

typical GaAs (Flood, 1989) and silicon cells (Stunevant, 1989) ate given in Table 3-I.

Table 3-1

Cell type Efficiency at 25 C r.o a

GaAs 21.5% 0.3095 1.0243 x 10-3

Silicon 15.0% 0.350 1.917 x 10-3

The energy lost in the form of black body radiation is

Energy lost = 5.67 x 10.8 'Ì 4 W/m 2.

The equations for energy input and energy lost can be equated and solved for temperature. This

assumes that the solar cells are in a state of thermal equilibrimn at all times, i.e., their thermal mass

is low so there is no appreciable lag in temperature when they are warming up or cooling down.

This procedure also assumes that the cell's absorptance and emittance are about equal to one.

The resulting equation is

I ( 1 - _o (1 - aT )) = 5.67 x 10 -8 T 4

which can be solved for T. The temperature is then used to find the cell efficiency.

3.3 Solar Input

The solar input to the cells was calculated for two panel geometries: a horizontal panel and a

tracking panel. In the case of the tracking panel, the added solar input due to scattered light from

the ground was ignored. The effects of the eccentricity of the Martian orbit, the latitude of the
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panel, and the atmospheric dust were taken into account as described in Section 2. Calculations

were carried out in Section 2 for optical depths of 0.5 (clear condition) and 2.0 (dusty conditions).

3.4 Energy Calculations

Given the above equations, the energy production of a solar panel can be found. For a particular

season and time of day, the incoming solar energy can be found from the equations in Section 2.2.

The effects of the atmospheric dust on the incoming radiation can be found from Figure 2-6. The

equations in Section 3.2 can then be used to find the cell temperature, and hence the efficiency and

power output.

The average energy production of a solar panel was found using the above method. The panel

output was averaged over an entire Martian day, one sol. Calculations were carried out for seven

latitudes on Mars (-90, -60, -30, 0, 30, 60, and 90 degrees), the complete range of areocentric

longitudes, the two types of cells (GaAs and silicon), two optical depths (0.5 and 2.0), and two

panel geometries (horizontal and tracking). The results are shown in Figures 3-1 to 3-8. If the

average power for the daylight portion of the day is desired, then the Figure 3-1 to 3-8 results can

be divided by the fraction of the sol that has daylight, given in Figure 3-9.

The effects of dust storms can be seen by comparing the results for the low and high optical depth

cases. To a fast approximation, the increased optical depth reduces the energy production by 30 to

40 percent. This reduction only applies for the latter half of the year, when Mars is near

perihelion, and is compensated for by the distance reduction to the sun.

The results indicate that the advantage of the GaAs cells over the silicon cells is small, because the

low temperatures at which the cells are operating is more advantageous to silicon than GaAs. An

example time history of cell temperature is shown in Figure 3-10. Comparing this predicted

temperature with measured air temperatures, it is found that the cell temperature is within

50 degrees of the air temperature.

The effect of using a tracking collector is to increase the energy production by about 50 percent

over a non-tracging collector. This estimate is somewhat high, however. In making it, an

assumption was made that all of the incoming light came from the direction of the sun. Due to the

effects of the dust, this is not a correct assumption. If most of the scattering is forward scattering,

then this assumption is close to correct, and if the scattering is more isou'opic, then it is a poor one.

Thus, these results for a tracking collector should be viewed as a upper limit. A further

complication to this issue is that the both the scattering and the photovoltaic cell efficiency are
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functions of the wavelength of the iighL This results in errors in both the _cking and horizontal

collector results. The degree that this effects the energy calculations is not known, of even if it

results in a increase of reduction in energy.

At present, the location on Mars and the time of year when the rover will be operating is not

certain. Thus there is a wide range of average power output per square meter values that be used in

the design process. Consideration of all possible power levels will complicate the design process,

which at the level of analysis of this study is undesirable. Thus, a single representative value will

be used for each cell type. The average power output of a (3aAs panel is 22 watts per square meter

or more for a wide range of latitudes and areocentric longitudes. If the rover is designed for this

power level, then most of Mars will be accessible to it. The equatorial region between about -20"

to 20" will be accessible the entire year, making this area appropriate for extended missions.

Regions further north or south are suitable for missions of limited duration. For silicon cells, a

value of 17 w/m 2 will be used.
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Section 4

SOLAR THERMAL ENERGY COI.,I_CTION

4.1 Problem Descriplion

The Mars environment is cold, with average temperatures of 210 K, dropping as low as 150 K.

Any Mars rover must be able to cope with this environment. This generally requires that the rover

have a thermal control system to provide heat to various systems as needed. For the designs with

the primary electrical power coming from a radioisotope thermoelectric generator (RTG), the

thermal control system would rely on electric power, or from small radioisotope thermoelectric

heaters (RTHs).

Both RTGs and RTHs require the use of plutonium. The main reason for examining the possibility

of a solar-powered rover is to eliminate plutonium. The use of solar cells for electric power

eliminates the need for the RTG; however, the thermal control task remains. The most obvious

way to handle it is to use electrical power from the solar panel. The power needed is quite large:

for example, the current MRSR design uses 50 watts for thermal control. If this is to be supplied

by solar cells, a panel with an area of 2.5 to 3 square meters will be needed for this task alone.

This is based on the average power output value given in Section 3, making some allowance for

storage losses.

Another way to get the energy needed is with solar thermal collectors. This has the advantage that

the efficiency of solar thermal collectors is potentially much higher than the 20 percent or so that

can be achieved with photovoltaics. Also, the energy can be stored as either sensible heat or latent

heat. In both cases, water would make a good storage medium. Water can store 64 watt hours per

kilogram in the phase change from solid to liquid, and an additional 1.16 watt hours per kilogram

per degree of temperature change.

4.2 Collector Design and Analysis

Solar thermal collectorsneed to maximize heatabsorptionand minimize heat loss. One common

method for doing so uses a special coating, called a selective surface, on the absorber that enhances

absorption of solar radiation while reducing the radiation of long wave infrared. Also used are

cover windows to reduce the loss due to conduction and convection to the air, and to some extent,

the loss of heat due to infrared radiation. The windows can also be coated with a selective surface

on the inside that is transparent to solar radiation but reflects thermal infrared emitted by the

collector back to the absorber. The shape of the collector is usually either flat or cylindrical.
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In designing a solar thermal collector for use on a Mars rover there arc several factors to consider.

As the collectors are supplying heat to the thermal control system, the temperature that must be

maintained by that system will have a large effect on the performance of the collector system.

Generally, the lower the temperature that must be maintained, the higher the efficiency of the

collector. The complexity of the system also needs to be minimized so as to reduce the chance of

failure. In addition, there arc consWaints of size and shape imposed on the collector by the design

and operation of the rover.

There are two main loss mechanisms for the solar collector. The first is radiation loss. This is

proportional to the temperature to the fourth power and is also a function of the surface ernittance.

Some materials have a very low eminance, 10 percent or less of that of the ideal black body. The

other main loss term is loss to the air by conduction and convection. This loss can be estimated

using the Welty equation as given in Meinel (1976):

H = 0.062 k Re 0-62 /L

where k is the thermal conductivity of the air, L is the length of the surface losing the heat, and Re

is the Reynolds number of the surface:

Re = p VL/_

based on its length, L, the wind speed (V), the density of the air (p) and the viscosity ('u).

For typical Martian conditions and a carbon dioxide atmosphere we have;

p = 0.020 kg/m 3

k = 0.0226 W/m/K

---1.07.10 "5 kg/m sec

V= 3 m/see

L=2.Sm

which gives H = 0.21 W/m2/K. This is the combined loss due to both conduction and convection

to the air. Note that it is a small loss, even if the temperature of the solar collector is 100 degrees

greater than that of the air, the loss of heat is only 21 watts per square meter. By comparison black

body radiation from a surface at 0°C is 315 watts per square meter.

In order to determine the amount of heat lost by convection and conduction, the temperature
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difference between the air and the collector must be known. The temperature of the collector will

be assumed to be equal to that of the thermal storage module, as would be expected with good

thermal contact between the two. Data from the Viking landers were used to find the daily

maximum and minimum air temperature as a function of season. The diurnal temperature variation

between the maximum and minimum was assumed to vary sinusoidaUy. This model was used for

all calculations presented here, at all Martian latitudes. This is not very realistic for latitudes other

than that of the Viking lander, but the resulting errors are expected to be small, as most of the heat

loss is by radiation.

The large difference between the convective and radiative loss terms indicates that controlling the

convective loss by use of cover glasses may not be necessary, a bare collector can be used.

Controlling the radiative loss can be done effectively with selective surfaces.

The relative merit of a selective surface is best described by its selectivity ratio, the ratio of its

absorption of solar energy to its emission of infrared in the frequencies appropriate to the

temperature at which the surface is operating. Selectivities of 10 can be achieved with coatings that

are sufficiently low in cost that they are used for commercial solar collectors. Selectivities of 50

are possible with higher cost coatings. For the Mars rover, the coating must not only have a high

selectivity, but must be able to withstand the Martian environment. This includes dust, low

temperatures, high levels of ultraviolet, and weathering from the atmosphere. Due to the need for

surviving the Martian environment, a selectivity of 10 will be assumed to be the best that can be

obtained.

A thermal control system based on solar energy requires a thermal storage module. This can be

connected to the collectors in one of two ways. It can be directly connected to the collector in such

a manner that heat can flow either from or to storage. This results in stored heat being lost during

periods of darkness. The other option is to place a "thermal diode" between the collector and the

heat storage moduie. Such a thermal diode could be simply a pair of temperature sensors and a

pump that circulates a heat transfer fluid through the collector and the store, or something more

advanced. This will result in reduced heat loss at the cost of increased complexity.

4.3 Results

The average thermal power that can be collected on Mars was found for several cases. For all

cases, the collector configuration was a fiat plate oriented horizontally with no cover glasses. A

selective surface as described above was assumed. Water was used for the thermal storage

medium, with the phase change from solid to liquid at 0° C being used to store the heat. This

should be warm enough for the equipment that must heated.
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The four cases analyzed were with and without the thermal diode and for atmospheric optical depth

of 0.5 and 2.0. For each case, results were found for several latitudes and arecgentric longitudes.

The results, in terms of thermal power collected averaged over a sol are shown in figures 4-1 to

4--4. Several interesting trends are shown. The average thermal power that can be collected is 60

to 80 w/m 2 for a large portion of the surface and seasons. The benefit of the thermal diode is to

increase the energy collected by 25 to 30 w/m 2, depending on the season and location.

Comparing the actual energy collected to the energy available shows that the collector operates at

an efficiency of about 80 percent for the case with the thermal diode, dropping to 60 percent for the

case without the thermal diode. This compares favorably with the 20 percent efficiency available

with solar cells. The high efficiency also indicates that there is little to be gained by using a more

complex collector design with cover glasses, selective windows, and so on. A bare collector is

sufficient.

The effectiveness of such a simple collector design suggests an interesting possibility. The entire

rover could be covered with a selective surface. This would make the rover a large solar collector,

and the rover mass would become the thermal storage module. This could greatly simplify the

thcrmal control of the rover.
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Section $

POWER REQUIREMENTS

5.1 Assumptions

The power needs of the rover have been assumed to be similar to those of the MRSR vehicle. This

vehicle has several operating modes during which each of its systems requires a particular amount

of power. If each of these power requirements is known, and an operational scenario is known,

then the average power needed by the vehicle can be determined.

In the following sections, the power needs of the MRSR vehicle systems will be examined,

starting with the mobility system, then the thermal control system and, finally, the remaining

systems. Next, the impact of these needs on the average power use by the vehicle will be
determined.

5.2 Mobility Power Needs

Normally, the resistance to vehicle motion is due to three components, namely: air, traction and

gradients. For a Mars rover, the air resistance is negligible due to the low rover speeds (< 1 m/s)

and low aanospheric density (-1 percent of Earth's). The traction resistance is the energy lost

due to deformations of the wheels and the surface on which the wheels are rolling and also energy

lost in wheel bearings and seals. Values for the rolling resistance are normally given as some

percentage of the vehicle weight, but reliable values are difficult to obtain. In the case of a Mars

rover, where the construction details as well as the Martian surface characteristics are unknown, it

is impossible to estimate with confidence a value for the rolling resistance. The rover will probably

have to operate on surfaces ranging from loose sand to rocky terrain. Common sources on rolling

resistance (Mark's Mechanical Engineering Handbook, eighth edition, 1979) give a range of 0.15

to 0.30 for a pneumatic tire on loose sand and 0.1 for badly cobbled roads. Because of the

uncertainty in the expected vaiue of the roiling resistance, in this report we shall use the range of

0.15 to 0.30 as representative of what may be expected for the rover operation on the Martian
surface.

The power to overcome roiling resistance is then estimated from:

Pr = Cr W V/qD
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where: Pr = power to overcome rolling resistance (watts)

Cr = coefficient of rolling resistance (0.15 - 0.30)

W = vehicle weight (newtons)

V = vehicle speed (m/s)

TID = drive efficiency (0.5 - 0.8).

The drive efficiency as used here is the ratio of the power available at the wheel axle to the output

power at the array. This efficiency then includes the efficiencies of the electronics between the

array and the motor, of the motor itself, and of the gearbox. The GM Sunraycer, a solar powered

electrically driven terrestrial four wheeled vehicle developed by AeroVironment for General motors

achieved drive efficiencies of about 85 percent (Stunevant, 1989). This efficiency will be unlikely

on Mars because of the large gear reduction required between the motor and the wheels, and the

low temperatures. The vehicle will be operating at very low temperatures ( ~ 200 K), so seals and

lubrication will make an unknown contribution to the total rolling resistance.

Harmonic and planetary gear systems are under consideration for the final drive. The planetary

gearbox is heavier than the harmonic gear system, but has potentially high efficiency (>90 percent)

instead of the lower efficiency harmonic drive (efficiency ~ 50 percent or less under partial load

conditions). How these would be lubricated and sealed for the lower Mars temperatures is

undecided. Because of these unknowns, we have again assumed a range for the value of the drive

efficiency. As an upper bound, we have chosen 80 percent, in keeping with Sunraycer experience,

and as a lower bound 50 percent.

Slope or gradient resistance is usually given as the product of the grade in percent times the vehicle

weight. If a 30 ° slope is chosen as the maximum, then the additional resistance is one half the

vehicle weight. This is somewhat misleading because there will be a weight u'ansfer to the rear

wheels when climbing a slope that may influence the rolling resistance on those two wheels,

particularly on soft surfaces. Another consideration in estimating the required drive power is the

necessity of overcoming a large obstacle that cannot be avoided. The power needed to climb a

slope is recovered when the rover descends. If the rover always returns to its starting point, the

net energy needed to climb slopes is to the t-u'st approximation zero. However, the different

operating conditions caused by slopes will result in added inefficiencies in the drive system,

increasing the average power needs.

Estimates of the power required to overcome slopes and obstacles depend on the occurrence of

these in the terrain and also on the geometry of the rover. The emphasis in this report will be on

estimating the average power requirements for sizing panel arrays. Further information is required
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to estimate the additional power necessary to overcome slopes and obstacles.

• Drive power estimates

In Figure 5-1, estimates of the power required for the rover to operate on level ground with a

rolling resistance coefficient of 0.15 and a drive efficiency of 0.5 are shown for various rover

masses. It is clear from the figure that a light rover, or a slow one, will require less power. The

power values in this figure are those required when the rover is in motion. For sizing of

photovoltaics panel, it is more useful to have this information in terms of power averaged over the

entire day. This has been done in Figure 5-2, which shows that the power requirements are quite

modest. For example, at an average speed of 1 kin/sol, the power required for a 500 kg rover is

about 6 watts.

Based on average power required, it might be suggested that the rover mass is not a significant

factor. However, Figure 5-1 shows that the heavier rovers require large instantaneous power

inputs to move and particularly to overcome obstacles. This would require larger, heavier motors.

For a photovoltaic power system, it is essential to maintain low power requirements and hence the

emphasis in rover design should be to produce as light a rover as possible. This will assist in

launch vehicle payload constraints as well.

Figures 5-3 and 5-4 show the influence of the value of the rolling resistance on the drive power

requirement. To keep the power requirement low, it is desirable to have as low a rolling resistance

as possible. The coefficient of roiling resistance depends primarily on the deformations of the

wheels and ground. To keep the rolling resistance low in soft materials, the contact pressures must

be low. This is normally.done by using wheels that have a large contact patch. By reducing the

weight of the rover for a given wheel size, the contact pressure can be reduced. In this case,

reducing the rover weight has a two-fold effect on the roiling resistance. By decreasing the

weight, the rolling resistance decreases and, if the contact patch area is maintained, the coefficient

of roiling resistance will also decrease.

Figures 5-5 and 5-6 show the instantaneous and averaged power requirements for the range of

values of the drive efficiency. For a low required power, the drive efficiency must be high. As

demonstrated by the GM Sunraycer, the drive system can be made to have an efficiency of about

85 percent. The gearbox can be made efficient and light by choosing a planetary gear train and

tailoring each stage.

Although the above examination of the rover drive power requirements is incomplete because

power for slopes and obstacles has not been included, a major conclusion that can be drawn from
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the study is that it is necessary to keep the rover as light as possible.

In the previous section it was noted that the slower the rover moved the better from the point of

view of the drive power. It is worthwhile examining the rover speed for a few moments to

determine what the constraints on this variable arc.

During the Mars mission it is desirable to have the rover visit as many geologically diverse regions

as possible. Since the mission has a limited duration, this means the rover's average speed should

be high. The average speed is controlled primarily by the navigation method. There are two

possible methods for the local navigation: computer-aided remote driving (CARD) and semi-

autonomous navigation (SAN). With the CARD approach, stereo pictures from the rover are

uplinked to Earth, where a human operator views the image on a three-dimensional display. The

operator then plots a path and downlinks instructions to the rover. With this arrangement, rover

steps of 10 - 20 meters are possible. However, because of the long time delay (-30 minutes) due

to signal transmission at speed the of light, and the limited Earth view time (-10 hours), only about

20 steps or 200 - 400 meters would be possible per Martian day. Since the rover spends most of

its time waiting for instructions, there is no advantage for the rover in moving fast and a slow

speed is acceptable. The CARD approach is suitable for a mission with a limited range or a long
duration.

In the semi-autonomous approach, the rover moves by comparing images and/or range information

with a map uplinked from Earth that has been prepared from orbiter pictures. In this scenario, the

rover may navigate several kilometers without intervention from a human operator. Because real

time Earth control is not needed, the signal delay is not of concern. In this case, speed is limited

by the computational power on board the rover. Current SAN software require 50 to 500 million

instructions per meter of travel (Wilcox et al., 1988), although reduction to 10 million is possible.

To travel at 10 era/see then requires a computational capability of 5 to 50 million instructions per

second (MIPS). In this case, the only limit on the speed is imposed by the on-board computational

capacity.

If the rover used SAN and sufficient computational capacity was available, would there be any

advantage to traveling fast? If the geological areas of interest are separated by a large distance, and

they are all to be visited in a short time, then the answer to this question is yes. The rover would

travelquicklybetween theareasand thenspendtimestudyingtheareasof interest.There would

thenbc a definitenced fortheclcveloprnentof space-certifiedcomputerscapableof carryingout

many operationspersecond.
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In addition, there is some advantage for increased speed during the move itself even with a fixed

computational capability. The rover operates in a cyclic manner with the first pan of the cycle

being computational, planning the move, the later part being mechanically executing the move.

During the computation pan of the cycle in which it finds how to do the next move, the rover does

not move. During the movement pan, it does not compute for the subsequent move. The two

parts of the cycle do not overlap. Thus, increasing the speed of either will increase the distance

traveled per unit time. While in transit mode, the rover may spend 70 percent of its time computing

and the rest actually moving. If the movement speed was increased by a factor of two, then the

distance traveled per unit time would be increased by 18 percent. On a mission where 200

kilometers of movement is to be accomplished, this would add 36 kilometers to the rover's

capability.

• Navigation computation requirements

At the present level of development, SAN requires 50 - 500 million instructions per meter of travel.

The estimate for the power required to perform this number of instructions is currently not well

determined. For example, Wilcox provides the following power requirements for on-board

computer performance for a number of missions:

Estimated Power/MIPS

Mission Power, watts

Galileo 200

CRAF* 20

MAX** 5

MAX with Image processing + 3

*Comet Rendezvous Asteroid Flyby

**A muitiprocessor, data flow computer, assumed for the MRSR Phase I design

+MAX with VLSI-based image processor.

The power required for navigation is given by:

PN=V N Wm
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where: V = rover speed (m/s)

N = number of instructions required per meter of travel

W m = power required per million instructions per second (watts).

This power requirement has been plotted in Figures 5-7 and 5-8 for instantaneous power and

average power. It has been assumed in these calculations that the computational requirement is

20 W/MIPS. In Figure 5-7 the navigation power is plotted versus speed in m/s, and in Figure 5-8

it is plotted versus the number of kilometers traveled per sol. For a given distance, the power

required for navigation is independent of the rover speed. It is interesting to compare the power

required for navigation with that required for motion. For example, a 500 kg rover covering

1 krn/sol requires between 4 and 12 watts, depending upon the drive efficiency and rolling

resistance. The navigational power for 1 km/sol varies between about 10 and 100 watts,

depending upon the number of instructions per meter. That is, the power for drive in the worst

case is equal to the power required for navigation in the best case. Consequently, if the rover's

speed is to be increased and additional power is available, the power should be put into

computation.

• Combined power requirements

In Figure 5-9, the combined drive and navigation power have been plotted versus the distance

traveled per sol. For the navigation power, it has been assumed that a nominal 150 million

instructions are required per meter of travel and 20 watts are required per million instructions per

second. For the rover drive power, a 500-kg rover with a drive efficiency of 0.5 and a roiling

coefficient of 0.3 (i.e., the worst case) has been assumed. Again, as indicated in the Figure,

about two thirds of the power are required for navigation and about one third for the drive. For the

particular set of parameters chosen, the power requirement for the rover is about 45 watts/krn/sol.

This can be reduced by going to a smaller rover, which will reduce the drive power, but the

computational requirements for the navigation will remain about the same. Hence, to reduce the

power requirements for drive and navigation, the main emphasis should be on increasing the

efficiency of the on-board computers.

• Estimateofrequired panel size

In Section 3, it was estimated that 20 W/m 2 is a reasonable value to use for estimating required

panel size, a value about midway between the silicon and GaAs cell values. With this value, the

array size required for the rover described in Section 5-6 above is shown in Figure 5-10. Again,

using 1 kin/sol as a basis, the rover drive requires about 0.6 m 2, whereas the navigation

57



00 I

300" /

_" 200" /

100"

0

/
/

/

4

....._...e_.- _-" _"

SeO MI/m

0 2 4 6

Distance Travelled (kin/day)

SOM[/m

8 10

Figure 5-8. The estimated average power requirement for
navigation.

58



100

tm

O

8O

60

40

20

0

0.0

.... _,,._",,
_. _--_

1.0 2.0

Distance Travelled (km/day)

Figure 5-9.The total estimated power for rover drive and navigation.
Rover mass is 500 kg, drive efficiency is 0.5 and rolling
resistance is 0.30.

59



5

j

0 1 2

Distance Travelled (kin/day)

Figure 5-10. Estimated array size required to power the drive and
navigation systems. Rover mass is 500 kg, drive efficiency
is 0.5 and rolling resistance is 0.30.

6O



requirement is 1.6 m 2. The total area required for drive plus navigation is about 2.2 m 2. Again,

the largest reductions in this area can be made by reducing the power required for computation.

5.3 Thermal Control System

The thermal control system keeps the various systems of the rover at an appropriate temperature for

operation. The most critical systems for thermal control are the electronics systems, such as the

computers and the data storage systems, and the instruments. For these systems, temperatures of

about 0 ° C should be maintained.

Much of the equipment can be expected to keep itself warm. For example, on the MRSR vehicle,

the computer is expected to need 75 watts of power. As virtually all of this power will end up as

heat, no additional heating is likely to be required. There will be some power requirements for

temperature sensors and movement of thermal control louvers for cooling, but this will be small.

Still, 50 watts of thermal control power are specified for the MRSR vehicle. If the thermal control

system obtains this from solar electric collectors, then an area of about 2.5 square meters will be

needed. This is more than the area needed for mobility. If the heat is obtained from solar thermal

collectors, then an area slightly less than a square meter will be needed.

5.4 Power Needs of the Complete Vehide

The power needs of the mobility system and the thermal control system are only a small portion of

the total requirements for the rover. Other systems include the vehicle control system, the data

handling system, communications, sample gathering, and the science instruments. Various rover

operating modes use these systems to differing degrees and at different power levels. To estimate

the average rover power needs, a typical operating scenario as given in Muirhead (1988), the

baseline scenario, was examined.

The scenario is for a traverse and the collection of a sample. The total time for this process is

16 hours, and includes time for Earth-based decisions to be made. A plot of power as a function

of time is shown in Figure 5-11. The distance covered by the traverse can be found from the time

spent in the traverse mode, about 100 minutes, the portion of time spent moving, 50 percent, and

the speed while moving, taken as 0.1 meters per second. The traverse is 300 meters, for this case.

Note that 72 percent of the time is spent in the idle mode. The power level in idle mode is

250 watts. The average power level for this scenario is 275 watts, only slightly more than the idle

power. The average rover speed in this scenario is 0.48 kilometers per sol.
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If the traverse distance is increased to 3000 meters, before the sample is taken, then the average

power will increase to 380 watts, and the total time increases to 31 hours. The average speed for

this case is 2.4 kilometers per sol.

A number of interesting conclusions can be drawn from these scenarios. First, most of the energy

is consumed by systems that are always on, even in idle mode. These systems are computation at

75 watts, data handling at 20 watts, vehicle control at 30 watts, power system losses at 20 watts,

science at l0 watts, thermal control at 50 watts, and a 45-watt margin. In terms of reducing power

needs, the largest gains can be made by improvements in these systems. For example, the

computation power needs could be reduced during the idle mode. The computers are expected to

use CMOS technology, which has the characteristic that the power use is almost directly

proportional to the clock rate at which the computer is driven. During idle mode, the clock rate

could be reduced, saving power. The clock rate could not be reduced to zero, as the computer is

still needed to do some tasks in idle mode. If a savings of 60 watts is possible, then the average

power needs would be reduced by 20 to 40 watts, for the 3000-meter and the 300-meter traverse

cases respectively.

Another conclusion comes from the small difference between the idle power and the average

power. One proposed operating mode for a solar rover is to operate only every other sol and

charge batteries on the off sol. The benefit from such an operating mode can be quantified by

considering what would be the resulting two-sol average power. During the off sol, the power

required would be equal to the idle power, 250 watts. During the on sol it would be 275 watts, for

an average of 263 watts. This is not much of a savings over the 275-watt requirement of full-time

activity.

This situation would change ff a new "survival" or"sleep" mode could be specified. In this mode,

the rover would close down as many systems as possible in order to save power. It is possible

that the power requirements could be reduced to about 80 to 100 watts, with much of this being

thermal power. With the sleep mode, operating on every other sol would become a feasible

method for saving energy. For example, if the power needs in the sleep mode were 30 watts

electrical and 50 watts thermal, then operation every other sol would reduce the electrical power

needs from 100 watts average to 65 watts average. Operation only every third sol would reduce

the average power needs to 53 watts. The ability to reduce the average power in this manner

would be of great use to the rover mission. It would allow the rover to survive long, severe dust

storms. In addition, year-round operation at the higher larlmdes would become possible.

The low average speed of the baseline scenario is also of interest. The CARD method of
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navigation is capable of covering 0.2 to 0.4 kilometers per sol ff no time is used for sample

collection. This distance is similar to the baseline scenario considered above. The range using

CARD could be me_ than doubled if communication with the rover was continuous (by use of a

communications satellite), allowing ample time for sample collection. If the baseline scenario is

considered to be representative of typical rover operations, then CARD navigation may be

sufficient.

The average power is quite high compared to the power needed for mobility. Based on the results

given above, the average power needed to move 0.48 kilometers per sol is 25 watts, about I0

percent of the total power needs. The MRSR baseline design includes 500 watts of power

production capability. Based on the average power found above, this is excessive. (Note that the

power requirements used to get the average did include a margin). The excess power is intended to

allow for operating modes that use more than the average power level without the need for a large

battery bank. For an RTG-powered system, it is better to have a larger than needed power

production capability instead of a large battery bank. However, a large solar array area would

result in handling difficulties. In addition, a solar rover will need a large battery bank in any case

to provide power at night. For these reasons, the solar array will be sized for the average power

requirement, not the peak power.

Based on these results, the power needs for the rover will be assumed to be 275 watts total: 225

watts electrical and 50 watts thermal. This constitutes the baseline case.

Two other cases will also be considered. The second case is a power system that mimics the

current RTG power system, capable of supplying 500 watts continuously.

The third case is a low power one. In this case, the idie mode is assumed to be replaced with a

"sleep" mode that uses 30 watts electrical and 50 watts thermal, so that the average electrical power

need is 100 watts.

$.$ Pink Power and Storage

Neither the production of energy nor its use will be continuous and uniform. As shown in

Figure 5-I l, the power requL, ements of the rover vary by as much as a factor of three depending

on the task it is doing. There are some cases where the power requirements could be as high as

2000 watts, such as climbing over a large block. The output of the solar panel also varies with

time, as its average power output is about 15 percent to 20 percent of its peak output. Thus a panel

designed to provide an average output of 320 watts will, at its peak, output up to 2100 watts. Of

course, for half the time, the Martian night period, the solar panel produces no power at all. Due to
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thesevariations in supply and demand of power, some form of storage will be needed. The

storage must be capable of both providing and absorbing the peak power levels given above and

must also have sufficient capacity to provide for rover operations through the night. Note that as

the idle power is so close to the power needed for normal operations, there is little savings in not

operating at night. This situation could change ff a"sleep" mode became available.

The storage capacity should be large enough for about 16 hours of rover operations. This will see

therover through thetime from lateafternoonthrough the nighttoearlymorning, the periodwhen

the solarpower can be expected tobe lessthan thepower demand. Using the above assumption of

225 watts clectricaiand 50 watts thermal of average power requirements, the capacity of the

storagewould be 3.6 kWh electricand 0.8 kWh thermal. Inorder to insurethatthe storagesystem

willhave a long life,thatis,a largenumber of charge-dischargecycles,the depth of discharge

should be lessthan 100 percent. For the elecn'icalstorage,a 50 percent depth of discharge is

assumed to be satisfactory,bringing the totalcapacityup to 7.2 kWh. For the thermal storage,a

75 percentdepth of dischargeisassumed, bringingthetotalthermal storageup to I.IkWh.

The electricalstorageiscurrentlydcf'mcd as being done by lithiumtitaniumdisulfidebatteries.

These batteriescan storeI00 W-hr/kg at I00 percentdepth of discharge(O'Donncll,1988). Thus

72 kg of batterieswillbe needed for the rover. The thermal energy willbe storedin water using

the phase change water from ice as the storagemethod. This stores64 W-hr/kg, so the totalice

mass requiredis17 kg.

Ifthe sleepmode replacesthe idlemode, thenthe requiredelectricalstoresizeisreduced. Ifrover

operationsatnightarc similartodaytirncoperations;thatis,no attempttosave energy overnightis

made, then the required electricalstoresizeis reduced to 44 percentof the values given above,

32 kg. Ifallof the idletime isshiftedto nighttime,then the electricalstorerequirementsdrop to

13 percentof thatgiven above, 9.4 kg.

Ifa power system isrexluiredthatduplicatesthe capabilityof the MRSR power system, then the

batteriesmust be ableto provide 500 wattscontinuously. As shown inabove, thismuch power is

not nccdezi,buta design thatcan supply itprovides a worst case data point. For thiscase,the

batterymass would have tobe 167 kg.

There will be some losses in the storage system. In order to properly define these losses, a full

energy flow model would be needed. At the level of analysis of this study, it will simply be

assumed that the storage system losses will be about 20 percent of the energy stored. About

60 percent of the energy produced by the solar cells passes through the storage, so the losses are

taken as 12 percent of the total energy collected. Thus, to provide 22.5 watts electrical to the rover
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on an average basis, 256 watts average must be produced by the panel. For the case with the sleep

mode, the panel must provide 116 watts average, so that the rover will receive 100 watts after

storage losses.

The peak power requirement for the battery store is about 2000 watts in both charge and discharge

modes. This corresponds to 28 watts per kilogram for the 72 kg pack, or a C/3.6 rate (i.e., a rate

that would change the amount of energy stored in the battery by 1/3.6 = 28 percent in one hour).

Most battery technologies, such as Ni-Cmd, lead acid, and nickel hydrogen can handle such rates.

Little information is available on lithium batteries, but it is anticipated that no problems will occur.
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Section 6

PANEL DESIGNS FOR THE MRSR ROVER

6.1 Area Reqmred

The results of the previous sections give the required power output of the solar panel and the

power per unit area for a solar panel on Mars. The required panel size can now be found.

The average power output of the panel will be taken as 22 watts per square meter for GaAs cells

and 17 watts per square meter for silicon, in line with the approximation given in Section 3. A

more exact value would require better knowledge of the rover is operating position on Mars and the

season. These have not yet been determined for the MRSR mission. However, these values are

valid for the majority of Mars over the majority of the seasons.

For solar thermal collection, the average energy collected will be taken as 60 watts per square

meter. This is the appropriate value for the case of no thermal diode. Again, this value is also

valid for the majorityof Mars over themajorityof the seasons.

In order to provide the needed 256 watts of electrical power, a 11.6 m 2 GaAs solar electric panel

will be needed, or a 15.1 m 2 siLicon solar panel. For the thermal energy collector, an area of 0.83

m 2 is sufficient. The total solar collector area is thus 12.43 m 2 using GaAs cells and 15.9 using

silicon. If the full 500 watts of electrical power are needed, then the panel sizes would be 22.7 and

29 m 2 respectively.

For the case where the sleep mode is available, the area of the electrical portion of the solar panel is

5.3 square meters of GaAs cells, of 6.8 square meters silicon cells. The total area is thus 6.13 and

7.63 m 2, respectively. If a panel design is desired with a width no greater than that of the main

body of the rover, then its area would be about 7.6 square meters, comparable to the required panel

size.

Figure 6-1 shows a plan_form view of the MRSR vehicle, with the solar panel overlaid onto it.

Three panel sizes are shown with areas of 6.13 m 2, 12.43 m 2, and 22.7 m 2. For both the larger

panels, the width is greater than the main body of the rover, but for the smallest one it is narrower

than the body.
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Figure 6-1. MRSR vehicle with solar panels of various sizes
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6.2 Power System Mass

The mass of the power system is the sum of the panel mass, the battery mass, and the mass of the

electronics. Here only the mass of the first two components will be considered, as they contain

most of the system mass and have the greatest variability from case to case. The mass of the

panels per unit area depends on the cell type and the level of technology. In the case of GM

Sunraycer (Sturtevant, 1989), the eleclrical portion of the silicon panel had a mass of 1.2 kg per

m 2, and for GaAs, 2.3 kg per m 2. The structure mass was 1.6 kg per m 2 in both cases. The

ceils to be used for the rover will most likely be lighter than those used on Sunraycer. Using data

provided by Steila (1989) the mass of a GaAs panel can be expected to be 1.88 kg per m 2, and

silicon, 0.98 kg per m 2. Assuming that a similar improvement can be made in the structural mass,

a total mass of 2.88 kg per m 2 will be used for the GaAs panel, and 1.98 for the silicon panel.

Table 6-1 shows the mass of the photovoltaic collectors and batteries for several cases covering the

two ceil types, three average power levels, and a case where the rover is in sleep mode during the

night.

Table 6-1

Electrical system mass

Case Panel Panel Battery Battery Total
area mass capacity mass mass

m 2 kg kWh kg kg

500 W, GaAs 22.7 65.4 16.7 167 232.4

500 W, silicon 29 57.4 16.7 167 224.4

225 W, GaAs 11.6 33.4 7.2 72 105.4
225 W, silicon 15.1 29.9 7.2 72 90.1

116 W, GaAs 5.3 15.3 3.2 32 47.3
116 W, silicon 6.8 13.5 3.3 32 45.5

116 W, GaAs* 5.3 15.3 0.94 9.4 24.7

116 W, silicon* 6.8 13.5 0.94 9.4 22.9

* Sleep mode at night (no night operations)

The mass of the thermal collector is equal to 17 kg for the thermal storage plus an estimated 4 kg
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for the collector, bringing the total to 21 kg. Note that the thermal collection and storage system

would not be necessary for the 500-watt electric case.

Table 6-1 shows that there is a large range of possible masses for the elecmcal collection and

storage system. Depending on the case, the mass ranges from 241.8 to 22.9 kg, over a factor of

10. The mass of the proposed RTG power system is 129 kg, comparable to the 225-watt case,

when the mass of the thermal collection and storage system is included, and some allowance is

made for elecn_onics.

The cases where the sleep mode is available show the lowest masses, especially when the sleep

mode is used exclusively at night. For these cases, using nickel cadnium batteries is a reasonable

consideration. Ni-Cads store only 28 W-hr/kg at 100 percent depth of discharge, and can typically

be used at 75 percent depth of discharge. As a result, a Ni-Cad pack will mass 2.5 times the mass

of the lithium titanium disulfide batteries.
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Section7
CONCLUSIONS

The solarpower availableon Mars ranges from a low of zero to a maximum of 700 watts per

square meter. Averaged over one sol, the maximum is 225 watts per square meter, during summer

in the Southern hemisphere, which occurs near perihelion. Near the equator, the average solar

power is 100 watts per square meter or more all year. In any season, over half of Mars receives

100 watts per square meter or more. Most places on Mars get this much for more than half the

year.

Atmospheric dust is not a major issue in terms of reduction of surface solar energy. The above

figures include the effects of a normal amount of dust. During the planetary storms, the amount of

solar energy is reduced to about 60 percent of these clear sky values. Previous estimates of solar

energy during dust storms were much lower, as they considered only the direct portion of the solar

energy. During dust storms, the direct portion is quite low, but the scattered portion is high,

resulting in only a moderate loss.

Silicon and GaAs solar cells of current technology both achieve high efficiency on Mars, with

silicon achieving IV percent, and GaAs achieving 22 percent. The low temperatures on Mars

increase the efficiency of the cells, with silicon benefiting to a greater extent than GaAs.

Any energy needed for heating is best obtained from solar thermal collectors instead of electrical

heaters, provided the mass to be heated is at a temperature near 0 degrees C. The efficiency of

solar thermal collectors is 60 percent to 80 percent, three to four times better than that of solar

electric collectors. The collector itself can be quite simple, no tracking, concentration, or even a

cover glass is needed, although it is necessary to coat the collector with a selective surface. The

thermal store can be integral with the collector, or separate. If integral, the store loses heat

throughout the night, resulting in a net collection efficiency of 60 percent. Separate storage allows

the efficiency to increase to 80 percent, but requires the use of a pump or some system to transfer

heat from the collector to the store as needed.

The rover uses energy for several purposes. Of these, movement uses a small portion of the total,

on the order of five percent. The energy used by the computers that carry out the calculations

required for movement is two to four times as great as the energy needed for movement itself.

Various other systems on the rover (communications, data handling, science, thermal control, and

vehicle control), many of which run continuously, consume the remaining energy.

The rover spends most of the time in an idle mode, while signals are traveling between Mars and
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Earth,andplansarebeing made. The power level during idle mode is quite high, 250 watts. In

the present MRSR design, little effort has gone into lowering the idle power level, as the power

available from the RTG is always 500 watts whether or not it is needed. The average power

needed by the rover is actually not much greater than the idle power, 275 watts. This average

power use is based on scenario where the rover moves 300 meters and collects a sample, all during

a 1000--minute period. In this scenario, 72 percent of the time is spent in idle mode.

The small difference between the average power needs and the idle power needs means that little

energy can be saved by operating the rover only every other sol, with the off sol being used to

recharge the batteries. This type of operation will only lower the long term average power from

275 watts to 262.5 watts. Reducing the power needs during the idle mode will greatly reduce the

average power needs. The introduction of a "sleep" mode, with a power requirement of 80 watts,

in place of the idle mode, would reduce the average power needs to 150 watts. Of this, 50 watts

would be thermal power, 100 electrical. With a sleep mode, the option of operation only every

other sol becomes viable, and would lower the average power to 65 watts electrical and 50 watts

thermal.

The solar rover will require a large energy storage system. The main driver on the size of the

energy store is the need to survive the night. Even in idle mode, the nighttime energy need is

large, so that, based on the average energy needs, 7.2 kWh of battery capacity and 1.1 kWh of

thermal storage capacity will be needed. This requires 72 kg of batteries for the electrical store and

17 kg of water for the thermal store. Introduction of a sleep mode would reduce the electrical store

size by a factor of two to seven, depending on how much of the idle time is shifted to nighttime.

The losses associated with the storage system can be expected to increase the total energy

requirements by 16 percent for electrical energy and a negligible amount for thermal energy. Thus,

the total average electrical power requirements are 256 watts for the baseline case and 116 watts for

the case with the sleep mode. In both cases, the thermal power needs are 50 watts.

The panel areas for the baseline case are 11.6 square meters electrical and 0.83 square meters

thermal for a total of 12.43 square meters. For the case with the sleep mode, the areas are

5.3 square meters electrical, 0.83 square meters thermal, for a total of 6.13 square meters. For

comparison, the area of the top of the present MRSR rover, including the top of the RTG's (which

would be replaced by the battery packs), is 7.3 square meters. If a panel that could supply an

average 500 watts to the rover is required, the same power level as the RTGs, then an area of 22.7

square meters is required. All of these areas are for GaAs cells. Use of silicon cells, the area of

the electrical collector will increase by 29 percent.
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The mass of the power system, including both the electrical and thermal portions, ranges from a

maximum of 253.4 kg for a system that provides 500 watts on a continuous basis, to 43.9 kg for a

system that has power for normal rover operations during the day and is in sleep mode during the

night. A system that provides for the baseline power has a mass of 126 to 111 kg for GaAs and

silicon cells, respectively. For comparison, the mass of the proposed RTG system is 129 kg.

The overall conclusion is that a Mars solar rover is possible, but not easy. If the solar power

system is required to duplicate the power output of the RTG system, then it will be large and

heavy. If it is sized to supply the energy needed for typical rover operations, then it is of

reasonable size and its mass is comparable to the RTG system. If an energy-saving sleep mode is

used in place of the present idle mode, then the panel size becomes about equal to the size of the

rover body, and the system mass is about half of the RTG system.
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Secthm 8

RECOMMENDATIOI_

The model used in this effort for the solar radiation on the surface of Mars had several

simplifications. An improved model is needed. A new model should give the distribution of the

scattered radiation about the sky, so that the amount incident on a solar panel in any orientation can

be found. In addition, the changes to the solar specmun due to the atmosphere and the dust should

be taken into account in f'mding the photovoltaic cell performance. This is necessary as the

efficiency of the cells is a function of the wavelength of light. For panels not oriented horizontally,

the radiation scattered off of the ground needs to be considered.

An improved model for the te_ of the Martian atmosphere is needed. Such a model would

improve the prediction for the efficiency of both solar thermal collectors and photovoltaic cells.

This model should give the mean expected temperature for any time of day, season, and latitude.

The effective use of solar thermal collectors on Mars requires the use of selective surfaces. At

present, no such surface is Mars qualified. Investigations of surfaces that can be qualified is

needed. The surface must be able to withstand the effects of the Martian atmosphere, the dust, and

the radiation.

The thermal control system of the rover could be greatly simplified or even eliminated by covering
the rover with a selective surface. This would in effect make the entire rover a solar collector.

Such an arrangement should be studied to determine if it is feasible and what problems need to be

solved in its implementation.

Although this study has shown a solar-powered rover to be possible, the required panel size is

quite large. The panel size can be reduced if the energy needs of the rover can be lowered. In the

current rover most of the energy is used while it is in idle mode. A new "sleep" mode has been

proposed that would reduce the average power needs of the rover by a factor of two or more,

assuming it replaced the idle mode. The feasibility and development of this mode should be

investigated.

The current configuration of the MRSR vehicle is not optimum for the collection of solar energy.

Rovers that allow for better solar collector integration need to be investigated. Factors that need to

be considered are the upper surface area of the rover body, placement of the cameras with respect

to the solar panel, and placement of the antenna with respect to the solar panel.

Questions remain concerning the use of solar energy on Mars. The models for the solar radiation
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distribution need better verification. Also, the effect of dust on the panel performance is not

known. The long term degradation of cell performance due to radiation of other effects needs to be

better understood for the case of operation on the Martian surface. These questions may best be

addressed experimentally. A small probe placed on the surface of Mars could be used for this

purpose. The probe would be little more than a solar panel and a transmitter. Every sol or so it

would transmit data that gives the amount of energy collected by the panel as a function of time.

This probe may weigh only a few kilograms (perhaps even less than one kilogram) and could be

sufficiently rugged that it can be lowered to the Martian surface by parachute.

A somewhat more complex probe would be a small rover. Such a rover would be much smaller

and simpler than the MRSR vehicle. It would carry no other instruments than a camera and the

solar panel. The CARD method would be used for movement. This rover would not only allow

for the examination of the usefulness of solar power on Mars, but would give some preliminary

information about the surface conditions, as far as mobility is concerned.
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1. INTRODUCTION

Throughout the next three decades the focus of the U.S. space program is being

directed towards manned outposts in space. Through the Civil Space Leadership

Initiative (CSLI), as currently being defined by NASA's Office of Exploration (OEXP),

the successful completion of human exploration of the solar system will require system

capabilities to evolve beyond their current status. Innovative designs of both

spacecraft and surface elements will be required along with thoughtful approaches to

meeting the long-term space power needs [Andrews, 1989].

For centuries the red planet has intrigued man. The nearest outward neighbor to

the earth, Mars has been the focus of much speculation as the home for Alien life,

although it is known now that the planet houses no intelligent life forms. The first

successful probe to Mars was the Mariner 4, which on July 14, 1965 flew to within

10,000 kilometer of Mars. In 1969 two more Mariner missions were sent to fly by Mars

in order to photograph the surface. Mariner 9, the final Mariner mission, was sent in

1971 to photograph the two I'_artian moons Phobos and Deimos and preform a

photographic survey of the Martian surface. This survey set the stage for the first two

successful landing missions on Mars. On July 20, 1976 the Viking I lander touched

down on the Chryse Plain on the surface of Mars. A month and a half later the Viking II

lander also came to rest on the surface of our sister planet [Ezell and Ezell, 1984).

Although both the Viking missions were highly successful, NASA has yet to revisit

Mars; however, one of the main objectives of the CSLI is the return to Mars.

The first step in the return to Mars is an unmanned Mars Rover'Sample Return

(MRSR) mission. The MRSR mission as it is now being planned would place two

spacecraft in orbit about Mars and land a small (<1000 kg) robotic Rover to the surface

of the planet. This Rover would collect up tq' lO0)kg of soil, rocks,,and atmospheric

samples over a period of 11 to 18 months. These samples would in turn be transferred



to a accent vehicle for retum to Earth. In addition to collecting the samples retumed to

earth, the Rover would be capable of performing additional experiments over the

lifetime of its extended mission. The Solar System Exploration Committee ISSEC) of

the NASA advisory Council is strongly recommending that aM_rsl Sample _eturn

mission be undertaken before the end of the century [Bents, 1989]. This unmanned

MRSR mission would then pave the way for manned exploration of our neighbor

planet.

An evolutionary strategy is currently planned for manned missions to Mars. This

strategy begins with an initial exploration of Mars and builds towards the

establishment of an in situ propellant facility and ultimately a permanent manned

base. Some of the mission design guidelines include an initial crew size of 4 growing

to B, reusability of selected vehicle elements, and aerobraking at both Mars and Earth.

The program is to be carried out through a series of unmanned cargo flights and

manned exploration missions [Andrews, 1989].

Multiyear civilian manned missions to explore the surface of Mars are thought by

NASA to be possible early in the next century. Expeditions to Mars, as well as

permanent bases, are envisioned to require enhanced piloted vehicles to conduct

science and exploration. Piloted Rovers with extended range, have been identified as

a viable means of achieving global access of Mars. For these mission, a Rover

Vehicle with 30 kWe_Jsem, her power is being considered. The operations covered by

this power includes: drilling, sampling and sample analysis, onboard computer and

computer instrumentation, vehicle thermal management, and astronaut life support

systems. In addition to the 30 kWe user power, electric power will be needed to drive

the Rover across the Martian terrain. Current technology in the area of space power

generation yields several different options to supply the required energy to the Rover.

These options include photovoltaic (PV) collection systems,rcadioisotope
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thermoelectric_erators (RTG's), Dynamic Isotope Power Systems (DIPS), High

performance Fuel Cells, and Nuclear Reactor Power Systems. The following is a brief

discussion on the merits of each of these systems.

Photovoltaic power systems have been flown by NASA since the late 1950's

with the launch of the Vanguard satellite in 1958. These first cells, while only

delivering milliwatts worth of power (used to operate a tracking oscillator), operated for

over 6 years demonstrating the reliability the PV systems [Ralph, 1989]. The cells

used for this mission were p on n silicon cells, which exhibited -5% efficiency at air

mass zero (AM0). After 1962 NASA switched to n on p type _licon cells in order to

improve the radiation resistance of the PV's. During the 60's the efficiency of PV cells

was increased to 12% by the introduction of gridded front contacts. This substantial

increase in efficiency was not to be the end, throughout the 1970's and 80's

improvements continued to raise the efficiencies of Silicon Photovoltaic cells to their

current level of 15% AM0 [Ralph, 1989]. Although efficiencies of 18.1% have been

measured in the laboratory with simulated AM0 conditions, it is predicted that an

efficiency of 22% can be obtained with the use of technics such as light trapping and

surface passivation [Landis et al., 1989]. While the efficiency I_ve increased over the

years so has the resistance of the cells to radiation damage.

Although Silicon has been the primary material used for the construction of

Photovoltaic celldn America's space program (due to the experience with the material,

ease of manufacturing, and low cost of materials), several other materials are now

under consideration. The use of GaAs as i_hotovoltaic cell material also has certain

inherent advantages. _ mJic_g_=Rdypical efficiencies, for single junction cells, of

-19% are currently being seen. The maximum calculated efficiency for GaAs cells is

27.5%. By going to duel junction cells of GaAs on Ge substrait, efficiencies of up to
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22% have,been obtained [Ralph, 1989]. F,¢IrIthese cascade cells.,a maximum

_efficiency of 35.7%_,-_[Landis et al., 1989]. While Gallium

Arsinide cells have been used for many years in terrestrial applications, production for

the space program has only recently begun. The primary disadvantage of these cells

is their high cost.

Another emerging technology in the area of space photovoltaicsis the use of

ultrathin flirt#. Although there are several materials being researched, the primary

candidates are amorphis Silicon (a-Si) and Copper Indium diselenide (CulnSe2).

Thin film cells have several inherent advantages in that they have a high radiation

tolerance, high specific power (potentially in the kW/kg range), can be formed into

flexible blankets, and have a large manufacturing experience. However, thin films are

disadvantaged by lower efficiencies, lack of spacecraft experience, and the fact that

they are not currently produced on lightweight substrate_Landis et al., 1989]. Although

the second two disadvantages are easily overcome by the increase in experience with

the cells, the maximum efficiency is limited by the physical properties of the materials.

Laboratory efficiencies of 10% are now being produced for a-Si cells; however, by

using multiple junction designs this could increase to grater than 15% ,k_,he-_,u_,kce.

Projected power-to-weight ratios for 10% cells should reach 350 W/kg AM0 in earth

orbit [Ralph, 1989].

The experience and information relating to silicon F=V,_olar _.eils is quite

extensive. However, while photovoltaic._olar _,f.ells have been shown to be extremely

useful on orbital spacecraft, their effectiveness is directly dependent on the availability

and intensity of the solar insolation. The solar insolation in turn is a function of the

squared distance the cell is from the sun. As one travels further from the sun the

available insolation decreases. Since the orbit of Mars places it --1.5 times further

from the sun than the earth is, the average solar insolation is only 590 W/m 2 compared

to the 1371 W/m 2 for an earth orbit [Appelbaum and Flood, 1989].
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with a projected efficiency of 30 %, the Rover's 30 kWe user power alone would

require -340 m2 of panels. Although this area is already prohibitive it does not take

into consideration the decrease in insolation due to atmospheric effects, nor include

the energy loses due to storage for night consumption, and the power required by the

Rover for mobility. It is easily seen that a PV system would be far too large to be

practical in powering a Manned Mars Rover.

Radioisotope Thermoelectric Generators (RTG's) are another possibility

as a power system for the Manned Rover. RTG's are extremely reliable long term

static power supplies which operate on the thermoelectric energy (TE) conversion

principle. Thermal energy is produced internally by the natural decay of Plutonium-

238 (tl/2-87.7 yr) and is carded across an array of TE couples and rejected by

radiative heat transfer through external fins [Kelly,1987]. The temperature difference

between the heat source and the fins is the driving force for the TE conversion [Angrist,

1976]. RTG's have been demonstrated to be safe and reliable with millions of hours of

flight experience. The first RTG (SNAP 3B) launched in 1961 and was used to power

the Navy's Transit 4a and 4b navigation satellites. Although this small unit only

produced 4W e beginning of mission (BOM) power, it successfully operated for over 6

years.

The next generation RTG's were developed under the SNAP program and showed

a substantial increase in power and specific mass. The SNAP 19 and 27 RTG's were

flown on the Viking and Apollo missions and produced a specific mass of <2.2 We/kg.

The SNAP RTG's employed lead-telludde (Pb-Te) thermoelectric couples for energy

conversion [Hartman, 1988]. With the Apollo RTGs the heat source and TE units were

stored separately for the journey to the moon. Pioneer 10 and 11 are also each

powered by 4 SNAP 19 RTG's. Pioneer 10 has past the mean orbit of Pluto and

5



should have sufficient power to transmit data through 1990 (18 years after being

launched) [Skrabeck, 1987]. Again, these units operated in excess of the predicted

performance. The Multi Hundred Watt (MHW) RTG was the next step in RTG design.

These systems, which were used to supply power to DOD's LES 8 and 9 spacecraft

and NASA's Voyager 1 and 2, yielded a specific mass of -4.0 We/kg (BOM). The

MHW RTG used Silicon. Germanium thermocouples (unicouples) for energy

conversion and modular Pu-238 fuel sphere packs for the heat source [Hartman,

1988].

The current generation of RTG uses the modular General Purpose Heat Source

(GPHS) and unicouple therTnoelectrics. The GPHS-RTG developed under

sponsorship of the Department of Energy, has shown a specific mass of 5.3 We/kg in

ground flight tested for both NASA's 4.2 year Galileo mission to Jupiter and the joint

NASA/ESA 4.7 year Ulysses solar polar mission. The GPHS-RTG has a mass of 55.9

kg [Bennett, et al.].

Under current design is the Modular-RTG (MOD-RTG). This next generation RTG

has the distinguishing feature of true modularity. By varying the number of modules

assembled, power levels ranging from 20-342 W e can be obtained. The heat source

for the MOD-RTG isagain the Pu-238 GPHS developed by DOE; however, the TE

converters are SiGe/GaP multicouples (each muiticouple contains 40 thermoelectric

legs). MOD-RTG's are predicted to have specific masses up to 7.7 We/kg [Hartman,

1988].

Although RTG's are extremely reliable, they have some inherent drawbacks. First,

the conversion efficiency of a static thermoelectric converter system is in the range of

4-6%. This implies that for the 30 kW e specified user net power of the Rover, a total of

500 kW t would be needed (assuming an optimistic 6% efficiency), requiring --882 kg

Pu-238. In addition to being in short supply at present, the use of Pu-238 in a Rover

6



RTG power supply is highly unlikely due to economical and safety considerations.

The other RTG drawback is that because the power produced by the radioactive

decay of the Pu-238 is continuous, heat must be rejected during the journey to Mars.

Also, the power level is always decreasing (--1.3% per year electrical power loss due

to fuel decay) [Kelly, 1987]. For these reasons and the low specific mass of RTGs, they

are not an appealing alternative for the Rover's Primary Power Source.

Dynamic Radioisotope Power System (DIPS) also utilizes an isotope heat

sources, but are designed to produce power in the 1 to 10 kW e range with potential

growth up to 15 kW e. Currently the DIPS program is being conducted under joint

DOE/DOD sponsorship [Bennet, 1988]. In DIPS the Radioisotope heat source is

coupled to a dynamic energy conversion system which allows for a much higher

conversion efficiency than TE's. Two cycles are being investigated for use with DIPS.

These are a Closed Brayton Cycle (CBC), being studied by Sunstrand, and an

Organic Rankine Cycle (ORC) under investigation at Garrett [Pearson, 1988].

Schematic diagrams for the CBC and ORC are shown in Figures 1 and 2 [Bennett, et.

al., 1988], respectively. So far system efficiencies of up to 3 times that obtained using

Thermoelectric Generators have been demonstrated. However, currently projected

specific mass [--150 kg/kWe] of the DIPS systems limit there usefulness in a Mars

Rover [Angelo and Buden, 1985]. Also, DIPS are still plagued with the same

difficulties as RTG's (power degradation and heat rejection during transit) due to their

Radioisotope Heat Source.
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FIGURE 2: Schematic of Organic Rankine Cycle for DIPS [Bennett, et.al., 1988]
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High Performance Fuel Cells such as Hydrogen-Oxygen Primary Fuel Cells

are a very efficient way to store energy. The major draw back with these systems is

that the energy is not being produced but instead merely stored. Thus as the mission

length and the total energy storage increases the mass of the reactant storage

becomes prohibitively large. Although Hydrogen/Oxygen fuel cells are not an

acceptable primary energy source for the Rover, they will be considered as an

auxiliary backup system in case of Primary Power System failure.

Nuclear Reactor Power Systems exhibits many highly desirable

characteristics as a Primary Power Source for a Manned Mars Rover. First, the reactor

core will produce virtually no heat until it has been and is brought up to power after

safely landing on the surface of Mars. Second, the power output of the core can be

controlled and adjusted to the level needed. Unlike PV systems, the power and size is

not dependent on the distance from the sun and the rotation of the planet. Perhaps the

most appealing feature is the low specific mass of the nuclear reactor power systems

at high power levels. Current design efforts in the area of space reactors is focusing

on the SP-100 reactor being designed by General Electric. Although this design

yields a specific mass of approximately 40 kg/kWe, the reactor is equipped with a

shadow shield with a cone angle of 34 °. For a 2x -4x shield allowing human

occupation of the surrounding area, the specific mass of the reactor system will

increase significantly. Even with the shield requirements the reactor system is felt to

be the best alternative to give the Rover sufficient power for global access.

However, in using a Nuclear Reactor to power a Manned Mars Rover many

technical issues must be resolved in order to efficiently and effectively integrate the

system into the Rover vehicle. These issues include minimization of shield mass and

optimization of shield configuration, optimal integration of the heat rejection system
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with the Rover configuration, thermal management, protection from the harsh Martian

environment, and contingency systems. The objective of Parts I and II of this report is

to answer the questions that adse from these issues. While Part I focused on the

Rover design and assessment of power requirements for traversing, Part II will report

the results of parametric analysis to: (a) identify the suitable conversion system/heat

rejection combination, (b) the radiation shielding design and integration of nuclear

reactor withe the Rover, and (c) mass optimization of the Man Manned Rover.

Although the focus of this research is primarily the feasibility of the design and

integration of a Nuclear Reactor Power System into a Manned Mars Rover, a clear

understanding of the mission requirements and a detailed descriptions of the Rover

design are needed, in order that the an accurate estimate of the power requirements

may be made. The next section deals with the mission requirements and Rover

vehicle design, which the reactor system is to power

10



2. ROVER LAYOUT AND DESIGN

The integration of a Nuclear Reactor Power System with a Manned Mars Rover

requires a detailed description of the design and functional requirements of the Rover.

These requirements included:

(a) a 7 year operational lifetime for the Rover and power system with intermittent

operation (months on/months off) requiring restart capability;

(b) a vehicle range which will allow for global access, user and housekeeping power

of 30 kWe (including Ufe support for four shirt sleeve astronauts);

(c) the employment of SP-100 reactor technology with either static or dynamic

energy conversion;

(d) heat rejection and material selection compatible with the martian environment

and mission duration.

Although these design requirements specify the vehicle for the reactor design, a more

detailed description of the Rover is needed in order to determine the mobility power

requirements, and hence, determine the electric power output of the nuclear reactor

system.

Currently, there is little information on the design of a multi-purpose global access

rover for Mars; however, extensive investigations on moon based rovers have been

completed [Bekker, 1969;EEI, 1988]. Since many of the design parameters for a lunar

rover are similar to thoughs of a Martian vehicle many parallels may be drawn.

The first step in understanding the characteristics of the rover vehicle is to define

the design capabilities and requirements of the rover. However, the Martian scenario

exhibits several qualities which are unique unto itself. Three major considerations for

the Martian Rover are: (1) The extreme distance from the Earth demands the lowest

specific mass in order to minimize the launch cost; (2) The rover power system should

contain the highest degree of reliability and redundancy with capabilities for an

11



adequate auxiliary power system in case of a complete malfunction of the primary

power system, (3) The rover need to be compatible with a Martian atmosphere

composed primarily of CO 2, which can be life limiting to many materials.

There are many general configurations for planetary surface rovers. Associated

with these designs are many parameter which can affect the mobility power

requirements. The soil/vehicle interaction is the most critical power variable. Different

traction types including wheels, tracks, and walkers have been studied. In the area of

wheels alone there are several options available including rigid, pneumatic tires, wire

mesh tires, elliptical wheels, hemispherical (and cone) wheels, and hubbless wheels

[Bekker, 1969].

Another unknown for determining the mobility power requirements is the actual

configuration of the vehicle, and hence the mass of the rover. The layout of the rover

could vary from a large single vehicle, articulated crank mounted wheeled vehicle, to a

multi-car overland train [Eagle Engineering Inc., 1988]. Since the Power requirements

call for a nuclear reactor power system, it is important that the radiation sensitive

equipment and the crew be kept at a sufficient distance from the reactor. For these

reasons the multi-car overland train rover option was chosen. In this case, the crew

and radiation sensitive equipment are located in the forward cars, while the radiation

insensitive equipment and supplies can be stored in the rear of the train. Also, to'

minimize the radiation shield mass, the reactor would be housed as close as possible

to the back end of the last car to maximize the distance between reactor and crew.

The proposed configuration for the Manned Mars Rover is shown in figure 1. It

consists of four units: the Primary Control Vehicle (PCV), the Experimental Unit (EU),

the Supply Car (SC), and the Reactor Car (RC). The function and the component

mass breakdown for each of the units are discussed separately in the following

sections.
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2.1. Primary Control Vehicle

The Primary Control Vehicle (PCV) is a double wall, pressurized, climate controlled

car. The PCV houses the driving, navigation, and general control systems for the rover

vehicle. The basic car design accommodates 4 astronauts. The PCV also includes the

sleeping quarters, galley, a work station, life support systems and an auxiliary power

system. The basic exterior dimensions of the vehicle are 3x3x10 meters, which give

an interior volume of approximately 80 m3. Figure 4 shows a generalized

configuration for the PCV.

In the case of Primary Power System (PPS) failure the immediate concern is the

survival of the rover crew. Due to the extreme distance from the earth it is essential

that the rover be equipped with an emergency power system, to maintain life support

systems and a degree of Rover mobility for several days, in the event of a PPS failure.

For this purpose a hybrid PV/Regenerative Fuel Cell power system is employed, see

figure 5 (a and b). Figure 5a illustrates the system configuration during collection.

Here the PV's not only supply energy for the PCV, but also to electrolyze H20 into H2

and 0 2 for the Regenerative Fuel Cells (RFC's). In figure 5b the Night configuration is

shown. Here, no energy is being collected by the PV's and all of the Rover's power is

supplied by the RFC's.

Since the primary concern in the event of a PPS failure is shifted from the

experimental objectives to the survival of the crew, all nonessential equipment and

supplies are to be jettisoned. The scenario call for disconnecting the PCV from the

Experimental Unit, Supply Car, and the Reactor Car. The PCV is equipped with up to

three days worth of life support power stored in the Hydrogen/Oxygen RFC. The total

mass of the fuel cell system including reactant is 720 kg. This figure is based on a

crew of 4 astronauts, a life support power of 1 kWe/astronaut , and a system specific
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energy of 400 We/kg [Cataldo, 1989]. For this storage a total reactant mass of 107 kg

is required (12 kg H2 and 95 kg O2). For reactant storage tanks pressurized to ~2MPa

[Angrist, 1976] a total storage volume of 9.5 m3 is necessary. Since the RFC's are

sufficient for three day of life support power, the astronauts would have sufficient time

to arrange for a rescue mission launched from a Mars Base or orbiting spacecraft.

2.2 Mass Estimates of Auxiliary PV Panels

In addition to the Fuel Cells, the Auxiliary system will include a set of Photovoltaic

(PV) arrays in order to recharge the fuel cells on a daily basis and provide for both life

support and mobility power. The mass of the PV is a function of the total mass of the

PCV (this includes the PV array itself), the driving scenario (daily range and cruising

speed), and the efficiency of the RFC cycle.

The PV panels mass can be given in a general form by:

Mpv = Paux.SMpv ' (I)

Where P,,,,x is the auxilliary power and SMpv is the specific mass (kg/kWe) of the pv

panels. The auxiliary power required from the PV's can be divided into power

required for life support, P_=,and power required for mobility, Pro- While the life support

power is constant for a given number of astronauts, the power requirements for

mobility will be dependent on the terrain, emergency cruising speed, daily range, and

the total mass of the PCV according to the following equation:

Pm = Z(8.0x10 -5 kW.hr/km-kg)Mtpcv'V. (2)

The value of 8.0x10 -5 kW.hr/km-kg for the soil traction coefficients is based on the

average energy consumption of the Apollo Lunar Rovers [Eagle Engineering Inc.,

1988]. The traction factor modifier Z is a correction factor to account for the difference

in soil conditions and gravitational acceleration from the Moon to Mars. Although the

calculation seem straight forward at first it is important to note that the PCV mass also
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includes not only the values shown in table I, but also the mass of the PV array.

TABLE 1: Primary Control Vehicle Mass Breakdown

Based on 4 Astronauts

(From EEl Report 88-188)

Mass

(kg)
Structure and Pressure Vessel

Inner Shell 490

Outer Shell 500

Other Structures 200

Insulation 130

Galley 70 a

Personal Hygiene 90'

Emergency Equipment 30
Man-Locks 230

EMUs 680 a

Avionics 90

Environment Control and Life Support 200 a
Workstation 40

Drive Stations 80

Sleep Quarters 500 a

Experiments and Payload 500

Crew 360"

Active Thermal System

Radiator 160

Pump 20

Heat Exchanger 50

Piping 100

Refrigerant 300

Wheels and Locomotion 300

740
Total 5860

aValues will vary depending on the number of astronauts
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The mass for the the PV panels, which is a function of several parameter, can be

expressed as:

Mpv = na.Pls[tc+(td-tc)fqfc] + Z(8.0xl0"5kW.hr/km'kg)(Mpcv+Mpv)V(tm)/tcllfc (3a)

tc

and by rearranging:

ipv = na'Pls[tc+(td-tc)frlfc] + Z(8.0xl0"SkW-hr/km.kg)Mpcv.V(tm/_fc)

[tc - X;(8.0xl 0"5kW.hr/km.kg)V(trr_fc)SMpv]

(3b)

Equation (3b) gives the mass of the PV panels in terms of the collection time, tc, the

mobility time during both the day and night (tm), the number of astronauts (na), the

cruising speed (V), the traction factor modifier (Z), and the specific mass of the PV's

(SMpv). The total mass of the PCV then becomes the sum of the tabulated masses in

table I and that calculated for the PVs by equation (3b).

Determining the total PCV mass then becomes an issue of accurately estimating

the PV parameters and identifying the sensitivity with which each of these parameters

affect the PV mass. For the base case scenario the mass of the PCV and the number

of astronauts have already been set at 5860kg (table I) and 4, respectively. Since the

gravitational acceleration on Mars is approximately twice that of the Moon a value 2.0

is used for Z. This value is comparable to the estimated values for the rolling

resistance of the Martian soil of 0.35 and a Rover drive efficiency of 50%

[Aerovirnment, 1989]. Although the value of 2.0 for Z is 15% lower than that suggested

by AeroVimment (1989), it is still considered a reasonable value.

The time parameters including PV collection (tc) and Rover mobility (tin) are

dependent on the driving scenario assumed; however, for the base case a collection

time of 12.3 hr (12.3hrs is the number sun light hours at 0 degrees latitude during both

the Martian Aphelion and Perihelion) and a mobility time of 6 hours were used. The
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discussion on the selection of these base case values will be presented later in this

report. Although the cruising speed for the emergency return, like the mobility and

collection times, will be determined by the specific return scenario, a maximum speed

of 5 km/hr was assumed. An efficiency of 60% was used for the RFC system [Cataldo,

1989]. As for the final parameter, the Specific Mass of the PVs, it was calculated using

an average surface solar insolation, G, on the planet's surface of 250 W/m 2, a PV

efficiency, _lpv, of 20%, and a panel surface density, SMA, of 2.3 kg/m 2 as:

SMpv = SMA/(G-_lpv/1000 W/kW). (4)

The base case values for the variable in equations 3b and 4 are listed in table I1.

TABLE I1: BASE CASE AUXILIARY POWER SYSTEM VARIABLES

Photovoltaic panel efficiency

Average solar insolation

Specific mass area of PV panels

Fuel cell reserve life support energy storage (PCV)

Fuel cell reserve life support energy storage (EU)

Fuel cell reserve life support energy storage (SC)

Emergency return speed

Power required for life support

PV collection time

Day Mobility

Night Mobility

Efficiency of the fuel cell cycle

Specific mass of the fuel cells

tlpv = 20%
G = 250 W/m 2

SMA = 2.3 kg/m2

tap = 72 h

tae = 72 h

tas = 24 h

auxspd = 5 km/h

PIs = lkW/astro.

tc = 12.3h

tmd = 0 h

tmn = 6 h

Xlfc = 0.6

SMfc = 2.5 kg/kw.h

!

From the Base case parameters, PV panels having a mass of 667 kg are required

to power the PCV during the emergency return. This corresponds to a PV panel area

of 290 m2. If the panels were dimensioned such that they were 10 m wide (the same

as the length of the PCV), a 29 m length of PV panels would be needed. While this is
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not felt to be impossible to accomplish, a substantial increase in panel size would limit

the auxiliary power system's usefulness to supply power for an emergency return trip.

It is, therefore, important to evaluate the effects of reasonable variation in the base

case parameters on the mass and area of the PV array.

In order to minimize the PV mass it is important that the collection time be

maximized and the mobility scenario be optimized for minimum power requirement.

Therefore, it is assumed that energy collection takes place for 12.3 hr, representing all

daylight hours, during which the PV panels are deployed and the PCV is not moving.

Table III list the dark periods (in hours) at several Northern latitudes for both the

Aphelion and Perihelion planetary positions [Kaplan, 1988]. Given 24.62 hr as the

length of a Mars Sidereal day and an equatorial location, the collection time can be

determined by:

tc= 12.31-trod (5)

When determining the total mass of the PV panels it is important to consider the

advantages and disadvantages of choosing a particular emergency return mobility

scenario. The operating region for equatorial deployment is shown in figure 6. The

four curves presented in this figure represent PV mass values for the base case

parameters given in table II. The effect, upon the PV mass, of varying the collection

time (or mobility during the day) and the mobility during the night, tmn, is presented.

Starting from the base case of 6 hours of night mobility (@5 km/hr this represents a

daily travel of 30 kin/day) and a 12.3 hr collection time (0 hr day mobility) a

Photovoltaic mass of 667 kg is required. It is recognized that driving during the night

can placeadditional constraints on the Rover crew, but it reduces the mass of the PV

panels, therefore, the merits of nighttime travel are discussed.

Keeping the travel time constant at 6 hr, a PV mass of 1500 kg is needed if

traveling is limited to daylight hours. This increase from 667 kg to 1500 kg (an
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TABLE IIh MARTIAN SEASONAL INFORMATION

Northern Hemisphere Summer (Aphelion)

Latitude Mean Radius Ratio Dark Period

(degrees) (km) (night/day) (hours)

0 3393.0 1.00 12.31

9 3351.2 0.910 11.73

21 3167.6 0.793 10.89

33 2845.6 0.670 9.88

44 2440.7 0.538 8.61

55 1946.1 0.361 6.54

65 1433.9 0.000 0.00

Northern Hemisphere Winter (Perihelion)

Latitude Mean Radius Ratio Dark Period

(degrees) (km) (night/day) (hours)

0 3393.0 1.00 12.31

9 3351.2 1.10 12.90

21 3167.6 1.262 13.74

33 2845.6 1.493 14.75

44 2440.7 1.858 16.01

55 1946.1 2.768 18.09

65 1433.9 undefined 24.62

than twice the base case mass) is due to the shortened collection time for the PV

panels, compounded by the increased storage and consequent energy loss during

energy storage and recovery from the fuel cells. In addition to the mass increase, the

size of the array becomes prohibitively large. For example by traveling during the day,

instead of night, the 290 m 2 surface area will more than doubled to 652 m2. This area

will increase the array length from 29 m to over 65 m, for a width of 10 meters. It is

therefore recognized, that in order to effectively reduce the size and mass of the PV,

night travel during an emergency return should be considered.
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When the collection time is held constant as in the base case, and the night

mobility time is increased to 12.3 hr (this assumes instantaneous deployment of the

PV's; Not likely), the PV mass increases to 900 kg. This value is still considerably less

than the 1500 kg for only 6 hours of day travel. Had the additional 6.3 hr been driven

during the day instead, then a PV mass of -2000 kg will be needed, requiring a total of

870 m 2 of PVs, or 3 times that needed for the base case.

Figure 7 presents the PV mass optimization surface in terms of nighttime travel and

daytime collection (or daytime travel = 12.3hr-tc). It is apparent that the lowest PV

mass requirement is that corresponding to 0 hrs of night travel and 12.3 hrs collection

time (0 hrs day mobility). This PV mass of 490 kg corresponds to the PV panels

needed only to maintain life support. By traveling along the night mobility axis to 6 hr,

the base case in table II is again reached. It is important to note that by increasing the

night travel from 0 to 12.3 hr, the PV mass is effectively doubled, while increasing the

day travel from 0 hr to 8 hrs, increases the mass of the PV panels by a factor of 5. For

this reason the night driving scenario is preferred.

To illustrate the typical duty cycle that can be used, a log of daily activities is

presented in figure 8 for the base case scen,_rio (see table II). This diagram shows the

activities preformed for a full Martian day, during an emergency return. It is assumed

that the RFC's are fully charged(three days life support power) at sunset. One full

hour each is devoted to folding and deploying of the PV panels. Although the actual

time needed for these activities will depend on the amount of automation, an hour was

determined to be more than sufficient for each activity, should the automatic

deployment mechanisms fail. The schedule also allows for three meals and 8 hours

sleep each day. The 6 hr driving scenario allows for a total traveling distance of 30

kin/day. It is important to reemphasize that in the scenario delineated in figure 6 the

entire 12.3 hr of daylight is used for solar energy collection. The daylight hours
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during which the astronauts are awake, are designated for sample collection and

scientific duties. The power utilization curve shown above the duty cycle represents

the average power requirements based on life support power of 1 kWe/astro, and a

maximum cruising speed of 5 kin/hr. In the case where daily range must be increased,

the night driving time can be increased from 6 to 10.3 hr. For this scenario the total PV

mass becomes 820 kg. This 20% increase in mass of the PV panels over the base

case mass will increase the daily travel distance by 70% (from 30 km/hr to 51 krn/day).

For a 1000 km return trip only 25 days will be required as compared with the 33 days

for the base case. A possible duty cycle for the 10.3 hr daily driving time is shown in

figure 9. Here the time allocated to scientific duties is decreased from 6 hrs to 2.7 hrs

in order to free up time for travel. In figure 7, the average power utilization of the

longer driving time scenario is shown above the duty cycle.

Figure 10 is a plot of mass contours of the PV mass required as a function of both

the collection time and the nighttime travel. Similar to the surface in figure 7, this plot

allows for all the night/day driving combinations to be examined for given a mass

requirement for the PV panels. In figure 10 the minimum night driving scenario,

maximum night driving scenario, and the base case scenario masses are all labeled

with their respective locations on the contour. The lowest PV mass of 490 kg,

represents the mass of PV panels needed to only supply sufficient energy to run the

life support systems.

2.3 Parametric Analysis of the Effect of Design Parameters on the Auxiliary_ PV Mas._

Because of the conceptual nature of the Rover design the exact values for the

parameters to determine the auxiliary power system mass are unknown. Even
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though care has been taken to use values judged to be reasonable, given current

technology and expected advances, a degree of uncertainty in the results is still

introduced. For this reason a parametric analysis was preformed to examine the

sensitivity of the mass of the auxiliary power system to various operation and design

parameters in equation 3b. These parameters include cruising speed, number of

astronauts, life support power per astronaut, average PV specific power, efficiency and

specific mass of the PV panels, and the amount of fuel cell reactants stored. The result

of the parametric analysis are presented here and discussed in the following

subsections.

2.3.1 Effect of Cruisino Speed

The most important variable in equation 3b is the Primary Control Vehicle's

cruising speed. While reducing the cruising speed reduces the mobility power

requirements for a given traveling distance, it increases the duration of the return trip.

Therefore, the appropriate cruising speed should be selected based on considerations

of power requirement s and traveling range. In figure 11 the mass of the PV panels is

plotted against the the PCV cruising speed with the base case identified on the 1

kWe/astro life support curve. The point on this curve corresponding to 0 km/hr cruising

speed, again shows the PV mass required to only maintain life support (490 kg). At a

cruising speed of 10 km/hr, the PV mass increases by 350 kg to 840 kg. These results

suggest that the mass of the auxiliary power system will be limited more by the number

of astronauts on board than by the cruising speed. This mass will also be strongly

impacted by the life support power requirements.

2.3.2 Effect of Life Suooort Power Reouirements

As figure 11 shows, maintaining a constant cruising speed of 5 km/hr, and doubling
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the life support power to 2 kW e, increases the PV mass from 667 kg to just under 1200

kg. The strong dependance of the PV mass on the life support power is due to two

considerations. First, unlike the cruising speed the life support power is continuous

throughout the day. Secondly, for a crew of four astronauts doubling the life support

power per astronaut increases the total life support power requirement by a factor of 4.

Further increase of the life support power to 3 kWe/astro will bring the PV mass

requirement to nearly 1700 kg for the base case. As demonstrated in figure 11, an

auxiliary power system that is designed for 1 kWe/astro at a cruising speed of 10 km/hr

would not be able to deliver sufficient power to maintain the life support at 2 kWe/astro,

even, without mobility. TheSe results suggests that great care should be taken to

minimize the life support power requirements, since an inflated estimate could

excessively increase the mass of the auxiliary power system for the rover.

!

2.3.3 Effect of PV Soecific Power

In figure 12 the PV mass is plotted against the PCV cruising speed for different

values of the PV specific mass. The specific power values in figure 12 are simply the

average solar insolation (250 W/m 2) multiplied by the efficiency of the array (from 20 to

30%). As figure 12 shows lowering the specific power of the PV panels increases the

rate at which the PV mass increases with cruising speed. This rate increase is caused

by the fact that PV panels with lower specific power require a larger collection area of

the PV panels, resulting in a larger mass. In turn, this increased mass requires more

power to move. In figure 12, beginning at the base case, increasing the specific power

to 100 W/m 2 brings the PV mass down to 300 kg. Conversely, decreasing the PV

specific power to 20 WIm 2 raises the PV mass to as much as 1750 kg. The sensitivity

of the PV mass to its specific power is much greater than that of the cruising speed at

high specific power values (>50 W/m2); however, as the specific power decreases the
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sensitivity of the PV mass to the cruising speed increases drastically. These results

suggest that the savings in the PV mass by iowedng the cruising speed becomes less

significant, as the PV panel becomes more efficient. Therefore, future advances in PV

technology should serve to shorten the travel time on Mars for the same PV panel

mass.

2.3.4 Effect of PV Panel Efficiency

The Specific Power of the PV panel, SPpv. is related to the Photo cell efficiency,

Tlpv, as:

SPpv = G'llpv (6)

FromWhere G is the average solar insolation available at the surface of the planet.

current PV technology and expected future advancements, a range of 20 to 30% for

cell efficiency is expected (see figure 13). It should be noted that the base case value

of 20% was chosen because it represents the projected efficiency for amorphous

silicone (a-Si) cells which are light, flexible, and easily stored. If the PV efficiency

increases by 25%, the same PV panel mass needed for the base case cruising speed

of 5 km/hr could power the PCV at a cruising speed over 10 km/hr. Moreover,

increasing the efficiency to 30% would increase the PV effectiveness to the point

where a 10 km/hr speed for 6 hours of mobility would require less PV mass than that

required for life support alone at 20% efficiency. Therefore, future advances in PV

technology are expected to have significant impact on reducing the PV mass.

2.3.5 Effect of PV Surface Density

Another parameter that is not completely independent of the efficiency, is the PV

surface density, or the amount of mass per square meter of PV panels. The value

used for this parameter in the base case is 2.3 kg/m 2. This value is based on current
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silicone cell technology for a sun tracking system, with a cell efficiency of 20%. With

the amorphous-Si cells the specific mass is expected to decline to as low as 1.0

kg/m 2, resulting in a 200% reduction in the mass of the PV panels for the base case.

While the mass of the PV cells decreases as the surface density goes down, the total

PV area required does not decrease significantly. The PV panel area, however,

decreases as the PV cell efficiency increases. Therefore, the trade off is whether to

use a larger, less efficient, yet lighter a-Si panels, or smaller, more efficient, but

heavier tracking GeAs panels. In either case, the values presented for the base case,

should be conservative.

Figure 14 demonstrates the effect of a surface density for 1.0, 1.65, and 2.3 kg/m 2.

Note that by using a surface density 1.0 kg/m 2, the total PV mass decreases from the

base case (SD = 2.3 kg/m 2) 667kg down to as low as 280kg, but the array area only

decrease in from 290 m2 to 280 m2 this is because the mass of the PV panels

represents a small fraction of the total PCV mass.

2.3.6 Effects of the Number of Astronauts and Reserve Energy Storaa_

The final two parameters that affect the mass of the PV system are the number of

astronauts on board, and the amount of reserve energy storage of the Regenerative

Fuel Cells. While both affect the PV mass by increasing the PCV mass and, hence, the

mobility power requirements, the number of astronauts has a profound effect on the life

support power requirements, which is such a significant portion of the total auxiliary

power needs. In figure 15 the mass of the auxiliary PV panels is plotted verses the

PCV cruising speed for 2, 4, and 6 astronauts. As figure 15 shows, the change in

slope with the number of astronauts is hardly noticeable, yet the offset between the

three curves due to the difference in life support power requirements, is significant.

These results again emphasize the importance of employing an efficient life support
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system. As demonstrated in figure 15, a PV system that provides for four astronauts at

a cruising speed of 10 krn/hr, is sufficient to sustain six astronauts, but at a reduced

speed of --3 km/hr.

Increasing the amount of reactants for the reserve fuel cells does not significantly

change the mass of the PV panels, since the increase in the reactants mass only

affects the mobility power requirement. Also, because the reactant mass is a small

fraction of the total PCV mass, increasing the fuel cell capacity from 24 to 168 hr (1 day

to 1 week) has only a small affect on the PV panel mass (see figure 16). Since the fuel

cells on board of the PCV are regenerative type and the reactants are not stored as

cryogenic liquids, but instead as compressed gases, it is not their weight, but rather

their storage volume that becomes prohibitive. For example, a one day supply of

reactants requires a total storage volume of 3.1 m3 (1.05 m3 for 0 2 and 2.05 m3 for

H2), while for 72 hr, the storage volume will be 9.5 m3 (3.2 m3 for 0 2 and 6.3 m3 for

H2). For one week storage, a reactant volume of 22.1 m3 will be needed (7.4 m3 for

0 2 and 14.7 m3 for H2).

To summarize the results of the auxiliary PV mass study several points can be

made:

(1) The life support power requirements significantly affect the mass and size of

the PV panels. It is for this reason, that every effort should be made to design

an energy efficient life support system.

(2) In addition to the life support power, the PV panels' specific power also plays a

major role in determining the size and mass of the PV panels for the auxiliary

power system.

(3) Parameters that affect the mass of the auxiliary PV power system to a lesser

extent, but are still important to the overall mass and size determination are

the cruising speed of the PCV, the Surface density and the efficiency of the PV
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cells, and the number of astronauts on board the Rover.

(4) The parameter that has insignificant effect on the auxiliary power system mass,

but strongly impacts the volume of the fuel cells, is the reserve capacity of the

RFC's.

(5) In order to minimize the size and mass of the auxiliary power system,

traversing should be made at night; the day time travel should be limited to as

little as possible, and

(6) The PV mass calculated for the base case scenario appears to be reasonable

and actually slightly conservative. Therefore, the mass of 667 kg will be

added to the PCV mass of 5860 kg from table I, giving a total PCV mass of

6527 kg.

2.4 Exoerimental Unit

The Experimental Unit (EU) is very similar to the Primary Control Vehicle in that it is

a double walled pressurized car capable of maintaining 4 astronauts in a climate

controlled environment (see figure 3). This car provides facilities for sample collection

and laboratory analysis as well as additional Jiving space for extended missions. The

EU also houses the control systems for the primary power system (PPS). The

components and equipment pertaining to the EU are listed along with their respective

masses in table IV. Again, these masses have been derived from the Eagle

Engineering Inc. Report on Lunar Surface Transportation Systems, but have been

modified to suit the manned Mars Rover mission.

Unlike the PCV, the EU is not equipped with a PV/RFC auxiliary power system. In

the event of a PPS failure, the EU would be detached from the PCV and the PCV

would go on using only the auxiliary systems. To account for the possibility of a minor

malfunction in the PPS, the EU is equipped with 3 days worth of life support power in
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the form of primary fuel cell (PFC). The reactants for these cells are stored in liquid

form in order to decrease the required volume. In the event of a malfunction or

unscheduled scram of the reactor, the PFC could be used to buy the Rover crew to

gain additional time during which they could initiate repairs, before they would be

forced to begin an emergency return.

TABLE IV: Exoedmental Unit Mass Breakdown (EEl Report 88-188)

Mass

(kg)
Structure and Pressure Vessel

Inner Shell 490

Outer Shell 500

Other Structures 200

Insulation 130

Galley 70

Personal Hygiene 90

Emergency Equipment 30

Man-Locks • 230

Work Station 40

EMU°s 340

Reactor Control Systems 100

Avionics 90

Environment Control and Life Support 200
Showers 80

Experiments and Payload 900

Active Thermal System

Radiator 160

Pump 20

Heat Exchanger 50

Piping 100

Refrigerant 300
Wheels and Locomotion 300

Fuel Cells 720

Total 5500
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2.5 SUDDIV and Storaae Car

The Supply and Storage Car (SC) is much simpler than either the PCV or the EU.

The SC is an open trailer which carries all of the radiation insensitive equipment and

tools (see figure 3). At the rear of the car a thermal shield is installed to protect the

contents from the thermal radiation from the waste heat rejection surface mounted on

the reactor car. The SC also contains an additional 24 hr worth of reactants for the

PFC in order to supplement that in the EU. The mass breakdown for the EU is given in

table V.

TABLE V: Storaae Car Mass Breakdown (EEl Report 88-188)

Thermal Shield

Wheels and Locomotion

Other Structure

Experimental Equipment
Fuel Cells

Additional Suoolies and Eauio.
Total

MASS

kg
20O

300

500

887

240

lOOO
3127

2.6 Reactor Car

Unlike the other three cars of the Rover, the mass of the Reactor Car (RC) cannot

be determined by simply tabulating the components and summing their masses.

Because mobility power depends upon the mass of the Rover (including the RC), and

the mass of the reactor system is a function of the total power needed, an iterative

approach, similar to that taken for the PV auxiliary system, is needed to determine the

total power required.

In designing the reactor power system, it is essential to determine the electric load
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requirements before any real design can take place. For the Manned Mars Rover, a

net user power of 30 kWe was specified as a design requirement. However, since the

mobility power is directly related to the total mass of the Rover including that of the

Primary Power System, some calculation is needed to assess the power range over

which the Rover is likely to operate. Because the mass of the nuclear reactor systems

also depend upon its specific mass and the total Power requirement; a model was

developed to determine the total electric power requirements of the PPS as a function

of: mass of Rover Utility Cars (RUC, including the PCV, EU, SC), cruising speed,

number of astronauts, user net power, mobility traction parameter, and the specific

mass of the PPS.

Although a good estimate of the power requirement is essential for subsequent

reactor and radiation shield design, minimizing the mass of the reactor power system

is important, when considering the launch and deployment costs (current estimate

figure is approximately $1M/kg). Therefore, the model was set up to calculate both the

total power requirement and the total mass of the rover, including the PPS. The total

electric power delivered by the reactor system is given by the general form:

Pt = Pa + X(8"0x10"5 kW'hr/km'kg)Mt'V" (7)

Where the mass of the reactor system, which is proportional to its power output, can be

given as:

M r =, SMr-Pt. (Sa)

The reactor systems mass includes the mass of all the reactor components (the

radiator, shield, reactor core, energy conversion, thermal management, and

plumbing). However, the frame and drive system mass of the Reactor Car, must also

Hence equation (Sa)be included; This mass is taken as 10% of the total load mass.

becomes:

M r = 1.1 (SMr-Pt). (8b)
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The total rover mass (Mr) is the sum of the masses of the individual Rover cars:

Mt = Mpcv+Meu+Msc+l.1 (SMr-Pt). (9)

Substituting equation (9) into equation (7) results in the following general form for the

total power requirement as:

Pt = Pa + Z(8-0x10"5 kW.hr/km.kg) [Mpcv+Meu+Msc].V. (10)

1 - Z(8.Sx10 "5 kW.hr/km-kg)(SMr)-V

It can be seen from equation (10) that the total power requirement for the Manned

Mars Rover depends on five primary variables: Pa, Z, SMr, V, and the masses of the

Utility Vehicles (Mpcv, Meu, M=c). The next chapter presents the results of parametric

analysis investigating the effects of each of these variables on the total power

requirements for the Rover and on the total mass of the Rover and of the nuclear

reactor primary power system.
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3. TOTAL MASS AND POWER REQUIREMENTS

FOR MANNED MARS ROVER

In this chapter the values for the number of astronauts, the cruising speed, the

surface traction parameter, power system specific mass, and the utility car mass will be

varied so that their effects on the total Rover mass and the net electric power needed

from the reactor can be calculated. The parameters for the base case are listed in

table VI.

TABLE VI: GENERAL ROVER VARIABLES

Additional Power above mobility requirements

Mobility traction parameter

Drive Efficiency

Specific mass of the Power system

Mass of the Primary Control Vehicle (w/o PV's)

Mass of the Experimental Unit

Mass of the Supply Car

Minimum Rover speed

Maximum Rover speed

Number of astronauts

PA = 30 kW e

X = 0.16W'h/km'kg

_ldr = 50%

SM r = 100 kg/KW e

Mpc v = 5860 kg

Meu = 5400 kg

Msc = 3100 kg

minspd = 0 km/h

maxspd = 30 km/h

N a = 4

3.1 Effect of Number of Astronauts "

Figure 17 shows that the numberOf astronauts has a minimal effect on the total

rover mass. Increasing the number of astronauts increases the mass of the PCV in

table I, and hence increases the auxiliary power system mass and mobility power

requirements, but only insignificantly increases the total rover mass. As figure 17

demonstrates, for a cruising speed of 20 km/hr, increasing the number of astronauts

from 4 to 6, increases the total rover mass by only 8% (from 25,000 kg to 27,000 kg).
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Most of this mass increase (-1600 kg) reflects the weight of the additional two

astronauts, their gear, and the increase in the auxiliary power system mass to provide

for the additional astronauts. The remaining mass (less than 400 kg) represents the

incremental increase in the mass of the primary power system for meeting the

increased mobility and life support power needs.

3.2 Effect of the Cruisina Soeed and Soil Traction Parameter

As for the cruising speed of the Rover, it could vary depending on the terrain

encountered and the sampling and analysis activities being preformed; however, for a

manned all terrain vehicle powered with a nuclear reactor power system, 30 km/hr is

considered in this analysis as a upper limit for the cruising speed. Since the

gravitational acceleration on Mars is almost twice that on the moon, the weight of the

Rover vehicle force will increase proportionally and the vehicle will exhibit a higher

rolling resistance. However, the wheel design and soil consistency may also vary,

which will affect the mobility power requirement.

The results delineated in figure 18 show the strong dependence of the total rover

mass on the cruising speed. The mass corresponding to a zero speed represents the

mass of the rover vehicles, including that of the PPS, needed to meet the User power

requirement (excluding mobility). As this figure shows, increasing the cruising speed

increases the mobility power requirements, resulting in higher masses for the PPS and

the Rover vehicle. As figure 17 shows, for the base case, the total mass of the Rover

employing a 100 kW e primary power system is 26 metric tonnes; and the average

cruising speed is 19 kin/hr. As the cruising speed increases to 30 km/hr, the total rover

mass for the base case of 4 astronauts increases to 32 metric tonnes (-12% increase),

and the power requirements for the PPS increase to 160 kW e (a 60% increase)

The effects on mobility power of varying the cruising speed and soil traction
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parameter are illustrated in figure 18. Here the mobility power requirement is plotted

versus the cruising speed, from 0 to 30 km/hr, for three different surface traction values

(8.0xl 0 "5, 1.6x10 "4, and 2.4x10 -4 kW.hr/kg-km). Starting with the base case of

1.6x10 "4 kW.hr/kg.km (Z = 2.0), and a cruising speed of 19 km/hr, the required power

level is 70 kW e for mobility (Pt = 100kWe). Increasing the cruising speed to 30 km/hr

will require a increasing mobility power 120% to 153 kW e (or 83% of the total power).

The effect of altering the surface traction parameter becomes highly significant at

higher values of the cruising speed. For example, at a cruising speed of 19 km/hr,

increasing the traction value from 1.6xl 0-4 to 2.4x10 -4 kW-hr/kg-km doubles the

mobility power (from 70 to 140 kWe). However, at 30 krn/hr the same increase in

surface traction yields increases the mobility power from 153 to 526 kW e (more than a

360% increase). At the lower value of 8.0x10 -5 kW.hr/kg.km, the mobility power

required at 30 km/hr is 49 kW e. For the SP-100, 100 kW e base design, a maximum

cruising speed of 30 +, 19, and 12.5 km/hr can be obtained for surface traction factors

of 8.0x10 "5, 1.6xl 0 "4, and 2.4x10 "4 kW.hr/kg.km, respectively.

3.3 Effect of Reactor System SPecific Mass

The reactor systems specific mass (SMr) of 100 kg/kWe, which is used in the base

case, yields a power system total mass of 10,000 kg. This includes 3000 kg for all the

reactor system (except the radiation shield) at the 100 kW e level (SP-100 technology),

7000 kg for the radiation shield mass. The additional shield mass will be required to

insure the crew's safety during operation. By contrast, the SP-100 shield only weighs

1000 kg, because it is a shadow shield and not designed as a biological shield. It is

important to note that the value of 100 kg/kW e for the nuclear reactor system specific

mass is only a first estimate. However, for the purpose of assessing the sensitivity of

the total rover mass to the reactor systems specific mass over the expected range of
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possible operation, the specific mass of the reactor systems is varied for 50 to 150

kg/kW e. A more accurate estimate of the reactor system's specific mass will be

obtained in Part II of this report, when the shield configuration and composition, the

radiator size, energy conversion system, and waste heat rejection system are better

defined. The next phase of the project will focus on the design and integration of the

radiation shield and the nuclear reactor with the rover.

In Figure 19, the total reactor power requirements as a function of cruising speed is

shown for three different specific mass values (50, 100, and 150 kg/kWe). For all three

curves, the minimum power is 30 kW e (user net power only) at 0 kin/hr. At low cruising

speeds (< 10 km/hr) the reactor system's specific mass has virtually no effect on the

reactor power. However, once the speed begins to increase beyond 10 km/hr, the

specific mass begins to show a significant effect on the total reactor power

requirement. For example, at 30 km/hr the total power requirements double from the

183 kW e at 100 kg/kW e to 378 kW e at 150 kg/kW e. Figure 19 also shows that for the

base case of 100 kW e, the maximum cruising speed attainable for the rover is 23, 19,

and 16.5 km/hr, for nuclear reactor system specific masses of 50, 100, and 150

kg/kW e, respectively.

The specific mass of the reactor power system; however, greatly impacts the total

rover mass (see Figure 20). As this Figure shows, for 100 kW e, while increasing the

system's specific mass from 100 to 150 kg/kW e only decreases the maximum cruising

speed by 2.5 km/hr, it increases the total rover mass from 26 to 32 metric tonnes. This

6,000 kg increase in the rover mass is significant, considering the launch costs to

Mars, (additional launch cost of approximately 6 billion dollars).

51



C) 0 0 0 C) 0 0 0 0

(_,_:_)_3MOd _Oiov3_

52



3.4 Effect of the Utility Cars' Massgs

For equation (10) the masses of the Rover Utility Cars (RUC) are determined in the

previous sections and are presented in tables I, IV, V. Although the values for these

masses are as accurate of an estimate as currently possible, the exact masses are

intimately related to the actual mission scenario. Therefore, the effects of changing the

total mass of these three cars on the total rover mass and the reactor power is also

investigated. The total RUC masses are varied from 15,000 to 18,000 kg.

As with the other variables, the rover mass is plotted verses the cruising speeds in

the range from 0 to 30 km/hr for four values for the RUCs masses (see figure 21). At a

speed of 0 krn/hr the total Rover mass varies from 18,412 to 21,412 kg (a 3,000 kg

difference). This difference in total mass reflects only the increase in the RUCs

masses from 15,000 to 18,000 kg. At 19 km/hr the same increases in the RUCs

masses increases the total Rover mass from 26,004 to 30,511 kg, a difference of 4,507

kg. The additional 1,507 kg reflects the increase in the PPS mass needed to meet the

additional mobility power requirements. For same reactor system mass, total power of

100 kW e, and 18 tonnes for the RVCs masses the rover maximum cruising speed

would be reduceded from 19.6 km/hr to 17 km/hr. However, this reduction in the

cruising speed should not significantly affect the rovers performance, and therefore the

exact RUCs masses are not critical in evaluating the PPS power requirements.
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4. SUMMARY AND CONCLUSIONS

A parametric analysis assessing the total power requirements and mass of a

nuclear reactor powered Mars Manned Rover is performed. This analysis shows that

the total power and mass is strongly affected by the cruising speed, specific mass of

the power system, and the surface traction and drive efficiency, and to a lesser extent

by the mass of the rover utility cars. An SP-100 reactor power system, generating 100

kW e, would provide for a maximum cruising speed of 16.5 km/hr at a systems' specific

mass of 150 kg/kW e and 19 krn/hr at a system specific mass of 100 kg/kW e. At 100

kWe power level, the mass of the PPS is 32% of the total rover mass for a specific

mass of 100 kg/kW e and 53% at a specific mass of 150 kg/kW e. The total mass of the

rover at a specific mass of 100 kg/kW e is approximately 26 metric tonnes. This mass

will be 23% higher to 32 metric tonnes at a specific mass of 150 kg/kWeo

The auxilliary power system to support an emergency return trip is selected to be a

hybrid of PV panels and regenerative fuel cells. The cells have a total storage

capacity for three days of life support, mobility for 6 hr/day at a maximum cruising

speed of 5 kin/hr. The study found that the life support power requirement per

astronuat strongly affects the mass and size of the PV panels for the auxilliary power

system. Therefore, a careful assessment of life support power requirements is stongly

recommended. The mass and the size of the PV panels also depend on parameters

as the cruising speed, the PV panels surface density and efficiency, and the number of

astronauts on board the rover. Results show that in order to minimize the size and

mass of the PV panels, traversing during emergency return should be made at night

and day time travel should be limited to as little as possible.
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5. FUTUREWORK

In the Second Phase of the project, three components of the PPS will be studied in

order to determine the nuclear reactor system's specific mass. These components

include the radiation shield, the energy conversion system, and the waste heat

rejection system. For the shielding calculations the maximum radiation dose to

Astronaut from the reactor will be limited to 5 rein/year. Also, an average separation

distance from the reactor of 25 m will be set as the base design case. This distance,

which is based on the size and configuration of the rover cars (see figure 3) will be

optimized for minimum radiation shield mass.

For the energy conversion system, four types will be studied and their impact on the

Reactor system mass will be compared. These systems are:

(1) GeSi/GaP thermal electric R'E_ converters, currently employed in the SP-100

nominal design. TEs are a highly reliable due to the absence of any moving

parts and enjoy demonstrated flight experience, but posses a low conversion

efficiency (less than 6%).

(2) The Free Piston Stirlino Enoin_, although has the possibility of much higher

conversion efficiency (>15%), the technology is still in the development and

demonstration stage. Nonetheless, it is hoped that stirling engine technology

would be readily available by the time a Manned Mars Mission is deployed

(year 2020-2030).

(3) Ooen LooD Bravton Cycle, utilizing the CO 2 from the atmosphere of Mars as a

working fluid will also be investigated. Due to the low daily temperature on the

surface of the planet (190-240 K in the summer and 150 K in the winter) this

conversion system has the possibility for extremely high conversion efficiencies

(>30%). Although an open loop Brayton cycle would eliminate the need for a

heat rejection radiator, because of the low atmospheric pressure on Mars (--10

57



mbar) the size and mass of the turboalternator unit is expected to be large.

However, an analysis will be performed to optimize the power system for the

lowest possible total mass and best integration with the rover vehicle.

(4) A He-40%X@ closed Bravton cycle will also be investioated. Because He-Xe is

a better working fluid than the CO 2 for the conversion cycle, and the operating

pressure could be much greater than that in the open CO 2 cycle option, the size

and mass of the turboalternator unit for the former will be much smaller than for

the later. On the other hand, in order to obtain reasonable efficiencies (> 15%)

the exit temperature from the turbine has to be lowered, thus requiring a large

mass and size for the waste heat radiator

For the waste heat rejection, three systems will also be considered. The first option

is a radiative heat rejection system, limited by the surface area which can be mounted

on the outer surface of the reactor car (-80 m2) The second is a forced convection

CO 2 system, in which atmospheric CO 2 is blown through a heat exchanger. The final

option is a hybrid combining radiative and convective heat rejection.
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APPENDIX-A

MODEL DESCRIPTION AND FLOW CHARTS FOR ROVER MASS PROGRAM

61



START

Dimension
Variables

Mass

Data
From

F_le

Include

NO

MAIN PROGRAM ROVER MASS

r////////_i Dehorn Subrou_ne
not been completed

!

YES
Set PV

Mass = 0
Calculate

PV Mass +

L_ Calculate

Rover Mass

(Excopt for
Roactor Car)

I

Promp( User
For Input

Data

NO

= minspd Is NO

i s maxspd
i=i_1

YES

Reactor NO

Calculate

Calculate
Rover Mass

_Output Resuhs

(_OVOUT) 1

Get new
variable values

you wish
io

STOP

62



J Dimension JVariables

Number
of Cars

i -1 Isi:_
No. cars-1

YES

Input Car

Type

NO Car

"' mass /
pendent on/

No. Astro/f

NO
v

SUBROUTINE INPUT

NO

InputPower
Req'd.

Input

Factor

Input
Reactor

Speed

Input
TbeS_

NO

Denotls Subroutine
Has notbeen o_al=4eted

Set

SMR. 0.0

minspd

maxspd

63



r, •

SUBROUTINE PVMASS

CALL

Input
Fn:_ Main

I Dimension I

Variables I

/ R,_.,, /
/ Senario Input/

lCaicul=. Uas_

of PV's /

@
64



SUBROUTINE OUTPUT

CALL
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APPENDIX B

LISTING FOR ROVER MASS PROGRAM
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c

C

C

C

Program Reactor Nass

real rovmas(0:50,5), pa, x, mpcvl, mpcv2, meu, msc, smr, v,

& rovp(0:50,5), mpv
integer i, J, range, systyp, modtyp, auxtyp, smtyp
character*60 xaxis, yaxls, title, consc(11), £ntype,

& rerun

C

print*,'Do you what an input pzompt (yes or no}?'
read(5,10)intype
open(unit-40,file-'pvmas',status-'new')

i0 format(a)

if (intype.eq.'no') then
open {unit-16,file-'Edat',status-'old')
rewind 16

read(16,*)pa, smr, minspd, maxspd, x, mpcvl, mpcv2, meu,
& msc, na, modtyp, systyp, smtyp, auxtyp

else
call rovdat(pa, smr, minspd, maxspd, x, mpcvl, mpcv2, meu,

& msc, na, modtyp, systyp, smtyp, auxtyp)
endif

open(unit-35,file-'pwrout',status-'new')

j - I
15 write(35,16)j
16 format(/,35x,'RUN |',12,///)

if (auxtyp.eq.l) then
fc - 0.0

mpv - 0.0
else

call pvfc(na, mpcvl, mpcv2, x, mpv, meu, msc, fc)
endif

mrov - mpcvl+na*mpcv2+meu+msc+mpv+fc

if (modtyp.eq.l) then
call spdave(pa, mrov, x, smr, smtyp)

else

range - maxspd-minspd

do 30 i - 0, range
v - float(i+minspd)
If(smtyp.eq.l) then

call zeroln(smr, rovpwr(i,J), mrov, x, v, pa)
else

rovp(i,j) - pa+x*O.O8/lOOO.O*(mrov*v)/(1.0-x*
& (0.088/1000.0*(smr*v)))

endif

rovmas(i,j) - rovp(i,j)*l.l*smr+mrov
30 continue

endif
call rovout(pa, J, smr, minspd, maxspd, x, mpcvl, mpcv2, meu,

& msc, ha, systyp, mpv, rovp, rovmas)

print*,'Do you want to change any of the values (yes or no)?'

read(5,35)rerun
35 format(a)

if (rerun.eq.'yes') then

j - j+l
call newval(pa, smr, mlnspd, maxspd, x, mpcvl, mpcv2, meu,

& msc, ha, modtyp, systyp, smtyp, auxtyp)

go to 15
endif

stop
end

C

C



C
C

C

C

C

Subroutine rovdat(pa, smr, minspd, maxspd, x, mpcvl, mpcv2,
meu, msc, na, aodtyp, systyp, smtyp, auxtyp)

real pa, smr, x, mpcvl, mpcv2, meu, msc
integer ha, maxspd, minspd, cartyp, systyp, modtype, smtyp,

auxtyp

print*, 'Enter number of cars in the rover. '
read(5,*)numcar
print*,' '
print*,' '
do I010 i - I, numcar

1000 print*,' '

print*,' '
printl005,i

1005 format(' Enter the type of car number ',il}

print*,'Primary Control Vehicle (PCV) - i'
print*,'Experimental Unit (EU) - 2'
print*,'Storage and Supply Car (SC) - 3'

read(5,*)cartyp
if (cartyp.eq.l) then
print*,' '

print*,' '
print*,'Enter the mass of the PCV independent of the'
print*, 'number of Astronauts (in kg).'
read(5,*)pcvl
mpcvl - mpcvl+pcvl

print*,' '
print*,' '
print*,'Enter the mass of the PCV dependent of the'
print*, 'number of Astronauts (in kg/astro.).'
read(5,*)pcv2
mpcv2 - mpcv2+pcv2

else

if (cartyp.eq.2) then

print*,' '
print*,' '
print*,'Enter the mass of the EU (in kg).'
read(5,*)eu
meU m meu+eu

else
if (cartyp.eq.3) then
print*,' '
print*,' '
print*,'Enter the mass of the SC (in kg).'
read(5,*)sc
mSC m mSC+SC

else

print*,' '
print*,' '

print*,'***INVALID ENTRY***'
go to 1000

endif
endif

endif
1010 continue

print*,' '
print*,' '
print*,'Enter the number of astronauts.'
read(5,*)na
print*,' '

print*,' '
print*,'Enter the power req.''d in addition to mobility (in kWe).'



read(5,*)pa
. print*,' '

print*,' '
print*, 'Enter the traction factor modifier x.'
read(5,*)x

print*,' '
print*,' '

print*,'Enter the method of reactor specific mass determination.,
print*,'User specified - 0'
print*,'Program calculated - I'

read(5,*)smtyp
print*,' '
print*,' '

I020 if (smtyp.eq.0)then

print*, 'Enter the reactor specific mass (in kg/kwe).'
read(5,*)smr
print*,' '

print*,' '
else

if (smtyp.ne.l) then
print*,' '
print*,' '
print*,'***INVALID ENTRY***'
go to 1020

else
smr - 0.0

endif
endif

1040 print*,'Enter the traversing senarlo.'
print*,'Constant speed - 0'

print*,'Variable speed - I'
read(5,*)modtyp
print*,' '
print*,' '
if (modtyp.eq.0) then

print*,'Would you like to calculate the mass for a'
print*,'Single speed - 0'

'Range of speeds - 1 'print*,
read(5,*)systyp
print*,' '
print*,' '
if (systyp.eg.l) then

print*,'Enter the minimum Rover speed (in km/hr).'
read(5,*)mlnspd
print*,' '

print*,' '

print*,'Enter the maximum Rover speed (in km/hr).'
read(5,*)maxspd
print*,' '
print*,' '

else

if (systyp.eq.0) then
print*, 'Enter the Rover speed (in km/hr).'
read(5,*)minspd
maxspd - minspd
print*,' '

print*,' '
else

print*,' '
print*,' '

print*,'***INVALID ENTRY***'
go to 1050

endif
endif

else

if (modtyp.eq.l) then

1050



call sendat (maxspd,minspd)
else

print*w' '
print*,' '
prlnt*,'***INVALID ENTRY***'
go to 1040

endif
endif

prlnt*,'Enter •
print*,'0 - Photovoltaic auxiliary power system'
print*,'l - No PV''s in the auxllalry system'
read(5,*)auxtyp
return
end

C

C

C

C

C

C

subroutine pvfc(na, mpcvl, mpcv2, x, mpv, meu, msc, fc)

real mpvd, mpcvl, mpcv2, mpcv, mfcl, mcells, meu, msc, fc,

& mfc2, mfc3, mpv
integer i, .j, na

2000 print*,'This routine is designed to either accept input from'
print*,'the emergency senario from a data file called auxdat.'

print*,'If this file does file does not exist then you may '
print*,'specify a full prompting for this information enter:'
print*,' 0 - Senario prompting'
print*,' 1 - Read from Auxdat'
read(5,*}ptyp

if (ptyp.eq.0) then
call auxpromt (sma, tc, fceff, tmd, tmn, pls, re, ta,

& g, pveff, ta2, ta3, apvs)
print*,tmd,tmn,ta,tc

else

if (ptyp.eq.l) then
open(unit-3O,file-'auxdat',status-'old')
rewind 30

read(30,*)sma, tc, fceff, tmd, tmn, pls, ve, ta, g, pveff,
& ta2, ta3, apvs

close(unlt-30)
else

print*,'***INVALID ENTRY***'

go to 2000
endif

endif
td - 24.62
mcells - 2.0

mfcl - ta*pls*na*(0.5+mcells)

mpcv - mpcvl+mpcv2*float(na)+mfcl

smpv - sma/(g*pveff)*1000.0
do 2005 i - 1,20
tc - .615*float(1)

mpvd - (na*pls*(tc+(td-tc)/fceff)-12.3*apvs*g*pveff/1000.+x*

& (0.08/1000.0)*(mpcv+apvs*sma)*ve*(tmd+tmn/fceff))*smpv/
& (tc-x*(0.08/1000.0)*ve*(tmd+tmn/fceff)*smpv)
mpv - mpvd+apvs*sma
write(40,*)tc, mpv

2005 continue

mfc2 - ta2*pls*na*(0.5÷mcells)
mfc3 - ta3*pls*na*(0.5+mcells)



&
&
&
&
&
&
&

&
&

&
&
&
return
end

c
c

fc - mfcl+mfc2+mfc3

.... tatot - (ta+ta2+ta3)*pls*na
• write (35,2010)

write (35,2020)smpv, fceff, tc, apvs, tmd, tmn, pls, ve, tatot,
& mfcl, mfc2, mfc3

2010 format(25x,'Auxillary Power System Input',//)

2020 format(iSx,'PV specific mass - ',f7.2,' kg/kWe,,/,
15x,'Fuel cell efficiency - ',f7.2,/,
15x,'Deployable PV collection time - ',f7.2," hr',/,

15x,'Stationary PV area - ',fT.2,'m**2",/,
15x,'Mobility time during the day - ',f7.2," hr',/,
15x,'Mobility time during the night - ',f7.2,' hr',/,

15x,'Power needed for emergency LS - ',f7.2,' kWe/Astro'
,/,

15x,'Auxiliary cruising speed
15x,'Total fuel cell reserve
15x,'PCV fuel cell mass
15x,'EU fuel cell mass
15x,'SC fuel cell mass

- ',f7.2,' km/hr',/,
- ',f7.2,' kwh',/,

- ',f7.2,' kg',/,
- ',f7.2,' kg',/,

- ',f7.2,' kg',///)

C

C

C

C

C

C

C

subroutine rovout (pa, J, smr, minspd, maxspd, x, mpcvl, mpcv2,
& meu, msc, na, systyp, mpv, rovp, rovmas)

real pa, smr, mpcvl, mpcv2, meu, msc, mpv,
rovp(0:50,5), rovmas(0:50,5)

integer j, i, na, systyp, maxspd, mlnspd, spd

write(35,3000)

3000 format(22x,'Mass and Power Requirements for Nuclear',/,

& 28x,'Reactor Powered Nars Rover',//,36x,'Input Values')
write(35,3010)pa, smr, mlnspd, maxspd, x, mpcvl, mpcv2,

& meu, msc, mpv, na
3010 format(15x,'Supplemental power above mobility - ',f8.2,' kWe',/,

& 15x,'Specific mass of the reactor - ' f8 2 ' kg/kWe'
& ,/, ' • , .

& 15x,'Rover minimum speed

& 15x,'Rover maximum speed
& 15x,'Rover traction factor

& 15x,'Astronaut independent PCV mass
& 15x,'Astronaut dependent mass
& 0/,

& 15x,'Mass of experimental unit - ',f8.2,' kg',/,
& 15x,'Mass of the supply car - ',f8.2,' kg',/,
& 15x,'Nass of the Photovoltaics - ',f8.2,' kg',/,
& 15x,'Number of astronaunts - ',18,///)
write(35,3020)

3020 format(36x,'Output Values',/,22x,'Rover Speed',3x,'Reactor Power',

& 3x,'Rover Mass',/,26x,'km/h',12x,'kWe,,12x,,kg,)
do 3030 i - 0, maxspd-mlnspd

spd - i+minspd
wrlte(35,3040)spd, ,ovp(i,J), rovmas(i,j)

3030 continue

3040 format(26x,13,10x,fT.3,Tx,fS.2)
write(35,3050)

3050 format(���,80('*'))
return
end

- ',i8,' km/h',/,

" ',i8,' km/h',/,
- ',f8.2,/,

- ',f8.2,' kg',/,
- ',f8.2,' kg/astr'



C

C.,*********e******************************,,,,,********,****,,,*******

C

C

C

C

subroutine auxpromt(smpv, tc, fceff, tmd, tmn, pls, ve, ta, g,
& pveff, ta2, ta3, apvs)

print*,' '
print*,' '
print*,'Enter the specific mass of the PV cells (in kg_m**2).,
read(5,*)smpv
print*,' '
print*,' '

prlnt*,'Enter the time of reserve power in PCV''s fuel cells',
& '(in hours).'
read(5,*)ta

print*,' '

print*,' '
print*,'Enter the time of reserve power in EU''s fuel cells',

& '(in hours).'
read(5,*)ta2

print*,' '
print*,' '
print*,'Enter the time of reserve power in SC''s fuel cells',

& '(in hours).'
read(5,*)ta3

print*,' '
print*,' '

print*,'Enter the efficiency of the Fuel Cell cycle.'
read(5,*)fceff

print*,' '
print*,' '

print*,'Enter the power needed for llfe support (in kWe/Astro).'
read(5,*)pls
print*,' '
print*,' '

print*,'Enter the daily collection time for deployable PV''s',
& ' (in hours).'

read(5,*)tc
print*,' '

print*,' '

print*, 'Enter the area of stationary PV''s (in sq. meters)'
read(5,*)apvs
print*,' '

print*,' '

print*,'Enter the average solar insolation (in kW/m**2).'
read(5,*)g
print*,' '

print*,' '

prlnt*,'Enter the efficiency of the PV panels.'
read(5,*)pveff
print*,' '
print*,' '

print*,'Enter the time of mobility during the day (in hours).'
read(5,*)tmd
print*,' '
print*,' '

print*,'Enter the time of mobility during the night (in hours).'
read(5,*)tmn

print*,' '
print*,' '
print*,'Enter the speed for emergency return (km/hr).'
read(5,*)ve
print*,' '



print,,, ,
• "" • return

'end
C

C

subroutine newval (pa, smr, mlnspd, maxspd, x, mpcvl, mpcv2,

& meu, msc, ha, modtyp, systyp, smtyp, auxtyp)
C

C

C

real mpcvl, mpcv2, meu, msc

4000 write(5,4010)pa, smr, minspd, maxspd, x, mpcvl, mpcv2, meu,
& msc, na

4010 format(ix,'which value would you like to change?',/,
5x,' l-Supplemental power above mobility&

& 5x,' 2-Specific mass of the reactor
& ,/,

& 5x,' 3-Rover minimum speed
& 5x,' 4-Rover maximum speed
& 5x,' 5-Rover traction factor modifier

& 5x,' 6-Astronaut independent PCV mass
& 5x,' 7-Astronaut dependent mass
& ,/,

& 5x,' 8-Mass of experimental unit
& 5x,' 9-Mass of the supply car
& 5x,'10-Number of astronaunts
& 5x,'11-None',//)
read(5,*) nval

- ',f8.2,' kWe',/,

- ',f8.2,' kg/kwe'

- ',i8,' km/h',/,
- ',i8,' km/h',/,
" ',f8.2,/,

" ',f8.2,' kg',/,
- ',f8.2,' kg/astr'

- ',f8.2,' kg',/,
- ',f8.2,' kg',/,
- ',18,/,

if (nval.eq.1) then
print*,'Enter the new power value (in kWe).'
read(5,*)pa

go to 4000
elseif (nval.eq.2) then
print*,'Enter the new reactor specific mass (in kg/kWe).'
read(5,*)smr
go to 4000

elseif (nval.eq.3) then
prlnt*,'Enter the new minimum speed (in km/hr).'
read(5,*)minspd
go to 4000

elseif (nval.eq.4) then
print*,'Enter the new maximum speed (in km/hr).'

read(5,*)maxspd
go to 4000

elself (nval.eq.5) then
print*,'Enter the new traction factor modifier.'
read(5,*)x

go to 4000
elseif (nval.eq.6) then

print*,'Enter the new astronaut dependent mass of the'
print*,'Primary Control Vehicle (in kg/Astro).'
read(5,*)mpcvl
go to 4000

elseif (nval.eq.7) then
prlnt*,'Enter the new astronaut independent mass of the'
print*,'Primary Control Vehlcle (in kg/Astro).'
read(5,*}mpcv2
go to 4000

elsetf (nval.eq.8) then
print*,'Enter the new mass of the Experimental Unit (in kg).'
read(5,*)meu
go to 4000

elself (nval.eq.9) then
print*,'Enter the new mass of the Supply Car (in kg).'
read(5,*)msc



C

go to 4000
elself (nval.eq.lO) then

prlnt*,'Znter the new number
read(5,*)na

go to 4000
elseif (nval.ne.ll) then

prLnt*,'***INVALID ENTRY***'
go to 4000

endif

of Astronauts.'

return
end

C

C
subroutine sendat()

C

return
end

C

C

subroutine spdave()
C

return
end

c

c

subroutine zeroin()

return
end

c

C

subroutine rovpwr()

return
end

c read(5,*) chgtyp
c do 2100, j - 1,_
c if (chgtyp.eq.1) then
c pveff - 0.2+float(j-1)*O.05
c elseif (chgtyp.eq.2) then
c g - float(j-1)*250.O
c if (g.eq.O.O) g - 100.0
c elseif (chgtyp.eq._) then
c sma - l.O+float(j-1)*0.65
c elseif (chgtyp.eq.4) then
c na - 2.0+float(j-I)*2.0
c elseif (chgtyp.eq.5) then
c ta = 24.0+float(j-I)*72
c elseif (chgtyp.eq.6) then
c pls - 1.0+float(j-i)
c endif
c do 2050, I - O, I0
c ve - f/oat(i)

c wrlte(40,*)ve, mpv
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Introduction

There are a number of subsystems for a lunar base power system,

including power sources, energy storage, energy transmission, and loads.

Each of these have a number of issues, such as cost, case of transportation

and assembly, current technology feasibility, interaction with the

environment, reliability, etc. All of the above subsystems interact heavily

with each other. In other words, the overall system design requirements

and constraints must be taken into consideration for the final and detailed

design of any subsystem. Optimum utilization of power at a lunar base

will include the distribution and utilization of thermal energy as well as

electrical energy. The following discussion includes primarily information

on possible design options for electrical lunar power transmission only. We

must keep in mind that later overaU system considerations will strongly

effect these design options. For instance, thermal energy production,

transmission, and utilization will not be discussed in any detail in this brief

report.

Design Considerations

A number of initial decisions must be made for a lunar base

power/energy transmission system before detailed power system analysis

and design can be conducted. First the method of transmission (for

electrical and thermal energy) must be chosen. This will be effected by the

transmission distances, source characteristics, and environmental

conditions. After selection of the transmission type, parameters such as

voltage, current, and waveshape must be determined. Finally, design

details, such as geometry, conductor size and type, and insulation, must be

selected. Most of the information needed for these design considerations is

from source power output characteristics, load characteristics, and distance

constraints between sources .and loads. For this discussion little detailed

information is known about the load ( for example its operating voltage

and current, or duty cycle) and thus only general observations/suggestions

can be made at this time.
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Electrical transmission between the zones will most effectively take

the form of transmission lines using some number of spaced conductors

held apart and insulated by some form of dielectrics. (For later

considerations power beaming may prove to be effective for certain

applications such as powering lunar rovers). Topics which need to be

discussed include voltage and current; waveshape, polarity, and frequency,

and geometry, conductor material, and insulation type.

Voltage and Current
T

The voltage and current requirements of a transmission line are

determined by three factors: the output characteristics of the sources, the

load requirements, and the power to be transmitted. Certainly the source

output characteristics and load requirements will effect the choice of

transmission voltage, current, and waveshape. But since we don't

presently have all of this information, we will assume, in general, that the

transmission line characteristics will be chosen primarily to optimize the

efficiency and reliability of transmission over the required distances in the

lunar environment. Also assume that the source output power

characteristics can be transformed to match the transmission parameters,

and the transmission line output can be transformed to match the load

requirements. In later considerations the cost and complexity of this

transformation at each end must be taken into consideration.

Once the required power is known (I kW, for example) then the

voltage and current can be chosen such that they meet this power

requirement. Obviously the higher the transmission voltage, the lower the

required line current and vice versa. The dominant factor in

voltage/current selection is the selection's effect on thermal losses

(Pthm=I2R). A decision to operate at high voltages (i.e. low currents) will,

of course, result in a decrease in thermal losses, and a high current (low

voltage) will increase the thermal losses. The effect the voltage has on the

system's efficiency (which is inversely proportional to thermal losses) is

illustrated in Fig. I, and Fit. 2. The efficiencies were calculated for a

temperature of -30 C (average of peak day and peak night temperatures),

a power requirement of 800 kW, and a length of 5 kin. This represents the

power link between the reactor and oxygen mining facility.
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The voltage and current will also effect other power issues. For example,

high voltages not only increase the effects of ac impedence, but also

increase the required insulator thickness. The voltage must be selected to

trade off thermal losses with electromagnetic losses. As shown in Fig. I

and Fig. 2, optimum voltage ranges for minimize power losses can be

found knowing the power required, the transmission distances and

selecting a conductor thickness.

Power Waveform (AC or DC_

Three phase ac current flow is the primary method of transmission on

Earth mainly because of economical considerations. However dc current

flow's advantages are strong enough that it should be seriously considered

for lunar applications. For the same amount of power transmitted over the

same size conductors, line losses (neglecting skin effect) for ac is 33% greater

than for de.(l) The dc line will have two conductors instead of 3 (ff 3

phase is used) and need less insulation, if any ( see dielectric section: Dc is

preferred when vacuum insulation is used because ac will create

inductances and capacitances and lower the breakdown voltage). Ac

resistances are greater than dc due to skin effect (the tendency of current to

"gather" near the surface of a conductor thus decreasing efficiency).

Switching surges on dc lines are lower than on ac lines. And lastly, dc

transmission will not interfere with radio communications.

The difficulties of dc are found mainly in the required transformers

and converters for voltage conversion. Both devices are costly and have

their operating drawbacks. The converters have little overload capacity

and produce harmonics on both sides, thus requiring filters to limit the

interference. Voltage transformation is difficult which may require the

load operating voltage to be less than the line voltage. Other disadvantages

include a lack of dc circuit breakers, and finally induction motors are

simpler, more rugged and cheaper than dc motors.

The increase in cost of the devices can be partially offset by the

decrease in weight and power losses. The cost and weight will also be

4



decreased by the fact that the SP-100 thermoelectric and PV/RFC are both

dc sources; a convener would therefore only be needed at the load end ( if

it required ac current or a voltage transformation). As interest in dc

transmission grows improvements in converter, transformer, and dc

motors have already begun. (Thyristor convertors for high voltage and

high current applications, and prototype circuit breakers have been

developed).

The merits of dc transmission make it a viable option for the lunar

base.

While dc transmission is attractive three phase ac (single phase is not

economical for high power transmission but may be used for lower power

systems) is still a contender because of its low cost conversion devices and

ease of transformation. Therefore, an optimum operating frequency range

must be found. An increase in frequency will result in an increase in the

power/weight ratio, because of the decrease in size of the components

(conversion/inversion equipment). A general scaling technique for

components is an increase in frequency of N 2 corresponds to a reduction in

linear dimension by a factor of/4.(2)

However, an increase in frequency also results in a number of

negative effects. Such as an increase in leakage reactances for both

machines and transmission lines, increased hysterisis loses, an increase in

radiation, an increase in thermal losses, and greater stress on the

insulating solid dielectrics.

An estimate of an optimum frequency cannot be made at this time.

Conductor Materill

The two most commonly used conductors are copper and aluminum.

Despite coppers larger electrical conductivity the weight advantage of

aluminum (approximately 30% lighter than copper) makes it the preferred

choice for lunar applications.

Dielectric Insulation

Air is used to insulate the transmission lines on earth; therefore,

another form of insulation will bc needed on the moon. Because of
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possible leaking of gas and liquid dielectrics , and because of the extra

weight of a liquid dielectric, a solid dielectric would appear to be the only

other option. However, using the vacuum environment as the method of

insulation should also be considered. A good vacuum ( less that 10E-04

Ton') has been shown to be an effective method of insulation. The moons

extreme vacuum of

10E-09 Torr day and 10E-12 Torr night is well within the required

pressure levels to prevent breakdown. This method of insulation would

eliminate insulator weight and increase thermal dissipation.

Under,round Cable

Burying the transmission line would appear to be a safe and

convenient option. However, the thermal conductivity of the lunar soil

is low enough that it may cause the line to overheat.(3) Therefore it would

be better at this time to plan for above ground transmission until a

detailed analysis can be done.

Thermal Considerations

While the previous discussions have delt exclussively with electrical

energy, thermal energy collection/distribution should not be overlooked.

Waste heat can be used directly or stored for future use. Possible methods

of thermal transmission include heat pipes and closed loop thermal fluid

flow.

As an example, a SP-100 thermoelectric reactor operates at .051

efficiency. Therefore, for a thermal input of 2.21 Mw the rejected power is

2.10 Mw.(4) Most of this power is in the form of thermal enerjy. This

energy can be collected and then transported to zones which require

thermal power in addition to electrical ( such as the habitat and ISRU).

The required thermal input for hydrogen reduction of illeminte is

approximately I000 C (5)while the radiator temperatures of the SP-100

thermoelectric reactor fall between 800 C and I000 C.(4) Therefore

because of radiative losses electrical energy will have to be convened to

thermal or perhaps solar thermal collectors can be placed near the ISRU.

It should also be noted that the stirUng power plant (operating at 50%
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efficiency) will reject only 1.1 Mw of power, therefore it will be less

effective as a heat source. This may influence the placement of the

thermoelectric lander to make the best of its inefficiencies.

Design Example #1

typ e

geometry

conductor material

insulation

voltage

current

thermal loss

line efficiency

location

dc

2 parallel plates, 30 cm wide by 2 cm thick

aluminum

vacuum

2000 V

400 A

460 W per km

99.7 %

on or suspended slightly above the ground

Design Example #2

An example of a possible ac transmission Hne design would be a

three phase line insulated with solid dielectrics, The operating voltages

and frequencies can not be determined at this point. Information

necessary for their selection, such as inductances of the line, dielectric

material, and conductor geometry are not know and are not easily

determined without further evaluation of the power losses. Also details of

ac design must wait for further load and transmission characteristics to be

determined,
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Conelus|on

A number of parameters of electrical power/energy transmission

have been discussed and when appropriate recommendations have been

made. A summery of these guidelines is illustrated in the form of two

design examples. They should be considered very preliminary. They were

made with limited detailed information and therefore represent a

significant amount of speculation. Any of them would likely change as

more indepth research continues.
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SP-100 REACTOR SCALABILITY STUDY

The purpose of the SP-IO0 Reactor Scalability Study was to show that

SP-IO0 reactor technology can be scaled to thermal power levels required

for Nuclear Electric Propulsion. A power range of ]0 to 50 HWt was to be

evaluated for a 10 year mission lifetime. Control of the reactor was to be

accomplished by the motion of hinged or sliding reflector elements. Fuel

burnup was limited to ]0 atom percent. Other reactor safety and per-

formance criteria were established as appropriate for this application.

The tools normally used in such a reactor concept development and

evaluation study are COROPT, TWODANT and MCNP. COROPT is a SP-]O0 nuclear

subsystems optimization code. COROPT uses first principles to estimate the

size and mass of the reactor, shield, primary heat transport and reactor

I&C subsystems. TWODANT is a multi-group transport code used to confirm

COROPT design and performance predictions. In this study, Keff, reflector

control worth and shield performance values were computed with TWODANT.

MCNP is a Monte Carlo Neutron/Photon code which is used, as necessary, to

confirm key TWODANT values. MCNP was not needed in this study.

The main features of the reactor are similar to SP-]O0. The Li

coolant enters and exits the reactor vessel in a coolant inlet/outlet

plenum at the aft end of the vessel. Inlet flow travels forward in a

bypass flow region between the reactor core and vessel until reaching the

forward coolant plenum. At this point the Li coolant flows aft through the

reactor core cooling the fuel pins until again reaching the coolant inlet/

outlet plenum and exiting the reactor vessel. The radial reflector is

located outside the reactor vessel.

The approach taken in this study was to establish the main features of

a 10 MWt low mass reactor and shield, consistent with the study guidelines,

and identify how those features change as the reactor power is scaled up to

50 MWt. As expected, the reflector control worth decreases as the reactor



size and power increases. Hinged reflector control does not appear to

satisfy the control requirements even with thick radial reflectors at ]0

MWt. However, a relatively thin radial reflector (-7.6 cm) can be used at

10 MWt if sliding reflector panels are used for control. This thin reflec-

tor appears to satisfy control requirements up to about 25 MWt. Between 25

and about 40 MWt reflector thickness needs to increase to meet control

requirements. At 40 MWt a thick (15.2 cm) radial reflector is needed.

Increasing reflector thickness above ]5.2 cm does not significantly improve

control worth since infinite effective reflector thickness is being ap-

proached. Thus, to scale the reactor design above 40 MWt using reflector

control, the control requirement must be reduced. This is accomplished by

increasing the mass of fuel to reduce burnup and, hence, the burnup reac-

tivity requirement. At 50 MWt, a reduction of nearly 1 atom percent on the

average fuel burnup is needed to sufficiently lower control requirements.

This results in an increase of the combined reactor shield mass of about

1500 Kgs.

The design approach imposed by the study requirement of reflector

control leads to a scaling situation such that, for a 10 year mission, two

25 MWt reactors have lower mass than one 50 MWt reactor. The use of

in-core control would allow higher fuel burnup and a thinner reflector

resulting in substantial mass savings (1500-3000 Kgs) at 50 MWt.

A key $P-IO0 design feature examined in the scalability study was

passive cooling of the radiation shield. TWODANT analysis of the 50 MWt

shield design showed that passive cooling is possible if the Be conduction

plate thickness is increased to -12 cms (which moves the forward edge of

the LiH further back into the shield) and the forward LiH is made of

depleted Li7H. These changes to the shield design reduce the peak heating

in the forward LiH to -0.! watts/cm3 (-60% of the peak SP-IO0 heating),

assuring that passive cooling is possible.
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The SP-IO0 reactor scalability study shows that the SP-IO0 technology

can be scaled up to 50 MWt meeting all study constraints. The resulting

base case designs yield a combined reactor/shield mass of 3,650 Kgs at I0

MWt and 16,150 Kgs at 50 MWt.

Several sensitivity studies were performed to evaluate the mass impact

of key study constraints, i.e., reactor outlet temperature, shield half

cone angle, mission length, and safety requirements. The 50 MWt design for

a 3 year mission is much smaller (lower mass) than the corresponding 10

year design (7,725 vs. 16,150 Kgs). The significantly lower mass results

from lower burnup and control requirements of the 3 year mission which

permits substantially increased core performance. The mass impact of

designing for launch of a completely assembled reactor system (containing

in-core safety rods and a re-entry cone) was estimated to be less than

4,000 Kgs at 50 MWt. The mass impacts of 50 MWt designs containing 7 and

13 in-core safety rods were estimated at 2,650 and 4,280 Kgs, respectively.

Nine or 10 safety rods would probably be required to satisfy re-entry

safety requirements.

The conclusion of this study is that SP-]O0 reactor and shield tech-

nology is scalable to 50 MWt for long life (10 yr) missions needed for

Nuclear Electric Propulsion. While additional key feature tests would be

needed for scaled-up or modified equipment and for extension of the

fuel/materials data base, no technology development is required beyond the

scope of the SP-IO0 Ground Engineering System Program.
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Solar Electric l___11sion (sRp) Puwe.r System Options Assessment

Introduction - _ is the combined report of three interrelated
studies: _he Mars SEP Radiation Damage Tolerance Study, _be

resign mmdy.

Objectives - The objectives of these studies were the

following: to evaluate the survivability against radiation

damage of solar _hotovoltaic cell technologies and power systems
for a Mars SEP cargo vehicle, to cumpare applicable solar power

opticms, to calculate the performarK_, size, and layout of a SEP

power _, and to integrate the various SEP power

_n_s into a _ _.

Rationale - SEP vehicle designs have advantages uver both

nuclear and c_ical systems which could make SEP vehicles

viable alternatives to those other systems. A SEP power system

neither requires radioactive fuel nor produces radioactive

waste, and thus could never impose a radiation hazard to cargo,
rendezvous sites, or human personnel. _be SF_ vehicle has

reduced propellant requirements when cumpared to cb_mmical

propulsion s_. _ results in a higher payload fraction:
50-60% for a SEP vehicle cumpared to 10-25% for d_mical

vehicles.

There are other reascr_ as well that would lead to consideration

of SEP vehicles over other systems. _itaic power systems

are flight-proven systems. _he Solar Electric Propulsion Stage

(SEPS) concept was taken thr_ the design stage and an

engineering modal was built (OAST Teclmoiogy Readiness Level
6). _ Solar _ Satellite (SPS) blanket design had a

specific mass cumpetitive with d_mical and nuclear systems.

Also, Space Station _ will use large photovoltaic arrays

generating a large data base and practical experience. All the

technologies studied could be ready as early as 2000-2005.

It is possible the power system could be further used once the
vehicle has reached its Mars destination. _he distance of the

Pv power system frum the sun notwithstanding, the PV anmys will

still be generating several megawatts. Beamed power to the

Martian surface would be possible. The _ frum the arrays

could also be transported to _ via a cm_ucting tether.

The possibility also exists that the blankets could be

repackaged and landed on the Martian surface for use there.

SYstem _es - _oltaic (P%9 and solar dynamic

(SD) _ systems were initially ccr_sidered. SD systems were
determined to be too massive and ware subsequently dropped frum

the study. To provide some parity with a similar NEP Ccncept_tl

Design Study, the power _ was baselined to generate 5
at earth (i A.U.). Because the vehicle would be constructed and

la_ from low earth orbit (LED), the power system would have

to be oversized such that after passing _ the Van Allen

Belts the power output would degrade down to the rated 5 _4e



level. The vehicle would spiral out frum 408 km around earth to

escape altitude, then rendezvous and came to a circular orbit

17033 km above Mars (_ circular orbit). The

v_hicle would be able to deliver 400 metric tcrmes (Mr) of

payload. Because of the severe degradation of power output due

to radiation damage, only one trip through the Van Allen belts

is reasonable for multiple trips to Mars. V_hicles r_curnLng to
earth should stay in high earth orbit, be_ the radiatian
belts.

It _ms _ that no storage would be included in the power

Earth's umbra is required. However, storage is extremely

massive and ur_ for most of the trip to Mars. By not

having stoz-age, the vehicle would lose altitude as it passes

through the shadow region. A trade study is neoessary to

optimize the mass penalty of ene_ stol-age _ extra trip
time in low earth orbit.

Propulsion System Groundrules - Self-radiating argon ion

thrusters ware chosen for the reference electric propulsion (EP)
configuration. Existing expsr_ _ are 10-50 cm in

diameter and use 1-30 kWe of power. Rather than use h_ of

such existing low power devices, thereby introducing

oumplexities of propsllant and power distribution, development
of advanced, megawatt-level thrusters is preferred. _hese

advanced thrusters would require technology advances in grid

manufacture and materials to support the large grid area

required at high power levels. _hruster efficiency at these

power levels and with large grids is assumed to be cumparable to
results observed in low power devices. This behavior is

expected based on first order physical principles guverning ion

thruster performance; empirical data in higher power devices is

z_ to verify this assumption. Thruster diseipatsd power

is rejected by the thruster grids themselves, which provide
sufficient surface area to radiate the waste heat.

For a SEP vehicle, ion engine throttling with respect to power
is required due to the variation in power with distanue from the

sun. The preferred throttling method uses a third decelerator

grid in addition to the screen and accelerator grids.
third grid allows the thrust to be throttled down while the

specific impulse (Isp) remains constant without requiring

changes in c_ticr_ within the _ chamber. By avoiding

the limitaticr_ inherent in the two-grid system, the three-grid

system would be capable of a broader operating range of Isp.

Of the _ configurations omnsidered, it was decided that

the SEP cargo vehicle would operate 8 1-by-5 meter thrusters.

The lifetime of these thrusters is approximately i0,000 hours,

therefore 2 sets (16 thrusters total) would be required for a
one-way trip to Mars. _he power into each _ is 0.625

at 2000 volts-tic. _he beam current leaving the thruster is 679

with an ion _on cost of 150 W/A. This thrust

yields a specific impulse of 5000 seconds at an efficiency of



0.67. _he specific mass per thruster is 2.3 _. Other

thruster q_tions produced higher Isp or greater beam current but

required only 4 thrusters. With only 4 _, a loss of a
single thruster due to structln-al failure or meteoroid impact

could be ca_c or at the very least crippling to the

mission. It was therefore decided that the 8 thruster option

would be selected as keeping the power and propellant management
minimal while providing greater ass_ against mission

failure due to single thruster loss.

.Radiation Damaqe - Sources of radiation damage to the solar

arrays are solar nares and the Van Allen belts consisting of

both electrcrs and protons, each with a spectrum of energy
levels. Of the two sources of radiation, the Van Allen belts

are the preduminant source of array damage.

Since there are wide spectrums of energies for both electrons

and protons in the _ace envY, the space PV com_nity has

been using the concept of 1 MeV electron e_valence for all

radiation degradation projections. For example, the actual

damage to silicon cells by electrcms of any energy is related to
the damage produced by 1 MeV electrcrLs. In a similar manner,

all proton damage is related to the damage caused by i0 MeV

protons. A factor of 3000 relates the I0 MeV proton damage to

1 MeV electron damaqe (i.e., one lO-MeV proton causes the same

damage as 3000 l-MeV electzrms). Th/s allows degradation to be

calculated using the readily available 1 MeV experimental data

on solar cell damage.

_he JPL Radiation Handbook has several tables of 1 MeV annual

equivalent fluences. Each table is for a particular orbit

inclination and incident particle (electrons or protons). In

each table, the annual equivalent fluence is given at 34

different altitudes (L_O to GEO) and eight different quartz

cover_lass thicknesses (0 to 60 mils). These tables are the

result of extensive integration of electron and proton energies

at different orbits along with available radiation damage

experimental data. This concept has been of great value to

array designers using silicon cells. There have been a large

number of actual flights where preditic_s have been very close

to the actual degradation. For gallium arsenide (GaAs) cells,
one major d%_nge is the ratio between 1 MeV electrcms and 10 MeV

protnms. A value of only 1000 is considered a much better

correlation. For the calculations in this study, a ratio of

1000 was used for GaAs type cells (i.e., all III-V cells).

Figure 1 shows the annual 1 MeV electron equivalent fluenoe as a

function of altitude for three different coverglass

thicknesses. This particular set of curves is the equivalent

fluence for proton caused damage. There is significant

reduction in fluence due to the coverglass. The reduction is

different at various altitudes due to the changing proton energy

spectrum as a function of altitude.

Figure 2 shows the SEP vehicle altitude schedule and the



radiation flux as a functian of days in orbit. _he _ shows

that the SEP vehicle pawmr system will sustain most of the

radiation damage frcm ap_r_imately day 90 to day 170, with peak

fluence _ day 127 to day 151. Figure 3 plots the time in
orbit and the radiation flux as functic_ of orbital altitude.

This graph indicates that the radiation damage will occur in the

region frcm 6500 km to 20400 km altitude, with the ma_4n_

damage oc_/zTing frcR 11100 km to 16100 kin.

Due to the amount of time spent in the _ted

radiation belts, the i_ _ (greater than 96%) of the

equivalent fluence is to the For the portion of
the mission beycrd G_O, solar flares are the only significant
contribution. Hence, to calculate the total equivalent fluence

for the LED to GEO portion of the SEP vehicle orbit, the fluence

levels %_re summed for eac_ day at a particular altitude over

the range of altitudes. _ was done for several coverglass
thicknesses. Om_ributicrs from both front and back irradiation

were included since the SEP array will not be a body maunted

array. It %_s assumed that the orbit was at a 30 degree
inclination.

_he results of the above calculations give equivalent 1-MeV

electrcm fluences for the LED to GED portion of the SEP vehicle

orbit for any cambination of front and beck shielding

thicknesses. With the data for 1-MeV solar cell degradation,

one can plot the loss in maximum puwar to GBO as a function of

thickness for GaAs, InP, and silicon solar cells (figure

4). _ data can then be used to determine array sizes using
various cell types and shielding thicknesses.

Array Technolouies - Two basic array configuraticms were
included in this analysis: planar and _tcr. Planar

silicon arrays have been used for aver 30 years. The current

in planar arrays is tawazd thinner cells on lightweight

substrates such as Kapton (to be used on Space Station

_). NASA is funding an effort to optimize lightweight

arrays _ the Advanced Photovoltaic Solar Array (APSA)

prog--z_m. The work is being dane by TR_ through JPL. _he goals

of the program include achieving an array specific puw_r of
greater than 130 W/kg (BOL) for array sizes in the 10 to 25 MW

_. Since this design is the most advanced of any planar
array design, it %_s decided to use the APSA design as the

baseline for the SEP array with the following assumpticr_: i)
the specific power of the APSA array is constant to

multi-megawatt levels, 2) different cells can replace the

current baseline 2.5 rail silicon cells with the proper d%anges
in cell efficiency and weight, and 3) extra shielding bey_ the
2 mils pruvided by APSA on both front and back sides can be

added with the _ weight additicms. _here is prc_ably a

Zimit to how  hielding be with=   nging
array _. Using these _ions, the APSA array can be

configured with any cell type and with additianal shielding for
the trip through the radiation belts.



_%ere is no space flight experienoe for ccr_entrator arrays.

Several arrays are being designed for military purposes such as

the _ _ array, but they w_uld be too heavydue to

survivability requirGmmmts. NASA Lewis has a SBIR contract with
ENTECH to develop designs for lightweight, high efficiency

cmx_mtrator _. These _ use dumed fresnal lenses

with high optical _ (greater than 90%) and lightweight
structures. Currently, materials are being selected that will

enhance the array's stability in a space envY.

Cell Technoloqies - There are several different cell types which

could be used for the SEP array. Since the lead time for final

selection is probably about I0 years, many research cells are
available. Brief d/scussicns of several cell types follow:

Sinqle Crystal silicon - These cells have been used almost

exclusively in the United States space program for the last 30

years. Their size has grown to the 8x8 am cell to be used cn

Space Station Freedam (SSF). silicon cells have an efficiency

up to 13.5% at the expected operating temperatures of the SEP

array, since other cell types have higher efficiencies and
better radiation resistance, the silicon cells were not

considered further.

Amorphous Silicon - These are thin film cells with low

efficiencies (under 10%). They are lightweight, however, due to

their t2drmess (less than a rail). Amorphous silicon cells have
been used in terrestrial markets for several years. Scme

preliminary data indicates that amorphous silicon cells may be
radiation resistant. This, coupled with low mass, makes them

good candidates for missions where area is not a factor. For
the SEP array assembled in IBO, they cannot be considered due to

their low efficiency resulting in atmcepheric drag.

Gallium Arsenide - Gallium Arsenide (GaAs) is a III-V cell with

a bandgap near the optimum for sunlight ccmversicn. Hence, its

cry-sun efficiency can be near 20%. For the SEP array, a

conservative assumption was made of 18% efficiency at

temperature for production line cells. _ is about the

highest efficiency for single-junction cells. GaAs is also

slightly more radiation resistant than silicon (see figure 4).

A major disadvantage to a GaAs SEP array is its mass. GaAs

weighs twice as much as silicon, and GaAs cannot be thinned to
2.5 mils like silicon because it is too brittle. Current GaAs

cells can be no thinner than 8 mils. A very pramising solution

to the mass problem is to grow the active GaAs cell layers

(which are less than 1 mil) on 3 mil _um substrates,

cutting the cell mass by half. _ tedmology is in the

development stage under an Air Force manufacturing technology

program. Currently, GaAs cells are the power source for a few

military missions about to be flown.

For the SEP mission, GaAs on germanium (GaAs/Ge) is a viable

candidate for both planar and concentrator options, late in the

analysis it was shown that GaAs/Ge, albeit a viable choice, was



not cumpetitive with other oell _logies. _herefore, a

GaA/Ge SEP array is not among the final selected cell

technologies. The same performance paramstars were assumed for

GaAs/Ge as for 8 mil GaAs.

[_nd/um Phosmhide - Indium Phosphide (InP) is also a III-V cell

with high efficiency (17% for production line cells). _he main

advantage of ImP is its high radiation resistance. NASA is

_seard_u_ the InP radiation resistance. _ work includes

both electron and protmn damage at a variety of energy levels,

the potential for illuminated annealing, and the applicability

of InP cells to concentrator arrays. Currently, InP substrates

are expensive, and for this study, InP cells are asmmed to be

grown on other substrates such as silicon, currently the subject
of a NASA cuntract. Due to its radiation resistance and fairly

high efficiency, InP was selected for study as a prime candidate
for the SEP mission.

III-V M_itiiuncticn Cells - M-itijunction cells use the solar

spectrum more effectively by having different spectral
_o_d by different_ c_ls. The hi_er baneg_ o_i is
placed above the lower bandgap cell. _he short wavel_ light

is therefore absorbed in the upper cell with the longer

wavelength light passing through to the lower cell. The major

advantage is much higher efficiency, with performance levels of

between 25 and 30 peruent possible. _he two junctions may be

series connected with requ/red matching currents or mechanically

stacked with separate wiring harnesses. In either case, there

are potential problem areas which are the subject of current
work.

power Generation Systems - The two array and two cell

technologies selected ware combined into four power generation

systems. Radiation damage factors were calculated for each of

these syst_s. This factor, along with a power processing
efficiency, was then used to scale the power systems to the mass
and area required to a_ieve 5 _e after radiation d_9-adation
(figure 5). _he level to _hich each system is oversized can be
seen in figure 6. The InP conuentrator array power system is

the least oversized, but with a mass of over i00 Mr, its power

system specific mass %_s the greatest at just over 20 kg/k9_

(evaluated at the asmam_ 5 P_e at 1 A. U. level). The power

system that exhibited the least power system mass, area, and

specific mass was the multijunction concentrator array

Processir_ - To meet the 2000 Vdc _ required by the

_, the array blanket circuits could be ccrmected to

provide that voltaqe _y, thus eliminating the need for

processing. There are two problems with this technique,

however. _he first problem is that engine throttling would not

be possible. To maintain constant Isp, the input voltage must

vary. _ cannot be done without a power processing unit. _he

sso_ problem is that solar arrays ganerating high voltage
current may very well experience arcing in the charged plam_ of



the Van Allen belts. Arcing could damage the cells and

c_try of the array blankets, possibly causing total failure

of the array wing.

To eliminate these problems, a power processing unit (P_J) is

necessary. One possible P_J is reprsserfced in figure 7. This
PPJ first ccnvexTs low voltage dc current to low voltage ac

current. _ ac current is then transformed to high voltage,

high frequency ac current whiQh is then _ back to dc

current, now at 2000 Vdc, available for use by the thrusters.
An overall PPJ efficiency of 90% and a specific mass of 3.3

kg/M_e (including the PPJ heat rejection system) was assumed.

The _ mass is a significant fraction of the entire power

system mass (figure 8). For the four power systems considered
for the SEP vehicle the P_J masses range frum just under 20 Mr

for the InP concentrator array to just over 30 Mr for the

multijuction planar array. These masses are 20 to 35 percent of

the total puwer system mass, respectively. For the light weight

m_itijuction ocncentrator array, the PPJ contributes over 41

percent of the 61 MT power system mass, while the array
contributes 45.5 percent, the remainder ccmsisting of the

_ and masts.

Vehicle Desiqn - Figure 9 depicts a possible ocnfiguration for a
SEP ve_icle. _he octagunal array area is cumposed of eight

key_ split blanket arrays on eight radial masts. Two
thrusters are on the extended ends of each of the masts for a

total of 16 thrusters (the number required for the cry-way trip

to Mars). The argon propellant tanks and 400 Mr payload would

be positioned in the center.

The octagonal shape provides redu_ and a relatively short

distance for power and distribution (PMAD) and for the

propellant feed lines. By positioning the thrusters at the end
of mast extensions, they are spaced apart, increasing

reliability. A severed propellant line or mast frum a meteoroid

impact could take at most two thrusters cut of service in this

configuration. Clustering thrusters, on the other hand, leads

to the possibility of the entire cluster being disabled. _%e

octagonal shape also provides _ and a logical structural

framewDrk for the split blanket arrays.

The SEP vehicle mast design is the two-wing center mast design

used for both the Space Station Freedum and APSA designs. The

main diff_ between their designs and that of the SEP

vehicle is that the SEP vehicle design is much larger, and the

top cross member is longer than the buttum cross member
(ncn-r_ar blankets). It does not appear that either of

these differences will present cumplications, although the

design of the cross members and bourn prc_3bly will differ (e.g.,
continuous beams for the APSA versus post tensioned truss

structures for the SEP vehicle) frum the previous designs

because of the large dimensicmal dissimilarities. It presently

is not clear exactly how the structural oc_p_cs will look but



it is expected that the mast and boom cross secticmal areas will
increase and the other cumpanemts may remain relatively similar

in cumpariscm to the smaller Spaoe Station design. The overall

design will probably be ccr_Txained by a lower stiffness limit

(e.g., 0.01 Hz) and a ¢_mand to withstand a maximum acceleraticm

level (e.g., 0.i g). For a structure of this large size, post

tensioned guide wires possibly could be used for providing
stiffness and a means for vibration suppression. Cables also

may be used to minimize the blanket substrate thickness (and
_) by _i_ing _ _te f_ having to _ all o_ the
blanket tension loading. In the future, a study should be made

to investigate the t/-ade-off between mast length, weight, and

_ re_i_mm_s.

M_on Performance Analysis - _he mission was analyzed using
CHEBYOPT, a trajectory program which optimizes thruster

steering, switching points, and launch/arrival dates to minimize

the propellant required to accamplish the mission. _he specific

mass of the power _ was varied parametrically to obtain

figure i0. _ graph shows the effect specific mass has on
initial mass in LED for various trip times. Analytic spirals

used for the escape and capture porticr_ of the trip.

method did not include shadowing effects, nor the effect of

degradation due to radiation damage. The overall trip times

were altered by introducing coasting periods of varying
durations.

The effect of degradation due to the radiation damage was

analyzed separately. Spiral escape trajectories were generated
and used in ccnjuncticm with a detailed radiation model to

ascertain the level of cell degradation. _ information was
used to oversize the arrays to alluw for a final power level of

5 MWe. _ power level %_s then used to develop the final

results. A cumputer code developed at the Lewis Advanced Space

Analysis Office w-as used to generate the escape trajectory and

was verified using the more detailed geocentric trajectory

program, SECESPOT.

_he vertical lines in figure i0 represent the four power systems

examined. _ figure indicates that a SEP vehicle using

multijunction concentrator arrays could be designed to reach
Mars in i000 days with a total vehicle initial m_ss in low earth

orbit (IMIBO) of 650 Mr (60% payload fraction). By following an

all propulsive trajectory, this same vehicle could reach Mars in

870 days with a mass penalty of 30 Mr.

0bserv_tions and Implications - Atmospheric drag and Van Allen

belt radiation present challenges to assembly and launch of SEP

systems at LED. Figure ii shows preliminary estimates of the
time it could take for a SEP vehicle to descend from 400 km to

I00 km orbital altitude assuming no orbit raising thrust

capability. TWo decay times are shown for each viable

system identified above. The worst case decay time is

calculated assuming that the plane of the vehicle arrays is

perpendicular to the direction of motion through the



a_. _he best case decay time assumes _ drag, that

is, the plane of the arrays is parallel to the direction of

motion. For the ImP planar array system, the SEP vehicle could

descend to a 100 km altitude in as few as 14 days, assuming the

worst case condition. With feathering of the arTays, the

vehicle could have hundreds of days without thrust before

_he other problem with launch from LED is that the vehicle will

have to go through the Van Allen belts. _he degradation of the

cells and therefore the power out_ due to radiation damage

requires that the arrays be oversized to cumpensate for the

loss and extra shielding mass (i.e., thicker coverglasses)

be added. For the four systems e>mmined, the power systems ware

oversized 18 to 82 percent, increasing both the mass and array
area.

If the SEP vehicle were assembled and launched from GEO, both of
the difficulties above would be eliminated. _bere would be no

atm_ic drag problem lengthening total trip time to Mars.

Nor would there be the magnitude of radiation damage incident

upon the arTays from GBO to Mars as there would be frum LEO to

GID. This alone could reduce the power system mass and area

from 6 to 36 percent compared to beginning at LB0. _he

difficulty is that transportation to G_0 is necessary.

Conclusion - A preliminary characterization of an unmanned solar

electric propulsion cargo vehicle was made. Solar l_xM:ovoltaic

cell and array technologies were evaluated on the basis of
maximum radiation tolerance and minimum mass and area. The two

cell technologies selected for further st_ were indium

_de and lll-V multijunction solar cells. The two array

_logies selected for further study _ the APSA planar

array and the _fSCH concentrator array. Of the four power

generation systems created by the cumbination of the above

technologies, the multijuncticn ccncemtrator system had the

least mass, area, and power specific mass.

Mission analysis was performed calculating trip times to Mars.

Trip times through the radiation belts %_.re also calculated to

determine the radiation damage used in the power systems

analysis. From the mission analysis, total trip times to Mars

should fall in the range of 870 to I000 days with a
corresponding initial mass in low earth orbit of 680 to 650
metric tcnnes.
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ObSective: The objective of this study was to identify the

issues and ramifications of human proximity to nuclear systems,

in the context of space exploration and its natural radiation

hazards. The scope was the entire spectrum of human presence

across a complete range of man-made nuclear sources.

Conclusions: We have reached the conclusion that humans can

safely function in every nuclear situation examined, provided

that sensible safety measures are taken. Further, these safety

measures are reasonably achieved for all cases of current

interest in the exploration of the Moon and Mars. In many

cases, the natural radiation hazards appear more menacing than

do the man-made hazards, yet both demand the utmost respect.

Rather than being part of the radiation problem, nuclear systems

can be an important part of systems oriented solutions to

overall human radiation issues.

The Radiation Hazards: Space is far from empty. It abounds

with energetic particles. These natural nuclear radiations span

an enormous range of energies and number densities. Man-made

radiation hazards to astronauts are put in their most accurate

perspective by examining them in their number-energy context as

done in the first figure, Space Radiation Environment. The

natural environments have been plotted by Drs. Townsend and
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Wilson of Langley Research Center (reference 1), while the

reactor curves (labeled "25 MWth NEP @ 50 m") were computed

from General Electric data to represent a nuclear electric

vehicle (NEP) which uses a ten scale SP-100 class reactor.

This figure can help us understand many things. The worst

problems would be in the upper right, very high fluxes of very

energetic particles. Fortunately, such radiation does not exist

within our solar system. The highest energy nuclei, that is the

galactic cosmic rays (GCR), are extremely penetrating and

present the most difficult shielding problems. As the cosmic

rays interact with the spacecraft, they create copious secondary

radiations which also cause great biological concern.

It can also be observed in this figure that the inner belt of

trapped protons is worse than a continuous bombardment of worst

case solar flare protons. Radiations in the lower right of the

figure are of no real concern for humans, since they can be

easily shielded. Reactors fall in the intermediate range, not

the toughest of our shielding challenges nor the easiest.

Some distinctions between the natural and reactor radiations are

noteworthy. Reactor neutrons and gammas are neutral, therefore

are more penetrating and require more shielding material than

equally energetic charged particles. But, reactor environments

are uniquely directional and are the only ones we are free to

adjust before shielding, by changing our distance from the

source. And finally, the gammas are less readily absorbed in

the human body than high energy charged particles and they do

relatively less biological damage per unit energy absorbed per

unit mass of tissue.

When radiations collide with matter, whether in a shield, in

equipment or in a person, they lose energy and create a variety

of secondary radiations. The orderliness shown in the figure is

replaced by a complexity of different radiations at a spread of

energies, each with different biological effectiveness factors.
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Natural and man-made radiations do increase in commonality,

however, as they go through matter. For example, GCR's unleash

many high energy neutrons and cause gamma events. Similarly,
the bremsstrahlung caused by trapped electrons are photons, just

lower in energy than the gamma rays from reactors. These

observations suggest the useful idea that the optimum shielding

materials for nuclear reactors in space might also be useful for

decreasing the natural radiation hazards in space. It further

suggests that the optimum shielding location, even for nuclear

systems, might be near the crew where it will do multiple good,

rather than near the reactor.

Standards For Human Exposure: As biological research advances

and the human consequences of radiation are better understood,

the acceptable limits for human radiation exposure have gotten

more stringent and more specific. The National Council on

Radiation Protection (NCRP) has proposed new standards shown in

Tables i.i and 1.2 (reference 2), which are expected to be

adopted by NASA. Career whole body dose limits protect against

cancer. They vary from 1.0 - 4.0 Sieverts (Sv), or i00 to 400

rem, being the most stringent for younger females. Cancer is a

stochastic effect, i.e. its probability is a function of dose.

Shorter term dose limits protect against nonstochastic effects,

i.e. effects for which the severity of damage is dose related,

and apply to astronauts of any age and gender. Since radiations

in the space environment are deeply penetrating, dose to the

bone marrow and blood forming organs is of most concern. The

NCRP limit for this dose is 50 rem annually, with an included

maximum of 25 rem in any 30 day period.

Table i.i Career Whole Body Dose Equivalent Limits Based on a
Lifetime Excess Risk of Cancer Mortality of 3 x i0 -_.

Age Female Male
(years) J_$_qla _Sv_ a

25 1.0 1.5

35 1.75 2.5

45 2.5 3.2

55 3.0 4.0
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Table 1.2 Short Term Dose Equivalent Limits and Career Limits
for Protection Against Nonstochastic Effects (Sv) a.

Time Period BF___QOb Lens of the Eye Ski_

30 day 0.25 1.0 1.5
Annual 0.5 2.0 3.0

Career See Table i.i 4.0 6.0

a 1 Sv = I00 rem.

b Blood forming organs. Denotes dose at a depth of 5 cm.

To develop usable benchmarks for problem identification, we

combined these NCRP monthly and annual limits with the expected

background radiation at Space Station Freedom (SSF) orbits where

much activity could take place. The worst case (WC) radiation

background is about five (5) rems/month, resulting from flying

at a constant 250 nm altitude during solar minimum. The best

case (BC) background dose is only one (i) rem/month, achieved by

following a constant drag philosophy throughout the solar cycle

(reference 3). The primary source of these doses are trapped

protons at the lower edge of the lower Van Allen belt.

We developed an upper benchmark by subtracting the worst case

backgrounds at SSF orbits from the NCRP limits. This yielded a

lower bound of available dose (LBAD) for either the short term

(-st) of anything less than 30 days, or the long term (-it) for

times up to a year. The LBAD is a limit of man-made dose we

could safely allow to astronauts. By exceeding the LBAD with

man-made sources, we would risk exceeding the NCRP limits for

total radiation. LBAD-st becomes 20 rem (25 rem/mo - 5 rem/mo)

for exposures from a brief instant up to a month. LBAD-It was

derived assuming an extended crew rotation of six months at the

SSF. LBAD-It becomes 20 rems (coincidentally) over the six

months (50 rem - 6 mo x 5 rem/mo), or about 3.3 rem/mo.

Our lower benchmark, one rem per exposure, is the same exposure

as one month's natural background (best case) at SSF. Doses

from man-made sources below this threshold become lost in the

total radiation received by even the best protected astronauts.

It makes little sense to reduce man-made radiation below this
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level at the cost of other mission risks or penalties.

The ALARA (As Low as Reasonably Achievable) principle is still

strongly advocated by the NCRP. Our benchmarks attempt to

define "reasonable" within a space operations context which

involves a high amount of natural radiation unparalleled in

terrestrial situations. Exceeding any LBAD dose would be

unreasonably permissive. Similarly, driving the man-made dose

below some low level can be unreasonably stringent, if it

imposes mission penalties. If no unreasonable penalties are

involved then of course man-made doses should be driven as near

to zero as possible. The specific values above apply only to

space operations in low earth orbit. For deep space astronauts

where background doses are even higher, the ALARA principle must

be applied to total radiation in each specific context. These

LBAD's are smaller, therefore our range of options is smaller.

We might envision each astronaut as having a radiation budget.

When it is exceeded he or she must return home. If the

background radiation is kept low through prudent operations or

with well protected habitation structures, then radiation is

hardly a factor in crew rotation. If the maximum SSF background

doses are allowed, then the combined radiations can impact crew

rotation. Sources causing an LBAD-lt dose would limit rotations

to six months, by definition. Any additional dose, such as

incurred by servicing a nuclear system, would further limit time

on orbit. In essence all radiation sources compete for the same

dose budget, and solutions should be directed at all sources

including natural radiation.

Man-made Sources Versus Human Presence: The table of results on

the next page summarizes the situation across the spectrum of

human nuclear issues. The dimensions of the problem are the

complete range of nuclear power (shown vertically) and the span

of increasing human presence (shown horizontally). Reactor

operating assumptions are designated in the corner of each box,

either as "O" for operating or "SD" for shut down.
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Only two of these circumstances are inherently radiation safe to

the operators without special precautions. These are ironically

at opposite ends of the power-presence spectrum, short term

involvement with radioisotopes and riding the very high power

nuclear thermal rockets (NTR). This is not to imply that safety

is automatic. Designers and fabricators must still assure that

such hardware is built to its full safety potential. In all

other situations, the operators must adhere to specific safety

guidelines. The "special concerns" backshading in the chart is

somewhat subjective, but it refers to situations which may

impose stricter design and operational constraints.

Radioisotopes: The radioisotope human interaction issues

can be understood with help from the figures on the next page.

Strict standards of cladding integrity (to withstand the rigors

of launch and reentry) assure that they can easily be handled

without radiation risk. The alpha and beta radiations from

these isotopes are completely shielded. However, low levels of

neutrons and gammas are also emitted and represent a potential

external radiation hazard. The plotted data for 5 kWth

radioisotope thermionic generators (RTG) units is derived from

dose rates from Normand, et al (reference 4).

Multiple RTG's within a few meters of people for several months

would constitute an operational concern. Long term storage or

use of RTG powered devices in or near an inhabited area could be

unacceptable. On interplanetary transports this imposes a

shielding or distance requirement if numerous RTG's are needed.

On the space station structure, however, a safe storage site

could be found 50 meters or more away, much further than would

be needed. Allowable quantities of RTG's and duration limits,

as shown in the figures, are based on commonly used Pu-238

isotope systems. We need different limits for other isotope

systems, or for Pu-238 with different amounts of impurities,

which have different neutron and gamma emission rates. Under

changed circumstances other isotopes may be considered, and they

may be more or less compatible with human presence.
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Power reactors: Power reactors of various sizes would be

extremely enabling on lunar or planetary surfaces, on space

transports or at orbital nodes (either attached or as free

flyers). As we shall see, there are a variety of very workable

options for shielding them.

Surface nuclear Dower: Small reactors for lunar and

planetary surfaces were investigated at NASA Lewis Research

Center in reference 5. Four shielding options were considered:

distance, earth-assembled shields, stacked lunar/planetary soil

and excavations. The primary reference dose rate was 5 rem/mo.

This 20% of the NCRP one month dose limit, apportioned to the

"controllable" man-made sources, was chosen in anticipation of a

preliminary NCRP guideline. (The NCRP later decided that it was

unwise to make any distinction with respect to dose source.)

This 5 rem/mo dose rate would not be unreasonable for short

missions, but would be too high for long missions. The results

show it will be easy to achieve much lower dose rates than this.

Shielding trades can be understood by comparing the alternatives

for a single reactor. A 500 kWth unshielded reactor can meet

the 5 rem/mo level at 5.6 km. This result will scale inversely

proportional to distance squared and approximately linearly with

power. If earth manufactured shadow shields are used, the

shield mass will depend on height and angle to be protected. At

only I00 m away, a mere 300 kg shield can protect an area 40 m

wide x 5 m high from this same reactor. But closer distances,

larger areas and lower doses quickly increase shield masses to a

few tonnes, a burden on launch capability. More lunar or

martian material is needed, by comparison, to give the same

benefit. A 5 m thickness of local materials would reduce this

same reactor's dose rate to the same 5 rem/mo level at the same

I00 m distance. Or, a 7 m thickness would give the same dose

rate directly adjacent to the shield. These modest amounts of

very available material should not be difficult to move into

place. But the simplest solution may be to dig a hole. A hole

merely one meter deep and two meters wide would give similar

protection only 7 meters away!
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Larger reactors of the SP-100 size (2.5 MWth) for lunar bases

were also considered by NASA Lewis personnel in reference 6.

Circular shields of a full 360 degrees were designed to meet the

same 5 rem/mo dose level for the same rationale. The shields

surround the reactor, but leave the power conversion hardware

and radiators outside where they can be serviced. The 5 rem/mo

dose rate, taken at the edge of the radiator nearest the

reactor, is comfortably consistent with a servicing philosophy.

Habitation would be at a greater distance with lesser dose.

The carefully engineered, earth manufactured, highly efficient,

layered shield of lithium hydride and tungsten is only 55 cm

thick, but has a mass of 22 tonnes. The 7 m thick indigenous

shield requires the movement and stacking of 870 tonnes of lunar

material. Both approaches are doable but have undesirable heat

losses between the reactor and the power conversion. In

comparison, the cylindrical hole, 4 m deep x 2 m wide, would

only require the removal of 45 tonnes of material. As distance

increases from the hole, not only would dose drop off as I/r 2

but increasing amounts of intervening material would greatly

attenuate dose even further.

Pivotal issues are excavation technology and the compatibility

of reactors with lunar and planetary excavations. These are

engineering issues with human implications. Operating reactors

in excavations involves special thermal design and the handling

of backscatter neutrons. The heavier elements in the lunar

regolith will reflect (scatter) neutrons back to the reactor and

change its criticality and control. On Mars, neutron scatter

would occur, but the variable presence of water permafrost would

also moderate the neutron energies in a less predictable way.

These moderated neutrons are more likely to affect criticality.

The Lewis study selected a boral (boron carbide strengthened by

aluminum sheets) bulkhead to act as a neutron absorber, as well

as to prevent lunar dirt and dust from falling onto the reactor.

A supporting trade-off study (reference 7) had found this side
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and bottom bulkhead would also reduce the amount of neutrons

emerging from the top of the hole. This same study had also

quantified the benefits of making the hole relatively deep and

narrow. The effectiveness of this bulkhead for criticality

control and the best means of heat rejection in such a tight

volume are still subject to detailed engineering verification.

In contrast to the Lewis concept, a University of Washington

study group adopted a drastically different approach to deal

with neutron backscatter from lunar materials (reference 8). To

insure their 10 MWth reactor would operate both in space and

on the lunar surface without changes to the control mechanism,

they raised the entire reactor above the lunar surface and

shielded it from below. This required a 15 m tall support tower

and increased the radiation in the vicinity of the reactor. To

use natural material to reduce radiation at greater distances,

they required the system to be placed in a deep, preferably

wide, existing crater. Their fifty tonne, minimally shielded

system devotes about a third of its mass to shields and

structure, even if an ideal crater can be found.

In summary, surface nuclear power can be safely implemented in a

human environment. Even unshielded reactors are safe if large

keep out zones are enforced. Earth manufactured shields to

protect small areas are light. They become less economic if

larger safe zones and/or shorter power transfer distances are

desired. Indigenous material can make good shields. As soon as

reactor-hole compatibility and hole construction issues are

solved, excavations will be by far the best way of using this

native material. Both near vicinity habitation and human

servicing of the power system will become viable without reactor

radiation being an issue. If reactors are placed on the

surface, then earth delivered masses will be greater and/or keep

out zones will be larger. If reactors are raised above the

surface, then delivered masses will be even larger and

maintenance much more restricted. But in all cases, nuclear

power will still be an extraterrestrial energy bargain.
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Collocated orbital nuclear Dower: Three nuclear

power options for growth space station were considered in

reference 9: an 8 MWth reactor on a 60 m boom extension, a

similar reactor on a 2 km conductive tether and two 4 MWth

reactors on i00 m boom extensions. Each would deliver 300 kW e

of electrical power even at low conversion efficiencies. With

dynamic conversion they could deliver several megawatts. For

each configuration dosages were computed for a mix of human

activity: in the station, during extravehicular activities (EVA)

and in the Shuttle during approach, docking and departure.

Conservative (pessimistic) assumptions were made regarding EVA

and flight activities. Ballast masses needed for the tether and

single reactor concepts were postulated to be spare reactors, so

redundancy was available in all concepts. Disposal options for

the spent reactors were also included in the trades.

The design point for the tether length was taken where the dose

from its instrument shield was equivalent to that from the other

"man-rated" shields. The shield is less than 20% of the mass of

the tether system. The hard boom concepts required shield

masses on the order of 75% of the total mass.

The assessment confirmed the feasibility of installing,

operating and disposing of all three concepts. The shielding

and other hardware required to keep total reactor-attributable

dose rates to a very safe 5 rem per three month period (one SSF

crew rotation) was reasonable in each case, despite the fact

that the reactor(s) are relatively large. _uclear power can

indeed be made human compatible oD an orbital vehicle. It does

place specific constraints on proximate operations, but these

constraints do not seem to have any adverse effects.

Of the three options, the tethered mount was by far the most

mass efficient. At 21 t, it was less than half the mass of the

dual boom concept (45.3 t) and not even a third the mass of the

single boom concept (69.1 t). Additionally, it has three to

four times less disposable mass, only 10.5 t, which simplifies
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the disposal of the spent reactor to any final destination.

These dramatic mass benefits are the result of trading

relatively heavy shielding for a small, instrument-rated shield

and a light, long tether. The tether concept may also optimize

even more favorably with a longer tether.

Radiation effects clearly do not preclude the use of nuclear

power on inhabited orbital facilities. The overall feasibility

of such power systems probably depends on other issues, such as

the dynamics of long tethers or booms in interaction with

station maneuvers. This study found it was easy to implement a

case where the reactor dose was only one third of the relatively

low background dose in low earth orbit. If a nuclear powered

orbital facility were envisioned in lunar or martian space, the

habitat would need to be shielded much more thoroughly from

natural radiation. Hence, reactor dose would become even

smaller, both absolutely and relatively.

Free flyer nuclear Dower: If a reactor collocated on

an inhabited orbital facility is a viable option, then clearly a

reactor on an uninhabited free flyer also gives acceptably low

radiation to occupants of a neighboring space station. To get

an idea of worst case constraints, we examined the radiation

from a bare SP-100 reactor operating continuously at 2.4 MWth

near a space station. The two figures on the next page, based

on source data from General Electric, show our results.

Can this free flying facility be safely visited by an EVA

astronaut without shutting down the reactor? Yes, if the EVA

takes place within the shadow of the instrument shield. The "4

Hour EVA: ..." figure shows that if the astronaut stays 50 m or

further from the reactor he or she is within the NCRP limits.

At 100 to 200 m, the dose received is only the equivalent of

another month's background dose of living on the station.

Since it is not really desirable to approach the NCRP limits

without good reason, is an additional shield warranted?
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Probably not a dedicated shield. Any real platform will have

substantial mass. If it is a water electrolysis platform, for

example, the hydrogen and oxygen are terrific neutron shields.

The best solution is to let the inherent platform mass be the

man-rated shield. This solution must, of course, be implemented

on a case by case basis.

When does the free flyer pose a radiation hazard to its space

station neighbors? We calculated the case in which it is not

practical to keep the shadow of the instrument shield oriented

toward the space station. The "6 Month Dose: ..." figure shows

our results. A 50 km separation is required to meet the very

restrictive long term LBAD. A i00 km separation is needed

before the dose is as comfortably low as background dose.

These distances seem further than desirable, and at least three

shielding solutions come to mind. Perhaps the free flyer should

be designed to keep the shadow of the instrument shield oriented

toward SSF. This would require a stable platform in a matched

orbit directly leading or lagging the SSF. Or, a modest four pi

shield could be used. Of course, this shield would be much

lighter than for the attached reactor, since it is at a further

distance. Or, perhaps best solution is still to shield with

normal platform mass. Again, real solutions are case specific.

Nuclear vehicles: The largest reactors in space will be

used to power and propel the lunar and planetary vehicles of the

world leaders in space exploration. Do these vehicles pose a

radiation hazard to people on a space station as they depart?

Is radiation an issue to people riding these vehicles? When the

vehicles return, do their hot shutdown reactors prevent them

from being serviced? Are these shutdown reactors a radiation

problem to their neighbors? These are the crucial questions

addressed in this section.

For the original work in this study, two nuclear vehicles were

defined and were later tailored to be consistent with other

16



studies being done for NASA's Office of Exploration. The first

vehicle was a two stage nuclear thermal personnel carrier. The

first stage uses a 5000 MWth Phoebus class engine, which is

jettisoned after trans Mars insertion (TMI). The second stage

uses a 1575 MWth NERVA class engine. The other vehicle is a

nuclear electric cargo vehicle which makes a round trip to

Mars. It uses a ten scale SP-100 type reactor at 25 MWth.

With a 20% efficient dynamic conversion system it produces

5 MW e to operate ion engines. This produces very low thrust

at very good specific impulse. Mission details will be

elaborated later as needed. Unless noted otherwise, all

quantitative results refer to these vehicles.

DeDartinq vehicles: The two figures on the next page

summarize the radiation exposure to SSF personnel as either

vehicle would depart from the vicinity of the SSF under a

variety of conditions. These results show that there are both

smart ways and dumb, hazardous ways to execute these launches.

The NTR personnel vehicle uses a huge reactor and provides

little shielding in a broad radial direction from the engine.

The vacuum of space gives no protection either. We assumed

conservatively that the line of sight to SSF was never quite

sufficiently aligned to benefit from any vehicle shielding nor

from any SSF self shielding. For maximum performance, this

rocket aligns itself with, and thrusts along, its orbital

velocity vector. If it starts behind the SSF, or any other

orbiting node, it quickly flies by the node in a near miss.

Radiation, collision risk and exhaust impingement are all

potential problems. Launching from less than 20 km back, the

radiation is clearly unacceptable, even if the trajectory were

perfect. It could also be intolerable for a launch from much

further back, if the trajectory were low.

The smart way to launch the NTR is with the rocket ahead of the

SSF, shown by the "SSF lagging NTR" curve. Even though the

exhaust goes towards the SSF and there is no shielding from the
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22.5 Min Cumulative Dose: Dose vs. Separation Distance at Launch
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vehicle, the separation is quickand continually increasing.

Still, our initial separation distance must be wisely chosen

from the lower curve in the graph. Eight (8) kilometers is

barely tolerable, 20 km is okay, and 50 or 60 km is preferable.

The ALARA principle can be implemented by launching the NTR with

a lead of 60 km or greater ahead of the space station.

By contrast, the NEP cargo vehicle behaves quite differently and

the smart launch strategy for it is just the opposite. The

reactor is not nearly so large and it by no means zooms away.

The low thrust causes a very gradual rise in the NEP vehicle's

orbit. The higher orbit has a longer period, so it rises above

and lags increasingly behind its original undisturbed position.

If the SSF were initially lagging the NEP, the NEP would make a

slow close pass over the SSF. Clearly, we must again assume

unfavorable alignments and that we are afforded no free

protection from either the vehicle or from the instrument-rated

shadow shield. The distance of closest approach, and hence the

dose, would depend only mildly on the starting separation.

The smart way to launch the NEP cargo vehicle is with the SSF

leading the NEP. This way the separation is always slowly

increasing in the early time. By the time the NEP loses a full

period and passes overhead a few days later, the altitude

separation is sufficient to trivialize the dose. Though we

looked at ten days exposure, most of the dose from a smart NEP

launch is received in the first few hours. Less than 2 km

initial separation gives unacceptable radiation, 5 km is okay,

and 15 km makes the dose to SSF personnel trivial. The ALARA

principle can be implemented by launching the NEP with a lag of

15 km or greater behind the space station.

Riding nuclear vehicles: The radiation issues, with

respect to passengers on board nuclear vehicles, are as

different between NTR and NEP as they were in the node

situations. The NTR burns at very high power for brief periods

only minutes long, while the NEP operates continuously for many

19



months, but at much lower powers. Most NTR's were originally

defined as personnel vehicles, so an unsafe radiation dose is

merely the result of a poor specific design. Our NEP was a

cargo vehicle, so if it were adequately shielded for people it

would probably be overweight as a cargo ship. Both vehicles, of

course, can be designed in either personnel or cargo versions.

A well designed NTR personnel vehicle is safe to ride without

any operator precautions, by definition. The built-in shields,

tanks, propellant and its inherent length protect the crew.

Three candidate configurations for the two stage NTR are shown

on the next page. The table below shows the radiation doses

from the NTR itself received by crew members at the specified

dose points for each maneuver in a round trip to Mars. NASA

Lewis personnel calculated the burn times and propellant

requirements for selected Mars missions in the 1989 OEXP case

studies. Idaho National Engineering Laboratory personnel used

this information to define candidate configurations and to

calculate the crew doses (reference 10).

Table 3. Mars Crew Doses from Nuclear Thermal Rockets.

Vehicle

confiuuration

Single stage MOC/TEI

Staged MOC tanks

All propulsive

Trajectory Dose (rem)

class @TMI @TMI* @MOC @TEI @EOC

Sprint <0.001 <0.01 0.03 1.0 **

Sprint <0.001 <0.01 0.02 9.4 **

Opposition <0.001 0.01 0.26 0.04 1.3

* Dose with disk shield removed from TMI engine.
** These configurations used an aerobrake rather than a nuclear

engine for EOC.

The sprint mission is launched in September 2002, with Mars

arrival in June 2003. After only a month's stay, TEI is in July

2003 and Earth return is in January 2004 for a 491 day round

trip. The opposition mission launches in May 2004, arrives at

Mars in April 2005 and, after a stay of up to 100 days, arrives

back at Earth in December 2005. The round trip is 593 days.

The burn history for the last mission will be specified later.
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Observe that only one NTR configuration gave a significant dose,

and then only for one maneuver. The MOC tanks, which had been

shed after the MOC burn, were really needed to shield the crew

during the TEI burn. Although this ten rem dose may be

tolerable, it is not reasonable in accord with the ALARA

principle. Such an NTR configuration should not be selected.

This case also shows how crucial the mass of the vehicle and the

vehicle design are to overall NTR shielding.

Compare the trivial doses from the large TMI engines on the NTR

to any natural dose in the space environment. Comparison shows

that the disk shield on this stage is a needless weight penalty

as far as humans are concerned. The people would be better off

if the shield were traded for additional payload. Whether or

not a disk shield is needed is only a propulsion system trade,

since it does help protect the hydrogen propellant.

Do not be comforted by the "zero" doses at earth capture using

aerobrakes. They only reflect the fact that there is no nuclear

engine to give a man-made dose. The aerobraking maneuver may

well deliver the crew into the Van Allen belts where they could

indeed receive a substantial dose. The actual dose will always

be very case specific. But in general, the propulsive braking

is more flexible, can be performed above the Van Allen belts,

and does not involve nearly so much radiation risk. The one rem

from the rocket is a small price to pay to avoid the risk of

many rem from Mother Nature.

What protection is needed to create a personnel version of the

NEP vehicle? There are two approaches to protecting the crew,

distance or shielding. Since forces are small, long tethers

(more like fishing line than cable) can conceivably give us all

the distance we need at very little mass. The dynamics of this

approach need investigation. We have not quantified the shield

mass needed to augment our cargo vehicle to make it into a

personnel carrier of a more conventional rigid boom design. But

based on size considerations, it should be less than for an NEP
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manned vehicle defined by Los Alamos National Laboratory (LANL)

in reference ii.

LANL's NEP vehicle was based on an in-core thermionic converter

giving 11% conversion efficiency. Their 10 MW e unit would

need a reactor nearly four times as large (in thermal power) as

our 25 MWth cargo NEP. The shield for this reactor on a 50 m

boom is only 13.3 t more for the manned version than for the

unmanned. LANL's 10 rem/yr might be considered a little high,

but an increase in boom length can reduce this easily. Between

ten and twenty tonnes of additional shielding should convert

most any cargo NEP of rigid boom design into a personnel

vehicle. The more valuable trades, however, are related to the

radiation balance between the reactor and natural sources. We

may be able to get even more natural radiation protection from

this same mass investment in shielding and boom.

Returninq nuclear vehicles: Before reactors are

started, they present no radiation risk at all. When nuclear

vehicles arrive at or return to a human occupied facility, the

risk is related to the total power produced and operational time

history. We used the histories shown in Table 4 and 5. Our

vehicles each completed a round trip to Mars and arrived back at

space station. The first stage of the NTR had been jettisoned,

so it was not a factor. A dual mode NTR was also considered in

which the upper stage reactor also generated mission electrical

power, since this could affect shut down radiation rates.

Table 4.

Mission phase

Coast to Mars

Mars orbital capture

Mars operations

Trans Earth insertion

Coast to Earth

Earth orbital capture
Earth orbital arrival

Mission Profile for NTR Personnel Vehicle.

Power (MWth) Power (MWth)
Duration _propu_sion-onlv_ _Dual mode)

286 days 0.0 0.2

40 min 1575. 1575.

30 days 0.0 0.4

35 min 1575. 1575.

170 days 0.0 0.2

23 min 1575. 1575.

variable 0.0 0.0
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Table 5. Mission Profile for NEP Cargo Vehicle.

Mission phase Duration (days)

Earth spiral out from 450 km 443

Power (MWth I

25

Heliocentric trip to Mars
Thrust 253 25

Coast 162 0.2

Thrust 85 25

86 25

150 0.4

39 25

Mars spiral in

Mars operations

Mars spiral out

Heliocentric trip to Earth
Thrust 74 25

Coast 211 0.2

Thrust 68 25

239 25

variable 0.0
Earth spiral in to 450 km
Earth orbit arrival

Servicinu returned nuclear vehicles: When a

vehicle arrives at some adequate distance from a human occupied

facility, the reactor is completely shut down. The neutron

radiation stops quickly, leaving the gammas as the only escaping

radiation from the fission product buildup. After a variable

cooldown time, the vehicle can be visited by astronauts for

unloading or service. The four figures on the next two pages

show the results of this trade-off.

The NTR has a large buildup of fresh fission products from its

recent capture burn. The NEP does not have this recent buildup

of short lived radionuclides. They have mostly decayed away.

But it does have a larger inventory of long lived fission

products. The perspective of an EVA visitor is shown in the

next figure. The NTR is a stronger source of radiation for the

first ten days. Both sources weaken with time, and beyond ten

days the NTR has dropped in strength to even less than the NEP.

There is no doubt that if the NTR is safe for the crew on board,

it is also safe for extended visits by other astronauts so long

as they stay within the shadows of the dome and disk shields
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1.0

0.8

Gamma 0.6
Dose
Rate

(Sv/sec) 0.4

0.2

0.0 I I I I I I

0 5 10 15 20 25 30

Time after Shutdown (days)

4 Hour EVA: Dose vs. Shutdown Time for Variable Separation Distance
Shutdown NTR Reactor, Outside Shield, Reactor-Only Source Term

10 3

10 2

101

i0°

10"1

10 -2

10 -3

I I ! I |

- 50m

_. 100m

: 200m

I..BAD-st

............ 1 Mo.Nat.@SSF (WC)

'-- "= --' 1 Mo.Nat.@SSF (BC)

0 60 120 180 240 300 360

Shutdown Time (days)



4 Hour EVA: Dose vs. Shutdown Time for Variable Separation Distance
Shutdown NEP Reactor, Inside Shadow Shield, Reactor-Only Source Term
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built into the engine.

side of the reactor.

Their flyby approach should avoid the

Should humans service the NTR vehicle outside of the shield

shadows, they must observe cooldown times (as shown) of a few

days to many months. Wait time depends on the proximity of

approach and the dose they would be willing to receive.

The NEP cargo vehicle gives similar results. It is not obvious

that the NEP is safe to service. But, behind the shadow of the

instrument shield, the results show that an EVA visit is safe at

any distance over 50 m from the reactor by any dose criteria,

even immediately after shutdown. Outside the shadow, however,

the cooldown wait is from days to a year, depending again on the

proximity and tolerable dose criteria.

If these waiting times and approach restrictions are not

reasonable, a portable shield of some sort could be employed to

protect service personnel in these areas. Some very preliminary

estimates suggest that an aluminum shield 17.5 cm thick or a

tungsten shield 2.4 cm thick would give adequate protection some

ten days after shutdown.

Parked nuclea_ vehicles: After an appropriate

cooldown, the nuclear vehicle can be moved to a closer, more

convenient parking distance relative to the inhabited site. The

next six figures on the following pages give these parking

trade-offs. Parking periods begin after the cooldown times

indicated on the graphs. Unless otherwise stated, parking

periods are taken as 30 days. All parked dose calculations are

based on no incidental shielding from the vehicle structure.

A brief dynamic analysis revealed that fortuitous shielding

would be very unlikely.

The first two graphs show the 30 day doses. Note the hard to

discern points on the y axis of the NTR graph. If the NTR is

parked at 5 km immediately after shutdown it gives the LBAD-st
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30 Day Parking: Dose vs. Shutdown Time for Variable Separation Distance
Shutdown NTR Reactor, Outside Shield, Reactor-Only Source Term
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dose in 30 days. This is a result of the recent capture burn

discussed earlier. In contrast, the NEP vehicle is an

acceptable neighbor at this distance right away. But after only

a day or so, the NTR is a more compatible neighbor. Because of

the 30 day integration, the NTR and the NEP are equivalent for

month long parking periods starting the second day.

The third and fourth figures show these same results in a

different form. They define the parking restriction as a

function of shutdown time and dose limiting criteria. Except

for the first day concerns about the NTR, the radiation-related

parking restrictions are quite modest. Perhaps they may be less

restrictive than collision avoidance criteria.

The fifth figure in the parking sequence compares distance

requirements for the single and dual mode NTR's with the NEP.

The fresh-burn NTR peaks on the y-axis are discernible,

reminding us to keep these vehicles at a greater distance the

first two days. After this the NEP needs the most space because

it had accumulated 32,310 MWth-days of use delivering its

massive cargo. By comparison, the dual mode NTR had only 210

MWth-days on its second stage engine and the single mode

reactor had less. The dual mode vehicle needs a little more

room than the single mode vehicle. But all three vehicles can

be parked nearby quite safely. A similar trend would have been

observed if a dose criterion more stringent than the LBAD had

been chosen, but the actual parking distances would be larger.

The final figure extends parking duration for the NTR to six

months, rather than 30 days. At 5 km or greater, radiation from

the shut down reactors is never a long term issue. For the

first couple days after shutdown, however, the short term recent

burn issue remains. If, for some unexplained reason, we should

wish to park a returned NTR vehicle for six months only 1 km

away, then we must wait until it has cooled down for five

months. Note that worst case long term background is never a

plausible criterion, since it is worse than the LBAD-It.
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The relationship of six month to one month parking restrictions,

for both vehicles, can be seen by looking back to the third and

fourth figures in the set. LBAD-lt is the tighter LBAD. But in

low earth orbit, background equivalent dose rates are more

restrictive than LBAD's. And after long shutdown times, the one

month and six month background criteria are virtually the same.

Let's summarize our results concerning returned nuclear

vehicles:

They can be safely serviced by humans at any time within the

shadow of their built-in shields. Outside these shadows,

however, some supplemental protection is needed. Close in, even

long cooldown times do not help enough. This shielding may be

an integral part of the vehicle, but more likely it will include

some portable shielding stored at the arrival node.

Parking restrictions are also readily livable. It is indeed

reasonably achievable to use a very tight criterion to fulfill

the ALARA principle for parked nuclear vehicles. Using the best

case background dose at space station (i rem/mo), we can define

the following minimum parking distances:

Parking an NTR vehicle can be thought of in terms of three bench

marks. Within two days of any propulsive maneuver, the vehicle

should be parked at least 20 km away from human habitation

(unless vehicle shielding is added). After two days it can be

parked at 10 km. Or, after 15 days it can be parked at 5 km.

Parking an NEP vehicle can be thought of in terms of two bench

marks. At any time after return it can be parked 10 km away.

After 50 days cooldown it can be parked 5 km away. Closer

distances are acceptable if shielding is provided.

If it is desired to hard dock previously operated nuclear

vehicles at a facility housing people, then shielding of the

reactor is essential. It should be quite reasonable to do.
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Systems - radiation trades: By examining exploration systems in

the context of natural radiation hazards we can identify major

risks and possibilities for synergistic shielding benefits. On

the next page Table 6, Systems - Radiation Trade Space Risk

Analysis, correlates the most pertinent natural radiation risks

with two cases each of platforms, non-nuclear vehicles and

nuclear vehicles. The shading summarizes the degrees of risk.

By understanding these interplays we can understand the man-made

radiation sources in the total space exploration context.

Solar particle events (SPE) and GCR are hazards to any system

outside the earth's magnetic shield, i.e. all exploration

systems except low earth orbit (LEO) platforms at low or mid

latitudes. This same magnetic field which protects LEO, also

traps and energizes charged particles, creating the Van Allen

belts. The lower belt in particular (the proton belt) is lethal

to any human system which does not exit it quickly enough. Two

very different types of vehicles are subject to such disaster.

How much shielding is advisable to protect against GCR and SPE?

The graphs on the following page from NASA Langley (reference i)

address that issue. The GCR are highly penetrating and at least

5 g/cm 2 is needed to keep them under the NCRP annual limit.

This is the specified, or "spec," spacecraft in the 1989 OEXP

studies. The SPE are intense enough to be lethal if this is the

only protection. So storm shelters of 20 g/cm 2 were specified

to reduce the SPE below the NCRP monthly limit. Clearly, even

more shielding would lead to healthier astronauts. Also, since

the uncertainty in the GCR and its effects is a factor of two,

the uncertainty in the necessary shielding is a factor of ten!

NEP vehicles in Earth orbit: What happens when people

ride a low thrust NEP vehicle in an Earth spiral orbit? They

die, not from reactor radiation, but from naturally trapped

radiation. The Air Force Weapons Laboratory (AFWL) quantified

some cases (reference 12) with expected results. Table 7, three

pages ahead, shows the best case which still had a bad outcome.
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Two NEP personnel vehicles were synthesized for this study. The

"fast" one tabulated here was powered by a i0 MW e reactor.

Three shields were examined: a typical thin space module, the

OEXP "spec" Mars module, and a water jacket shield at twice

"spec" thickness. This was not the former NEP cargo vehicle,

but was as fast a NEP as we could reasonably define. It still

took 75 days to escape Earth. But the lethal dose was delivered

in the first 15 days by the proton belt. The doses are shown in

rads. A "Q-factor" is needed to convert them to rems. For

protons, Q can vary from 1 to 14. Subsequent calculations have

shown that Q = 3 is best for this situation. Our lowest dose

converts to 450 rems, which is lethal.

There are two ways to improve the spiral NEP ride. An even

thicker shield could be considered. However, our confidence in

the dose calculations gets shakier for very thick shields.

Quadruple the thick shield might be needed to barely survive.

The other option is to take a high thrust hop over the proton

belt and then spiral. This would work, since people can survive

the trip through the electron belt behind the thick shield. But

this scheme would still require the crew to fritter away 60 days

extra in Earth orbit for no good reason. No practical case of

riding the NEP in Earth spiral is envisioned, except possibly a

desperation return from high Earth orbit down to the upper edge

of the proton belt if no other transport were available.

Radiation exmosure in aerobraked vehicles; The other

vehicle which may have problems with the trapped belts is an

aerobraked vehicle returning to Earth. This is an ironic

contrast, since the aerobrake vehicle with its high g's and

nonpropulsive mode is the antithesis of the NEP with its minute

g forces and great propulsive capacity. With help from the AFWL

again (reference 13) we investigated this complex situation too.

An aerobraking vehicle must come within about a 100 km of the

Earth's surface to hit the right density atmosphere to brake or

turn. If in one pass it can go directly to rendezvous with the
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space station, it will have stayed below the proton belt and
avoided radiation. But many other situations are likely. The

three dimensional geometry of the trans Earth trajectory plane

intersecting with the final capture plane can involve a variety

of angles and inclinations. Rendezvous with the station itself

can involve phase changes. Together, these factors can dictate

multiple passes and an assortment of intermediate orbits and

holding delays, which may place astronauts in the trapped belts

for unacceptable times. Further, g-force limitations or braking

errors might result in orbits penetrating the trapped belts.

Our calculations were not intended to sort out these complex

possibilities, but to calculate the radiation doses across the

range of possibilities. The results shown in the two graphs on

the next page are for braking orbits which keep perigee at

i00 km, but enter the proton belt. Q factors as a function of

energy were incorporated directly into the calculations. Doses

are given for one day as a function of shield thickness, with

braking orbit apogees and inclinations as parameters.

The worst doses occur at apogees of a few thousand kilometers

and at low inclinations. The "spec" shield corresponds to

729 mils, and the thin skinned module to 291 mils. By design

intent, aerobraked modules are as light as possible. At the SSF

inclination of 28.5 degrees, the maximum daily dose is 30 rem

behind the "spec" shield if apogee goes to 3000 km. It would be

60 rem behind the thin skin. Apogees must be kept below i000 km

to avoid significant dose. At zero degrees inclination and

5000 km apogee, I00 rem is received behind the thin skin or

40 rem behind the "spec" shield. The latter drops to 25 rem at

20 degrees and 15 rem at 30 degrees.

Such doses would be very serious for returning Mars astronauts

who have had substantial radiation before this nasty "welcome

home." If aerobraking, with its g stresses and vibration, is

still to be retained, either capture below I000 km or exiting

the braking orbits far sooner than a day would be a necessity.
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$yneruistic shieldinq Opportunities: Table 8 on the next

page, System - Radiation Trade Space Opportunity Analysis,

summarizes the synergistic shielding possible when we consider

reactors and natural radiation together. Applications of both

multifunctional and expendable shields are identified.

In LEO, the portable shields we defined for protecting personnel

while servicing nuclear vehicles or for shielding docked nuclear

vehicles can be put to good long term use keeping the trapped

protons off our people. This makes them "multifunctional"

shields. On high platforms we shield the SPE and GCR, instead

of the trapped particles.

On board vehicles, a multifunctional shield is again a permanent

shield that protects people from both reactors and from natural

radiation. Implied is a shift of our shield mass from reactors

to crew compartments where it may be more productive. The

shielding mass budget can also be more generous on nuclear

vehicles than on chemical vehicles because the higher specific

impulse of nuclear vehicles gives better payload fractions.

An expendable shield could be made of propellant or payload.

Propellant is attractive in that it could be burned off as we

enter the martian or lunar gravity wells, when it is most

burdensome and least needed. This idea could be used for single

vehicles, or for vehicle combinations which leave reusable

interplanetary transports in high orbits. Examples are: shields

of payload which we use at destination (particularly water),

Phobos or Deimos regolith shields, or burnable shields of our

destination propellant. NTR vehicles would work well with

propellant shields since they are so propellant versatile.

Prudently used, nuclear systems can potentially yield a "net

dose avoidance". This dose avoidance can deliver us from the

dilemma we would be in if LBAD's in deep space would go to

zero. Nuclear propulsion can indeed be part of the radiation

solution, rather than part of the radiation problem.
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Abstract

Performance capabilityofnuclearthermal

rocket(NTR) and chemicalpropulsionsystems,op-

eratingwith and withoutaerobraking,are com-

pared fora selectedsetofMars missionopportuni-
tiesinthe 2000 to2020 timeframe. Both high-and

low-energymission opportunitiesare investigated.
Resultsare presentedas the requiredinitialmass

inlow Earth orbit(IMLEO) toperform the mis-

sions.Missionsexclusivelyusing chemicalpropul-

sionsystems have the greatestinitialmasses. Sig-
nificantmass reductionsarerealizedby utilizing

eitheraerobrakeorNTR technologyorboth. As

missionenergy requirementsincrease,thebenefit

ofimplementing aerobrakeor NTR technologyin-

creases,resultingin IMLEO mass reductionson

the orderof60 to75 percentwhen compared with

all-propulsivechemical missions.By combining

both advanced technologies,stillgreatermass re-

ductionsare possible.The effecton the propulsion

system comparison and the IMLEO, ofsuchfactors

as trajectorytype,launch opportunity,Mars cap-

tureorbit,missionflightmode, AV optimization,

aerobrakemass, vehiclerecovery,and shortened

triptime isalsopresented.

The National Aeronautics and Space Adminis-
tration (NASA) has considered chemical, nuclear
thermal rocket (NTR), and aerobrake propulsion

systems for piloted Mars missions as far back as
the early 1960's. 1"3 Both chemical and NTR tech-
nologies underwent extensive testing during the
1960's. The Apollo lunar landing program provid-
ed a catalyst for the development of large liquid

oxygen/liquid hydrogen (LOX/LH 2) fueled engines
used to power the upper stages of the Saturn V
rocket. Similarly, a joint NASA/Atomic Energy
Commission program was initiated in 1960 to de-
velop a Nuclear Engine for Rocket Vehicle Applica-
tion (NERVA). 4 Building on the technology base
provided by the Rover nuclear rocket program 5 be-

gun in 1955, the NERVA program demonstrated
reusable, high thrust, high specific impulse, NTR

systems. The Rever/NERVA programs were

* Ph.D.inNuclearEngineeringand Member ofAIAA
t Member ofAIAA

terminated in 1973, short of flight demonstration,
because of the decision to delay indefinitely a pilot-

ed Mars mission, for which the NTR was primarily

being developed.

Today, NASA is again focusing on the human
exploration of Mars 6 in response to the United
States National Space Policy's charge to expand hu-
man presence into the solar system. The Office of
Exploration (OEXP) at NASA Headquarters and the
NASA field centers have been conducting studies

aimed at determining the technology and infra-
structure needed to support future Mars and lunar
initiatives.

Both earlierstudies7 and more recentones8,9

by NASA Lewis Research Center's(Lewis)Ad-
vanced Space AnalysisOffice(ASAO), NASA Mar-

shallSpace FlightCenter (MSFC), and othersindi-

catethataerobraked chemicaland all-propulsive

NTR systems each have the potentialtoreduceini-
tialmass inlow earthorbit(IMLEO) fortypical

Mars missionsby approximately50 percentor more

compared with an all-propulsivechemicalmission.
Because of the different ground rules and assump-

tions made by the various investigators, drawing
overall conclusions regarding relative system per-
formance is difficult. To help clarify the perfor-
mance issue, OEXP asked ASAO to conduct a con-
sistent performance comparison study of NTR and
chemical propulsion systems. Since results were to

be compared with other studies being performed for
OEXP, ground rules for the Lewis study were coor-
dinated with other NASA field centers and contrac-

tor organizations supporting OEXP.

The principle figure-of-merit used for comparing
the propulsion systems is the required IMLEO. The
IMLEO has been used frequently in past studies
and continues to be of interest owing to its associa-
tion with program costs and mission complexity.

Descriptions of propulsion systems characteris-
tics and the vehicle configurations used are outlined
in the following section. Then, the analytic ap-
proach of the study is discussed. Next, results are
presented for the two mission scenarios that were

investigated,expeditionaryand evolutionaryexplo-
rationofMars. Finally,a summary ofthe technical



results and conclusions which have been reached is

presented.

Prouulsion System Characteristics and

Vehicle Confieurations

Performance and mass data for propulsion and

aerobrake technologies were obtained from numer-
ous sources, including various NASA field centers,
government laboratories, and industry. Of the con-
cepts under consideration in this study, chemical
propulsion is the most highly developed, with a va-

riety of engine designs available in the thrust rang-
es of interest to mission planners. For the high-

energy, large-mass propulsion phases, high-thrust
engines are desirable in order to minimize the per-
formance losses associated with a finite burn dura-

tion (discussed in the next section). An improved-

performance, space-based derivative of the current
high-thrust space shuttle main engine (SSME) was
utilized mainly for Earth-departure primary pro-
pulsion although its use for both Mars capture and
departure maneuvers was also examined. 8'10
Clusters of lower-thrust engines, derived from RL-
10 technology, 8,10 were used for Mars departure
with lower-mass vehicles such as the chemical/

aerobrake vehicles systems discussed below.

The NTR is next in terms of technology maturi-
ty. Between 1955 and 1972, a total of twenty reac-
tors were designed, built, and tested. 5,11 Thrust

levels of 55, 75, and 250 klbfwere achieved at cor-
responding reactor power levels of 1100, 1500, and
5000 thermal megawatts. Engine restart and sus-
tained burn capability (greater than one hour) was

also demonstrated. During the 1960's, NTR test-
ing was conducted at the Nuclear Rocket Develop-
ment Station 5 at Nevada's Nuclear Test Site.

Here, the hydrogen propellant was exhausted di-
rectly into the atmosphere in an open cycle mode.

Today, closed cycle tests would be necessary to
meet current environmental and safety require-
ments.

Three setsofNTR performance levelswere in-

vestigated.The first,tobe referredtoas '"72NTR"

inthe text,represents1972-vintageNERVA and
Phoebus-2A nuclearrocketperformance capability

with graphitematrix/compositereactorfuelele-
5,12 mments providing an engine specific i pulse of

900 seconds. The second performance level, re-
ferred to as "'89 NTR", represents the performance
of similarly sized engines built with state-of-the-

art materials and propulsion system components
(pressure vessel, turbopump, nozzle, etc.) that in-
crease the engine thrust-to-weight ratio beyond the
1972 technology levels. The third performance

level, referred to as "advanced NTR", assumes that
the '89 NTR materials and propulsion systems

along with advanced high-temperature uranium-
zirconium carbide reactor fuel elements 5'12 will

cause both the engine thrust-to-weight ratio and
the specific impulse to exceed the 1972 technology
levels. A propulsion system using beth the '72 NTR
performance level engines and aerobraking was
also investigated and is referred to as NTR/AB.
Radiation shield weights were obtained from NASA
contractor studies 13 of NTR stages (conducted dur-

ing the 1960's and early 1970's) for lunar and inter-
planetary applications. Estimates of performance
penalties due to postburn reactor cooldown are also
included.

In contrast to the chemical and NTR systems,
well-defined mass and sizing assumptions for the
aerobrake systems were more difficult to obtain.
While the Apollo and space shuttle programs have
provided data on Earth descent aerobraking, no
data base exists that validates orbital capture aero-

braking. 14 Establishing this capability will require
development efforts in the areas of lightweight,
high-temperature thermal protection systems, au-
tonomous guidance, navigation and control sys-
tems, and aerobrake configurational design. The
capability for in-space assembly of large, space-
craft-compatible, aerobrake structures must also be
developed. In regards to testing, it is prudent to
assume that a significant scale flight test would be
required to validate performance under conditions
expectedduringMars and/orEarth entry.

Due to uncertainties which exist in the aero-
brake technology and design areas, mass estima-
tion is difficult. In the Lewis study, the aerobrake
mass is calculated to be a given percentage of the
payload to be braked (i.e., mass of the entire vehi-
cle less aerobrake). This percentage is based on
the aerobrake lift-to-drag ratio (L/D) and typically
increases in going from low I.]D (0.2) conical
shields, to medium LfD (1.0) biconic shields, to high

LfD (2.5) winged vehicles. 14 Because of OEXP's
current interest in the blunt conical and biconic

concepts, these two configurations were the pri-
mary focus of the Lewis analysis. The Lewis study
also assumed that the aerobrake L/D ratio and cor-

responding mass fraction decreased for the later
missions due to advancements in aerobrake tech-

nology.

The principlepropulsionsystem and aerobrake

mass assumptions made in thisstudy are summar-

izedinTable 1. Propellanttank mass iscalculated

as a percentageofthe totalpropellantloadre-

quiredfora particularmaneuver. Chemical pro-

pulsionsystem tank masses range from 7 to 15

2



Table 1 - Principle Propulsion System and Aerobrake Sizing Assumptions

a) Engine systems

Engine Systems: Propellant Isp, Thrust, Engine Shield
s klbf Mass, t Mass, t

SSME Derivative

RL-10 Derivative

'72/89 NTR
'72/89 NTR

Advanced NTR
Advanced NTR

Auxiliary Chem

LOX/LH2

LOX/LH2

LH2
LH2

LH2
LH2

Storable

Bipropellant

480 532

471 20

900 75
900 250

I000 75

1000 250

310-316 Low

3.6

0.2

11.3/5.5
19.0/15.8

5.5
15.0

Low

N/A

N/A

4.5
9.0

4.5
9.0

N/A

b) Aerobrake mass forvariousvehicles

[Calculatedas a percentageofbraked payloadmass]

Vehicle

ExpeditionaryCargo

ExpeditionaryPiloted

Evolutionary(Piloted)

Relative
LfD Ratio

Medium

Medium

Low

Aerobrake

Mass, %

17.5

20.0
13.2

percentofthe requiredpropellantload.The NTR

systems have tank masses ranging from 14 to20

percentofthe propellantload.The NTR tankage

fractionsare assumed tobe greaterthan the LOX/

LH 2 fueledchemical systems because ofthe lower

densityofthe NTR LH 2 propellant.

Expendable and recoverablevehicleswere con-

sideredin the Lewis study. Figure Iprovidesa

representativesampling ofexpendable,directen-
tryconfigurationsshowing the relativeplacements

ofcrew modules and the main and auxiliarypro-
pulsionsystems. To obtaina near optimalthrust-

to-weightratioforthe spacecraft,separatestages
are traditionallyused forthe main propulsion
phases: a trans-Mars injectionstage(TMIS) for

Earth departure,a Mars orbitalcapturestage
(MOCS), a trans-Earthinjectionstage(TEIS)for
Mars departure,and an Earth orbitalcapture

stage(EOCS). An alternativeapproach istouse a

common engine system with stagedpropellant
tank setstoachievecomparable results.For the
all-propulsivevehicles(shown inFigs.la and b),

both approaches are utilized.The all-propulsive
chemicalvehicleuses threeSSME derivativeen-

ginesand associatedtankage fortheTMIS. A

singleSSME isthen used forthe remaining MOC

and TEI burns with the spent MOC propellant

tanks beingjettisonedaftercaptureintoMars or-
bit.SeparateMOC, TEl, and EOC stagesand addi-

tionalenginesare utilizedforthe recoverablecon-
figurationtooptimizeperformance. The NTR

system uses a single250-klbf-thrust(Phoebus
class)engineplustankage forthe TMIS. To mini-
mize vehiclemass, the remainder ofthe mission

employs a single75-klbf-thrust(NERVA class)en-
ginewith stagedMOC tanks. Cooldown propellant

isprovidedtothe NTR followingMOC toprevent
structuraldamage tothe reactor.The NERVA-

powered corespacecraftshown in Fig.lb can also
be recoveredifadditionalpropellantand tankage is
providedforEOC and TEI/EOC cooldown.

The aerobraked chemical and NTR vehicle con-

figurations are depicted in Figs. lc and d. The
chemical TMI and TEI stages use a single SSME
and six RL-10 derivative engines, respectively,
while the NTR system uses the same Phoebus and
NERVA-class engines. For the recoverable configu-
rations, a common MOC/EOC aerobrake is as-
sumed. All vehicles include additional small auxil-

iary bipropellant stages for midcourse correction

3



(MCC) and reaction control system (RCS) orbit ma-
neuvering. The crew livein interplanetarymission
modules (IMM) forthe majorityofthe flightphas-

es. An Earth crew capturevehicle(ECCV) pro-

videsforcapsulereentryatEarth.

Analytic Aooroach

To providean accurateassessment ofthe IM-

LEO requirements,many ground rulesand model-

ing assumptions were requiredforthe analysis.
Much ofthisinformationwas obtainedfrom OEXP

documents and concurrentstudies,10'15including

detailson mission profiles,orbitaltitudes,injection

energies,triptimes,tankage fractions,boiloff
rates,propellantmargins, aerobrake masses and

cargoand payload masses (e.g.,IMM, ECCV, Mars
ascent-descentvehicles,and sciencepayloads).

To complement the varioustradestudieson

aerobraked chemicalpropulsionsystems undertak-

en forOEXP, the ASAO examined a representative

sampling ofexpeditionaryand evolutionarymis-
sionopportunities.The expeditionarymissionsas-
sumed a splitcargo-pilotedsprintscheme 7,16

(termed "split-sprint")in which an unmanned

cargo vehicle (carrying all hardware to be delivered
to Mars and, in some cases, the fuel for TEI) is
launched on a slow, one-way, relatively low-energy

conjunction-class trajectory to Mars. To limit the
time the crew is exposed to the space environment,
the piloted vehicle is launched on a higher energy,
opposition-class sprint trajectory. In the evolution-

ary missions, opposition- and conjunction-class tra-
jectories will be used to establish and support a
permanently inhabited base. Short duration, high
energy trajectories were also studied as a way to
reduce the interplanetary travel time and, thus, in-
crease mission time at Mars.

Table 2 detailsthe velocitychange require-

ments, referredtoas the delta-V's(AV's),fortypi-

calmissions.For the main propulsionphases,AV's

were calculatedby firstdeterminingthe interplan-

etarytrajectoryenergyrequirements and then
findingthe velocitychange requiredtodepartfrom

orarriveintoa particularorbitabout Earth or

Mars. In additiontothe main propulsionphases,

MCC and RCS AV'swere includedto simulatein-

flightmaneuvers. Also,the effectoffiniteburn
propulsionlosseswas consideredtoaccountforper-

formance penaltiesassociatedwith low thrust-to-

a.)

ZMt_
• NOAUX. PROP.

'_kll Propulsive" Chemical Vehicle
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Figure 1 - BaselineExpendable PilotedVehicleConfigurations
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Table 2 - Nominal Velocity Requirements

• All missions depart Earth from 500-km-altitude circular orbits
• Arrival/departure orbit altitudes from Mars:

Expeditionary: Piloted and Cargo - 500 km circular
Evolutionary: Mission 1 - 250 by 18000 km

Mission 5 - 6000 by 6000 km
• Injection delta-V's (TMI, MOC, TEI, and EOC) optimized for

aerobraked missions (large velocity changes at Mars/Earth capture).

Manuever

Trans-Mars Injection
Spin-Up/Spin-Down
Mid-Course Correction
Reaction Control

Mars Capture:
All-Propulsive
Post-AB Perigee Raise

Mars Operations - 1
Mars Operations - 2
Reaction Control

Trans-Earth Injection
Spin-Up/Spin-Down
Mid-Course Correction
Reaction Control

Earth Capture:
All-Propulsive
Post-AB Perigee Raise

Propulsion
System

Main Impulse

Auxiliary
Auxiliary

Auxiliary

Main Impulse

Auxiliary

Auxiliary

Auxiliary

Auxiliary

iMain Impulse

Velocity Change (m/s)

2002 Expeditionary Evglu_ionory
Piloted Cargo Mission 1 Mission

4057
31
50
50

4528
12

100
50
5O

1773

Auxiliary
Auxiliary

Auxiliary

MainImpulse

Auxiliary

4188 3512

50 50
5O 50

4566 3410
86 86
20 100

50 50
3854 End Mission

5O
5O

31
50
50

3680
108

N/_ Direct

Entry

3670
31
50
50

3819
559
100

5O
1726

31
5O
5O

4240
108

weight ratioburns.17 Finiteburn losseswere in-

cludedforthe TMI, MOC, and TEl burns. The
EOC finiteburn losseswere not includedas itwas

assumed thatallsystems would have relatively

high thrust-to-weightratiosupon Earth arrival.

To determine the IMLEO requirementsofthe

variouspropulsionsystems forthe particularmis-

sionsunder consideration,a vehiclesizingcomput-

ercode was developed.Using the specifiedmis-

sions,payloads,and stageand propulsionsystem

scalingassumptions,the computer codedeter-

mined propellantloadingsand vehiclemasses for

variouspilotedand unpilotedspacecraft.

ExneditionarvMars ExnlorationStudy

As mentioned earlier,the expeditionaryanaly-

siswas based on a split-sprintmission profile.The

Mars cargovehicle(MCV) willcarrythe Mars as-

cent-descentvehicle(MADV) on a one-way, con-

junction-classtrajectory,taking200 to400 days.

The Mars pilotedvehicle(MPV) willleave 12 to24

months lateron an opposition-classtrajectory

(travel time, 150 to 300 days) to transport the crew,
TEIS and science payloads to Mars. Either aero-
braking or propulsive braking will provide Mars or-
bital capture of both the MCV and MPV. The crew
will transfer to the MADV in which they will de-
scend to and, following a 20-day stay, ascend from
the Martian surface. After completing a 30-day
stay in Mars orbit, the TEIS will provide the Mars-
departure propulsion for the return to Earth. The
mission ends 160 to 300 days later with an Apollo-
type capsule reentry at Earth.

For the reference expeditionary mission, IM-
LEO requirements were determined for chemical

and NTR propulsion systems operating all propul-
sively (AP) and with aerobrakes (AB). Several
trade studies were also performed. The effect of

the Mars parking orbit apogee altitude on the pro-
pulsion system comparison was addressed. The ef-

fect of the launch opportunity was assessed by ex-
amining IMLEO requirements in the 2000 to 2010

timeframe. Finally, the effect of flight mode (split-
sprint and single-vehicle missions) on the propul-
sion system comparison was also investigated.
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ReferenceMission Results

The 2002 missionopportunityisthe reference

mission used forthe propulsionsystem comparison

(Table3).The baselineChem/AB system studied

by Lewis has a combined totalmass of686 t

(t= 1000 kg)forthe pilotedand cargovehicles.By

comparison,the all-propulsivechemical system

(Chem/AP) is2.5 times more massive,having an

IMLEO of 1782 t.The all-propulsive'72NTR has

an IMLEO of675 t,which isapproximately98 per-

centofthe baselineChem/AB system. The '89

NTR and advanced NTR systems have IMLEO's of

87 and 72 percentofthe baselineChem/AB system,

respectively.The NTR/AB system isthelightestof

allthe propulsionoptionsexamined, having an IM-

LEO thatisapproximately60 percentofthe Chem/
AB baseline.For the tradestudiesdiscussedhere-

in,onlyresultsforthe '72NTR and advanced NTR

are presentedforthe all-propulsiveNTR systems,

because they are expectedtobracketperformance
characteristicsforthe NTR.

Table 3 -ExpeditionaryMars Exploration,

PropulsionSystem Comparison

Propulsion

System

CherrdAB

Chem/AP

'72NTR

'89NTR

AdvancedNTR

NTR/AB

IMLEO rt
iPilotedCargo

547 139

1494 288

499 176

439 158

356 140

308 113

Total

IMLEO, t

686

1782

675

597

496

421

% ofChem/AB!

IMLEO

I00

260

98

87

72

61

Trade Study Results

The sensitivityofthe pilotedvehicleIMLEO to

variationsin the Mars parking orbitapogee alti-

tude isshown inFig.2. The IMLEO decreases

with increasingMars captureorbitapogeebecause

as the parking orbitapogee increasesa lowerveloc-

itychange isrequiredtocaptureand toleave.Al-

though significantdecreasesin IMLEO occur,the

resultsindicatethatorbitselectiondoesnot strong-

lyaffectthe comparisons between aerobrakedand

all-propulsivesystems.

To determine ifmissionopportunityeitheraf-

fectsthe comparison between propulsionsystems

or resultsinsignificantmass penalties,the IMLEO

requirements foravailablemission opportunitiesin

the 2000 to2010 timeframe were compared (Fig.3).

Overall,the choiceofmissionopportunityneither

has a major effecton the propulsionsystem com-

parisonnor leads to major mass penalties for the
advanced propulsion systems. The '72 NTR system
has a slightly lower IMLEO than the Chem/AB sys-
tem for the 2002 and 2010 opportunities, but this
trend reverses for the 2004 and 2007 opportunities.
This reversal is due to the 2004 and 2007 mission

options each having substantially greater MOC &V
requirements (e.g., approximately 5.6 km/s for 2004
versus approximately 4.6 km/s for 2002), which
leads to substantial mass increases for the all-

propulsive systems. As for propulsion system per-
formance, the advanced NTR has a lower IMLEO
than either the Chem/AB or '72 NTR options, with

the NTR/AB option always showing the lowest IM-
LEO of all the systems considered.

The final trade study in the expeditionary mis-
sion analysis involved comparing IMLEO for three
possible mission modes: the baseline split-sprint, a
traditional split-sprint, and a single-vehicle (all-up)
mission mode. The traditional split-sprint as-
sumes that beth the TEIS and MADV are carried
out on the MCV. The TEIS would then be mated
to the MPV for the return to Earth. The baseline

split-sprint mission transfers the TEIS to the MPV
because of a concern over the potential inability to
mate the MPV and TEIS when in Mars orbit. The

all-up mode moves all hardware (TEIS and MADV)
onto the MPV; this provides for mission simplifica-
tion (one versus two vehicles) at the potential cost
of higher total IMLEO. The comparison of all
three mission mode options for the 2002 opportuni-
ty is shown in Fig. 4. Since the ranking of the pro-
pulsion systems from greatest to least IMLEO re-
mains roughly the same over the three modes, the
mission mode does not strongly affect the relative

10000 IS000 _ 26000 _0000

MARS APOAP818 ALTITUDE, lass

Figure2 -ExpeditionaryMars Exploration,

IMLEO SensitivitytoMars Parking Orbit
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Figure3 -ExpeditionaryMars Exploration,
IMLEO SensitivitytoLaunch Opportunity

comparisons among thevarioussystems. The mis-

sionmode doesstronglyaffecttotalIMLEO, how-

ever.The baselinesplit-sprintand all-upmodes

show comparable IMLEO valuesforallbut the

Chem/AP system. For the missionmodes consid-

ered,the traditionalsplit-sprintshows the lowest

IMLEO valuesas a resultoftransferringtheTEIS

ontothe lower energy,conjunction-classoutbound

trajectory.In terms ofpropulsionsystem perfor-

mance, Chem/AB and '72NTR systems have com-

parableIMLEOs, whereas the advanced NTR and

NTR/AB show continuingreductionsin IMLEO.

1000'

BASELINE TRADITIONAL ALL-UP

HPLITISPRINT SPLIT/SPRINT

Figure4 -ExpeditionaryMars Exploration,

IMLEO SensitivitytoMission FlightMode

Evolutionary Mars Exploration Study

The Mars evolutionary case study outlined in
references 10 and 15 encompasses a total of seven,
all-up flights. The first flight is to be an explora-
tion mission to the Martian moons, Phobos and

Deimos, in which a high-energy, opposition-class
trajectory is utilized. The next five flights, for the
first Mars landing mission and for subsequent mis-
sions aimed at establishing a permanently inhabit-

ed Mars base, will use lower energy, conjunction-
class trajectories. The seventh flight, launched in
2016, will support the fully operational base. At
that time, the emphasis in Mars transfer vehicles
will switch from slow, artificial-gravity vehicles to
fast, zero-g vehicles capable of quick shuttle flights
between Earth and Mars. To provide a representa-
tive sampling of the evolutionary missions, the first
(opposition-class trajectory mission in 2004), fifth
(conjunction-class trajectory mission in 2011), and
seventh (quick shuttle mission in 2016) flights
were selected for detailed study.

For the evolutionarymissionanalysis,IMLEO

requirements for chemicaland NTR propulsionsys-

tems operatingboth allpropulsivelyand with aero-
brakes were determined forthe 2004 and 2011 mis-

sions.As with the expeditionaryanalysis,several

tradestudieswere alsoperformed. The effectofAV

optimizationon the IMLEO forthe all-propulsive

configurationswas investigatedforthe 2004 mis-

sion.The aerobrakemass fractionsrequiredtopro-

videChem/AB IMLEO's comparable tothoseofall-

propulsiveNTR vehicleswas determined forboth

the 2004 and 2011 missions.The mass penaltyas-

sociatedwith recoveryofthe Earth-departurestage

was alsoaddressed.Finally,the IMLEO's required

tosupportquick(one-way tripsoflessthan 6

months duration)pilotedmissionstoand from an

operationalMars base were determined.

Reference Mission Results

The resultsofthe propulsionsystem compari-
son forthe 2004 and 2011 missions(Table4)show

IMLEO's forthe baselineChem/AB system tobe

573 and 662 t,respectively.The increasedmass for

the 2011 mission isattributedprimarilytothe ad-

ditionalpropellantrequiredtoreach the more diffi-

cult6000-km-altitude,circularPhobos parking or-

bit(versusthe lessenergy-demanding,250-by

18000-kinellipticalorbitassumed forthe 2004 mis-
sion;see Table 2).

The evolutionarymission'sall-propulsivesys-

tems incurmuch greatermass penalties,as com-

pared tothe aerobrakedvehicles,than inthe

7



Table 4 -EvolutionaryMars Exploration,

PropulsionSystem Comparison

Propulsion

System

Chera/AB

Chem/AP

'72NTR

'89NTR

AdvancedNTR

NTR/AB

IMLEOIt

a2004 b2011

573 662

3800 3141

1133 933

1031 857

787 680

380 443

Percentof
Chem/AB IMLEO

a2004 b2011

100 100

663 475

198 141

180 129

137 103

66 67

2004: FirstFlight,Opposition-ClassMission
2011: FifthFlight,Conjunction-ClassMission

expeditionary mission. This is due primarily to the
additional propulsive maneuver required to recover
the entire core spacecraft into a 500-km circular or-
bit about Earth. In the expeditionary mission, the
core spacecraft is assumed to be expendable and a
relatively small crew capsule is used for a direct
entry at Earth arrival. Compared to the baseline
Chem/AB system, Chem/AP is between 6.6 and 4.8
times heavier for the 2004 and 2011 missions, re-
spectively. This comparison shows quite dramati-
cally the mission leverage that may be realized by
chemical systems if a common aerobrake can be de-

veloped for use at both Mars and Earth. Similarly,
whereas the '72 NTR system was comparable in
mass to the Cherrt/AB system for the expeditionary
missions, the baseline evolutionary scenario re-

quires IMLEO values for the '72 NTR that are be-
tween 2.0 (for the 2004 mission) and 1.4 (for the
2011 mission) times heavier than the Chem/AB

system. For the '89 NTR system, these numbers
decrease to 1.8 (2004 mission) and 1.3 (2011 mis-

sion). Greater mass savings are realized with the
advanced NTR system; the IMLEOs are approxi-
mately 1.4timesheavierthan the baselineChem/

AB system forthe 2004 missionand essentiallythe
same forthe 2011 mission. Finally,the NTR/AB

has the lowestIMLEO ofallthe systems studied,

with masses rangingfrom 380 to443 t.As with

the expeditionarymission,the evolutionarymis-

siontradestudy resultsforthe all-propulsiveNTR

systems willfocuson the '72NTR and advanced

NTR systems.

Trade Study Results

The impact of a given AV budget on propulsion
system performance was the subject of the first
trade study. For aerobraked systems, the AV bud-
gets (Table 2) were optimized by accepting larger
AV increments on the MOC and EOC maneuvers in

order to reduce the planetary departure AV's.
Entry velocities and g-loadings at Mars and Earth
may be constrained in some instances

Table 5 -EffectofMinimizing TotalMission AV for2004 EvolutionaryMars ExplorationMission

a) Nominal (nofiniteburn losses)AV summary (km/s)

BaselineAVis

Minimum AV Mission

Earth

Departure

4.057

4.076

Mars

Capture

4.528

3.653

Mars

Departure

1.773

2.212

Earth

Capture

3.680

3.549

Total

14.038

13.490

b) IMLEO summary forvariouspropulsionsystems

Propulsion

System

Chem/AP

'72NTR

Advanced NTR

Baseline

IMLEO I t

3800

1133

787

Minimum

IMLEO 1t

3110

988

705

Percentof

BaselineChem/AB
aB/L AV-, bMin AV

663%--.543%

198%-,172%

137%-,123%

aB/L AV: BaselineAV°s

bMin AV: Minimum AV Mission
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Figure5 -EvolutionaryMars Exploration,2004
Mission,IMLEO SensitivitytoAerobrake Mass

because ofsafetyconcernsforthe crew and space-

craft.For all-propulsivevehicles,a more reasona-

bleapproach istominimize the totalmissionAV.

Such a AV budget was calculatedforthe 2004 mis-

sionby varyingthe Earth and Mars departureand
arrivaldates.Table 5 shows both the AV summar-

iesand the resultingIMLEO forthe all-propulsive

chemical and NTR systems. By minimizing the to-

talmissionAV, substantialmass reductionsarere-

alizedforthe all-propulsivesystems,rangingfrom

690 tforthe CherrffAPsystem to 145 tforthe '72
NTR to82 tforthe advanced NTR.

The sensitivityofIMLEO toaerobrakemass
was examined forboth the 2004 and 2011 missions

(Figs.5 and 6,respectively).By varyingthe aero-

brake mass fraction,the cross-overpointsofcom-

parableIMLEO between the aerobraked chemical

and all-propulsiveNTR systems were determined.
These data show thataerobrakemass, as a percent

ofpayload,can range up toapproximately22 to37
percentforthe 2004 missionand approximately13

to26 percentforthe 2011 missionand stillhave

smallerIMLEO's than the all-propulsiveNTR sys-

tems. These data alsoshow the range ofmass re-

ductionspossibleingoingfrom the '72NTR tothe

advanced NTR performance levels.

The next tradestudy investigatedthe mass

penaltyassociatedwith recoveringthe TMIS, in
additiontothe basiccorespacecraft,forthe first

and fifthflights.The basicrecoveryprofileas-
sumes a retro-burnby theTMIS afterinsertionof

the payload on itsinterplanetarytrajectory.This

retro-burnplacestheTMIS on a 24-hour elliptical

orbit,and a finalcircularizationburn returnsthe

stagetoitsoriginal500-km altitudeparking orbit

1000

ID00.

800.

i700-

600"

i

500-

400"

ADVANCED NTR
(AB OPTIMIZED

BASELINE (13.2%)

_00 . - - - • - -o so ,'o
AEROBRAKE WEIGHT, PERCENT OF PAYLOAD BRAKED

Figure6 -EvolutionaryMars Exploration,2011
Mission,IMLEO SensitivitytoAerobrake Mass

about Earth. A comparison ofthe expendable and

recoverableIMLEO requirements forboth the 2004

and 2011 missionsisshown inTable 6.

For the chemicalsystems,recoveryofthe TMIS

resultsina mass penaltyof22 percent(2011 mis-

sion)to37 percent(2004 missions)whereas the

range forthe NTR systems vary from 24 to32 per-
centforthe 2004 missionand from 17 to 23 percent

forthe 2011 mission. A secondrecoveryoptionex-

amined forthe all-propulsiveNTR systems as-

sumed a single Phoebus-class engine with staged
tanks performs the entire round-trip mission. The
corresponding mass penalty associated with this re-
covery option is significantly less -- ranging from 7
to 10 percent for the 2004 mission, and from 9 to 11
percent for the 2011 mission.

The seventh flight in the evolutionary scenario
will depart Earth in 2016 and is intended to ini-
tiate the operational phase of the Mars base by ex-
tending the number of days available to the crew
for Mars surface operations. For a given mission
duration, this will be accomplished by reducing in-
terplanetary transit times. A comparison of ad-
vanced propulsion systems and their IMLEO re-
quirements is shown in Fig. 7 as a function ofone-
way trip time to Mars. The vehicles will leave from
a 500-kin circular orbit about Earth and brake into
a 6000-kin circular orbit about Mars. Propellant
for the Earth return trip is expected to be provided

at Phobos either by in-situ propellant production or
by fuel transfer from cargo vehicles. Both the out-
bound Earth-to-Mars and inbound Mars-to-Earth

missions were analyzed for equal transit times.
One-way trip times as short at 80 days and as long
as 6 months were examined. For all cases, the out-

9



Table6- EffectofEarth-DepartureStageRecoveryonEvolutionaryMarsExplorationMissions

Propulsion
System
CherrdAB
Chem/AP
'72NTR
AdvancedNTR
NTR/AB
'72NTRb

Adv. NTR b

Baseline

IMLEO

573

3800

1133

787

380

2004 Mission

Recovery
IMLEO

780

5194

a1456

a972

502

1209

864

Increase,
%

36

37

29

24

32

7

i0

2011 Mission

Baseline

IMLEO

662

3141

933

680

443

Recovery
IMLEO

810

3828

a1147

793

543

1014

758

Increa6e,

%

22

23

23

17

23

9

11

aTwo 250-klbfengineson TMI stagetoreducefiniteburn gravitylosses.

bSingle250-klbfengineforentiremission,percentincreaserelativetobaselineconfiguration.

bound TMI/MOC tankage forthe MPV can accom-

modate the returnpropellantrequirementsformis-
sionsofthe same duration.Thus, shorterinbound

tripsare possibleby fillingthe tanks tocapacity,

and employing higherenergy returntrajectories.
PilotedmissionstoMars on the orderof120 days

appear tobe possiblewith all-propulsiveNTR sys-

tems forIMLEO valuesranging from approximate-

ly490 t(advancedNTR) toabout 750 t('72NTR).

Shortertriptimes are alsoindicated,but with the

steeprisein mass, propellantloadingsrapidlybe-

come prohibitive.

Aerobraked chemical and NTR systems appear
to be capable of very short trip times (80 days for
an NTR/AB system with IMLEO less than 500 t) if
it were not for the large g-loads and entry veloci-
ties encountered at Mars. Reference 15 defined an

1400'

CImM/AB

"F2 N'I"R

_? AligOIiltAKB LIMIT
I

1000'

. , IJ _

ONE-WAY TR/P TIMR (DAYS)

Figure 7 - Evolutionary Exploration of Mars,
2016 Mission, "Quick Trip" Propulsion Comparison

entry velocity limit of 9.5 km/s, thereby restricting
one-way trip times for aerobraked systems to ap-
proximately 140 days. A combination of propulsive
and aerodynamic braking may allow for shorter
trip times. As trip time increases, the all-
propulsive NTR systems become more mass com-
petitive with the aerobraked systems. This is due
to the aerobraked systems needing to provide a
fixed AV to raise orbit perigee aRer the Mars arri-
val aeropass; the Mars capture AV requirements
decrease for the all-propulsive missions as trip
time increases. Depending upon the NTR system,
the IMLEO requirements become less for the all-
propulsive NTR systems than the Chem/AB system
studied at trip times of 125 to 150 days.

 unnm 

For the expeditionaryMars missions,IMLEO

requirementsforthe baselinechemical/aerobrake

and 1972-vintageNTR systems are comparable and

can provideapproximatelya 60 percentreduction

in IMLEO overthe all-chemicalsystems.Further
mass reductionsare possiblewith '89NTR and ad-

vanced NTR technologylevelsand by combining

NTR and aerobraketechnologies.While the choice

ofMars parking orbitapogee affectsIMLEO, it

does not have a strongeffecton the comparison be-

tween systems. Mission opportunitiesinthe 2000

to2010 timeframe do not stronglyaffectthe propul-

sionsystem comparison,althoughspecificopportu-

nitiesdo provideadvantages forall-propulsivesy-

ternsoveraerobraked systems (and viceversa).

TotalIMLEO iscomparable between single-vehicle

and split-sprintmissionmodes, exceptfortheall-

propulsivechemical system in which significant

mass savingsarerealizedforsplit-sprintmissions.
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Forthe evolutionaryMars missions,IMLEO

requirements forthe all-propulsivesystems are

significantlyhigherthan forthe aerobraked sys-
tems. This mass increaseisattributedprimarilyto

the additionalpropellantand tankage require-

ments forspacecraftrecoveryinEarth orbit.Sig-

nificantmass reductionsare possible,forthe all-

propulsivevehicles,through missionAV optimiza-
tion.Aerobrake mass forchemical/aerobrakedsys-

tems can be relativelyhigh and stillprovidelower

IMLEO's than 1972-vintageNTR systems,however

by using the '89NTR and advanced NTR technolo-

gy levels,the IMLEO benefitofaerobrakesisre-

duced. Recovery ofa separateEarth-departure

stagerequiresIMLEO increasesof17 to37 per-

cent,depending on the system. By using a single
250-klbf-thrustNTR engineforan entiremission,

mass penaltiescan be reduced to7 percentofthe
nominal missionIMLEO. PilotedmissionstoMars

of120 to 140 days (and longer)are possiblewith

reasonableIMLEO's forthe advanced propulsion

systems,however entryvelocitylimitsatMars

may constraintriptimes toat least140 days for

aerobraked systems.

Three generalconclusionscan be drawn from this

study:

1.An all-propulsivechemicaloptionforpiloted
missionstoMars willrequireIMLEO's approxi-

mately two tosixtimes largerthan eitherthe
chem/AB orNTR systems. While conjunction-
classmissionscan reducethe mass advantage

thatNTR and chem/AB systems have overthe
all-chemicalsystem,limitingmissionopportuni-

tiestoonly low-energytrajectoriesispremature
atthistime.

tween the aerobrake weight and the mass to be
braked. The technology development and valida-
tion work for aerobrakes required to derive a
more sophisticated and informed set of ground
rules remains to be done. Consequently, it is not
clear at this time which technology has the lower
IMLEO. The NTR, having an established tech-
nology base and substantial mass advantage
over the all-chemical system, provides a credible
all-propulsive option for piloted missions to
Mars. The chem/AB has comparable IMLEO re-

quirements, but lacks the technology maturity to
make this option as credible as the NTR. Both
options have advantages and problems. Choos-
ing between them will be based on considera-
tions other than IMLEO.
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used inthisstudy,the chem/AB system general-

lyrequiressomewhat lessIMLEO than the NTR
forevolutionary-typemissionswith thistrend
reversingforthe expeditionarymissionscenario.

Overall,the differencesare such thatboth sys- 3.
tems can be consideredcomparable. Combining

the NTR with an aerobrakeresultsinlargemass

savings;however, thisoptionrequiresthe devel-
opment ofboth technologies.
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ABSTRACT

This report summarizes the results of an evaluation of a variety of advanced
low-thrust propulsion options for the cargo-delivery portion of a split-mission piloted Mars
exploration scenario. The propulsion options considered were solar sails, 100-MW e class
nuclear electric propulsion (NEP), 100-MW e class solar electric propulsion (SEP),
magnetic sails (magsails), mass drivers, rail guns, solar thermal rockets, beamed-energy
(laser and microwave) propulsion systems, and tethers. The requirement was to transport
400 metric tons (MT) of cargo from a 500-km altitude low Earth orbit (LEO) to a 6000-km
altitude Mars orbit (e.g., Phobos' orbit) for the 2014 opportunity. The primary figures of
merit used in this study were total initial mass in low Earth orbit (IMLEO) and the
Earth-to-Mars trip time.

The baseline propulsion system, against which the advanced propulsion concepts
were compared, was an aerobraked chemical (O2/H2) propulsion system with a specific
impulse (Isp) of 470 Ibf-s/Ibm. This system had an initial total mass in LEO of 1646 MT
(including payload) and had an Earth-to-Mars.trip time of 294 days. It was found that solar
sails can provide the greatest mass sawngs over the baseline chemical system.
However, solar sails suffer from having very long trip times. A good performance
compromise between a low IMLEO and a short trip time can be obtained by using
100-MWe class NEP systems; they can even be lighter and faster overall than the
baseline chemical system. Such systems may be particularly suited to the piloted portion
of the mission, where a premium is placed on trip time. A 100-MW e SEP system is a
close competitor to the NEP system, providing almost as good a performance, but without
the technological, operational, or "political" constraints of space nuclear power.

Magsail, mass driver, beamed-energy, and tether concepts were found to have
moderate benefits in mass or trip time, but their performance is contingent on several
factors which could reduce their effectiveness. For example, the magsail concept, like the
solar sail, has infinite specific impulse. However, magsails can only operate far from a
planet; this imposes a large infrastructure overhead since a fleet of orbit transfer vehicles
(OTV) are required to transport the magsails and their payloads from LEO to the magsail
operational orbit. Mass drivers have a low Iso for the Mars cargo mission but they do
have a high efficiency (electric-to-jet power). They also can make use of any material as
propellant. Thus, if copious amounts of "free" lunar 02 propellant were available, a mass
driver operating at modest power levels (10 MW e or less) could show a mass savings
over the baseline system, and do so for trip times on the order of 500 days. However, this
is contingent on the availability of "free" lunar propellant; without this "free" propellant, the
mass driver is not competitive. Beamed-energy concepts were found to provide some
benefits in mass when used as OTVs to deploy the payload (with a chemical O2/H2 stage
for Earth escape and aerocapture at Mars) at GEO altitudes. A laser-augmented SEP
vehicle used for the round trip to Mars also provides significant trip time savings over an
un-augmented SEP system, since the laser provides a rapid Earth escape/capture.
However, all the beamed-energy concepts suffer from the limited range over which power
can be beamed (e.g., microwaves to GEO or near-visible light to the Moon). Even the
laser-augmented SEP system, which reverts to a normal solar powered SEP far from the
Earth, requires very high-powered lasers (10-MW beam or more) to provide any
significant trip time savings. Also, the space-based infrastructure (laser/microwave power
stations, orbital relay mirrors) required to support beamed-energy transmission would
need to be "amortized" over many users. Lastly, tether systems show only a small
advantage in IMLEO over the baseline system. This is due primarily to the need to break
up the 400 MT payload into twenty 20-MT segments, each with its own chemical O2/H 2
stage for tether-assisted Earth escape and Mars capture. Also, there is a significant LEO,
Deimos, and Phobos tether station set-up mass investment which must be "amortized"



over many missions. However, tethers may havegreater benefits for the piloted portion of
the mission. For example, tethers can be used to lower (de-orbit) landers and raise
ascent vehicles. Also, a tether station on Deimos can provide a vehicle returning to Earth
with Mars' escape velocity, thereby greatly reducing the trans-Earth injection propulsion
requirements.

Two concepts were found to have very poor performance for the Mars cargo
mission scenario assumed in this study. These were solar thermal propulsion and rail
guns. Solar thermal propulsion suffers from having too low an Isp (1200 Ibf-s/Ibm) for this
mission. Rail guns suffer from both a low Iso and a low efficiency (electric-to-jet power);
they require high powers (50 MWe) for optimum performance andcan only show a mass
savings over the baseline chemical system if copious amounts of "free" lunar oxygen are
available as propellant in LEO.

Based on the results of this study, solar sails, 100-MW e class NEP systems, and
100-MW e class SEP systems should be considered in detail for application to the Mars
cargo m=ss=on. Further, 100-MW e class NEP and SEP systems should be evaluated in
detail for the piloted portion of future Mars missions since they have the potential for
significant savings in both IMLEO and trip time as compared to the baseline chemical
systems. Similarly, tethers should be evaluated for the piloted portion of the Mars mission
since they may provide major savings in mass for the Mars-to-Earth portion of the trip.
Magsails, mass drivers, and beamed-energy concepts should also be considered for the
Mars cargo mission, although their performance will depend on a number of factors (e.g.,
"amortization" of a space-based laser for laser propulsion vehicles).

Finally, it should be noted that the conclusions reached in this study are highly
mission-scenario dependent. Thus, a concept that has no benefit for the Mars cargo
mission scenario assumed in this study may show significant benefits for the piloted
mission. Similarly, concepts that are not attractive for Mars missions may provide major
benefits when used for cis-lunar missions (e.g., LEO-to-GEO OTVs or lunar base
missions). Also, different thrusting or trajectory strategies (e.g., low-thrust spiral planetary
escape or capture, as used in this study, versus multiple-impulse medium-thrust
trajectories) may have a significant impact on performance. Furthermore, in this study, the
concepts were used in a "pure" Mars cargo mission mode with a minimum of mixing of
modes. For example, only the beamed-energy concepts were used in a LEO-to-GEO OTV
mode due to the limitations in transmission distances. Future studies should consider the
option of "mixed" mission modes of operation; such as, for example, the use of an
advanced concept for a LEO-to-GEO OTV-type transfer followed by trans-Mars injection
by a second system. This may be a particularly attractive approach, since a number of
previous studies have shown that systems with Isps of 1000 to 1500 Ibf-s/Ibm (e.g., mass
drivers, rail guns, solar thermal propulsion, laser/microwave thermal propulsion) can
provide major savings in IMLEO as compared to chemical systems, and savings in trip
time as compared to high-lsp electric propulsion systems at comparable power levels.
Finally, the same advanced propulsion concepts considered in this study for the Mars
cargo mission should also be evaluated for the lunar base cargo mission, again with
IMLEO and trip time as the primary figures of merit.
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SECTION 1

INTRODUCTION

There are a wide variety of advanced propulsion concepts which hold the potential
for significantly reducing the initial mass in low Earth orbit (IMLEO) or reducing the trip
time required for missions to support future NASA piloted missions to Mars. The overall
objective of this study was to evaluate the benefits (in terms of reduced IMLEO and trip
time) of the use of several advanced low-thrust propulsion concepts for the cargo mission
portion of a split piloted Mars mission in the year 2014. The concepts evaluated in this
study include those that derive their power from sunlight or laser light, as well as those
that use electric power from a nuclear reactor or solar photovoltaic cells.

1.1 CONCEPTS EVALUATED

Concepts and mission scenarios evaluated in this study are summarized in Figures
1-1 and 1-2. Those concepts which use sunlight directly include the solar sail, which uses
momentum exchange from solar photons to "push" a gossamer sail, and the solar thermal
rocket, which focuses sunlight into a thrust chamber to heat a propellant working fluid like
hydrogen, which is then expelled through a conventional nozzle. A concept related to the
solar sail is the magnetic sail (mag sail), which uses a magnetic interaction with the
charged particles in the solar wind to "push" the "sail" (actually a superconducting
solenoid magnet ring).

Two concepts which directly use beamed energy (e.g., laser light) from a remote
beam source are the laser thermal rocket and the microwave thermal rocket. The laser
thermal rocket is similar to the solar thermal rocket except that near-visible laser light from
a remote laser transmitter (ground or space-based) is used instead of sunlight. Two types
of microwave thermal rocket concepts are possible. The first is the analog of the laser
thermal rocket in that microwave radiation is absorbed by the propellant andused to heat
the propellant. By contrast, the electron-cyclotron resonance (ECR) microwave thruster
concept uses a m=crowave beam to directly excite a propellant and expel it; the propellant
is in fact not just heated thermally but rather is excited electromagnet_cally by coupling to
the energy in the microwave beam. The ECR thruster concept is the one selected in this
study for use with the microwave 'thermal" propulsion system

The laser or microwave radiation can also be used indirectly to power an electric
thruster (e.g., ion thruster ) by first converting the incoming photons to electricity by either
"solar" photovoltaic cells (near-visible wavelength) or by a rectenna (microwave
wavelength); these concepts represent electric propulsion vehicles with a potentially
light-weight power supply (receiver) on the vehicle because the actual power supply
(transmitter) is remotely located on the ground or in low Earth orbit (LEO).

A second general category of concepts are those which use a nuclear or solar
electric power supply to operate electric propulsion thrusters. These include 100-MW
class Nuclear Electric Propulsion (NEP) and Solar Electric Propulsion (SEP), as well as
megawatt-class rail guns and mass drivers. In the rail gun and mass driver, the propellant
is in the form of "pellets" which are accelerated electromagnetically in a "bucket" and shot
out from the vehicle to provide thrust. Rail guns and mass drivers can use any material as
the "pellet" mass and thus could use extraterrestrial materials as a propellant source, thus
reducing the required IMLEO.
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A final, non-propulsive concept is the use of tethers for orbit raising and lowering in
Earth and Mars orbit, respectively. The use of tethers can significantly reduce the
requirement of the spacecraft by using long cables to reel the spacecraft in or out of the
deep gravity well of a planet andthus raise or lower orbits.

1.2 TRADE STUDIES

As mentioned above, the primary figures-of-merit used in evaluating concepts for
this study were the initial mass in LEO andtrip time required for the Mars cargo mission.
The primary focus is on total system mass, including the empty or "dry" vehicle weights,
propellant, and payload (400 MT total to Mars/Phobos orbit). Also included in the total
mass is the weight of any supporting infrastructure. This infrastructure can take many
forms, depending on the concept and mission scenario. For example, several of the
concepts cannot operate directly from LEO, but instead have some minimum altitude at
which they must operate. Thus, an added fleet of orbit transfer vehicles (OTVs) is required
to boost the system from LEO to the minimum operating altitude; the dry weight and
propellant required for the OTV fleet is included in the infrastructure mass requirement.

For trip times, the primary figure-of-merit is the Earth-to-Mars trip time, since the
cargo mission is a one-way delivery. In most cases, however, the vehicles are re-usable,
so a Mars-to-Earth trip time is also found. The round-trip time is important if the vehicles
are to be phased properly with subsequent launch opportunities. For example, a system
with a round-trip time of less than the Earth-Mars synodic period (2.2 years) could be used
for the next launch opportunity; longer round-trip times would require skipping one or
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more opportunities, thus requiring a larger overall cargo vehicle fleet for continuous
operations.

However, in this study, it is assumed that the full system must be deployed the "first"
time, so all associated masses are included and only the Earth-to-Mars delivery time is
considered in detail. Re-use and "amortization" of vehicles for multiple cargo delivery
cycles should be considered in detail in future studies to identify benefits and penalties
associated with re-use of vehicles for a continuous Mars base operation and growth.

1.3 APPROACH

Results for each of the concepts listed above is described in detail below; the
general approach used in evaluating each concept is discussed next. For each concept,
the first step involves definition of a mission scenario. This includes the identification of a
minimum operational altitude, as, for example, for solar sails which cannot operate below
a 2000-kin altitude due to air drag. The requirement of a high-altitude operation node
impacts the infrastructure requirements, since an OTV is then required to transport
propellant, cargo, and empty ("dry") vehicles from an assumed 500-kin LEO base (e.g.,
space station), since the IMLEO is figured at a 500-km altitude base node. Thus, the total
IMLEO would also have to include the OTVs (and their propellant) that are required to
support operation of a solar sail.

Another example of the way in which the mission scenario impacts the overall
operation of the concept is in the area of the laser propulsion concepts. Since the size of
the transmitter and receiver optics increase with increasing transmission distance, these
concepts are limited to operation only near the Earth. This makes it possible to achieve
most or all of the Earth-escape velocity requirement (typically the largest Delta-V
requirement in the mission) with the high-performance laser propulsion concept, but then
a second stage (e.g., an aerobraked oxygen/hydrogen chemical propulsion system) is
required for the Earth-to-Mars and Mars-orbit-insertion steps in the mission.

A final element in the mission scenarios involves the issue of re-use of the vehicle
and thus the need to carry propellant for the return to Earth orbit. A qualitative
assessment was made such that "expenswe," complex electric propulsion vehicles are
returned to Earth orbit; these include SEP, NEP, rail guns, mass drivers, and laser (visible
and microwave) electric vehicles. By contrast, "inexpensive," simple thermal propulsion
vehicles are expendable; these include aerobraked O2/H2, solar thermal and laser
(visible) thermal systems, although the microwave thermal vehicle, because of its size and
complexity, is returned. Finally, solar and mag sails are returned to Earth orbit because
they use no propellant.

The second step in the analysis processes involves development of a series of
scaling equations for each of the concepts so as to determine the empty or "dry" mass
(MD_) of the vehicle. In general, the dry weight will be a function of the total propellant
load (propellant tankage, refrigerators for cryogenic propellants), power (power supply,
thrusters, power processors), specific impulse (Iso), and efficiency of the various
subsystems. Scaling equations are derived from a combination of literature sources and
in-house analyses and evaluation.

The final step in the analysis involves the use of low-thrust trajectory computer
codes to determine the propellant requirements and trip time as a function of exhaust (jet)
power, specific impulse, and initial mass (dry, propellant, and payload mass). Combined
with infrastructure requirements, output from the trajectory code permits evaluation of the
IMLEO and Earth-to-Mars trip times as the primary figures-of-merit for each concept.
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1.4 ASSUMPTIONS COMMON TO ALL CONCEPTS

Several ground rules and assumptions were established which were common for
all of the concepts. The first was that the time frame of the mission be the year 2014. The
primary requirement is to transport 400 metric tons (MT) of cargo from a 500-km, 28.5 ° low
Earth orbit (LEO). This initial starting node was chosen as typical of a space station orbit.
All calculations of IMLEO use this LEO node as a reference point. The payload is
delivered via a slow minimum-energy conjunction-class trajectory to a 6000-km Mars
orbit. This orbit is taken as the dehvery node; it is at the same altitude as Phobos,
although the need to actually rendezvous and land on Phobos was not considered in
detail.

Several of the concepts described below are large in size; it was assumed that it
would be neither practical nor desirable to have these vehicles dock directly with a space
station or base in LEO or Mars orbit. Instead, a separate chemical stage was added to the
payload to provide a small Delta-V capability (50 m/s) for any required rendezvous and
docking of payloads in Earth or Mars orbit. For this purpose, the Orbital Maneuvering

Vehicle (OMV) was used. This vehicle has a "dry" weight ( MDr v ) o_ 4035 kgand a
useable propellant (Mo) capacity of 4286 kg with an Isp" of 300 Ibf-s/lbm. The OMV can
provide a 50-m/s Delt,_-V for payloads weighing up to 100 MT; for payloads in excess of
100 MT, a "stretched" OMV was used with the following scaling equation:

MDry OMV = 3136.1 + 0.20972 • Mp [all masses in kg]

Also, the OMV has a 463 W electric power system composed of solar cells and
batteries (for shadow periods). Even though sunlight intensity at Mars is less than half
that at Earth, the amount of time spent in sunlight and shadow in a 6000-kin altitude Mars
orbit is such that the OMV power system can provide about 66 % of its rated power at
Mars.

In addition, structural or docking adapters were added to the payloads, thus
increasing the "effective" payload weight. This is illustrated in Fig. 1-3 for the case of the
OMV. Note that some of the concepts and mission scenarios require aerobraking of the
payload into Mars orbit; this is performed by an O2/H2stage with an Iso of 470 Ibf-s/Ibm
and an aerobrake mass corresponding to 15 % of the vehicle (sta!g-_-, propellant, and
payload) mass at the start of the aeromaneuver.

Another study ground-rule was that the total 400 MT payload could be split into
smaller units, such that the smallest unit was 20 MT. Thus, it is possible to see the effect
on IMLEO and trip time by increasing the number of vehicles, but decreasing the payload
per vehicle (and thus mass per vehicle), e.g. one vehicle (with a 400 MT payload), two
vehicles flying in parallel (each with 200 MT payload), and so on to 20 vehicles (each with
a 20 MT payload).

A final study assumption was that only one "new" or advanced concept be used at
a time. For example, an aerobraked O2/H2 vehicle was used with the tether concept; a
100-kW class solar electric propulsion vehicle was used as the OTV for those concepts
that cannot leave directly from LEO (e.g., solar sails). In the context assumed in this study,
aerobraked chemical or 100-kW class SEP vehicles are considered to represent the
baseline (non-advanced)propulsion technology available in the year 2014 time frame
assumed for this study. Similarly, in the laser propulsion concepts, the beam power is
limited to ranges of 1 to 10 MW since this would require electric power supplies for the
lasers of 10 to 100 MW (electric) assuming a 10% electric-to-laser efficiency; m this case,
beam powers in excess of 10 MW would require 100-MW class electric power supplies
which would be considered a second "new" technology in addition to the laser. One area
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that should be considered in future studies are synergistic combinations of advanced
propulsion concepts (e.g., tethers and high poweredSEP vehicles).
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Figure 1-3. Effective Payload Weight Due to Adding an Orbital
Maneuvering Vehicle (OMV) for Earth and Mars
Orbital Operations

1.5 RESULTS FOR THE BASELINE AEROBRAKED CHEMICAL (O2/H2) SYSTEM

1.5.1 Introduction

For comparison purposes, the IMLEO and trip time for an aerobraked chemical
(O2/H2) propulsion vehicle was found. A two-stage vehicle is used; both are expendable
stages. The first stage is used for Earth escape and injection towards Mars, after which it
is jettisoned. The second stage performs an Earth-to-Mars trajectory correction maneuver
(TCM) and an aerobraking maneuver into an elliptical orbit with an apoapsis at Phobos °
orbital altitude and a periapsis nominally at zero altitude above the surface of Mars. After
the aeromaneuver° the aeroshell is jettisoned and the orbit circularized to match Phobos °
orbit.
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1.5.2 Vehicle Sizing

For this analysis, the full 400 MT payload (with a 2.5% adaptor) is sent to Mars.
Both stages have a specific impulse (l_o) of 470 Ibf-s/Ibm; the aeroshell on the second
stage has a weight of 15 % of the vehicle aerobraked. Active refrigeration is added to
both stages to store the cryogenic O2/H 2 propellants. Finally, an adaptor is added
between the first and second stage w_th a mass of 2.5 % of the loaded second stage
(stage, aeroshell, payload).

The basic O2/H 2 stage has a mass scaling equation 2 of:

MDry O2/H2 Stage = 1000.0 + 0.115 • Mp [all masses in kg]

where MDr v is the stage "dry" mass and Mo is the useable propellant mass. In this
equation, th_ factor 1000.0 is the "fixed" massrof the vehicle (engines, avionics, etc.) and
the factor 0.115 is the "tankage factor" for those components that scale with propellant
mass (tanks, insulation, structure, etc.).

As mentioned above, an active refrigeration system is added to each stage to
prevent boiloff of the cryogenic propellants during long storage or coast periods. For this
purpose, a sorption compressor refrigerator is assumed. Sorption compressors operate
by first adsorbing a gas on a suitable adsorbent material at low temperature (e.g.,
methane adsorbed on activated charcoal), and then desorbing the gas at high
temperature to produce a high pressure gas. The gas is then expanded through a
Joule-Thomson valve to produce cooling. Sorption refrigerators are currently under
development for sensor cooling applications; 3 they have the advantage of having none of
the rotating turbomachinery of conventional compressors. They also do not require large
amounts of electric power, since the sorption/desorption cycle can be accomplished with
waste thermal heat such as that available from an RTG. The scaling equation for a
3-stage (thermoelectric cooler, 02 sorption coolgr, H 2 sorption cooler) sorption
refrigerator for liquid hydrogen temperatures (20 K) is:4

MFrig [20 K] = 45.9 + 21.1 • Wcool [all masses in kg]

where MFrig is the mass of the sorption refrigerator (sorbent canisters, valves, radiators,
RTG power supply) and Wcool is the total cogling load in Watts. The total cooling load for
a 4-tank O2/H 2 stage (2-0 2 + 2-H 2 tanks) is:o

Wcool = 0.04252 • (Mp) 2/3 [4-tank O2/H 2 stage, all masses in kg]

Thus, the sorption refrigerator mass scaling equation for the 4-tank O2/H2 stage is:

MFrig [20 K] = 45.9 + 0.8972 • (Mp) 2/3 [all masses in kg]

This refrigerator represents about 8 to 15 % of the overall stage dry mass for the first and
second stage, respectively, of the vehicle.

The final scaling equation for the 4-tank O2/H2 stage (less adaptors and aeroshell)
is thus:

MDry O2/H2 Stage w/Frig = 1045.9 + 0.115 • Mo + 0.8972 • (Mp) 2/3
[all madses in kg]

= 1.0459 + 0.115 • Mo + 0.08972 • (Mp) 2/3
[all mdsses in MTJ
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1.5.3 Delta-V Requirements

T_j_s-_.ars insertion requires a hyperbolic excess velocity of 3.162 km/s; or a C3 of
9.541 km /s ; this corresponds to a Delta-V of 3.588 km/s from a 500-km LEO. This

launch opportunity occurs on De q2e=rr_er12, 2013 and has a trip time of 294 days. This
increases to a C3 of 15.041 km /s , but with a triL_ tj2rne of 224 days, by January 18,
2014. ° For these analyses, the lower C 3 (9.541 km /s ) is used. A 100-m/s Delta-V for
Earth-orbit operations, performance losses, etc., is added to the required injection Delta-V
to give a total of 3.688 km/s for the first stage. The second stage Delta-V budget includes

The anda 100-m/s TCM, followed by aerobraking, aeroshell is then jettisoned, the orbit
circularized. This consists of a 580-m/s orbit circularization (0x6000-km to 6000x6000-km
altitudes); this is rounded to 600 m/s to include a small performance margin. A final 50
m/s for rendezvous and docking at the Mars-orbit base is added to give a total of 100 m/s
pre-aerobrake and 650 m/s post-aerobrake for the second stage.

1.5.4 Results

With these assumptions, the baseline chemical O2/H2 system has an IMLEO of
ov1646 MT, as shown in Table 1-1, and an Earth-to-Mars trip time 294 days. This system,

illustrated in Fig. 1-4, serves as a baseline against which the IMLEO and trip time for the
advanced propulsion options will be compared. The total IMLEO includes the 400-MT
payload, a 10-MT adaptor between the payload and stage 2, a 160-MT second stage, a
14-MT adaptor between sta_le 1 and stage 2, and a 955-MT first stage. In addition, it is
assumed that the stages w_ll be launched dry from the Earth to LEO, so a dedicated
propellant resupply tanker is required. This O2/H2 propellant tanker has a dry weight of
106 MT, assuming a tankage factor the same as the O2/H2 stages (0.115).

Table 1-1. Baseline O2/H 2 Vehicle Mass Summary

Element

Adaptor (2.5 %)
MD
Mo r_ost-Aerocapture)
A6roshell (15 %)

TM_ta(iPre-Ae rocaptu re)

= tagLt
Adaptor (2.5 %)

arth Escape)

Total Staoe 1 + Staae 2

ResuoDly Tanker I'0.115.Mo Total)

IoZaLIMLEQ

10.0
11.4
63.9
72.8
12.2

170.3

14.3
106.6
848.2

106.3

lS45.7

0.650

0.100

3.688
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SECTION 2

SOLAR SAILS

2.1 INTRODUCTION

Solar sails operate bx using momentum exchange with solar photons; this amounts
to a force of 9 Newtons/km a at 1 AU. As such, a solar sail has "infinite" specific impulse,
because it requires no propellant, but it has a low acceleration resulting in long trip times.

Also, solar sails are typically large, gossamer st_ctures with dimensions of kilometers; for
example, a typical solar sail has an area of 4 km.

Solar sails were first extensively studied in the late 1970's for the Halley Comet
rendezvous mission. 1 At that time, there was an extensive analyses made of solar sail
fabrication techniques (thin silvered sheets and light-weight booms), control and
dynamics, and trajectory analysis. The study found that solar sails were eminently
feasible from a technology and mission performance point of view, but the development
risk was considered too high for the short time available before launch. Instead, Solar
Electric Propulsion (SEP) was considered less risky given the mission's schedule
constraints.

Although the Halley Comet mission was not pursued by the United States, interest
in solar sails for a variety of lunar and Mars cargo missions, as well as planetary mission,
has continued because solar sails represent the most fuel efficient possible inter-orbital

"supertanker" in space. Solar sails have been extensively studied =n the pa_.tJor Mars
cargo missions; much of the discussions below are derived from these studies. ,

Figure 2-1 illustrates two solar sail concepts. The first is the classic square sail
consisting of a thin (few mills) sheet of silvered or aluminized plastic stretched over a
supporting light-weight boom. Small "fly swatter" vanes are located at the corners of the

sail; they have a combined area of 0.5% of the total sail area a_d are rotated to produce
differential light pressure for use in maneuvering the sail. The sail can also be
maneuvered by shifting the payload so that the center of mass is offset from the center of
(light) pressure. The second type of sail illustrated in Fig. 2-1 is the heliogyro solar sail. In
this concept, the sail is spun like a helicopter blade; the sail material is unrolled and
stabilized by centrifugal force. Maneuvering is accomplished by changing the "pitch" of
the blades. The heliogyro sail is easier to deploy than the square sail; has a greater
stability from random disturbances (due to its rotational inertia), but has a slower
maneuvering rate due to the rotational inertia. 1 Thus, the two types of sails have different
strengths and weaknesses, although the square sail, with its faster maneuvering (turning)
response, might be favored for missions involving extensive planetary escape and
capture spiral orbits (because the sail has to re-orient itself relative to the sun on each
orbit).

Currently, there is no NASA-funded work on solar sails, althougJ3 a private
organization, the World Space Foundation, has built a sail (880 m=: area) as al prototype
demonstration of the required on-orbit deployment and maneuvering capability. The
group is awaiting a launch vehicle to place the sail in a high-altitude orbit, because a sail
cannot operate below an altitude 9f about 2000 km due to air drag would exceeding
photon pressure at a lower altitude. 4
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Figure 2-1. Solar Sail Concepts

In this study, no distinction is made between square and heliogyro sails. Instead,
the primary performance parameter is the areal density (grams/re")of the sail. This
parameter is an important measure of sail performance, because it determir, l.eS the
acceleration of the sail (i.e., solar pressure [N/kin _'] divided by areal density [g/m _'] gives
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acceleration). Areal density, in turn, is determined by both the thickness of the sail
sheeting and the supporting structure. For example, in the Halley CL_met mission and
more recently in studies by Staehle on sails for Mars cargo missions, deployable.sails
were assumed with a total areal density (sail sheet _)lus structure_ of 5 o/m;" A
deployable sail requires relatively thick sail sheet (e.g., 2.5-"micron thick I_apton) to su_ive

folding (on the ground) and packing int_ a launch _ehicle, followed by unfolding
(deployment) on orbit. By contrast, Garvey and Drexler have considered sails erected
or constructed (fabricated) on orbit; because these sails do not need to be
folded/unfolded, the sheet can be much thinner (e.g., 0.015 to 0.2-microns thick). This
results Ln sails which are erected or fab..ricated on-orbit with areal densities ranging from
1.0 g/m _ (Garvey) to less than 0.3 g/m:" (Drexler). Thus, a Garvey- or Drexler-type sail
could have significantly higher acceleration, and thus shorter trip time, than a deployable
Staehle-type sail. For a given area, the Staehle sail would also be significantly heavier
(greater IMLEO). However, this must be balanced against the infrastructure requirement

of a sail erect_n/fabrication facility in orbit. This facility would basically be a separate
space station, whose mass would have to be includedin the IMLEO for the advanced
sails.

2.2 ASSUMPTIONS

2.2.1 Solar Sail Size and Areal Density

Four types of solar sails are considered in this study The first is a 4- km 2 area
I ' ' • ,2" -" "2 • •dep oyable sail with an areal density of 5 g/m 0.e., a Staehle- type sail ). This sad does

not require any on-orbit assembly facility, but it does require a fleet of orbit transfer
vehicles (OTV) to transport the sails and their payloads to a 2000-km minimum
operational altitude. Thus, although the sails are light (20 MT each), there is an added

infrastructure (OTVs and their p;_opellant) required to support operation of the sails. The
second type of sail is also 4-km in area, but it is erected and fabricated on-orbit2in LEO.
Its areal density is a factor of five lower than that of a Staehle sail, or 1 g/m (i.e., a
Garvey-type-sail3). This sail also requires a fleet of OTVs as above plus a LEO fabrication
facility, discussed in detail below.

The last two sails are assumed to have areal densities of 0 2 n/m 2 lie
Drexler-type sailsS), one with an area of 4 km 2, the other with an area of 10"km=2. Aswith'
the Garvey sails, the Drexler sails require both a LEO fabrication facility and an OTV
infrastructure. Differences in the mission scenarios between the deployable Staehle-type
sail and the advanced Garvey and Drexler sails which are fabricated on-orbit, are
illustrated in Figs. 2-2 and 2-3. Table 2-1 summarizes the performance parameters of the
four sails based on their type (deployable vs on-orbit fabrication), areal density, area,
mass, and characteristic acceleration (Ac) at 1 AU a,,ssuming a 95 % reflectivity of the sail
material, I._ (Note that areal density in units of g/m" is numerically the same,j.n units of
MT/km _', and thrust in Newtons divided by mass in MT gives Ac in units of mm/sZ.)

2.2.2 Trajectory Analysis

2.2.2.1 Solar Sail Trajectories. TheJow-thrust solar sail heliocentric trajectories were
analyzed by Carl G. Sauer Jr. of JPL._ The planetary escape and capture spirals were
modeled after the method of Sands. _' The usual free parameter is the characteristic
acceleration(Ac) of the loaded sail for the Earth-to-Mars trip and the unloaded (empty)
sail for the Mars-to-Earth trip. The characteristic acceleration of the sail is found by
dividing the total thrust at 1 AU by the total mass of the sail with any payload (MpL). The
total thrust at 1 AU is:

Thrust [N] = ( 9 N/kin 2 ) • ( Sail Area [km2] ) ° ( 0.95 [Reflectivity] )
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Table 2-1. Solar Sail Performance Parameters

Staehle _GaU.CV_ Drexler Drexler

Construction Deploy Fabricate Fabricate Fabricate

Area (kin 2) 4 4 4 10

Density (g/m 2) 5 1 0.2 0.2

Mass (MT) 20 4 0.8 2.0

Thrust (N) a 34.2 34.2 34.2 85.5

Ac (mm/s 2) a 1.71 8.55 42.75 42.75

Thrust/Weight a 0.17xl 0 -3 0.87xl 0 -3 4.36xl 0 -3 4.36xl 0 -3

Note: (a) Values at 1 AU assuming 95 % reflectivity
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Figure 2-2. Solar Sail Mission Scenario
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Figure 2-3. Advanced Solar Sail Mission Scenario

The sail mass (including payload, MpL) is:

Sail Mass [MT] = ( Areal Density [MT/km 2] ).( Sail Area [km2] ) + MpL[MT]

Finally, the characteristic acceleration is:

Ac [mrrVs2] = ( Thrust [N] ) / ( Sail Mass [MT'J )

Given Ac, the trajectory analysis computer code calculates departure and arrival

dates as well as the corresponding trip times. These ,_esults are illustrated in Figs. 2-4
through 2-6. Note that values of Ac less than 0.6 mm/s are not considered because this
represents a lower limit for both the analysis codes as well as for maneuvering near a
planet (e.g., not enough acceleration to turn the sail and re-orient it as it passes from
shadow to light). This severely limits the total payload that can be placed on a sail. For
example, the payload must be broken into 14 umts (and OMVs and intersta,ge adaptors
attached) and placed on 14 sails foe a 4-kin _: Staehle-type sail, 9 for a 4-km _: Garvey- or
Drexler-type sail, and 4 for a 10-kin _ Drexler-type sail.

Figure 2-4 illustrates the trip time for the Earth-to-Mars transfer as a function of Ac.
For sails with low acceleration, the total time can exceed 5 years, although the high
performance large Drexler-type sail can have a trip time approaching one year.
Interestingly, the trip time for the heliocentric portion of the trip remains fairly constant with
changes in Ac; the dominant impact is due to the Earth escape spiral time, which
becomes very large for the slow, heavily-laden sails. The Mars-to-Earth trip time is shown
in Fig. 2-5. In this case, the un-loadedsails have a significantly higher acceleration than
the loaded sails so most of the trip time is due to the heliocentric transfer. However, the
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sail's acceleration also impacts the arrival and departure dates at each planet, as shown
in Fig. 2-6. Because of the interplanetary trajectory requirements, the fastest (i.e.,
least-loaded) Staehle-type sail actually arrives at Mars 90 days after it should have left
Mars for the return to Earth. This of course does not mean that a Staehle-type sail cannot
be used for the cargo mission; rather, it simply means that the return to Earth is along a
non-optimum (i.e., non-minimum trip time) trajectory. Thus, for the Staehle-type sail, there
is a "negative" layover time at Mars, whereas the other sails have a positive layover time
ranging from about 100 to 260 days, as shown in Fig. 2-7.
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2.2.2.2 Low-Thrust OTV Delta-V and Trio Times. A low thrust-to-weight OTV is required
for orbit transfer of the advanced Garvey- and Drexler-type sails to prevent damage to the
fragile sail support structure because they are already assembled in LEO. It is assumed
that a similar low-thrust O'IV requirement exists for the Staehle-type sail, although it could

be transferred by a high-thrust OTV and unfurled in the 2000-km sail .osrbit. The low-thrust
OTV Deta-V requirement was found by using the Edelbaum equation"

Delta-V = ( V12 + V22 - 2V1V2 cos (pi/2 oTheta) )1/2

where V 1 and V2 are the orbital velocities of the initial and final orbits and Theta is the
difference in inclination between the initial and final orbits. Transfer from a 500-km
altitude LEO to a 2000-km altitude sail deployment orbit with no plane change results in a
Delta-V requirement of 715 m/s for a low-thrust OTV.

For low-thrust spiral trajectories, the total trip time can be found by assuming that
the engines are operating continuously, such that the total engine operating time is equal
to the trip time. The engine operating time is found by dividing the mass of the total
propellant (Mp) required for the transfer by the rate of propellant consumption (M-Dot):

Run Time = Mp / M-Dot

The propellant flow rate is found from the specific impulse (Isp) and thrust:

M-Dot [kg/s] - Thrust [N] / (gc ° Isp [Ibf-s/Ibm])

where the factor gc = 9.8 is used to convert ISD in units of Ibf-s/Ibm to units of N-s/kg.
Finally, thrust is found from the total jet power (PJet) and Isp:

Thrust [N] = 2 ° PJet [W] / (gc ° Isp [Ibf-s/Ibm])

For the Solar Electric Propulsion (SEP) OTVs, it is also necessary to take into
account the effect of shadowing on trip time because the SEP OTV coasts when in
shadow. The fraction of time in shadow for each orbit is found by simple _.eometry; an
average is found by summing over the orbital altitudes of the spiral transfer. =-or a transfer
from a 500-km to a 2000-km altitude circular orbit, the OTVs spend an average of 68.1%
of the time in sunlight. Thus, the SEP OTVs have a total trip time that is 1/0.681 times that
of the total engine operating time.

2.2.3 Support Infrastructure

2.2.3.10TV Infrastructure. For the OTV infrastructure, it was assumed that chemical
oxygen/hydrogen (O2/H2) OTVs and 100-kW Solar Electric Propulsion (SEP) OTVs would
be available as part of the infrastructure su
Geosync pporting operations between LEO and

, ,hronous Earth Orbit (GEO). Three types of OTVs were taken from recent
LEO-GEO mission studies, u The first was a low-thrust O2/H20TV (not aerobraked) wit h

an Isp of 480 Ibf-s/Ibm; the second was a 100-kW (electric) hydrogen-arcjet SEP OTV with
an Isp of 1500 Ibf-s/Ibm; the third, and preferred OTV was again a 100-kW SEP OTV, but
with a Xe-ion thruster with an Iso of 4746 Ibf-s/Ibm. The dry mass and maximum
propellant mass of each of these OTVs is listed in Table 2-2.

These three OTVs were selected to investigate the interplay between Iso (and thus
IMLEO) and tip time for the OTVs. Thus, the chemical OTV has the fastest trip time but
uses the most propellant, while the Xe-ion SEP OTV uses the least propellant but has the
longest trip time (_656 days, including shadow coast periods, when fully loaded). It was
assumed that an initial set-up time of 800 days (roughly the 2.2-year Earth-Mars synodic
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period) would be available for sail fabrication (if required) and OTV placement of the sails
and their payloads in the 2000-km operational orbit. As shown below, there will be a
trade-off between the time available for sail fabrication and OTV operations which impacts
the relative size of the fleet of fabrication facilities and OTVs. Also, multiple sails (typically
10 to 20 sails) are required to ensure that the fraction of the total payload carried by each
sail is sm,011 enough so that accelerat, Lon of the loaded sail (with _, 95% reflection
efficiency _) is acceptable (>0.6 mm/s_'). For example, if ten 4-kin,: sails are to be
fabricated on-orJ_it, two orbital factories are required because each can produce only 5
sails (one 4 km _ sail every 140 days) in the allotted time, leaving 100 days (out of 800
total) for transfer of the sails to the 2000-km orbit. This is easily done by a single
fully-loaded chemical OTV, but a fleet of partially loaded SEP OTVs is required to meet
the required delivery schedule. (The payloads are tragsferred during the 700-day
fabrication period). For example, for a system of ten 4-km _' Garvey-type sails, a fleet of
either 2 H2-Arcjet OTVs or 3 Xe-lon OTVs are required.

Finally, as with the baseline chemical O2/H2 system, a propellant resupply tanker
was added to transport propellants to LEO. The resupply tanker tankage factor for the
three OTVs ._as 0.032, 0.221, and 0.333 for the O2/H 2, H2-Arcjet, and Xe-lon OTVs,
respectively.U

Table 2-2. OTV Performance Parameters

..T.zJ2¢ ..,_._a
('l_-s/'bm) _1_ a M_) a (E_ a "T'd'Q"T-IE_b(Days)M_vlJ_c

O2/H2 480 7.160 37.000 10357 0.5 207.353

H2-Arcjet 1500 7.485 15.032 49 563.3 286.251

Xe-lon 4746 4.042 2.676 75 655.9 164.593

Notes: i!!Average fraction of time in sunlight per orbit = 68.1%
Low-thrust Delta-V = 715 m/s (500-kin LEO to 2000-km altitude circular
orbit transfer)

2.2.3.._ LEO Fabrication Facility. The LEO fabrication facility was sized 3 to produce one
4-km=: area sail in 140 days; it-has a 25-kW photovoltaic power system, weighs 140 MT,
and requires 1 MT of drag-makeup propellant resupply. Most of the drag is due to the
solar panels becaust the sail is held edge-on to the orbital velocity vector to minimize its
drag in LEO. Once assembled, the sail and its payload are boosted to a 2000-km altitude
orbit for operation.

2.2.3.3 Payload SuoDort. It was assumed that the large gossamer sails could not dock
directly witl_ a base in Earth or Mars orbit, so an Orbital Maneuvering Vehicle (OMV) and
assoc=ated structural adaptors were added to each payload so as to provide a 50-m/s
Delta-V capability in Earth and Mars orbit for any necessary rendezvous and docking of
the payloads, as was shown in Fig. 1-4.

2.2.4 Atmospheric Drag

Interestingly, the year 2014 is a maximum in the solar cycle and atmospheric drag
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will be at a maximum. A 2000-km altitude Earth orbit was found to give acceptably low
drag (e.g., drag = 0.2 % of the sunlight force) for the sails even under the extreme
worst-case solar maximum atmosphere.

2.3 RESULTS

Figures 2-7 and 2-8 illustrate the IMLEO and trip time for the four solar sail
concepts. Figure 2-7 shows a mass breakdown of the various elements in the system
(payload, payload OMVs, sails, sail fabrication facilities, and OTVs) for a system

payload per effectively 26 with theconsisting of 20 solar sails, each with 20 MT of sail ( MT
addition of the OMV). A solar sail system is very light, being roughly equal in mass to the
mass of the (net) payload transported. For the advanced sails, the IMLEO of the total
system is one-half that of the baseline O2/H 2 system. The major disadvantage of a solar
sail system is its long trip time, ranging from 500 to 2300 days, depending on sail concept.

An interestingtrade-off occurs between deployable sails (Staehle) and sails
fabricated on-orbit (Garvey and Drexler). In this case, the weight of a fleet of "thick"
deployable sails is significantly greater than the weight of a fleet of sails fabricated
on-orbit, even when the fabrication facility infrastructure is included. Trip times are also
significantly shorter for the lighter sails, as shown in Fig. 2-8. Finally, the OTV deployment
system is only a small fraction of the total; any of the chemical or SEP OTVs could be used
to deploy the sails to 2000-kin altitude.

2.4 CONCLUSIONS

Although technologically more demanding, it appears that there are significant
benefits resulting from using sails erected or fabricated on-orbit. A reasonable goal, in
terms of technologicaJ, challenge and performance benefit, is the Garvey-type sail with an
areal density of I g/m _'. This sail has good performance with its thin sail sheet, yet inherits
much of the structure and dynamics control technology developed for the Halley Comet
mission. For example, the IMLEO of a 20-sail fleet of Garvey-type sails is only 727 MT
with an Earth-to-Mars trip time of 1060 days; this represents only 44% of the IMLEO and
3.6 times the trip time of the baseline O2/H2 system.

The major disadvantage of the solar sail system is its long trip time. For the 20
Garvey-type sail fleet described above, 584 days are spent spiraling_out from Earth, 384
days in heliocentric transfer, and 92 days for sp=ral in to Mars orbit. Future studies should
consider methods to reduce the trip time at the expense of a higher IMLEO. For example,
the payload could be aerobraked into Mars orbit with a chemical propulsion system to

electricavoid the 92-day Mars-capture spiral. Similarly, a chemical or stage could inject
the sail and payload out of Earth orbit and avoid (or at least partially reduce) the long
Earth-escape spiral. This may have significant impact on trip time, but also on mass,
because the Earth-escape port=on compnses the largest fraction of the total trip time (and
Delta-V).

In summary, few other concepts have thepotential for providing such significant
reduction in IMLEO as the solar sail; detailed studies will be re.cluired to properly assess
the technology requirements and mission benefits of solar sails as compared to other
options for the Mars cargo mission.
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SECTION 3

100-MW CLASS SOLAR ELECTRIC PROPULSION

3.1 INTRODUCTION

A Solar Electdc Propulsion (SEP) system, as shown in Fig. 3-1, consists of a solar
photovoltaic power supply, a power processor unit (PPU) which converts the solar array
power output to the form required by the thrusters, and the electric thrusters. In this study,
a 100-k /V class SEP system was analyzed. A similar-sized Nuclear Electd¢ Propulsion
(NEP) system is described in the next Section.

Previous studies I have shown significant benefits for the Mars cargo mission
utilizing NEP systems with a total (power and propulsion) specific mass of 10 kg/kW, an
ISD of 5000 Ibf-s/Ibm, and a power level of 1 to 10 MW ele_dc (4 MW typical). This SEP
st[Jdy (and the NEP study described in the next Section) was aimed at investigating
ultra-high power SEP (and NEP).
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PROPULSION
MODULE

SOLAR ARRAYS

JET
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( PJET )
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" ''HRUSTER
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Figure 3-1. Solar Electric Propulsion (SEP) Concept
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Note that in discussing SEP (and NEP) concepts, it is the "bus" electric power (Pe)
that is quoted; this is the (average) power output from the solar arrays (or nuclear reactor).
As shown in Fig. 3-1, the "bus" electric power is then fed to the power processor unit
(PPU) and from there to the thruster. There are losses and inefficiencies in the PPU and
thrusters, such that the propulsion or jet power (PJet) is typically 50 to 90 % of the input
"bus" electric power.

From an operational point of view, a SEP vehicle has an advantage over a NEP
vehicle in that the SEP vehicle can operate from LEO; by contrast, a NEP has a minimum
operational altitude of about 1000 km to ensure that no radioactive components enter the
Earth's biosphere in case of catastrophic failure of the NEP vehicle. However, the SEP
vehicle suffers from shadowing in Earth or Mars orbit, resulting in a longer trip time than a
NEP vehicle which has a continuous power source. Similarly, power output from the solar
array drops off as the vehicle moves away from the sun. However, the efficiency
(sunlight-to-electricity) of the solar array increases with decreasing tgmperature. Thus,
the power output from a solar array drops off more slowly than a 1/R _" d0stance from the
sun, as shown in Fig. 3-2.
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Figure 3-2. Solar Photovoltaic Array Power Output vs. Distance from the Sun
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3.2 ASSUMPTIONS

3.2.1 Mission Scenario

The SEP vehicle leaves from LEO, so no supporting O'IV infrastructure is needed.
Power levels from 100 to 500 MW e are considered, as is the option of dividing the
payload among several vehicles flying in parallel. The mission scenario is illustrated in
Fig. 3-3.

RETURN EMPTY SEP

CARGO VEHICLE

6000-km
STAGING

ORBIT

G

UNLOAD CARGO

SPACE

STATION

I= 1I" 1I'='1
,.,,, EARTH '_/.. MARS_

Figure 3-3. 100-MW Class Solar Electric Propulsion Mission Scenario

3.2.2 IO0-MW e SEP Vehicle Sizing

The two primary figures of merit for the various elements in an electric propulsion
systems are their specific mass, expressed in units of kilograms per kilowatt of electric
power (also, a kg/kW e = MT/MWe), and their efficiency, expressed as the ratio of power
input divided by power output. Specific mass and efficiency are often abbreviated as
alpha (o_)and eta (11), respectively.

3.2.2.1 Solar Array Specific Mass. Multi-megawatt solar arrays were evaluated by Paul
M. Stella of JPL. Z it Was assumed that by 2014, the efficiency of the arrays would be 25 to
27 %, or aboMt twice the state-of-the-art, as shown in Fig. 3-4. At an assumed efficiency of
25 % 3 6 m z are reouired Der kilowatt of electric power (with 17.7 % distdbjjtion losses).

I " / /

• The blanket (cells plus wiring) areal density was estimate_lZ to be 0.45 kg/m . Addition o!
a supporting structure wouldraise this figure to 1.0 kg/m=: with an uncertainty of :1:20 %.z
Thus, the overall specific mass of the solar array is 3.6 kg/kW e. The mass of the array is
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then"

Solar Array Mass [kg] = ( 3.6 [kg/kWe] ) • Pe [kWe]

Solar Array Mass [Mr] = ( 3.6 [MT/MWe] ) • Pe [MWe]

where Pe is the "bus" electric power and the value of the specific mass in kg/kW e is
numerically equal to MT/MW e.

This solar array specific mass value is baselined for systems between 1 MW e and
500 MW e. Finally, it was assumed that there would be no loss in performance due to
radiation (Van Allen belts or solar flare) degradation of the cells. This is based on two
assumptions; first, trip time through the Earth's Van Allen radiation belt would be greatly
reduced for a high-powered SEP vehicle, and second, technology imi;jrovements by 2014
would provide more radiation-resistant cells than are available today.,-,
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Figure 3-4. Advanced Solar Array Specific Mass vs. Efficiency

3.2.2.2 Power Processor Unit (PPU_ Soecific Mass and_Efficiencv. The high-power PPU
systems were evaluated by Stanley. KL'authmer of JPL 4 and were estimated to have a
specific mass of 0.45 kg/kW e w0th an electrical efficiency of 97 %. This is lower
performance (higher specific mass, lower efficiency) than the PPU for the NEP system
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described in the next Section because the output from the solar arrays is limited to 500 V
and must be convened to a high voltage for input to the ion engines (discussed below); by
contrast, the high-voltage output from the nuclear reactor dynamm power conversion
system gives a better match to the needs of the ion engines, so less voltage manipulation
is needed in the NEP case. Thus, the mass of the PPU is simply:

PPU Mass [kg] = ( 0.45 [kg/kWe] )o Pe [kWe]

PPU Mass [MT] = ( 0.45 [MT/MWe] )o Pe [MWe]

3.2.2.3 Ion Thruster Soecific Mass and Efficiencv. High-powered advanced io,.nengines
for a 100-MWe class SEP (and NEP) system were evaluated in earlier studies; :_details of
the sizing of the electron-bombardment ion engines used in this analysis are given in the
Appendix. Both ion and magneto-plasma-dynamic (MPD) thrusters are candidates for
SEP (and NEP) vehicles. In this study, ion thrusters were selected over MPD thrusters
because of the potentially higher specific impulse (IsD), efficiency, and lifetime of ion
thrusters, although the two types of thrusters have diffbrent strengths and weaknesses.
For example, MPD thrusters may provide significant advantages for high-power vehicles
because the power-per-thruster of ion thrusters is typically limited to a few MW e. By
contrast, MPD thrusters do not begin to operate efficiently until power levels of one MW e
or higher are reached. Thus, for a 100 MW e vehicle, the number of MPD thrusters
required might be an order-of-magnitude less than the number of ion thrusters, with
corresponding savings in system complexity (PPUs, gimbals, feed systems, etc.).

The specific mass and efficiency of the high-performance ion thrusters depend on
the specific impulse (IsD) at which they operate, as illustrated in Figs. 3-5 and 3-6. For
example, at an Isp of 5000 Ibf-s/Ibm, the thruster has a specific mass of 0.38 kg/kW e and
an efficiency (electric-to-jet) of 79 %; at an Iso of 10,000 Ibf-s/Ib m, the corresponding
values are specific mass and efficiency are 0.10 kg/kW e and 85%; and at an Isp of
20,000 Ibf- s/Ibm, 0.025 kg/kW, e and 85 %. The scaling equation describing thruster
specific mass and efficiency are: _

Thruster Specific Mass [kg/kWe=MT/MW e] = 1 / { 10 "7 • ( Isp [Ibf-s/Ibm] )2 + 0.163 }

Thruster Efficiency = 0.85 / { 1 + 1.8xl 06 / ( Isp [Ibf-s/Ibm] )2 }

For the thruster mass, the power (kWe) is that power entering the thruster (i.e., leaving the
PPU), or 0.97°P e assuming a 97-% efficient PPU for the SEP system:

Thruster Mass [kg] = ( Specific Mass [kg/kWe] ) • ( 0.97 • Pe [kWe] )

Thruster Mass [MT] = ( Specific Mass [MTIMW e] ) ° ( 0.97 ,, Pe [MWe] )

In sizing the vehicles, it is also necessary to consider thruster lifetime, which is assumed
to be 15,000 hours. Additional thrusters are added depending on the total "burn" time
required for the mission.

Finally, it should be noted that these scaling equations are based on the use of
mercury propellant in the ion thrusters. Mercury propellant was used extensively in earlier
ion engine technology programs. However, mercury ion thruster exhaust is generally
considered undesirable from a toxicity and spacecraft contamination perspective because
it is relatively non-volatile and would coat the vehicle surfaces. Partly for these reasons,
much of the recent ion thruster work has focused on the use of volatile inert gasses such

as xenon and ar_lon. Interestingly, the high cost and.limited production rate of xenon may
preclude its use =n large electric propulsion vehicles, e Also, tankage for the inert gasses,
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as either liquids or supercritj.cal gasses, will be high (e.g., a 0.333 tankage factor for
supercritical xenon storage). _ Finally, the contamination effects of high-lsoion thruster
exhaust plumes may make the use of mercury propellant acceptable if the'high exhaust
velocity (i.e., an I_p of 20,000 Ibf-s/Ibm corresponds to an exhaust velocity of 200 km/s)
minimizes plume Back-flow. These issues of thruster performance versus contamination
effects should be addressed in future studies.
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3 2.2.4 .Final Vehicle Sizino. The overall vehicle sizingincluding the mercury propellant
tankage o and the elements listed above (solar arrays, PPUs, and thrusters) is:

MDry SEP Vehicle [kg] = ¢zSolar Array ° Pe + ccPPU ° Pe + aThrusters" Pe "TIPPU

+ 1.42 ° Mp[kg] 2/3

MDry SEP Vehicle [MT] = ¢zSolar Array ° Pe + ¢zPPU ° Pe + aThrusters" Pe "11PPU

+ 0.142 ° Mp[MT] 2/3

where the propellant mass (Mo), specific mass ((z), and "bus" e!ect.n.'c power (Pe) are in
the appropriate units and the thtuster mass is a Tunction of the I-'P'U emciency _1._.
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The total propulsive ('jet') power depends on the total "bus" power (Pe) and the
efficiencies of the PPU and thruster (TIPPU and _Thruster, respectively):

PJet = Pe "_IPPU "_lThruster

Finally, a propellant resupply tanker (tankage factor = 2 %) is also included in the
total initial system mass in low Earth orbit.

3.2.3 Support Infrastructure

As illustrated in Fig. 3-3, the SEP vehicle leaves LEO and travels to Phobos orbit,
the payload is released, and the SF_,.Preturns to LEO. Because the 100-MW class SEP
vehicle is a large structure (0.36 kmZat 100 MWe), an orbital maneuvering unit (OMV) is
added to each payload to provide for rendezvous and docking in Earth and Mars orbit, as
was done in the case of the Solar Sail payloads.

3.2.4 Trajectory Analysis

3.2.4.1 Low-Thrust Traiectorv Analysis, The low-thrust SEP (and NEP) trajectories were
provided by Carl G. Sauer Jr. of JPL. u The results for the various low-thrust concepts
(e.g., solar-electric, nuclear-electric, and solar-thermal propulsion) evaluated in this study
are listed in the Appendix. The trajectory analysis code has as its input the Iso and initial
("wet") mass (M0.) of the vehicle; the outputs include the final ('dry") mass (MB) and trip
times for the vanous portions of the trajectory (escape spiral, heliocentric transfer, and
capture spiral). The vehicle masses are "normalized" in terms of the propulsive ('jet')
power (PJet), i.e., M0/PJe t and MB/PJe t . When using the data in the Appendix, PJet is
based on the power ava=labe at Earth (1 AU) even for solar-powered concepts; the
trajectory analysis code takes into account variations in power with changes in distance
from the sun.

3.2.4.2 Mission Analysis. In determining the total system initial mass in low Earth orbit
(IMLEO) and trip time, it is necessary to "work backwards" from the final empty vehicle
weight in LEO (after returning from Mars) to the initial fully loaded vehicle mass in LEO
(prior tothe Earth-to-Mars transfer). This involves first calculating the values of MB/Pje t
and then M0/PJe t for the Mars-to-Earth trajectory (with no payload), and then calculating
MB/PJet and M0/PJe t for the Earth-to-Mars trajectory with the Mars-bound payload and
propellant for the return trip included in the veh=cle's weight. This requires an iterative
method, because the vehicle "dry" mass depends on the mass of the total propellant
carried as well as the total trip time (i.e., tankage for the propellant and number of
thrusters required based on thruster lifetime, respectively). Details of the mission analysis
code are described in the Appendix. Inputs to the code include vehicle power and
efficiencies (i.e., PJet), Iso, and number of vehicles (i.e., payload per vehicle). Outputs
include propellant mass, _,ehicle "dry" mass, propellant resupply tanker mass, and trip
time.

3.3 RESULTS

Figures 3-7 and 3-8 present the results for a variety of SEP systems in the 100 to
500 MW e range, with IsDS from 5,000 to 20,000 Ibf-s/Ibm. Specific impulses of 10,000
Ibf-s/Ibm or higher are _eeded to compete with the IMLEO of the baseline aerobraked
chemical O2/H2 vehicle option. This is due, inpart, to the fact that the SEP system has a
specific mass almost three times that of the NEP system discussed in the next Section.
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However, an SEP vehicle has several operational advantages over an NEP
vehicle. For example, the SEP vehicle can operate directly from LEO so an OTV
infrastructure, with its associated mass and trip time penalty, is avoided. Also, an SEP
vehicle is not nuclear-powered vehicle, so the "political" and operational issues (e.g.,
shielding versus standoff distance to protect nearby spacecraft) associated with space
nuclear power are absent.

Finally, as seen in Fig. 3-8, there is a severe penalty on IMLEO when the cargo is
split among several vehicles in an attempt to reduce trip time. This is due to the significant
dry weight of these vehicles. For example, placing half the total payload on two vehicles
reduces trip time by only about 10%, but almost doubles the IMLEO because two SEP
vehicles (and their associated propellant) are now required. Thus, there is little or no
advantage to splitting the cargo among many heavy vehicles in an attempt to decrease
trip time.
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3.4 CONCLUSIONS

On the basis of IMLEO and trip time, a 100-MWeclass NEP system out-performs a
similar-sized SEP system. Also, high Isos (>10,000 Ibf-s/Ibm) are required by the SEP
system to show major improvements 15 IMLEO over a chemical system. However,
although lower in performance than a NEP system, a 100-MW e class SEP system may be
preferred in an overall operational or "political" context. It is recommended that future
str_i _.s be performed to address both the technical as well as operational requirements of
10_J-MW e class SEP and NEP in order to more fully understand their relative strengths
and weaknesses.
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SECTION 4

100-MW CLASS NUCLEAR ELECTRIC PROPULSION

4.1 INTRODUCTION

A Nuclear Electric Propulsion (NEP) system consists of a nuclear reactor and a
thermal-to-electric conversion system, as well as a power processor unit (PPU) and
electric thrusters. Unlike solar photovoltaic arrays, which scale approximately linearly
with power level (i.e., a roughly constant specific mass), a nuclear power supply has the
ability to make use of significant economies of scale. Thus, whereas a solar photovoltaic
array in a 100-MW e class Solar Electric Propulsion (SEP) vehicle has a specific mass of
3.6 kg/kW e, a simnar-power nuclear reactor with a high-temperature, Rankine dynamic
power conversion system has a specific mass of only 0.9 kg/kW e. Therefore, there is the
potential for significant mass and trip time savings with NEP over SEP.

This potential benefit, however, is offset by the infrastructure required to base the
NEP at a Nuclear Safe Orbit (NSO) of, typically, 700 to 1000 km altitude. This high
altitude is required to ensure that, in the event of a catastrophic failure, there will be
sufficient on-orbit stay time for any radioactive components to decay to safe levels before
re-entering Earth's biosphere. The actual altitude depends on the ballistic coefficient of
the vehicle (i.e., mass versus drag) and the levels of harmful nuclear isotopes that must
decay to safe levels before air drag causes the vehicle's orbit to decay and re-enter. In
this study, a 1000-km NSO is assumed. Also, it was assumed that a combination of
stand-off distance and (limited) 4-pi steradian shielding would prevent damage to other
vehicles or interference with science experiments (e.g., gamma-ray astronomy) in nearby
orbits. However, these issues need to be addressed in detail in future studies of
100-MW e class space nuclear power systems.

One interesting aspect of NEP operation that has been identified in previous
studies is that an NEP vehicle can safely travel once, initially, from low Earth orbit (LEO) to
NSO, because the reactor starts out "cold" (little or no harmful nuclear isotope inventory).
As the reactor is operated and the vehicle begins to spiral out to NSO, the rate at which
harmful nuclear isotopes build up is such that, were the system to fail at that point, the
orbital lifetime achieved at that point would exceed the time required for safe decay of the
harmful isotope inventory that has been produced to that point. Thus, a NEP vehicle can
boost itself the first time to NSO. However, after prolonged operation it cannot return to
LEO for periods typically given as several hundred years.

A schematic of a 100-MW e class NEP vehicle is shown in Fig. 4-1. The vehicle
configuration is dominated by the radiators required to radiate waste heat from the
thermal-to-electric power conversion system. As will be shown below, the radiators also
represent a significant fraction of the vehicle mass. Finally, an Orbit Transfer Vehicle
(OTV) infrastructure will be required to transfer payloads and propellants to the 1000-km
NSO assumed in this study; however, as seen below, this infrastructure represents a
small fraction of the total initial mass in low Earth orbit (IMLEO).

4.2 ASSUMPTIONS

4.2.1 Mission Scenario

For the NEP system, an OTV infrastructure, like that used for the Solar Sails, is
used to transport payloads and propellants to the 1000-kin NSO. As with the 100-MW e
class SEP, power levels range from 100 to 500 MW e. Also, payloads can be split
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between several NEP vehicles flying in parallel to Mars. The mission scenario is
illustrated in Fig. 4-2.
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Figure 4-2. 100-MW Class Nuclear Electric Propulsion Mission Scenario
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4.2.2 100-MW e NEP Vehicle Sizing

4.2.2.1 Nuclear Power System Specific Mass. A nuclear fission reactor is used with a
high-temperature dynamk_ conversion system to give a specific mass of 0.92 kg/kW e at
100 MWe; this decreases to 0.87 kg/kW e at 500 MW as shown in Fig. 4-3.
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Figure 4-3. NEP Power System (Reactor Plus Conversion System)
Specific Mass vs. Power Level

The high, power reactor and power conversion systems were evaluated in a
previous study. Details of the nuclear power system sizing are given in the Appendix.
The reactor subsystem consists of the reactor vessel, nuclear fission fuel. and radiation
shadow shield. The scaling equations for these components expressed as a function of
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the "bus" electric power (Pe) are:2

Reactor Mass [MT] = 0.0949 • ( Pe [MWe] )0.5 + 0.0693 • ( Pe [MWe] )0.641

Nuclear Fuel Mass [MT] = 2.055x10 "5 • ( Pe [MWe] ) * ( TBum [Days] )

Shadow Shield Mass [MT] = 0.0739 • ( Pe [MWe] )0.7

where TBurn is the reactor operating time at full power.

boiler,
The Rankine dynamic power conversion system consists of a liquid potassium
turbines, alternators, and waste-heat radiators. The scaling equations are.

Boiler Mass [MT] = 0.15 * ( Pe [MWe] )

Turbine Mass [M'I'J = 0.223 • ( Pe [MWe] )0.9

Alternator Mass [MT] = 0.129 • ( Pe [MWe] )0.75

Radiator Mass [MT] = 0.530 • ( Pe [MWe] )

4.2.2.2 Power Processor Unit (PPU_ and Ion Thruster Soecific Mass and Efficiency. The
high-power PPU systems were evaluated by Stanley Krauthmer of JPL. u The PPU has a
lower specific mass, 0.25 kg/kW e, and higher efficiency, 99%, than the corresponding
system for the SEP vehicle because the high-voltage output from the reactor's dynamic
power conversion system requires less processing for the high-voltage ion thrusters than
the low-voltage output from the solar photovoltaic system. The mass of the PPU for the
NEP system is:

PPU Mass [MT] = ( 0.25 [MTIMWe] ), Pe [MWe]

The mercury ion thrusters are the same as those used in the 100-MW e class SEP
system as discussed in Section 3.

4.2.2.3 Final Vehicle Sizino. The overall vehicle mass is found by summing the masses
of the power system (rea_or and conversionsystem), PPU, thrusters, and propellant
tankage, as was done for the 100-MWe classSEP system discussed in Section 3. Also,
as with the SEP system, the total propulsion ('jet') power is a function of the efficiencies of
the PPU and thruster. Finally., a propellant resupply tanker (2 % tankage factor) is
included in the total initial mass =n low Earth orbit.

4.2.3 Support Infrastructure

4.2.3.10TV Infrastructure. As mentioned above, it is assumed that the NEP system
operates from a 1000-km NSO. Thus, it is necessary to transport propellant and payloads
from LEO to NSO using an infrastructure consisting of chemical (O2/H2) or 100-kWe SEP
O'l'Vs as was done for the Solar Sails. The high-thrust (chemical)and low-thrust (SEP)
Delta-Vs for the transfer from LEO to NSO are 262 and 263 m/s, respectively. Using the
chemical and Xe-ion OTVs described in Section 2, this results in a chem=cal and SEP
O1V payload capacity for the LEO to NSO transfer of 632 MT and 464 MT, respectively.

SEP OTV, the LEO-to-NSO daysFor the trip time is 684 while the return trip require only 6
days, assuming that the SEP OTV is in sunlight 64.7 % of the time for both legs of the trip.
It is assumed that the "first time" transfer of the NEP from LEO to NSO is made under its
own power but with no payload or excess propellant; this typically requires less than a
day.
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4.2.3.2 Payload Suooort. As with the high-powered SEP vehicle, this NEP vehicle is
large (on the order of 100 m in length), so an Orbital Maneuvering Vehicle (OMV) is
added to each payload for rendezvous and docking in Earth and Mars orbit.

4.2.4 Trajectory Analysis

The low-thrust NEP trajectories were provided by Carl G, Sauer Jr. of JPL. 4 The
results of the trajectory code are given in the Appendix; the mission analy.sis methodology
is similar to that described in Section 3 for the SEP system. The pnmary difference
between the SEP and NEP mission analysis is the need to add the O'I'V infrastructure
(100-kW e SEP OTVs, propellant, and propellant resupply tankers) to the NEP system.

4.3 RESULTS

Figures 4-4 and 4-5 illustrate the performance of the 100-MW e class NEP system
for various combinations of power and Iso. The most striking result is the performance of
the high-lsD (20,000 Ibf-s/Ibm) NEP system at 100 MW e. This vehicle has an IMLEO (700
MT) that competes directly with solar sails, yet has an Earth-to-Mars trip time (240 days)
that is less than that requ=red for the minimum-energy trajectory chemical system. At an
Is_) of 10,000 s, a 300-MW e system has an IMLEO comparable to the chemical system, but
wfth less than one-half the trip time of the chemical system. Even at a modest Isp (5,000
Ibf-s/Ibm), the NEP system can best the chemical system in trip time.

This performance is due to the economies of scale in a 100-MW e class NEP. For
example, the overall total system specific mass (power, PPU, thrusters, tankage) ranges
from a low 1.1 kg/kW e (at 20,000 Ibf-s/Ibm Isoand 500 MW e power) to only 1.7 kg/kW e (at
5,000 Ibf-s/Ibm and 100 MWe). This perfor_nance is somewhat offset by the need for an
OTV fleet to deliver propellant and payloads to a 1000-km NSO, but as with Solar Sails,
this is only a small fraction (1 to 2 %) of the total IMLEO.

4.4 CONCLUSIONS

A 100-MW e class NEP system has superior mass and trip-time performance. Only
advanced solar sails can achieve a lower IMLEO, yet the NEP has a shorter trip time than
the chemical system. In fact, the NEP system can make a round-trip in less time, and with
a lower IMLEO, than a chemical system making a one-way delivery.

Against this performance advantage must be weighed the intangible "political"
issues of space nuclear power. In that respect, a corresponding 100-MWe SEP system,
although lower in performance (higher specific mass), may be preferred. There are also
significant technological challenges in the development of long-lived 100 MW e space
reactors, although the Strategic Defense Initiative may address some of these issues. It
should be noted that there is a significant terrestrial reactor technology base for stationary
and mobile (e.g., submarine) reactors in this size range. Thus, if the technological,
political, and operational issues (e.g., shielding versus standoff distance to protect nearby
vehicles) can be resolved, the 100-MW e class NEP promises to be an attractive option for
the Mars cargo mission. In fact, its short trip time may make it more suited to the manned
portion of the mission, where trip time is a major figure of merit. It is recommended that a
detailed study be performed to assess the 100-MW e class NEP for both piloted and cargo
missions so as to identify the mission benefits and technology requirements of this
concept.
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SECTION 5

MAGNETIC SAILS (MAGSAILS)

5.1 INTRODUCTION

5.1.1 Background

The magnetic sail, o,r r_agsail, is a novel concept recently introduced by Robert
Zubrin and Dana Andrews. _',._ A literature survey uncovered no previous description of
such a device. Figure 5-1 shows a conceptual diagram of the magsail concept. It consists
of a cable of superconducting material, m=llimeters in diameter, which forms a hoop that is
tens to hundreds of kilometers in diameter. The current loop creates a ma_lnetic dipole
which diverts the background flow of solar wind. This deflection produces a orag-force on
the magsail radially outward from the sun. In addition, proper orientation of the dipole
may produce a lift-force which could provide thrust perpendicular to the radial drag-force.
The combination of these forces can be used to transport the magsail and cargo on
interplanetary or interstellar missions.

CURRENT LOOP

PAYLOAD

SHROUD LINES

(24)

FACING VIEW SIDE VIEW

Figure 5-1. Magsail Deployed With Payload, Normal Configuration
(Adapted from Reference 3)

5.1.2 Operational and Technical Feasibility Issues

As a relatively new concept, the magsail possesses a number of unresolved
operational and technical feasibility issues. Dr. John L. Callas of JPL assisted in the
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definition and evaluation of these feasibility issues, 4 which include thermal control,
structures, radiation, superconductor technology, attitude control, deployment,
planetocentric operation, and interaction with the solar wind. Each of these issues is
described in detail below. Solutions to some of these issues may require the application
of advanced technology (e.g., superconductors), others may only require innovative
engineering (e.g., thermal control).

5.1.2.1 Thermal Control. For the current-carrying cable to remain superconducting, its
temperature must be maintained below the critical temperature of the embedded
superconductor. Preliminary thermal modeling indicates that in addition to passive
reflective coatings, some form of active cooling system will be required to maintain the
magsail cable below 100 K in Earth-Mars space.

If the thermal control scheme is based upon a continuous capability to orient the
sail (i.e., to maintain a "hot side" and a "cold side" with different absorptivity and
emissivity), temperature control during deployment and inflation may be difficL:Z;. For
example, if the superconductor is inadvertently or intentionally quenched, attitude control
is lost and the cable may drift from proper orientation, warming it above the
superconductor critical temperature (Tc). This event could pose a catastrophic failure
mode because attitude control could not be regained until the cable could again be
cooled and powered-up.

5.1.2.2 _ An initial baseline design discussed by Zubrin and Andrews 2
describes a magsail 64 km in diameter, with a cable diameter of approximately 5 mm.
These dimensions suggests that the structure will be susceptible to vibrationa/motion;
the cable material must be very malleable to survive this motion without fracture. Current
high-temperature superconductors are like brittle ceramics in terms of their material
properties. Whether or not a superconductor material can be manufactured possessing
the proper resiliency and malleability is an important feasibility issue. It may be necessary
to enclose the superconducting cable in a flexible sheath of Kevlar (or some other
material like Kevlar which is effective for tether applications, but is more appropriate for a
low-temperature application than Kevlar), to provide flexible tensile support.

5.1.2.3_ The magnetic field of the magsail may generate local Van Allen-type
radiation belts. These belts may pose a significant radiation hazard for payload or crew in
the vicinity of the magsail, though not at the geometric center of the magsail hoop. The
background solar wind and cosmic-ray radiation may also induce long-term cumulative
radiation damage in the superconducting hoop, degrading the superconducting
properties of the material.

5.1.2.4 Suoerconductor Technoloov. The baseline magsail designs of Zubrin and
Andrews rely upon significant advancements in superconductor technology such that the

assumed critical current density of 1 to 2 x1010 Amps/m 2 must _ achieve_in bulk form in
high-temperature superconductors. Recent findings suggest that Type II
superconductors designed for high-critical-temperature operation (T c > 77 K) are
susceptible to "giant flux creep" (which creates resistance in the superconductor) in the
presence of a magnetic field. The superconductor characteristics and operating
environment assumed for current magsail designs describe a demanding combination of
conduction current density, critical temperature, and magnetic flux density. If no solution
is found to the problem of giant flux creep, subsequent reduced superconductor
conduction current density and critical temperature will significantly reduce magsail
performance.

It is also necessary to design the magsail system to survive a "quench', in which
the superconducting material loses its ability to conduct current without resistance. A
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quench may be caused by a rise in temperature above the superconductor critical
temperature, or a rise in the magnetic flux density above the critical field of the
superconductor. In addition, there may be situations in which it will be desirable to
significantly reduce or eliminate the current in the superconducting cable (e.g., for
navigation, or to release charged particles trapped in induced radiation belts). Quench
capability could be provided by an extemal resistor bank.

5.1.2.5 Attitude Control. One potential attitude control scheme is similar to that proposed
for use on solar sails in which articulated control vanes (separate small superconductor
loops for the magsail) are used to modulate the center of pressure of the sail while the
center of mass remains fixed. A second approach, again proposed for solar sails, would
be to shift the center of mass of the magsaJl could by moving part of the payload out along
a shroud line while the center of pressure remains fixed. The difference in location
between the center of pressure of the magsail and the center of mass would induce a
torque and small angular acceleration. For example, assuming that 50 MT of payload
could be offset 10 % of the hoop radius, the resulting torque could change the orientation
of the baseline magsail by 90 ° in 10 to 12 hours. Several issues arising from this scheme
remain unresolved. Local variations in the solar wind density may cause a random
perturbation of the center of pressure which complicates the application of this attitude
control scheme. In addition, the slow response time (e.g., 10 to 12 hours to rotate 90 °)
may make it difficult to execute a planetocentric "pumping" orbit-raising maneuveur if
thrust vectoring is required.

5.1.2.6 _ The size and electrical current in the superconducting magsail
cable imply significant energy storage. For example, the energy stored in the cable of a
64-kin diameter, 10-OTesla magsa=l is approximately 8 x 10 TM Joules. A continuously
operating 10-kW solar array would require approximately 93 clays to energize the cable to
full power. This large energy storage suggests two potential problems. First, if magsail
deployment and "inflation" require a large amount of time, the magsail may lack attitude
control during this period, which could lead to a subsequent loss of thermal control, as
well as unusual mechanical stresses. Second, it may be difficult to modulate the current
in the magsail cable in the manner required for a "solar-pumping" maneuver described
below. One possible method for rapid sail deflation would be to redirect part of the cable
electric current to a radiative resistor bank, although this may aggravate the difficult
magsail thermal control problem.

5.1.2.7 planet0centric Operation. Thus far, it is not known if the magsail can be operated
near a planet's magnetosphere. In their analyses, Zubrin and Andrews have constrained
magsail operation to heliocentric space: "For our reference spacecraft, starting in very
high Earth orbit and about to orbit the sun at Earth radius...". 2 Clearly, a magsail cannot
be used within a planet's magnetosphere (between the magnetopause and the planet's
surface) because there is no solar wind there. The minimum distance from the center of
the Earth to the Earth's magnetosphere is 10 Earth radii, or 64,000 km.O Other planets
have significantly varying magnetosphere sizes based on the planet's magnetic field
strength.

It will be difficult for the magsail to operate inplanetocentric orbits of even higher
altitude (above the magnetopause), because in order to gain altitude in the orbit the
magsail must execute a "solar-pumping" maneuver analogous to that originally conceived
for solar sail orbit raising and escape. In a planetocentric solar-pumping maneuver, the
solar sail is feathered such that solar photon pressure is minimized when the sail is
heading sunward. The sail is then re-oriented to maximize solar photon pressure when it
is flying away from the sun. In this way, the apogee of the sail orbit is incrementally
boosted to achieve hi_lher-energy orbits or escape. However, unlike a solar sail,
re-orienting the magsa=l hoop does not significantly modulate the radial solar wind
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drag-force. In order for the magsail to execute a solar-pumping maneuver, the drag-force
"thrust" (and possibly "lift") would be modulated during each orbit. In order to reduce or
eliminate the radial drag force on the upwind leg, the electric current in the magsail cable
could be reduced or eliminated. This current-modulation scheme suggests several
operational issues. The magsail may lose attitude control, as described above. In
addition, the circular shape of the superconducting cable is a result of the solenoidal
hoop-stress imparted to a current-carrying cable in an ambient magnetic field; if the
magsail were quenched, the hoop may lose its shape as a result of gravity gradient or
other perturbation forces. The magsail would be recharged before thrust could be
generated on the downwind side. As suggested above, if the cable recharge is
constrained by the onboard magsail power supply, then recharging the cable to full power
may be time consuming (perhaps beamed power could be utilized). A potential solution
to this problem is to execute the solar-pumping maneuver at a reduced magsail energy
level to allow quicker magsail inflation and deflation.

5.1.2.8 Modelina of the Solar Wind-Maasail Interaction. Both a particle model and a fluid
model have been proposed for calcula.tion of the magsail drag-force radial thrust and
lift-induced tangential thrust. A oarticle-based model of the solar wind-magsail interaction
was d_vj_loped by Callas 4 which roughly confirmed the results of Zubrin's particle
mo_el. 1,_ Callas' model predicts a thrust of approximately 200 N for the 64-kin diameter,
10-O'Tesla magsail. Both Callas and Zubrin have concluded that a plasma fluid model is
probably most appropriate for modeling the radial and possible tangential thrust of the
magsail. Zubrin's plasma fluid model predicts a minimum (quiet solar wind) thrust of 538
N and an average lift-to-drag ratio of 0.28. In the Mars cargo mission analysis, it is shown
that the initial mass in LEO is sensitive to the estimated magsail radia/thrust, so this
parameter is allowed to vary from 200 to 500 N. Perpendicular thrust (positive lift-to-drag)
was not considered in the orbital analysis and mission performance. Furthur work is
needed to fully understand the radial and tangential thrust characeristics of the magsail.

5.2 ASSUMPTIONS

5.2.1 Systems Analysis

With several exceptions, the technology assumptions and magsail design
described in Ref. 2 are assumed for t,,hisstudy. The density of the 5-mm diameter magsail
cable is assumed to be 5q0..0 kg/m_copper oxide). The assumed maximum current
density is approximately 10 TM Amps///1 _'. The assumed maximum magnetic field strength
on the normal-axis of the hoop is 10 "o Tesla.

Evaluation of the material properties of superconductors (i.e., brittleness) leads to
an assumption that it will be necessary to add a tether-material sheath to the
superconducting cable. The mass of the shroud lines and superconductor sheath are
estimated using near-term tether materials such as Kevlar 29 with a density of
approximately 1500 kg/m 3. This material does not maintain high tensile strength and
malleability at the superconductor critical temperatures (77 K < T < 135 K), but is
representative of the density of tether materials. Twenty-four shroud-lines, at 3.5 mm in
diameter and 32 km in length apiece, have a mass of approximately 11 MT. A sheath of
tether material, surrounding the superconductor, with a thickness of 3.5 mm, has a mass
of approximately 49 MT.

Miscellaneous subsystems could include a solar-photovoltaic power supply, an
attitude control system (e.g., center-of-gravity shift mechanism), cable-current modulation
system, payload mounting structure, and passive and active refrigeration systems. The
total mass of these subsystems is assumed to be 40 MT. Therefore, the total mass of the
magsail (not including cargo) is 200 MT.
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5.2.2 Mission Analysis

The mission requirement is to transport 400 MT of cargo from low Earth orbit (LEO)
to a 6000-kin circular Mars orbit. Figure 5-2 shows a conceptual magsail Mars cargo
mission scenario. Both chemical (02/H2) and l O0-kW Xe-ion Solar Electric Propulsion
(SEP) orbit transfer vehicles (OTVs) as described in Section 2 were evaluated for
boosting the magsails and Mars cargo from LEO to the operational magsail orbit.

_ b _ RETURNEMPTYMAG'SAIL _ _
AlL HELIO-

_MAGS _CENTRIC HELLO- "_

OEPLOY, J U._ 1.5AU .....

SPACE 6000-km----

STAGING A PHOBOS
ORBIT 4

SEP SEP .I"
(OR CHEM) (OR CHEM)

OT_ OTV

AEROCAPTURE ==
INTO ,_,_ V.

MARS ORBIT

MARSATMO-
SPHERE

Figure 5-2. Magsail Mission Scenario

The magsail accomplishes only the heliocentric portion of the Mars cargo delivery
mission. The cargo is then released in a close-approach to Mars, as shown in Fig. 5-3. A
single-stage aerobraked chemical 02/H?.. propulsion vehicle (Isp = 470 Ibf-s/Ibm) similar
to the second stage of the baseline chem=cal vehicle described in Section 1 is attached to
the payload. This vehicle accomplishes rendezvous and docking in Earth orbit with the
LEO-to-1 AU OTV and in very high (heliocentric) Earth orbit with the magsail (Delta-V = 50
m/s), and performs a circularization maneuver (Delta-V = 650 m/s) following aerobraking
at Mars. The variation in vehicle mass with payload mass is shown in Fig. 5-4.
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It is assumed that a magsail can only be operated effectively in heliocentric space
(outside the gravitational influence of any planetary bodies). Thus, the components of the
magsails are transported from LEO to 1 AU and then assembled in a 1-AU heliocentric
orbit slightly ahead of the Earth. Thus, unlike a Solar Sail, both high- and low-thrust OTVs
can be used because the magsail is not "inflated" in LEO. For the chemical OTV, the

one,_w_ high-thrust Delta-V and trip time from LEO to the heliocentric position (C 3 = 0
km /s ) is 3.153 km/s and about one day, respectively, assuming the performance
parameters given in Table 2-2 and a one-way (no return) deployment scenario. For the
Xe-ion SEP OTV, the one-way low-thrust Delta-V and trip time from LEO to 1 AU is
estimated to be 7.612 km/s and747 days, respectively. In this case, a "stretched" Xe-ion
SEP OTV is used in a round-trip deployment scenario (the SEP OTV returns to LEO
empty). The dry mass of the "stretched" SEP OTV is 4.933 MT and the propellant capacity
is twice that given in Table 2-2 with all other parameters (Iso, power, etc.) the same.
Propellant resupply tankers are also included in the OTV infrdstructure, as discussed in
Section 2.

The magsail is loaded with payload (and aerobraked chemical vehicles, etc.) and
the thrust then found which results in a 284-day Hohmann-type transfer ellipse to Mars'
heliocentric orbit. Based on Zubrin's estimates of the drag-force (538 N) that the magsail
can produce, the magsail has insufficient performance to circularize in Mars orbit, so the
payload is dropped off for aerocapture into Mars orbit. The magsail returns to Earth in
approximately 284 day.s. If future analyses show that the magsail drag-force is sufficiently
high, or if the magsad is loaded with a smaller amount of cargo, the magsail drag-force
may be sufficient to circularize the loaded sail in a heliocentric orbit at 1.52 AUs (Mars'
distance from the sun). The circular velocity of the loaded magsail will be several
kilometers/second less than Mars' orbital velocity. This allows the magsail to "loiter"
before dropping off the Mars cargo, and eliminates the need to wait for Hohmann-type
transfer opportunities every 2.2 years. However, based on current estimates of the
drag-force, the allowable cargo mass per magsail is sufficiently reduced that this is not
considered an effective option. For example, a drag-force of 618 N is required to
circularize a magsail with no payload at 1.52 AU; this force increases to 712 N for a
magsail loaded with a minimum-size Mars cargo element (20 MT payload plus 10.4 MT
O2/H2 stage).

5.3 RESULTS

5.3.1 Initial Mass in LEO and Trip Time

Figure 5-5 shows the initial mass in LEO for the Mars cargo mission using magsails
of different drag-force thrust levels. The magsail's one-way trip time is not dependent
upon thrust level, and is 284 days for the magsail heliocentric transfer plus 747 days for
the SEP-OTV LEO-to-1 AU transfer, for a total of 1031 days. The total trip time is
significantly reduced for the chemical OTV, but at the expense of a significant increase in
mass. This figure also shows the substantial mass of the O'IV infrastructure required to
transfer the Mars cargo from LEO to the magsail. Also, unlike the other advanced
propulsion options requiring an OTV infrastructure (e.g., solar sails), the trip time of the
OTV required to deploy the magsail is included in its total, trip time: This is primarily due to
the need to transfer to a 1 AU heliocentric orbit. A "fast manneo set-up or repair flight is
relatively "inexpensive" in terms of mass and trip time for a high Earth orbit (HEO), such as
the 2000-km solar sail deployment orbit, but very "expensive" for a 1-AU orbit. Finally,
note that a one-magsail system requires a drag-force significantly in excess of the
available force (538 N) estimated by Zubrin.
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5.3.2 Comparison to Solar Sails

Solar sails and magsails share several general features. For example, both are
large, gossamer structures, both have "infinite" specific impulse, and both require an OTV
infrastructure for operation. This section compares and contrasts solar sails and
magsails.

5.3.2.1 Size. Mass. Thrust. and Characteristic Acceleration. Zubrin and Andrews have
suggested that useful magsail diameters are tens to hundreds of kilometers. It is possible
that smaller sails (100's of meters in diameter) could also have limited mission
applications. A typical size (constrained by Shuttle payload volume) for deployable
square solar sails =s2 km x 2 kin. Optimistically, the mass of a 64-kin diameter magsail is

at least 200 MT. Est,_nates of solar sail areal density for near-term deployable systems
range from 5 to 7 g/m . A square solar sail measuring 2 km on a side would have a mass

of .a_proximately 20 MT. The characteristic radial drag-force thrust of the 64-kin diameter,
10- Tesla magsail is estimated to be at least 500 N. The thrust of a 2x2-km solar sail is
approximately 36 N. These thrust and mass estimates produce characteristic
accel_erations (acceleration at 1 AU, no payload) for the magsail and solar sail of 2.5
mm/s z and 1.8 mm/s z, respectively. Thus, these are both low thrust-to-weight vehicles.

5.3.2.20oerational Reoime (Mission AoolicationsL Solar sails can probably be used as
low as a 2000-km altittJde HEO, but they are prevented from operating any lower by
atmospheric drag. As discussed above, magsails may not be usable in planetocentric
space. The significant reduction in IMLEO for solar sails is due primarily to their capability
to operate in HEO; thus they do not require a substantial infrastructure for LEO-to-HEO
cargo transport.

Missions considered to be well-suited to the capabilities of near-term solar sails are
a Mercury orbiter mission, high-inclination solar orbiter mission, and a multiple near-Earth
asteroid rendezvous mission. _' Magsails wiJI probably find application in very
high-energy interplanetary or interstellar missions.,

5.4 CONCLUSIONS

This preliminary study has attempted to define the primary technical and
operational feasibility issues for ma.gsails. Significant feasibility issues arise in the areas
of thermal control, structures, rad=ation, superconductor technology, attitude control,
reliability and redundancy, deployment, and planetocentric operation.

In addition, one measure of the performance of the concept (radial drag-force
thrust) was estimated utilizing a part=cle-based model of the magsail-solar wind
interaction. These calculations validated the particle-based results of the original authors,
Zubrin and Andrews. However, Zubrin's plasma fluid dynamic model of the magsail-solar
wind interaction produces an estimate of both the radial drag-force thrust and a tangential
lift-force thrust that is considered to be more accurate than the particle-based model.
Although no attempt was made to validate the results of Zubrin's plasma fluid dynamic
model, his performance results are considered to be reasonable, and were usedin our
subsequent Mars cargo mission analysis.

Even if magsail feasibility issues can be overcome without compromising the
performance assumed in this study, magsails are not as effective as several other
advanced concepts, such as solar sails and nuclear electric propulsion, for the Mars
cargo mission based on trip time and initial mass in Earth orbit. However, this is a
relatively low-energy mission; the magsail may find more effective applications in the
realm of very high-energy outer-planet or interstellar missions.
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Future study should address the issues of performance, scale, and feasibility. Prior
to any further system or mission analysis, it is necessary to develop an improved model of
the magsail-solar wind interaction =n order to more accurately assess the radial and
perpendicular thrust of the concept. This model would also show the size range over
which the magsail has an effective performance. Magsails may be scalable down to the
size of solar sails and still provide enabling capability. Finally, if the potential
performance of the concept is sufficiently interesting, a systems study could resolve the
host of operational and technical feasibility issues.
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SECTION 6

MASS DRIVERS AND RAIL GUNS

6.1 INTRODUCTION

Mass,rivers (MD) and rail guns (RG) can be used as electric propulsion
thrusters. 1,_" In both concepts, a propellant "pellet" is accelerated in a "bucket" or
"container" that couples to an externally applied electromagnetic field. The propellant
"pellets" are accelerated to high velocities (e.g., 12 km/s corresponding to an Isp of 1200
Ibf-s/Ibm) and fired from the vehicle to produce thrust.

As shown in Fig. 6-1, the two concepts take different approaches to accelerating
the propellant. The mass driver consists of many solenoid magnets which are energized
in series to pull a payload bucket which contains its own magnet to couple to the
externally applied fields. Very large mass drivers can be used to directly catapult vehicles
from bodies such as the Moon which lack an atmosphere. Because any material can be
placed in the payload bucket, a mass driver, when used as a reaction engine, can use
any material as propellant. In this study, the option of using lunar-produced materials
!e...g.. lunar soil, oxygen, etc.) for propellant was considered as a means of reducing the
mmal mass in LEO. In general, mass drivers are large and complex, but have a high
electric-to-jet power efficiency (70 to 90 % overall).

The rail gun is currently under consideration for use as a kinetic-energy weapon by
the Strategic Defense Initiative Office. Although smaller and simpler than a mass driver,
rail guns have a lower efficiency (45 % for the vehicle considered here) than a mass
driver. Conceptually, the rail gun consists only of a power supply and two electrically
energized rails. A "bucket" with a conductive armature is placed on (between) the rails;
current flow through the armature produces a Lorentz force which causes the bucket to
accelerate down the rails. Erosion of the rails by the bucket armature is a serious problem
that currently limits rail guns to a small number of firings; major improvements in.lifetime
are requ red because use as a reaction engine might require on the order of 10 o firings
for a Mars mission.

6.2 ASSUMPTIONS

In this study, the mass driver and rail gun vehicles are Solar Electric Propulsion
(SEP) vehicles with a mass driver or rail gun "thruster'. The vehicles are sized to give a
"thruster' exhaust velocity of the propellant pellets of 12 km/s; this corresponds to an Iso
of 1224 Ibf-s/Ibm. For calculation purposes, the IsD was assumed to be 1200 Ibf-s/Ibm sO
as to take into account losses or inefficiencies in the thruster system.

6.2.1 Mission Scenario

Because the MD and RG are SEP vehicles, they can operate from LEO, as shown
in Fig. 6-2. Also, because any material can be useoas propellant, the option of using
lunar materials is considered. It is assumed that oxygen propellant is used which is
supplied from either the Earth or the Moon). The oxygen is stored as a liquid and frozen
into pellet form just prior to loading in the bucket. The use of solid oxygen as propellant
has two advantages. First, and most important, it is a volatile pellet that will evaporate
(sublime) and not present a collision hazard to other spacecraft. A second advantage,
when used in a mass driver bucket, is that the solid oxygen can be used to cool the
high-temperature superconducting magnet in the mass driver bucket.
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6.2.2 Vehicle Sizing

6.2.2.1 Systems Common to Both Vehicles. Subsystems common to both the mass driver
and rail gun vehicles include the solar electricpower system, a refrigerator for active
cooling of liquid oxygen stored during transit andfor freezing the liquidto produce solid
oxygen pellets, andpropellant tankage.

The MD and RG vehicles employ the same type of solar photovoltaic array used i.n
the 100-MW e SEP vehicle (see Section 3), with a specific mass of 3.6 kg/kWe .'-_
However, the MD and RG systems operate at a "bus" power level of 1 to 100 MW e.
Because a specific mass of 3.6 kg/kW e may not be valid for systems of less than 100
MW e, use of this low a specific mass for the MD and RG vehicles should be considered a
limiting case of "optimistic" performance.

Sorption refrigerators, like those discussed in Section 1, are used for storage of
liquid oxygen (LO2) and for freezing the LO 2 to produce solid oxygen "pellets" for firing in
the "thrusters'. The mass of the liquid oxygen refrigerator is a function of the total
propellant mass (MD) stored. The mass of the refrigerator used to freeze the liquid oxygen
is a function of the '-propellant mass flow rate and thus jet power (PJet) and ISD. For tile
liquid oxygen refrigerator (90 K), the cooling load (Wcool) for a single propellanftank is:'_

Wcool [W] = 0.01248 • Mp 2/3 [1 LO2 tank, all masses in kg]

For the refrigerator used to freeze the LO2, the total cooling (freezing) load at an Isp of
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1200 Ibf-s/Ibm is :

Wfreeze [W] = 198 • PJet [MW]

where PJet is a function of the "bus" electric power (Pe) and the overall propulsion system
efficiency, as discussed below.

The LO 2 refrigerator is a 2-stage (thermoelectric cooler, O25sorption cooler)
sorption refrigerator designed for temperatures of 85 to 90 K; its mass is:

MFrig [85-90 K] = 30.6 + 17.7 • Wcool [all masses in kg]

which, when combined with the LO 2 cooling load is:

MFrig [85-90 K] = 30.6 + 0.220 • Mp 2/3 [all masses in kg]

MFrig [85-90 K] = 0.0306 + 0.0220 • Mp 2/3 [all masses in MT]

A liquid-hydrogen temperature (20 K) refrige_tor, like that described in Section 1,
is used for freezing the LO2. Its scaling equation is:

MFrig [20 K] = 45.9 + 21.1 • Wcool [all masses in kg]

which, when combined with the LO 2 freezing load is:

MFrig [20 K] = 45.9 + 4177.8. PJet [MWJ [all masses in kg]

MFrig [20 K] = 0.0459 + 4.1778 ° PJet [MW] [all masses in MT]

Finally, the LO2 propellant tankage on the vehicles and in the propellant resupply
tankers has a tankage factor of 1% of the mass of propellant stored.

6.2.2.2 Rail Gun Vehicle. The rail gun SEP was sized ba_ed on a recent study of rail
guns for launching small (1-kg sized) spacecraft from LEO. Because a rail !gun system
is simpler than a mass driver, it was possible to develop a point design, based on exhaust
velocity only, such that the rail gun "thruster" has a fixed mass of 126.151 MT and a total
efficiency (electric-to-jet power) of 45 %, as shown in Table 6-1.

In the rail gun, the propellant "pellet" and "bucket" are combined into a single unit
(by the loader) and ejected as propellant; a small mass of armature material would also
be required and was assumed to be included in the mass contingency.

Finally, a solar photovoltaic power system, refrigerators, and propellant tankage
are added to give a final RG vehicle "dry" mass scaling equation of:

MDry RG Vehicle [MT] = 126.228 + aSola r Array" Pe [MWe]

+ 4.1778 • 11Total • Pe [MWe]

+ 0.0220 • Mp 2/3 + 0.01 ° Mp

[all masses in MT]

where ocSola r Arrav is the specific mass of the solar photovoltaic power system (3.6
kg/kWe=MT/MWe) _nd _Total is the total system efficiency (45 % electric-to-jet power).
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The total efficiency is simply the product of the e_ergy storage system efficiency (50 %)
and rail gun launcher efficiency (90 %) such that: o

PJet = _Storage "TILauncher" Pe = _Total" Pe

Note that although the launcher efficiency is high, the energy storage system
efficiency is low. This is due, in part, to the need to rapidly store all the energy required for
a single "shot" and then discharge all this energy in a short (24 ms)., intense burst to the
rail gun launcher. By contrast, the mass driver ener_ly storage system oiscusseo DeIow
can have a much higher efficiency (95 %) because =t operates more in a load-leveling
mode without short, intense bursts of energy.

Table 6-1. Rail Gun Thruster Components

Ref.6

General
Length (m)
Acceleration (m/s 2)

(10 _ Gees)
Pellet Velocity (km/s)
ISD (Ibf-s/Ibm)
P_llet Mass (kg)
Shot Time On (ms)
Pellet Kinetic Energy (MJ)

TIStorage
11Launcher
Energy Needed per Shot (MJ)

System Masses (M13
Rails
Insulator
Kevlar
Aluminum Tube
Structure & Cable
Sun Shade

Homopolar Generator
Inductor
Switches

Pellet Loader
Pre-Boost Gas Gun

Command/Data/Telecom
Attitude Control System

Subotal

Contingency (25 % as per Ref. 6)

Total

5x10 5x10
51 51
10 12

1000 1200
1 1

20 24
50 72

0.5 0.5
0.9 0.9

111.1 160.0

2.900 4.176
0.800 1.152
1.700 2.448
0.900 1.296
2.000 2.880
0.100 0.144

28.880 40.181
34.500 48.000

0.200 0.200

(N/A) 0.100
0.100 0.100

0.050 0.100
0.100 0.144

72.330 100.921

18.083 25.230

90.413 126.151

6-5



6.2.2.3 Mass Driver Vehicle. The mass driver SEP was sized based on a study which
considered the use of a mass driver7OTV to deliver large (4000 MT) payloads to
geosynchronous Earth orbit (GE0). This vehicle had a power level (- 13 MWe)
comparable to those considered in this study. The MD OTV had a mass driver "thruster"
specific mass of 2 to 20 kg/kW e and an assumed total efficiency (electric-to-jet power) of
80%; this range of specific masses is reflected in the analyses below.

Figure 6-3 illustrates that the total efficiency is a function of the accelerator,
de-accelerator, and energy storage system efficiencses, and the relative masses of the
propellant "pellet" and bucket. For example, there is the electrical-to-kinetic energy
efficiency of the accelerator section in accelerating the bucket and propellant pellet to a
velocity of 12 km/s. The kinetic energy of the empty bucket is recovered in the
de-accelerator section because the bucket is slowed and returned to the start of the
accelerator section for re-loading and re-use. The de-accelerator section is assumed to
have the same efficiency as the accelerator section, but because the bucket is empty, less
energy is available for recovery. Also, the energy storage system has its own
charge/discharge cycle efficiency. However, unlike the rail gun which must discharge all
of its energy in a short, intense pulse, the mass driver energy storage system can operate

more efficiently in a load-leveling mode as a full bucket is accelerated and an empty
bucket is de-accelerated. Thus, the total efficiency of 80 Yo assumed here could

de-accelerator, and energy storagecorrespond to an efficiency of 95 % in the accelerator,
systems, and an empty bucket mass approximately equal to the ejected pellet mass, as
shown in Fig. 6-3. The use of high-efficiency (99 %) superconducting magnets in the
accelerator and de-accelerator systems, combined with a 95-% efficient energy storage
system, would permit bucket masses two to three times the pellet mass.

11. - ACCELERATOR EFFICIENCY

TID " DE-ACCELERATOR EFFICIENCY

11S • ENERGY STORAGE EFFICIENCY

C_U.I " "
z-J 0.9

,'r'_
,,m
m,v 0.8
..jn

0.6
1 2 3 4 5 6 78910

MASS OF LOADED BUC;KET
MASS OF EJECTED PELLET

Figure 6-3. Mass Driver Efficiency
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The "thruster" specific mass was derived from the data presented in Ref. 7 for a

LEO-to-GEO OTV with a delivery time of 180 days and an exhaust velocity of 12 km/s.
The total system specific mass and bus electric power ranged from 10 to 30 kg/kW e and
12.7 to 14.0 MW e, respectively. The solar power system mass (3.6 kg/kWe) and the
propellant tankage (0,;01°MD) mass were subtracted from the total vehicle "dry" mass to
give a total thruster system (structure, accelerator, de-accelerator, energy storage,
switches, radiators, loader, command/data/telecommunications, and attitude control
systems) specific mass of 2.64 to 18.57 kg/kW e based on a total system efficiency of 80 %.

When the various subsystems (including refrigerators) are combined, the MD
vehicle "dry" mass scaling equation becomes:

MDry MD Vehicle [MT] = 0.077 + ocSolar Array ° Pe [MWe]

+ 4.1778 • 11Total" Pe [MWe]

+ O_Thruster ° Pe [MWe] + 0.0220. Mp 2/3 + 0.01 * Mp

[all masses in MT]

where ocSola r Arrav is the specific mass of the solar photovoltaic power system (3.6
kg/kWe=MT/MWe), b.Thruster =s the spedfic mass of the mass driver "thruster" system (2 to
20 kg/kWe=MT/MWe), and _Total is the total system efficiency (80 % electric-to-jet power)
such that:

PJet = TITotal ° Pe

6.2.3 Trajectory Analysis

As with the 1_0 MW e SEP vehicle, Carl G. Sauer Jr. of JPL provided the low-thrust
trajectory analysis. The results of the analysis for an SEP vehicle with an Isp of 1200
Ibf-s/Ibm are listed in the Appendix.

6.2.4 Support Infrastructure

6.2.4.1 Lunar Oxvoen Production Infrastructure. The use of lunar materials requires an
infrastructure to produce and deliver the lunar material to LEO. For this study, it was
assumed that the required infrastructure (lunar processing factory and Moon-to-LEO
transportation system) was already in place and that the lunar propellant (liquid oxygen)
would be "free" for the MD/RG veh=cles. Thus, no additional mass penalty was incurred by
the MD/RG system for the need to produce and deliver lunar propellants. Note that such a
lunar propellant production system might be possible using a variety of processing
schemes and transportation options. Several transportation options are possible which
require no propellants from the Earth. For example, the liquid oxygen could be,,launched
from the Moon using a mass driver catapult and mass "catcher" in Earth orbit." Another
o tion would be the use of a nuclear thermal rocket using J_unar-produced liquid oxygen

p , -- • •

propellant (rather than the usual hydrogen propellant), u Alternatively, if sufficient
quantities of hydrogen were found on the Moon, chemical (O2/H2) OTV-type vehicles
could transport t_e lunar materials to LEO without requiring any propellant from Earth for
their operations, u

6.2.4.2 PavIoad Suooort. As with the 100-MW e SEP (and NEP), the option of splittingthe
payload among several MD/RG vehicles is considered. Also, like the SEP and NEP
systems, it is assumed that the MD/RG vehicles are too large to dock directly at the LEO or
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Mars-orbit base, so an Orbital Maneuvering Vehicle (OMV) is added to each payload for
Earth and Mars orbital rendezvous and docking.

63 RESULTS

Figures 6-4 through 6-7 summarize the results for the mass driver and rail gun
systems. The first, and fundamental, result is that the Isaof an MD/RG system is too low
for a low-thrust round-trip Mars mission; the total IML.EO using propellant from Earth is
excessive. By contrast, an MD/RG system using "free" lunar propellant can exhibit
significant reductions in IMLEO, especially for mass drivers with very low "engine" specific
masses (2 kg/kW e excluding tankage, refrigerations, and power supply).
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Figure 6-5. Initial Mass in Low Earth Orbit vs. Earth-to-Mars
Trip Time for Rail Gun Propulsion

However, this low IMLEO is somewhat misleading because copious amounts of
lunar oxygen are required. Thus, the attractiveness of the MD/RG system depends on the

this was"cost" of producing and transporting lunar materials to LEO. In analysis, it
amountsassumed that the lunar material would be "free'; however, the large of

propellants required for this mission using MD/RG systems could easily outstrip the
capacity of a lunar facility designed to support only cis-lunar operations. Thus, a Mars
cargo mission using MD/RG systems could requ=re construct=on of a dedicated lunar
oxygen production and transportation system, which would be infrastructure chargeable
to the IMLEO of the MD/RG system.

A second important result is that the high efficiency of the mass driver (80 % versus
45 % for the rail gun) allows an MD vehicle to operate with smaller power supplies than a
RG system. For example, mass drivers can operate at p.ower levels as low as 1 MWe; by
contrast, rail guns operate at 30 MW e and above, wath an optimum power (minimum
IMLEO) around 50 MW e.

A third result, illustrated in Figs. 6-6 and 6-7, is that the performance of these
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vehicles is strongly dependent on the assumed tankage factor. For example, in this study,

a tankage factor of 1% was assumed; b_ _:_ntrast, a 5 % tankage factor for liquid oxygen
has been assumed in previous studies. , In fact, the MD and RG vehicles, even with
"free" lunar oxygen propellant, are not competitive with the baseline aerobraked chemical
(O2/H2) vehicle option for even a 2 % LO 2 tankage factor.

Finally, the Earth-to-Mars trip times for both MD and RG systems are around 500
days, or about 70 % greater than the baseline chemical vehicle option.

MASS DRIVER
50,000

_ 25,000

z oi,,,,,,,,,,,,,,,,,,,,,,,i,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,;ii;!;;iiiii,,,!,3,00

__ ............ C M.,.

_<
o _.ooo _ i ,, • ,o,w,I -I

0
420 440 460 480 500 520 540 560 580

EARTH -> MARSTRIP TIME (DAYS)

Figure 6-6. Initial Mass in Low Earth Orbit vs. Earth-to-Mars
Trip time for Mass Driver Propulsion as a
Function of the Propellant Tankage Factor

6-10



RAIL GUN
100,000

50,0

Z

i 3,0

-

e 2.ooo- \ .... ,,\ ............ ,,.;'.'Tv'",',..-

0 1,000 -
1 % 4- TANKAGE FACTOR

m

0 I , I , I , I , I ,
460 500 520 540 560 580 620

EARTH-> MARS TRIP TIME (DAYS)

I Pe = 50 MWe I .

, I , , I

480 600

Figure 6-7. Initial Mass in Low Earth Orbit vs. Earth-to-Mars
Trip Time for Rail Gun Propulsion as a
Function of the Propellant Tankage Factor

6.4 CONCLUSIONS

Although MD/RG systems have a low ISD for a round-trip Mars mission, their abili!y
to use extraterrestrial materials (e.g., lunar 6xygen) as pro.Be,ant mass can result in

_s ue the quantities ofsignificant savings in IMLEO if the propellant "free'. _cause
propellant are large for the MD/RG systems, a dedicated lunar production and
transportation system (to deliver the lunar material to LEO) may be required. The
requirements of a large-scale lunar oxygen production/transportation infrastructure should
be addressed in future studies, not only for MD/RG systems, but also for chemical (O2/H2)
and other systems (e.g., oxygen-propellant nuclear-thermal rockets). Similarly, a Phobos
propellant production facility should be evaluated for propellant production for the
Mars-to-Earth leg of the trip.

The high efficiency of the MD system greatly improves its performance as
compared to the RG system. Thus, although the RG is currently receiving attention from
the Strategic Defense Initiative Office, the RG does not appear to be attractwe for the Mars
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cargo mission. However, the superior IMLEO of the MD system is dependent upon its
assumed specific mass and efficiency; a detailed design study should be performed to
assess the performance parameters of the various subsystems (especially the "thruster"
specific mass and the propellant tankage factor) in the MD vehicle. One area that should
be considered is the use of high-temperature superconducting materials for the solenoid
coils and in the bucket magnet to improve performance.
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SECTION 7

BEAMED-ENERGY PROPULSION

7.1 INTRODUCTION

In beamed-energy propulsion, a remote transmitter source, which could be on the
round or in space, transmits power via an intense beam of electromagnetic radiation
ear-visible or microwave wavelengths) to a spacecraft. There, the beam is collected

and used to power the propulsion system. In beamed-energy propulsion, there is the
potential for significant weight reduction, and thus improved performance on the
spacecraft, because the heavy power supply is left back at the transmitter station.

Two different wavelength regions (near-visible and microwave) are considered.
These can then be used directly in a thermal propulsion system, or indirectly in an electric
propulsion system, by first converting the incoming beamed energy into electdcity,_as
shown in Fig. 7-1. Thus, a total of four beamed-energy propulsion concepts were
considered in this study, as shown in Fig. 7-2; these are discussed next.

DIRECT UTILIZATION

TRANSMITTER RECEIVER THRUSTER

INDIRECT UTILIZATION

TRANSMITTER RECEIVER THRUSTER

Figure 7-1. Beamed Energy Utilization Concepts for Propulsion
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Figure 7-2. Beamed Energy Propulsion Vehicle Concepts

7.1.1 Beamed-Energy Propulsion Concepts

The first system is Laser Thermal Propulsion (LTP); this concept is similar to the
Solar Thermal Propulsion (STP) concept to be discussed in Section 8. In the LTP
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concept, visible or infrared (VIS/IR) laser light is focused into a thruster to heat a
propellant such as hydrogen. Because the beam "spot" intensity is higher in laser thermal
propulsion, it is possible to couple the beam energy directly into the propellant to permit a
higher ISD th,0n that from solar thermal propulsion (e.g., 1500 versus 1200 Ibf-s/Ibm,
respectively). _:

The second system is Microwave Thermal Propulsion (MTP). One type of MTP
thruster is that can be used is an analog of the LTP thruster in that microwave energy is
focused into a thruster to excite and heat a propellant. However, a different microwave
energy coupling mechanism can be employed, involving electron-cyclotron resonance
(ECR); this has the potential .for providing Isps comparable to electric propulsion concepts
(e.g., around 5000 Ibf-s/Ibm). 1 The ECR thruster is used in this study on the MTP system.

The third system is Laser Electric Propulsion (LEP). In this concept, a "solar"
photovoltaic cell array is illuminated with laser light. The laser light is tuned to the correct
wavelength to excite the photovoltaic array (e.g., 0.85 micrometers [microns] for gallium
arsenide cells). The laser beam can have a much higher intensity than the 1.345 kW/m"
of sunlight at 1 AU, thus resulting in an effectively lower solar array specific mass. Note
that this is basically a Solar Electric Propulsion (SEP) system, but with laser light instead
of sunlight, o'°

The final system is Microwave Electric Propulsion (MEP). In this concept, a
rectenna (rectifying antenna) is used to convert microwaves to electricity, which is then
used to power electric thrusters as in an SEP system. 1

Each vehicle will have different efficiencies for collection of the beamed energy
(PBeam) and conversion of the beamed energy into propulsive "jet" power (PJet), as
illustrated in Fig. 7-3. Beam powers were allowed to vary parametrically from 1 to 100
MW, although PaW studies have considered near-term steady-state laser beam powers
only up to 10 MW/ (Note that lasers for strategic defense may operate at very high power
levels, but are required to operate for only short periods of time; by contrast, lasers for
orbit raising must operate continuously for years.) Also, lasers operating in the 10-MW
range would require power supplies in the 100- to 1,000-MW range, because most lasers
are on the order of 1 to 10 % efficient; 2 the requirement for a 100-MWpower supply for a
space-based laser would represent a second "new" technology (in addition to the laser
transmitter). Thus, beam powers in excess of 10 MW should not be considered as a
near-term option for missions early in the next century, although major improvements
resulting from research by the Strategic Defense Initiative Office could change this
assumption.

7.1.2 Optics Considerations

For the ideal limit of diffraction limited optics, the product of the diameters of the
transmitter and receiver optics varies as the product of the wavelength and the beaming
distance: 1

11 = 1-exp{(-At'Ar )/(_.2"L2)}

where 11 is the fraction of beampower which finally impinges on the receiver under the
and of theinfluence of diffraction, At A r are the areas transmitter and receiver,

respectively, _. is the wavelength of the transmitted beam, and L is the distance between
the transmitter and receiver. Note that this relationship represents an ideal limit for values
of _1 less than about 95 %; the effect of r_on-idealities, such as beam jitter, may significantly
increase the size of the optics required. _:
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The variation in transmitter and receiver size with wavelength and beaming
distance is shown in Fig. 7-4, which assumes interception of 90 % of the beam distribution
from, diffraction-limited, optics.. It is seen that microwave-based systems are limited to
oeaming distances corresponding to geosynchronous Earth orbit (GEO). For example, a
10-km diameter transmitter is required for a 1-km diameter receiver for GEO distances at
12.2-cm wavelengths (2.45 GHz). These dimensions represent a practical upper limit to
space-based recewers and ground-based transmitters.

For near-visible light wavelengths (e.g., 0.85 microns), beaming to lunar distances
may be possible, but this reouires receivers cn the order of 25 m in diameter. This places
severe demands on the ac_aptive optics transmitters, 2 although much of the required

Strategtechnology is being pursued by the ic Defense Initiative Office.
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Figure 7-4. Diameter of Transmitter or Receiver Optics vs. Transmission
Distance and Wavelength (Equal-Sized Optics)

7.2 ASSUMPTIONS

7.2.1 Mission Scenarios

As illustrated in Figs. 7-5 to 7-8, the beamed-enerf]y propulsion vehicles were used
as Orbit Transfer Vehicles (OTV) to carry the cargo an, an aerobraked chemical O2/H2:
stage to a high orbit (GEO altitude). From there, the chemical stage injects the cargo an,
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itself to Mars. Departure from a high orbit can reduce the required Delta-V for trans-Mars
injection; the high-lso beamed-energy propulsion system is used to provide much of the
total Delta-V that is '-required to escape the Earth's deep gravity well and still meet the
transmission distance limitations discussed above.

Note that the laser electric propulsion system can be used either in an OTV mode
or in a laser-augmented SEP mode to perform the whole mission. In this option, shown in
Fig. 7-9, a laser beam is used near the Earth to increase the power of the system for a
"fast" Earth escape (or capture on the return trip). Outside the range of the laser beam, the
vehicle reverts back to its normal SEP mode for the remainder of the trip to Mars.

Finally, all the OTVs are assumed reusable with the exception of the LTP vehicle. It
is assumed disposable (one-way delivery mode only), because it is a relatively small,
"simple" thermal rocket vehicle. Note that the MTPvehicle is also a "thermal" rocket
vehicle, but its large size (1-kin diameter receiver optics) dictated its reuse. Assumptions
specific to each vehicle are discussed next.

LASER THERMAL PROPULSION OTV

SB
LASER

PA'
ONLY

28.5 ° GEO
ORBIT

UNLOAD CARGO

Figure 7-5. Laser Thermal Propulsion OTV Mission Scenario
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Figure 7-7. Laser Electric Propulsion OTV Mission Scenario
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7.2.2 Laser Thermal Propulsion (LTP) Vehicle Sizing

7.2.2.1 Irlflatable Ootics. The LTP vehicle operates at a wavelength of 0.85 microns. This
wavelength was chosen to be compatible w_th that selected for the LEP vehicle, which is
in turn driven by the requirements of the its photovoltaic arrays (see below). The optics for
all the vehicles are sized assuming a "spot" size that intercepts 90 % of the incoming
beam.

An inflatable parabolic reflector, like that shown in Fig. 7-10, 6 is used to collect the
incoming laser beam and focus the beam into a laser-thermal thruster; it is also used on
the STP vehicle. Inflatable optics like these have been investigated for use as radar
antennas and for solar- and laser-thermal propulsion systems. The areal density of the

inflatable optics, including gas pressurization systems, r_-stop seams, structural torus,
an_! r.,eflecting membranes raj_ges from 0.08 to 0.03 kg/m for diameters from 10 to 1,000
m.o-u A value of 0.03 kg/m , appropriate for reflectors larger than 10 m in diameter, is
assumed in this study.

The inflatable optics are sized for a 20-m diameter receiver "spot" size on the OTV 2
which requires 3.468-m diameter diffraction-limited transmitter optics for GEO distances.
However, the inflatable optics are at a 45 ° angle relative to the incoming laser beam.
Thus, the actual shape of the inflatab(e optics is an ellipse with a semi-major axis _/2 times
the semi-minor axis, for a total area _/2 times that of the circular "spot" area. The mass of
the inflatable optics is thus:

M Optics [kg] = 1.414 • pi • ( 20-m Diameter / 2 )2. ( 0.03 kg/m 2 ) = 13.3 kg

The efficiency of the optics is a measure of the energy lost due to reflection and
absorD_on,,by the transparent membranes. Estimates of this efficiency range from 80 to
92 %ju- __- A value of 90 % is assumed in this study.

H20 INFLATANT
P = 0.001 PASCALS

( 10 .8 ATMO )

INFLATED CONE
(TRANSPARENT)

SELF-RIGIDIZING
STRUCTURAL

TORUS
INFLATED PARABOLID

Wl REFLECTIVE COATING

Figure 7-10. Inflatable Optics Concept (From Ref. 6)
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7.2.2.2 Laser Thermal Thruster. There are four general mechanisms for coupli..ng the
energy in the laser beam to the propellant working fluid (typically hydrogen). _: The
simplest one uses a heat exchanger to absorb the light and then heat the propellant; this
method is limited by the heat exchanger's material temperature limits to specific impulses
of around 1100 Ibf-s/Ibm. Higher values of specific impulse can be achieved by directly
focusing the laser beam into the thruster, as shown in Fig. 7-11, and seeding the
propellant with opaque solid or liquid absorbant particles. This may permit specific
=mpulses of 1200 to 1500 It)f-s/Ibm;however, this introduces the risk of a seedant particle
sticking to the window and causing a failure due to a localized hot spot. This can be
avoided by using a gaseous seedant which has a molecular resonance absorption line
that coinc=des with tl_e wavelength of the laser. Because the gas temperature is not
limited by the need to maintain the seedant in a solid or liquid state, an Iso of 1500
Ibf-s/Ibm rgay be achievable. Finally, if the laser beam is focused to an intensify of about
25 kW/cm z, inverse Bremsstrahlung absorption can occur due to breakdown in the gas at
these high intensities. This could result in an Iso as high as 2500 Ibf-s/Ibm; however, a
value of 1500 Ibf-s/Ibm is considered more realistic. In this study, an Isp of 1500 Ibf-s/Ibm
was assumed which could be achieved by either of the latter two mechanisms discussed
above. Finally, estimates of thruster effici.,erjcH,(Jaser beam-to-jet power) of 10 to 90 %
have been considered in previous studies;",/1,_-_ a 50-% efficient thruster was assumed
here.

^w,.oow NOZZLE

LASER-SUPPORTED
"COMBUSTION"

Figure 7-11. Laser Thermal Thruster

The mass scaling equ_t_n for the laser-thermal thruster 2 is based on one derived
for a solar-thermal thruster because of the similarities between the two types of
thrusters. The scaling equation is:

MThruster [kg] = 0.125 • ( Thrust [N] )1.15

where the thrust is a function of the "jet" power (PJet) and Isp:

Thrust [N] = 2. ( PJet [W] ) / { gc* ( Isp [ Ibf-s/Ibm] ) }

Thus, the thruster mass becomes:
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MThruster [M'r] = 2203.4. { PJet [MW] / ( gc" Isp [Ibf-s/Ibm] ) )1.15

where gc is 9.8 m/s 2. The jet power depends on the total beam power collected and on
the efficiencies (11)of the thruster and inflatable optics:

PJet = PBeam "_lSpot • _lOptics "_lThruster = PBeam ° 0.9 • 0.9 • 0.5

7.2.2.3 Other Systems. The vehicle has a structural weight, including attitude control
thrusters and tankage for the liquid hydrogen (LH2) propellant, of:

MTankag e = 1572.5 + 0.2584 • Mp [all masses in kg]

where M o is the useable propellant mass and the tankage factor of 0.2584 is based on a

LH 2 tanR model of a 4-r_4diameter cylindrical tank with ellipsoidal ends operating at 20
psia (30 psia maximum).

Because liquid hydrogen propellant is used, an active refrigeration system is
added to the vehicle_,.dly, weight. The mass scaling equation for a three-stage 20-K
sorption refrigerator, =o-= _' like that described in Section 1 for the baseline aerobraked
chemical (O2/H2) stage, is:

MFrig [20 K] = 45.9 + 21.1 • Wcool [all masses in kg]

where Wcool is the refrigeration load in Watts. For a single LH 2 tank: 14

Wcool = 0.08226 • (Mp) 2/3 [1-tank LH 2 stage, all masses in kg]

Thus, the refrigerator mass for a 1-tank LH 2 stage is:

MFrig [20 K] = 45.9 + 1.736 • (Mp) 2/3 [all masses in kg]

7.2.2.4 Final Vehicle Sizino. The final LTP vehicle "dry*weight (in kg) is the sum of the
tankage, refrigerator, thruster, and optics masses:

MDry LTP OTV Vehicle w/LH 2 Frig =

1618.4 + 0.2584. Mp + 1.736. (Mp) 2/3

+ 0.27739 ° { PJet [W] / ( gc ° Isp [Ibf-s/Ibm] ) )1.15

+ 1.414 ° pi • ( 20-m Dia. 1 2 )2 ,, ( 0.03 kg/m 2 )

[all masses in kg]

The corresponding equation in metric tons is:

MDry LTP OTV Vehicle w/LH 2 Frig =

1.6184 + 0.2584° Mp + 0.1736,, (Mp) 2/3

+ 2203.4° { PJet [MW] / ( gc ° Isp [Ibf-s/Ibrn] ) ) 1.15

+ 1.414 ° pi • ( 20-m Dia. 12 )2. ( 0.03 kg/m 2 ) / 1000

[all masses in MT]
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Finally, a LH2 propellant resupply tanker, with a tankage factor of 0.2584, is
included in the total initial mass in LEO.

7.2.3 Microwave Thermal Propulsion (MTP) Vehicle Sizing

7.2.3.1 Inflatable OPtics. The MTP vehicle employs large (1-kin diameter) inflatabl_
optics to focus microwaves into waveguides which transmit the beam to two tljrusters.
As with the LTP system, the inflatable collector has an areal density of 0.03 kg/m_:,a "spot"
size efficiency of 90 %, and a reflection/transmission efficiency of 90 %. For GEO
distances, a 1-km diameter receiver using 12.2-cm wavelength (2.45 GHz, S-band)
microwaves requires transmitter optics almost 10 km in diameter. Note that the 12.2-cm
wavelength has been chosen in past studies of microwave power beaming due to its
excellent transmission through the atmosphere, which is of particular importance for a
ground-based transmitter for a space-based MTP OTV. Higher frequencies (e.g., 5.8 or
22.125 GHz) COLJldbe employed, but this introduces problems with transmission through
the atmosphere. =

1-kin diameter reflector is the largest size that has been studied for inflatable
optics •o This large size is driven by the need for reasonable-sized optics for both the
transmitter and receiver. However, because of the large optics on the vehicle, it is
necessary to have a vehicle configuration in which the large receiver optics are placed at
the center of the vehicle, as shown in Fig. 7-2. This has the advantage of allowing the
optics to be rotated and oriented such that it is always perpendicular to the incoming
beam, rather than at a 45 ° angle as for the LTP optics. However, this has the
disadvantage of requiring two sets of thrusters and waveguides to "pipe" the microwaves
from the focal point of the collector optics to each of the two thrusters. 1 By contrast, the
smaller (20-m diameter) receiver of an LTP vehicle can be placed off to the side of the
vehicle and a single centrally-located thruster used.

The scaling equation for the inflatable optics is:

M Optics [kg] = pi • ( 1,000-m Diameter / 2 )2, ( 0.03 kg/m 2 ) = 23,562 kg

In fact, it will be shown that the mass of the inflatable optics dominates the total vehicle
"dry" weight.

The waveguide is assumed to also be an inflatable structure with the same areal
density as the inflatable optics. A waveguide with a square cross section 12.2-cm on a

pticsside is assumed. The o are assumed to have a focal length of one-half the optics
diameter (i.e., the focal length equals the radius of the optics), so the length of each
waveguide is _/2 times the radius of the optics. Thus, the two waveguides have a total
mass of:

MWaveguide [kg] = 4 • ( 0.122 m ) • 1.414 • ( 1000 m ) • ( 0.03 kg/m 2 ) = 20.7 kg

7.2.3.2 Electron Cyclotron Resonance fECR_ Thruster. The ECR thruster 1,18 circumvents

the thermal/Isp limits of the laser-thermal thruster by employing electron-cyclotron
resonance plasma acceleration to couple the incoming microwave energy to the
propellant (e.g., hydrogen) and produce thrust. Also, in contrast to electric propulsion
thrusters, it is an electrodeless device, and thus holds the promise of long operating
lifetimes and the ability to use a variety of propellants, including those derived from
extraterrestrial sources (e.g., lunar oxygen). Figure 7-12 shows a conceptual schematic of
an ECR thruster in which circularly-polarized microwave radiation ionizes the propellant
in an energizing zone. The applied diverging magnetic field (which decreases in intensity
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in the downstream direction) causes the free electrons in the plasma to move in cyclotron
orbits about the field lines. The radii of these orbits are determined by the magnetic field
strength. This electron-cyclotron motion produces a magnetic dipole field opposed to the
applied field, which in turn produces a net body force on the plasma that accelerates the
p_asmaout of the thruster.

SOLENOID
MAGNET

DIELECTRIC [_WINDOW

BEAM POWER _]
i( MICROWAVE )

MICROWAVEWAVEGUIDE

PROPELLANT
INJECTION

NEUTRAL GAS
REGION

PLASMA
TRAJECTORY

LINES

ECR
COUPLING

REGION

Figure 7-12. Electron Cyclotron Resonance (ECR) Thruster

This thruster concept is still in the basic research stage, 18 but it holds the promise

of achieving high specific impulses and efficiencies (50 to 85 %). For this study, an Is i_f_5000 Ibf-s/Ib m and an efficiency (microwave beam-to-jet power) of 80 % were assum_c.
The mass of an ECR thruster is estimated to be:

MThruster [kg] = 5.57° ( PJet [kW] )2/3

Each engine is sized to use one-half the total power, because two engines are required at
opposite ends of the vehicle. Thus, the assumed scaling equation, modified for the case
of two thrusters, is:

MThruster s [MT] = 2o 0.557° { ( PJet [MW] ) / 2 }2/3

As with the laser-thermal thruster, the jet power of the ECR thruster depends on the total
beam power collected and on the efficienc=es (11)of the thruster and inflatable optics:
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PJet " PBeam "_lSpot"TIOptics"_lThruster- PBeam" 0.9 • 0.9 • 0.8

7.2.3.3 Other Svstems. The same liquid hydrogen tankage, refrigerators, etc. assumed
for the LTP vehicle are used in the MTP vehicle.

7.2.3.4 Final Vehicle Sizina. As in the LTV vehicle, the total "dry" mass of the MTP
vehicle is the sum of the optics (including waveguides), thrusters, tankage, and
refrigerators:

MDry MTP OTV Vehicle w/LH 2 Frig =

1.6184 + 0.2584. Mp + 0.1736. (Mp) 2/3

+ 2.0.557. { ( PJet [MW] ) / 2 }2/3

+ pi • ( 1,000-m Diameter / 2 )2. ( 0.03 kg/m 2 ) / 1000

+ 4 • ( 0.122 m ) • 1.414 • ( 1000 m ) • ( 0.03 kg/m 2 ) / 1000

[all masses in MT]

For the specific case of 1-km diameter inflatable optics and waveguides (23.5827 MT),
this reduces to:

MDnj MTP OTV Vehicle w/LH 2 Frig & 1-km Optics =

25.2011 + 0.2584 • Mp + 0.1736 • (Mp) 2/3

+ 2.0.557- { ( PJet [MW] ) / 2 }2/3

[all masses in MT]

Note that the mass of the inflatable optics tends to dominate the "dry" mass of the
vehicle for 1-kin diameter optics. Smaller optics could provide major savings in vehicle
"dry" weight, but only at the cost of increased transmitter optics sizes or higher microwave
frequencies (shorter wavelengths), although the use of high-frequency microwave
radiation introduces problems with transmission through the atmosphere. Finally, as with
the LTP vehicle, a LH 2 propellant resupply tanker, with a tankage factor of 0.2584, is
included in the total initial mass in LEO.

7.2.4 Laser Electric Propulsion (LEP) Vehicle Sizing

7.2.4.1 Laser-to-Electric Power Conversion _Photovoltaic ArrayS. The LEP vehicle is
basically an SEP vehicle. The photovoltaic array requ=res a laser beam wavelength of
0.85 microns which corresponds to the band gap of the gallium arsenide arrays assumed
here.

For this di_cgssion, photovoltaic cells are divided into two categories, solar and
unconventional._'o" Conventional solar photovoltaic cells are those that have been
developed for use on satellites and spacecraft and are optimized for efficient conversion
of normal solar radiation. "Unconventional" photovoltaic cells are used in this context to
describe a conceptual class of photovoltaic devices that would be optimized for very
efficient conversion of very high intensities of incident radiation of a specific wavelength.
This discussion is limited to conversion of near-visible (ultraviolet-to-infrared) laser light

7-14



sources to electricity; conversion of microwaves to electricity is discussed below. The
peak of the sun's spectral emissive power occurs from 400 to 700 nanometers (nm) in the
visible spectral region• Implicit in the artificial division of photovoltaic cells into "solar" and
"unconventional" is the assumption that the bandgap of the unconventional cell
semiconductor is significantly larger or smaller than 400 to 700 nm (i.e., ultraviolet
radiation ranges from 10 to 390 nm, and infrared radiation ranges from 770 to 10 o nm).
This assumption of wavelength mismatch means that the unconventional photovoltaic cell
conversion efficiency for solar radiation will be substantially lower than that of
conventional solar photovoltaics.

The primary advantages of using conventional photovoltaics (e.g. silicon and
gallium arsenide solar cells) are their lower relative cost and continuing power generation
when laser-augmentation is not available due to beam eclipse or excesswe transmission
distances• As discussed above, transmission of beamed power to interplanetary
distances, such as from the Earth to a spacecraft in Mars orbit, is extremely challenging
because of inherent transmission loss mechanisms (e.g. diffraction-h'mited beam
spreading). Advanced optical relay station technology could enable this capability, but it
is assumed that within the specified time-frame of interest for the Mars cargo m=ssion,
significant laser-augmentation will be available only to vehicles in Earth or lunar orbit.
Also, although solar photovoltaic cells are a relatively expensive component of most
spacecraft, they will probably cost less than unconventional cells because the technology
and manufacturing facilities are well-developed for conventional cells. Thus, the principal
disadvantage of unconventional photovoltaics is that the power output falls essentially to
zero outside the range of the laser source.

To summarize, for operation in a beamed-energy LEO-to-GEO LEP OTV mission
and especially in a laser-augmented LEP/SEP LEO-to-Mars orbit cargo mission,
conventional solar photovoltaics are chosen as superior to unconventional photovoltaics
for reasons of cost, flexibility, and overall mission power generation capability when laser
augmentation is not available. However, unconventional photovoltaics may offer
significant advantages when the primary consideration is performance as a LEO-to-GEO
or lunar orbit beamed-energy OTV with an infrastructure that permits continuous laser
illumination of the vehicle.

Unconventional photovoltaics may be particularly attractive when combined with
high-intensity laser sources, because they may be able to operate at much higher
intensities, temperatures, and efficiencies than conventional photovoltaics. By contrast,

the conversion efficiency of conventional pho_o_,_l!_i0c (PV)cells is strongly dependent
upon the2operating temperature of the cell. , , Greater incident laser intensity
Watts/m ) will increase the equilibrium temperature during laser heating of the PV array, • , • • __=

As the PV cell temperature nses, the convers=on effic=ency decreases. Therefore, it =s
necessary to find the incident laser intensity which max=m_zes array output power
(watts/m").

A simplified thermal model of the PV array is modelled by the following
assumptions: the emissivity of the laser-facing side of the PV array is 0.5, the emissivity of
the sun-facing side of thePV array is 0.9, the sun-facing side of the PV array is constantly
in sunlight, none of the incident sunlicjht is converted to electrical power (it is just
re-radiated), the PV array reaches equdibrium temperature in a short amount of time
compared to the total amount of time during which the laser beam is illuminating the array,
and the efficiency of the PV cells is given by the following formula:

Efficiency = (72.9 - 0.1023 • T [K] ) / 100 [for 273 K < T < 713 K]

Given the simplified thermal model described above, the Stefan-Boltzmann
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equation was numerically solved over a range of laser intensities to give the equilibrium
array temperature shown in Fig. 7-13. Figure 7-14 shows the corresponding PV cell
effic=ency versus incident laser intensity. This infor,tnation allows the calculabon of PV
array output power (Watts of "bus" electric power/m _') versus incident laser intensity, as
shown in Fig. 7-15. This figure indicates that the maximum "bus" electric power is
obtained at a Jpser intensity of approximately six "suns", where one "sun" is approximately
1345 Watts/m".
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Figure 7-13. Photocell Temperature vs. Laser Intensity
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Figure 7-14. Photocell Efficiency vs. Laser Intensity

At this intensity, the PV cells have an efficiency of 15 % as compared to the 25 %
efficiency assumed for the solar PV cells described =n Section 3 for the 100-MW e class
SEP vehicle. When combined with the 17.7 % miscellaneous distribution losses
assumed for the PV arrays in Section 3, the overall efficiency is 12,.3 % for the
laser-illuminated PV cells. However, because the laser light intensity (W/m z) is six times
that of sunlight, the laser-illuminated PV array has a "bus" electric power output 3.6 times

that of an2equal-area solar-powered PV array. Assuming the same mass-to-area ratio
(1.0 kg/m ) as that for the solar PV array in Section 3, the corresponding specific mass of
a laser-powered PV array is 1.0 kg/kW e of" bus" power, as compared to a specific mass
of 3.6 kg/kWe for a solar PV array. However, this specific mass is based on the values
derived for a 100-MW e array as discussed in Section 3; the use of the same class of array
at power levels of a few megawatts should be considered a lower limit to the LEP array
specific mass specific mass and thus an "optimistic" limit on performance.
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Figure 7-15. Photocell Power Output vs. Laser Intensity

Finally, it is assumed that there is no radiation damage incurred on the PV cells
during traversal of the Van Allen radiation belts because of both a rapid passage through

)the radiation belts (due to the,,Jligher power during laser augmentation and a
laser-provided annealing process2""
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7.2.4.2 Electric Prooulsion System. Conventional electric ion thrusters are used with a
Power Processing Unit (PPU)-. However, because the "bus" electricpower available to
the thrusters is two to three orders of magnitude less in the beameo-energy LEP (and
MEP) vehicles than in the 100-MW e class SEP vehicle discussed in Section 3, the scaling
relationships derived for the high-power thrtj_itgr..a,.n.,dPPU were not used for the LEP or
MEP vehicles. Instead, a variety of sources_O, z_''_'/were surveyed to obtain an estimate
of thruster and PPU performance at power levels of 30 to 100 kW e per thruster, as

illustrated in Fig. 7-16 and Table _ Based on theSena_,_results,a thruster92% efficiencyplUsPPUwhileSpecifiCthemass of 5.0 kg/kW e is assumed. "The PPU has a
thruster has an efficiency (electric-to-jet power) of 75 %. "oumed

Table 7-1. Representative Ion Thruster and PPU Performance Parameters

Power Thruster Thruster PPU PPU
Level =   JJJr,.Ma 
(kWe) (kg/kWe) (kg/kWe)

10 8.5 0.69 6.0 0.96 22

5 7.04 0.68 7.4 0.90 23

10 5.57 0.76 5.3 0.93 23

3-30 5.0a, b 0.73-0.81 0.90-0.92 26

30 3.83 0.79 3.1 0.96 23

50 1.78 4.03 16

222 0.537 0.81 1.0 0.97 25

500 0.175 0.91 0.853 0.98 23

570 2.3a, b 0.67 0.915 27
._

1130 2.3a, b 0.67 0.915 27

1130 1.2a, c 0.75 0.915 27

4900 0.03 0.85 0.053 0.99 24

Notes:

!l Thruster plus PPU!sp _ 5000 Ibf-s/Ibm
isp 7000 Ibf-s/Ibm

7.2.4.3 Other Svstems. The same basic stage as assumed for the LTP vehicle is again
used here, except that the tankage factor is only 3 % corresponding to the use of a
propellant such as argon or xenon for the thrusters:

MTankag e = 1572.5 + 0.03 • Mp [all masses in kg]
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It is assumed that active refrigeration is not required for the propellant.
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Figure 7-16. Variation of Electric Propulsion Power Processing Unit (PPU)
and Ion Thruster Specific Mass With the Power per Thruster
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7.2.4.4 Final Vehicle Sizina. Combining the tankage, the laser-powered PV array, and
the electric propulsion system (thrusters and PPUs) gives the total LEP OTV vehicle "dry"
mass:

MDry LEP OTV Vehicle = 1.5725 + 0.03 • Mp

• ( OCLaser-PV Array [kg/kWe] )" ( Pe [aWe] )

+ ( ocPPU&Thrusters [kg/kWe] ) ° ( Pe [MWe] )

[all masses in IVrl]

where Mo is the propellant mass, ¢¢Laser-PV Array is the PV array specific mass as a
laser-poWered PV array (1.0 kg/kW e = MT/MWe), cqSpU&Thrusters is the specific mass of
the thrusters and PPU (5.0 kg/kW e = MTIMWe), and Pe is the_'bus" electric power. Finally:
a propellant resupply tanker, with a tankage factor of 0.03, is included in the total initia,
mass in LEO.

To determine the "bus" electric power for the laser-powered PV array, it is
necessary to start with the laser beam power leaving the laser transmitter (PBeam) and
multiply this by the efficiencies 01) of the various steps in the power transmass, on and
conversion processes:

Pe = PBeam ° _lSpot • _lLaser-PV Array ° 11Miscl. Losses = PBeam ° 0.9 ° 0.15 ° 0.823

For an LEP OTV, a 1-MW laser beam requires an array with a diameter of 11.9 m;
the corresponding diffraction-limited transmitter for GEO distances is 5.8 m. Also, the
"bus" electric power is only 0.111 MW e, because the spot size efficiency is 90 % and the
conversion efficiency is 12.3 % (15 % • 82.3 %). The same-sized array collects 0.15 MW
of sunlight which would produce 0.031 MW e of "bus" power. Thus, high laser powers are
required for an LEP vehicle, primarily due to the low efficiency of converting laser light into
electricity.

For use as a laser-augmented SEP vehicle, the array is sized based on its use as
an SEP vehicle, but the thrusters and PPUs are sized based on the "bus" power level
obtained by using laser light. For example, a 1 MW e ('bus" power) SEP requires 4.86
MW of sunlight on a 67.8-m diameter array. With a 3.468-m diameter transmitter (the
same as that used for the LTP OTV), the laser can transmit powerto a distance of about
143,000 km. However, as with the LEP OTV, high laser powers are required. In this case,
for a vehicle sized to provide 1 MW "bus" power from sunlight, a 32-MW laser beam can
be used to provide 3.6 MW e of "bus _ power.

To determine savings on trip time for the laser-augmented SEP, the equivalent
Delta-V, and thus propellant mass, required togo from LEO to the maximum laser beam

foundaltitude is found. The trip time is then by dividing the propellant mass by the
propellant mass flow rate, which depends on the "jet" power as discussed in Section 2.
The "'et"j power for the electric propulsion system..on the. LEP vehicle is a function of the
"bus" electric power and the PPU and thruster eff,clenc, es:

PJet = Pe ° _PPU ° 11Thruster = Pe" 0.92 • 0.75

Because the "bus" power (and thus "jet" power and propellant mass flow rate) is 3.6 times
greater with the laser in use, the difference in trip time between the two options represents
the savings in trip time when the laser is used.
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7.2.5 Microwave Electdc Propulsion (MEP) Vehicle Sizing

7.2.5.1 Mi(:;rowave-to-Electdc Power Conversion (Rectenna_. As with the MTP system,
12.2-cm wavelength microwaves are used. The collector is again 1-km in diameter with a

• rectenna to convert
90-% spot size efficiency. A thin-film etched circuit mncro_,_YSe is used
the microwaves into electricity at an efficiency of 85 %. Thin-film rectenna specific

been demonstrated in the laboratory. • Themasses of 0.25 kg/kW e ('bus" power) have

rectenna circuit is mounted o2na thin film supported by a toroidal inflatable structure with
an areal density of 0.03 kg/m . In this case, the inflatable structure is not required to focus
the microwave beam, but rather serves only as a support substrate for the rectenna. The
rectenna circuit and inflatable structure are illustrated 0n Fig. 7-17.
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RECTENNA CIRCUIT DIAGRAM
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Figure 7-17. Microwave Receiver Rectenna Concept
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The rectenna mass thus consists of the sum of the receiver and conversion system
(i.e., the inflatable structure and the thin-film rectenna circuit):

MRectenna [kg] = pi • ( 1,000-m Diameter / 2 )2 o ( 0.03 kg/m 2 )

+ ( Pe [kWe] )" ( 0.25 kg/kW e )

where Pe isthe "bus" electricpower.

Finally, note that in the LTP, MTP, and MEP vehicles, the optics are of a fixed size
and an arbitrary amount of laser or microwave power is allowed to impinge on the optics.
In practice, there will be limits to how much power can safely be applied to a vehicle's
optics set by thermal loads due to va[jous inefficiencies. For example, if it is arbitrarily
assumed that the powerdensity (W/m _:) due to absorbed or waste heat be limited to that
of sunlight (1.345 kW/m_'), then the maximum allowable beam power for a 1-km diameter
optics MEP vehicle with a 15-% inefficient (i.e., 85-% efficient) optics is over seven
gigawatts, far in excess of the beam powers considered in this study. By contrast, for the
20-m diameter LTP vehicle with 10-% inefficient optics (e.g., absorption and reflection
losses), the corresponding allowed power is onl.y four megawatts, suggesting that thermal
control of the LTP vehicle's optics may be an =ssue that should be addressed in future
studies.

7.2.5.2 Electric Prooulsion System. The ion thrusters and PPUs usecl on the MEP vehicle
are the same as those used in the LEP vehicle. No attempt was made to adjust the PPU
specific mass or efficiency for differences between the PV array and rectenna output
voltages (as was done for the high-powered SEP and NEP vehicles in Sections 3 and 4)
because both are relatively low-voltage power sources.

7.2.5.3 Other Systems. The MEP vehicle uses the same tankage, etc. as the LEP vehicle
because both employ the same electric propulsion thrusters.

7.2.5.4 Final Vehicle Sizina. As with the LEP vehicle, the "dry" mass of the MEP vehicle
is simply the sum of the rectenna optics, electric propulsion system (PPUs and thrusters),
and tankage:

MDry MEP OTV Vehicle = 1.5725 + 0.03 • Mp + ( Pe [MWe] )" ( 0.25 kg/kW e )

+ pi • ( 1,000-m Diameter 12 )2, ( 0.03 kg/m 2 ) / 1000

+ ( o_PPU&Thrusters [kg/kWe] ) * ( Pe [MWe] )

[all masses in MT]

where again Pe is the "bus" electric power which is a function of the beam power (PBeam)
and the efficiencies (11) of the various steps in the power transmission and conversion
processes:

Pe = PBeam "11Spot • 11Rectenna = PBeam ° 0.9 • 0.85

For the specific case of 1-kin diameter inflatable optics (23.562 MT), the "dry" mass of the
vehicle becomes:
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MDry MEP OTV Vehicle = 25.1345 + 0.03 • Mp + ( Pe [MWe] )" ( 0.25 kg/kWe )

+ ( aPPU&Thrusters [kg/kWe] ) * ( Pe [MWe] )

[all masses in MT]

Finally, a propellant resupply tanker, with a tankage factor of 0.03, is included in the
total initial mass in LEO.

7.2.6 Support Infrastructure

7.2.6.1 Beamed-Enerav__ Transmission System._ In determining the total system mass, it
was assumed that any space-based beamed-energy transmitter or relay stations would
already be available as part of a general cis-lunar beamed-energy transportation
infrastructure and thus not be part of the initial mass in LEO (IMLEO) charged to the Mars
cargo mission. This assumption also eliminates the need to assess a LEO-to-GEO
trip-time penalty for dis-continuous power transmission as, for example, when a vehicle in
orbit is out of line-of-sight of a transmitter, because it was assumed that continuous
illumination was available from a pre-existing infrastructure. For a laser system,
continuous illumination of the vehicle can be achieved by using either ground- or
space-based laser transmitter stations in conjunction with a constellation of space-based
mirrors; such a system for a 1-micron wavelength has a mass of about 32 MT:".

One of the critical issues in assessing the benefits of a beamed-energy
transportation system is the "cost" of the infrastructure. In this study, total system mass in
LEO has been used as a "cost'-Iike figure of merit. Thus, one way to reduce the
infrastructure "cost" (mass in LEO) is to ground-base the laser or microwave transmitters.
This has several cost and operational advantages, because construction, supply of
power, and maintenance are all greatly facilitated. However, this does introduce the
potential difficulties of beaming through the atmosphere (e.g., scattering, distortion due to
thermal blooming, etc.). There is also the problem of keeping the transmitter and vehicle
in line of sight to insure continuous illumination. This can be accomplished with a
combination of space-based relay mirrors, multiple ground-based transmitters, or by
allowing non-continuous illumination of the vehicle, although the latter option would tend
to increase the already long LEO-to-GEO trip times of the low-thrust beamed-energy
OTVs. By contrast, space-basing the transmitters and relay optics allows continuous
operation and eliminates problems associated with transmission through the atmosphere.
(In fact, wavelengths can be chosen that are strongly attenuated by the atmosphere in
order to protect people on the ground.) 1 Space-basing of the beamed-energy
infrastructure does, however, significantly increase the mass in LEO. For example, if a
space-based 1-MW (beam), 1-micron wavelength Fr.,ee Electron Laser (FEL) system is
used, the infrastructure mass is about 460 MT. _ For a microwave system, the
space-based system mass is likely to be dominated by the mass of the optics because
they can be on the order of several kilometers in size. For example, a single 10-km
inflatable optics system has a mass of 2356 MT. As many as six of th.,ese optics (one on
each of two transmitter stations and one on each of four relay mirrors);" might be required
for a full space-based microwave system. Substantial savings may be possible using
synthetic aperture techniques, although even a single 10-kin diameter "Y"-shaped array
of fifteen 1-kin diameter inflatable optics (the same size as on the microwave-powered
OTVs) would weigh 353 MT.

However, these systems can support only one OTV at a time; multiple systems
would be required for a fleet of OTVs operating in parallel (up to 20 in the present study).
This requirement could be reduced by running the OTVs in series, but then only at the
expense of greatly increased trip times. For example, the trip times of the fully loaded
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(400 MT payload) OTVs, where only one OTV is required, are on the order of two years
for the LEO-to-GEO transfer with a IO-MW beam power. Splitting the payload among
multiple OTVs thus results in a trip time savings only when the O'l'Vs are operated in
parallel.

7.2.6.2 payload Suooort. As with the other advanced concepts discussed previously, the
option of splitting the payload among many parallel vehicles is considered. For the
beamed-energy OTV missions, a single-stage aerobraked chemical (O2/H2) vehicle was
attached to each payload unit to perform the trans-Mars injection from GEO altitude ano
subsequent aerobraking into Mars orbit. Thls vehicle is simply a re-sized version of the
second (aerobraked) stage of the baseline chemical system described in Section 1.

Because the trans-Mars in_j_ion Delta-V from GEO is less than two-thirds that required
when leaving from LEO, only a single-stage, rather than two-stage, vehicle was
required. As shown in Fig. 7-18, an adaptor (2.5 % of the supported weight) is added
between the cargo payload and the chemical stage; a similar adaptor is added between
the chemical stage and the beamed-energy OTV.
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For the laser-augmented SEP mission, an Orbital Maneuvering Vehicle (OMV) is
added to each cargo payload unit for maneuvering in Earth and Mars orbits, as was done
with the high-powered SEP vehicle in Section 3.

7.2.7 Trajectory Analysis

All the low-thrust beamed-energy vehicles are used to deploy the cargo and its
attached high-thrust chemical stage to GEO altitude but without the 28._°.. plane change to
a normal equatorial GEO orbit. This results in an Edelbaum equation ou (see Section 2)

LEO-to-GEODelta-V of only 4.7 km/s in contrast to the 6.0 krn/s required for a low-thrust
transfer with plane change. Interestingly, an altitude of about twice GEO mi_i_zes the
required Delta-V neededto inject the cargo to the required C 3 of 9.541 km"/s_'; this is
found by differentiating the equation relating Delta-V, C 3, and the departure circular
orbit's orbital velocity Vo:

Delta-V = ( C 3 + 2 • Vo2 )1/2 . Vo

For a minimum Delta-V (i.e., d(Delta-V)/d(Vo) = 0), the result is:

Ro = 2,14/C 3

where Ro is the radius of the departure orbit that_mi,0imizes the Delta-V r,,equirement, I_ is
the Earth's gravitational parameter (398,601 kma/s _') and Vo.= (iJJRo)1/_', and C3 is the
excess hyperbolic velocity required for trans-Mars injection. However, this saves only 75
m/s in injection Delta-V over that required when leaving from a GEO altitude (2.259 km/s).
Thus, for convenience, a 28.5°-inclination GEO altitude was chosen, because this would
minimize the beamed-energy OTV Delta-V and transmission distance, nearly minimize
the chemical stage's Delta-V, and permit the use of OTVs that could also be used for
routine LEO-to-GEO (0°-inclination) operations.

For the high-thrust chemical stages, the total Delta-V budget consists of 100 m/s for
LEO rendezvous and docking, 2259 m/s for trans-Mars injection, and another 100 m/s for
Earth-to-Mars trajectory correction maneuvers (TCM) for a total of 2.459 km/s prior to
aerobraking at Mars. This trans-Mars injection Delta-V is significantly less than that
required for the baseline chemical system leaving from LEO, e.g., 2.259 versus 3.588
km/s, respectively. After aerobraking, a 0.650-km/s Delta-V is allocated for orbit
circularization and final rendezvous, as was done for the baseline chemical system in
Section 1.

For the high-thrust chemical stage, the trip time from G_.,O to Mars is assumed to be
the same as the 294 days for the baseline chemical vehicle. _'u To this time is added the
LEO-to-GEO trip time of the beamed-energy OTV. This beamed-energy OTV trip time is
found in the same manner as that described in Section 1, where the trip time is found by
dividing the propellant required for the LEO-to-GEO transfer by the propellant mass flow
rate. In this case, it is assumed that the beamed-energy OTV is constantly illuminated by
the laser or microwave source, so the trip time is not increased due to coasting during
shadow periods.

For the laser-augmented SEP case, the propellant and trip time requirements were
first found assuming the mission was done as a "pure" SEP mission, as in Section 3.
Then, the Edelbaum equation Delta-V was found for the transfer from LEO to the
maximum beaming-distance altitude for the outbound (and return) trip. Knowing the initial
(and final) vehicle mass in LEO, the propellant consumed during this transfer was found.
Next, the trip time for the near-Earth transfer was found for both the conventional and
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laser-augmented modes, based on the respective mass flow rates. Finally, the difference
between these two trip times was subtracted from the total Earth-to-Mars trip time as a

ure" SEP vehicle to give the trip time with the laser augmentation. The trip time
ference between the conventional and laser-augmented modes for the near-Earth

portion of the trip was a large fraction of the total (typically about one-third), suggesting
that laser augmentation of SEP vehicles can show significant trip time savings for the slow
escape (and capture) from Earth.

7.3 RESULTS

Figures 7-19 and 7-20 summarize the results for the beamed-energy propulsion
systems. There are modest savings in initial mass in LEO, although the Earth-to-Mars trip
times are rather long for near-term laser powers (up to 10 MW beam). Only at very high
beam power levels do the trip times begin to decrease significantly. However, if
high-powered lasers and microwave transmitters are available as part of a pre-existing
beamed-energy infrastructure, their use may be attractive for the Mars cargo mission.
Also, in Fig. 7-19, the curves for the low-powered (1 MW beam) cases extend far to the
right of the figure towards long trip times (ca. 3000 days) where there are small savings in
IMLEO as compared to the high-powered (10 MW beam) cases. However, the savings in
IMLEO are small, assuming the laser or microwave transmitter infrastructure is not
included, because the masses of the vehicles are generally only weakly dependent on
beam power level.
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Finally, note that the IMLEO values found above do not include any space-based
infrastructure, nor is there a trip-time penalty applied for dis-continuous power
transmission. Inclusion of the infrastructure mass of even one space-based FEL
transmitter (for the LTP or LEP OTVs) or a single space-based microwave transmitter or
orbital relay (for the MTP or MEP OTVs) would completely negate any mass advantage of
the beamed-energy system.

7.4 CONCLUSIONS

Beamed energy propulsion can provide modest savings in IMLEO and trip time if a
pre-existing high-power beamed energy transmission system is available. However, the
system can provide beamed power only out to GEO distances for microwave wavelengths
and to lunar distances for near-visible wavelengths. Also, very high beamed power levels
(>>10 MW beam) are required for significant reductions in trip time due to the overall low
efficiency of converting beam power into jet power. Finally, the infrastructure required to
provide continuous, high-power beamed energy is extensive and would completely
negate any savings in IMLEO if provided to support the Mars cargo mission only. Thus,
beamed-energy systems may be attractive for support of general operations in cis-lunar
space (e._g., OTV operations, lunar base, orbital factories, etc.), including delivery of cargo
to high Earth orbits for injection towards Mars, but they should not be considered if
implemented solely on the basis of their use for the Mars cargo mission.
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SECTION 8

SOLAR THERMAL PROPULSION

8.1 INTRODUCTION

In the Solar Thermal Propulsion (STP) concept, shown in Fig. 8-1, sunlight is
collected by a large inflatable "mirror" and focused into a thruster where the sunlight is
absorbed and used to heat a propellant (e.g., hydrogen) which then expands out through
a conventional nozzle. There are several similarit=es between solar thermal and laser
thermal propulsion, as will be described below. The Air Force Astronautics Laboratory is
currently funding STP thruster development. A prototype engine, using a rhenium-tube
heat exchanger, has achieved specific impulses (Iso) in the 800 Ibf-s/Ibm range.
Advanced STP thruster concepts, using particle-bed heat exchangers or particulate
absorption directly in the propellant, are projected to achieve Isps on the order of 1200
Ibf-s/Ibm .1

INFLATABLE OPTICS

SUNLIGHT

PAYLOAD
LH2

PROPELLANT
TANK

THRUSTER

.....o.
.00.000.o.°.

ooo=o°..=.......

WlND¢

Figure 8-1. Solar Thermal Propulsion Concept

8.2 ASSUMPTIONS

8.2.1 Mission Scenario

Because the STP vehicle is a solar energy (rather than nuclear energy) vehicle, it
can operate directly from low Earth orbit (LEO). Thus, no supporting orbit transfer vehicle
(OTV) infrastructure is required. Because the vehicle is relatively small and "simple" (at
least as compared to electric propulsion concepts), it is assumed that it is expendable; a
single-stage vehicle leaves LEO and transfers to Mars/Phobos orbit, but does not return to
Earth, as shown in Fig. 8-2.
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Figure 8-2. Solar Thermal Propulsion Mission Scenario

8.2.2 STP Vehicle Sizing

As mentioned above, the STP concept is very similar to the laser thermal
propulsion (LTP) concept discussed in Section 7. Both concepts use inflatable optics to
focus near-visible light into a thermal thruster where the light is absorbed and used to
heat a propellant. The primary difference, from a vehicle sizing perspective, comes in the
size of the inflatable optics and the thruster specific impulse. For example, in the STP
vehicle, the size (area) of the inflatable optics varies with the solar;olarpower (collected, which
in turn determines the thruster power. By contrast, in the LTP vehicle, the size and

inflatable pticspower-handling capacity of the o is somewhat arbitrary, being determined
more by the laser transmitter than by the vehicle requirements. In terms of potential ISD, a
laser source represents a monochromatic point source, so it is possible to eml_loy
high-lsD energy coupling mechanisms that make use of specific wavelengths (e.g.,
molecurar resonance absorption)or of the ability to focus the beam to very high intensities
(e.g., inverse Bremsstrahlun_ absorption). By contrast, the sun is a non-monochromatic
source with a finite spot (d=sk) size, so only heat exchanger or particulate absorber
mechanisms can be employed. Thus, a STP thruster has an IsD of only 1200 Ibf-s/Ibm
instead of the 1500 Ibf-s/Ibm of a LTP thruster.

8.2.2.1 STP Thruster. It is assumed that two high-perfo.m_ance STP thrusters ere used
with an Is p of 1200 Ibf-s/Ibm and an efficiency (sunlight-to-jet power) of 50 %, which is the
same effldiency as that assumed for the LTP thrusters. Two engines are used, each sized
for one-half the power available at 1 AU, so that at Earth, both engines can be used at
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their full power for Earth escape, while at Mars, one engine can be used at its full power
for an all-propulsive Mars orbit insertion (no aerobraking). The thruster scalin_ equation
developed in Section 7 for the laser-thermal thruster is again used, but modified for the
case of two thrusters:

MThruster s [MT] = 2 • 2203.4 • { PJet [MW] / ( 2 • gc" Isp [Ibf-s/Ibm] ) }1.15

where PJet is the thruster "jet" power and gc is 9.8 m/s 2. The jet power depends on the
total sunlight power collected and on the efficiencies (11) of the thruster and inflatable
optics:

PJet = PSolar ° _Thruster ° 11Optics

8.2.2.2 Inflatable Ootics. The inflatable mirrors are of the same kind as those described in
Section 7 for the LTP vehicle; they are sized to collect, solar power in the range of 1 to 100
MW, corresponding to intercepting 743 to 74,300 m", respectively, of sunlight at 1 AU.
Assuming two mirrors as shown in Fig. 8-1, the diameters corresponding to each of the
intercepted areas are 21.8 m and 218 m, for 1 and 100 MW, respectively. Note however
that as in the LTP vehicle, the collectors are at a 45 ° angle to the incoming light, so the
actual area of the collector is "-J2times the projected area perpendicular to t_e sun. The
STP (and LTP) inflatable collectors have an areal density of 0.03 kg/m z and a total
efficiency (reflection and transmission) of 90 %. Thus, the jet power is 45 % of the initial
solar power that is collected. The mass of the inflatable mirrors is simply:

MOptics [kg] = 1.414 • ( PSolar [kWs] / 1.345 [kWs/m2 ] ) • ( 0.03 kg/m 2 )

where 1.345 kWs/m2 is the solar power density at 1 AU. This equation reduces to:

MOptics [MT] = 1.051 • ( PSolar [MWs] ) ° ( 0.03 kg/m 2 )

Interestingly, the inflatable collectors, although physically large, are light in weight; for
example, a 1-MW (solar) collector has a mass of only 32 kg.

8.2.2.3 Prooellant Tankaoe and Refrioeration. As with the LTP vehicle in Section 7,

liquid hydrogen (LH2) propellant is used, and a sorption refrigerator is added to the
vehicle for active cooling of the propellant at 20 K.

8.2.2.4 Final Vehicle Sizino. The overall vehicle "dry" mass for the STP vehicle, like the
LTV vehicle, is simply the s_umof the thruster, optics, propellant tankage, refrigerator, and
miscellaneous systems:

MDry STP Vehicle = 1.6184 + MThruster s + MOptics

+ 0.2584 • Mp + 0.1736 • ( Mp )2/3

[all masses in M'I'J

where M o is the propellant mass. Finally, a propellant resupply tanker, with a tankage
factor of 0.2584, is also included in the total initial system mass in LEO.

8.2.3 Trajectory Analysis

The low-thrust STP trajectories were provided by Carl G, Sauer Jr. of JPL. 2 The
results of the trajectory code are given in the Appendix; the mission analysis methodology
is similar to that described in Section 3 for the SEP system. The primary difference
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between the SEP and STP mission analysis is the need to only treat the Earth-to-Mars
portion of the trajectory, because the STP vehicle is not returned to Earth.

8.2.4 Support Infrastructure

Because the STP vehicle is relatively small (other than the inflatable collectors), it
is assumed that it can directly dock with an orbiting base. Thus, it is not necessary to add
a dedicated Orbital Maneuvering Vehicle (OMV) to the payloads, although a 2.5 %
structural adaptor is added to each payload. Finally, as with several of the systems
described above, the option of splitting payloads among several vehicles is considered.

8.3 RESULTS

As shown in Fig. 8-3, the total initial mass in low Earth orbit (IMLEO) for an STP
vehicle system is in excess of 4800 MT, as compared to only 1646 MT for the baseline
O2/H2 system. There is no trip time advantage, because the chemical system has an
Earth-to-Mars trip time of 294 days as compared to the STP system trip times in excess of
300 days.

The poor performance of the STP is due to two reasons. First, the Iso (1200
Ibf-s/Ibm) and thus exhaust velocity (11.8 km/s) of the STP thruster is too low compared to
the "effective" low-thrust Delta-V (14 to 18 km/s). This results in a large mass ratio (initial
"wet" mass divided by final "dry" mass) of three to five, which in turn implies that the
propellant mass is two to four times the final mass ('dry" vehicle plus payload) delivered to
Mars orbit. This high propellant mass ratio, by itself, is not severe, except that the vehicle
uses liquid hydrogen propellant; the need to store low-density, low-temperature liquid
hydrogen results in a STP vehicle with a high dry weight (tankage, etc.) even though the
thrusters and inflatable collectors are light in weight.

For example, as shown in Fig. 8-4, the performance of the STP vehicle is fairly

• sensitive to the assumed tankage factor. The value of 0.2584 used in _his analysis is
consistent with a value of 0.25 for LH 2 tankage used in previous studies. More recent

0.20. 4studies have assumed tankage factors around Finally, it may be possible to have a
tankage factor as low as 0.15 for hydrogen by using "slush" hydrogen (a mixture of solid

the effective dens,ty (t,e.,, decrease the volume for aand liquid hydrogen) to increase " '
tan_aiVen mass) and thereby decrease the required These variations in tankagekage._,o

ctor are treated parametrically in Fig. 8-4, where it is seen that there can be significant
reductions in IMLEO and trip time for low tankage factors, although the STP vehicle is still
not competitive with the IMLEO of the baseline aerobraked chemical (O2/H2) system
option.

This situation is made worse by the need for a large fleet of vehicles at lower power
levels. Operation at higher powers does reduce the total mass and fleet size, although
not significantly. For example, with an Earth-to-Mars trip time of about 650 days, 13
vehicles with a total system IMLEO of 5400 MT are required at a 1 MW (sunlight) level; at
3 MW, this drops to 4 vehicles and 4900 MT, respectively. Alternatively, for a fixed total
IMLEO, operation at higher power results in modest reductions in trip time; for example, at
an IMLEO of abut 6200 MT, a 3-MW, 8-vehicle system has a triptime of about 490 days,
while a 1-MW, 20-vehicle system has a trip time of 550 days. Thus, the effect of power
level on system performance is modest.
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8.4 CONCLUSIONS

The solar thermal propulsion system is not competitive with the baseline chemical
O2/H2 system. It is at least three times heavier and provides no savings in trip time. This
is due primarily to the low Iso of this concept and the need to store liquid hydrogen,
resulting in high propellant weights and vehicle "dry" weights.

Note however that a single-stage, non-aerobraked vehicle was used in these
analyses. One option to improve performance would be the use of a two-stage vehicle
(i.e., one for Earth escape and a second for Mars capture). Thus, the analysis performed
above may be in the same category as those analyses performed during the 1920s and
1930s, which "proved" that a single-stage rocket could never reach the Moon. (The
analyses were correct, but the assumption that a single-stage rocket was the only way to
do the mission was totally wrong.) A second option would be the use of aerobraking into
Mars orbit. This could be accomplished by using a low-thrust STP vehicle for Earth
escape and a high-thrust O2/H 2 aerobraked vehicle for Mars orbit insertion. However,
these options were not considered in this study because they would have required
extensive modification of the low-thrust trajectory codes for their analyses. Finally, it
would be possible to use the STP vehicle in an orbit transfer vehicle (OTV) mode similar
to that used for the LTP vehicle. It is recommended that OTV-type mission modes be
considered and that the low-thrust trajectory codes be augmented to permit evaluation of
multiple-stage options for future studies.
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SECTION 9

TETHERS

9.1 INTRODUCTION

Tether concepts for propulsion and power have been investigated within the last
decade for a variety of space missions. Two classes of tether systems are electrodynamic
tethers, which interact with a planetary magnetic field, and non-conducting tethers which
interact with the gravitational field. The present study investigates the benefits of the latter
class for propulsive assist in an unmanned, Earth to Phobos cargo mission.

An object placed in orbit about a planetary body remains in orbit because the
inward-directed gravitational force is balanced by the inertial or centrifugal force, in
response to which the body moves outwards. The tether systems considered here begin
operation with the entire system (which includes the payload, propulsive stages, tethers,
and tether station) in a circular orbit. The tether is then deployed with the payload and
transfer vehicle at one end of the tether and the station at the other. If the payload orbit is
to be raised, the tether is deployed "up" or radially outward. Conversely, if the payload
orbit is to be lowered, then the tether is deployed "down" or radially inward. After a period
of time the tether reaches mechanical equilibrium in a vertical orientation. In addition, the
center of mass is located at an altitude slightly lower than the original altitude because of
a net tidal force which has done work on the entire system. Once any transient motions
have been damped out, the entire system orbits the planet in a circular orbit with uniform
angular velocity. For an outbound mission, the payload and transfer vehicle will be
above the center of mass and have a velocity which is super-circular, i.e. , faster than the
circular orbital velocity at the payload's altitude. The station, on the other hand, will be
located below the center of mass and have a velocity which is sub-circular. The pay!oad

ais then disengaged from the tether and enters rger elliptical orbit with its pengeeta
located at the release point. The station enters a lower-energy elliptical orbit with its
apogee located at the release point. These orbits are depicted in Fig. 9-1. The tether is
then reeled back into the station, after which a pair of propulsive burns are required to
bring the station back up to its original circular orbit. The payload and transfer vehicle

then perform_ I_ropulsive burn to reach the required velocity for injection to Mars
(C3=9.541 km /s ).

In this study, the scenario described above corresponds to operations in low Earth
orbit (LEO) where a large (500 MT) station is used to assist a payload and transfer vehicle
(64.3 MT) to achieve the required earth escape velocity. At Mars, the procedure is
reversed with the payload and transfer vehicle being captured by the Deimos tether
station and transferred to the Phobos station. An important operational difference is that
Deimos and Phobos are used as tether "stations'; the fact that these moons are orders of
magnitude more massive than the payload eliminates the necessity to reboost the
"station" back to its original orbit.

A two-stage aerobraked chemical (O2/H2) vehicle, similar to the baseline chemical
vehicle described in Section 1, was used to inject the payload towards Mars after release
from the Earth-orbit tether. The second stage continues to Mars where it aerobrakes into
an elliptical orbit which allows it to rendezvous with the Deimos tether. This mission
scenario is illustrated in Fig. 9-2.

Various facets of the tether system and Mars mission have been investigated in

some detail in thepast. Paul Penzo of JPL has _utlined design requirements as well as
operation for a LEO tether transportation system. In addition, he has considered issues
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related to operation of a Mars tether transportation system.2 The change in center of mass
due to the net tidal force has been pro,posed as a means of satellite relocation by Geoffrey
Landis of the Lewis Research Center o
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9.2 ASSUMPTIONS

Very little advanced materials technology was assumed in the present study. The
tether..material was in all cases taken to be Kevlar 29 with a tensile strength of 2700
MN/m_and a density of 1540 kg/m _. All propulsive maneuvers assumed a chemical
O2/H 2 system with a specific impulse of 470 Ibf-s/Ib m. While it may be possible to
increase overall system performance by using electric propulsion for orbit raising for the
LEO station or for the Earth-to-Mars transit, a chemical system was used to meet the study
ground rule of only one "new" technology at a time.

For Earth orbit operations, a piecewise tapered tether was assumed to achieve
mass savings with minimal complexity. In all cases, a safety factor of 2 was assumed in
determining the allowable stresses. The tethers used in LEO consist of a series of
connected segments of different but uniform diameters. For the tethers at Deimos and
Phobos, tethers of 3.5-mm constant diameter are assumed.

In the orbital and center of mass calculations only the end masses were considered
because in all cases these are the dominant masses. The displacement of the center of
mass due to the distribution of mass in the tether itself was considered to be a second
order effect and not considered in the analysis. Displacement of the center of mass due
to net tidal force was also considered a second order effect from the standpoint of overall
system performance and was therefore not considered. However, the mass distribution of
the tether was considered in determining the stresses. In general, the long tether
segments result in substantial tensile stresses which must be considered in determining
the minimum tether diameters and their masses.

9.2.1 Operations in Low Earth Orbit

9.2.1.1 LEO Tether Desian. In many cases, one can effect substantial mass savings by
using a continuous or piecewise tapered tether. The diameter of a tether is determined by
both the maximum tension it must support, as well as the safety factor selected for a given
design. In addition to the end masses, the tether must withstand the tension clue to its
own mass as it orbits the Earth. At any point, the tension will be equal to the integral sum
of the gravitational force which is acting radially inwards and the centrifugal force which
acts radially outwards. The greatest net force within the tether will occur at the center of

forcesmass where these two balance. Ideally, one would desire to design a tether in
which the cross section at any point is only as large as necessary for the stress at that
point. The result would be a continuously tapered tether which, although resulting in the
minimum mass possible, would be difficult to manufacture. Analytical expressions for this
distribution of tether cross section as a function of location along the length of the tether
are derived in detail in the appendix to Reference 1.

Another option is a constant-diameter tether in which the cross section for the entire
length is equal to the minimum allowable cross section for a given factor of safety.
However, th_s design is unnecessarily massive. A compromise is the use of a piecewise
tapered tether in which a number of segments of uniform, but different, cross section are
linked together. Each segment is the minimum diameter necessary to sustain the
maximum stress for that span.

In the point design used in this analysis, the tether in low Earth orbit is 350-km long
and is divided into four segments. The characteristics of these segments are listed in
Table 9-1 In this table, segment number 4 refers to the segment closest to the station.
Segment _4 is the segment which sustains the largest stress. The center of mass of the
whole system is located within segment number 4 approximately 40 km above the station.
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The number of segments is somewhat arbitrary; the larger the number, the closer the
approximation to a continuous tether. No specific assumptions concerning fasteners for
the segments have been made, but this is not expected to be a major technical issue.

Table 9-1. LEO Tether Characteristics

Diameter tmm_ J,.BJZgtJ]._=]_

1 8.604 99.051 8350.3

2 8.619 86.940 7354.4

3 8.824 82.933 7354.4

4 8.925 81.077 7354.4

The total tether cable mass was 30.414 MT with a maximum tension of 84,850 N.
While the differences in the segment diameters are not large, the mass savings over a
tether of constant (8.925 ram) diameter is 1335 kg.

9.2.1.2 " o " There are a number of factors which
characterize the performance the tether transportation system in low Earth orbit. In a
tether-assist launch "cycle', the payload and transfer stages are deployed upward in order
to raise the orbit, allowed to stabilize in a radial or vertical orientation, then released. The
payload enters a higher-energy orbit while the station enters a lower-energy orbit. At this
point, the tether is reeled back into the station and a conventional chemical system is
used to boost the station back to its original circular orbit. This station boost assumes a
dual-burn Hohmann transfer. The transfer vehicle performs a burn at periapsis in order to
reach the final escape velocity.

Table 9-2. Post-Release Earth Orbit Characteristics

(krn) (kin/s) (kin) (krrVs)

Station 460.1 7.572 227.6 7.838

Payload 3178.8 5.986 810.1 7.959

Parameters such as the payload and station mass as well as the tether length will
strongly influence the final orbits to which the station and payload are transferred. One
possible danger in operation of a tether transportation system is de-orbiting the station.
For this reason, the periapsis of the post-release station orbit is of critica/importance.
Table 9-2 lists the orbital characteristics of both the payload and the station after release.

The point design used !n this study assumed a station mass of 500 MT, combined
payload and transfer vehicle mass of 64.3 MT and a tether length of 350 kin. The initial
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circular orbit altitude for the center of mass is 500 km.

For the point design considered, the required velocity change for station reboost
was 89 m/s. One can determine an equivalent velocity increment delivered to the payload
by calculating the Hohmann transfer velocity increments required to achieve the same
final orbit. From the data listed in Table 9-2 this was found to be 673 m/s.

At perigee, the payload and transfer vehicle require an escape,,vel,,ocity of 10.535
km/s. For an excess hyperbolic velocity squared (C 3) of 9.541 km"/s _', the required
velocity increment is 3.070 km/s, which includes a contingency of 51 m/s for
miscellaneous orbital operations.

One issue associated with operation of any tether system is the time and power
requirements associated with deploying or retriewng (reeling in) a payload. In general,
the required mechanical power is equal to the tension multiplied by the retrieval velocity.
When deploying a payload, no power is necessary because the inertial forces acting on
the end-mass will act to "unwind" the tether. This has been suggested as a means of
power production in conjunction with batteries or fuel cells used for energy storage.
However, to retrieve a payload such as a manned vehicle returning to LEO, it is necessary
to supply power through a motor to overcome the combined tether and end-mass tension.
For simplicity, in this study it was assumed that retrieval velocity is held constant, implying
that the power requirement decreases as the tension decreases. The retrieva/time
therefore represents an upper limit for a given power level. In these calculations, 250 kW
of mechanical power was assumed available during retrieval resulting in a time of 33
hours to reel-in a 64.3-MT payload the required 350 km. A solar photovoltaic power
system sized for 300 kW e electrical power was assumed. This implies a motor efficiency
of roughly 80 % with additional electrical power used for instrumentation.

9.2.1.3 LEO Infrastructure and Technoloov Issues. For a tether transportation system to
be effective in low Earth orbit, a substantial amount of "dead mass" or ballast is required.
The reason for this is that the effect of a payload boost cycle on the station is to lower its
orbit. For the point design used in this study, it was found that a 500 MT LEO station was
lowered to an orbit having a perigee of 228 kin. This is already low enough to be a
possible hazard due to atmosphenc drag on such a large space structure. Any source of
mass could serve as ballast. Rather than a dedicated effort to place such a large amount
of material in orbit, a more cost-effective means would involve collection of inactive
spacecraft, satellites, and perhaps expended STS-class external propellant tanks.

Table 9-3 gives a mass breakdown for the proposed station facility for low Earth
orbit operations. With the exception of the tethers themselves, detailed design of other
system components was not considered. The LEO tether station, which was assumed
manned, is based on space station generation technology.

As mentioned previously, the propulsion system assumed for the tether station
reboost is a chemical O2/H2 system as described in Section 1. Scaling equations for this
system are the same as the baseline chemical system. After each boost cycle, the station
must be refueled with 9.6 MT of propellant in a 1.1 MT (dry) resupply, tanker (tankage
factor = 0.115) for a total of 10.7 MT per reboost cycle. One possmbility is to use a
propellant depot as part of the ballast, thereby eliminating the need to refuel after each
cycle.

The power system listed in Table 9-3 is that used for tether operations. This system
is sized based on a power specific mass of 7.2 kg/kW e, or twice that assumed for the
high-powered SEP vehicles. Other dedicated power systems such as those for
communication or science are not listed separately. The mass for these other systems is
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assumed to be included in the "structure" mass.

One set of spare tethers is available at any given time and spools are sized by
assuming one-half of the tether mass per spool. The tether material assumed was Kevlar

29 and is not considered to be an advanced technology. Lightweight, high strength
spools are not considered to present an insurmountable challenge given on-going
advances in fiber-wound composites.

One technology area in need of development is that of low weight, high power
electrical motors and controllers. No specific design was assumed for this component
and the mass listed in the table simply reflects an estimate. An additional issue is that of
how to construct such a massive "ballast structure" without incurring too great a penalty in
terms of atmospheric drag.

Table 9-3. LEO Tether System Mass Breakdown

LEO Tether System Comoonent

Tethers/Spares

Structure/Ballast

Spools (0.5 x 60.8)

Motors/Controls

Crew Modules/Life Support

Power System (300 kW e x 7.2 kg/kWe)

Propulsion System
Thrusters�Tankage�Feed System
Propellant (For one reboost)

Total

UCSL(M]3

60.8

284.4

30.4

10.0

100.0

2.2

2.6
9.6

500.0

9.2.2 Operations at Phobos and Deimos

9.2.2.1 _ " For the mission scenario
considered in this study, the objective was the de ivery of cargo to Phobos. A two-tether

system was considered for Mars operations and is depicted in Fig. 9-3. Such2a tether
transportation system at Mars has been considered in previous work by Penzo . It was

theassumed that tethers at Deimos and Phobos could be reeled in and transported by rail
line or other means from one side of the moon to the other, thus enabling a single tether to
operate in an "up" or "down" deployment/retrieval fashion. However, in the cargo
Phobos-delivery mission, only the Deimos "down" and Phobos "up" tethers are required.
For the manned portion of the mission, the Deimos "up" tether makes it possible to return
payloads (e.g., manned vehicles) to Earth; while the Phobos "down" tether permits
de-orbiting of landers and retrieval of ascent vehicles.
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Figure 9-3. Tether Systems at Phobos and Deimos

Assuming that the tether system would be required to support both the cargo and
piloted portions of the mission, the tether at Deimos was sized to have a tip velocity equal
to the Mars escape velocity of 1.702 km/s at the orbital altitude of 26,174 km which
corresponds to the sum of the radius to Deimos and an "up" tether length of 6097 km. It
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was found that for Mars orbit capture of the cargo payloads, the use of an aerobraked
vehicle rendezvousing with the 6097-km Deimos "down" tether resulted in a lighter
vehicle than the options of direct or aerobraked orbit insertion and rendezvous with either
the Phobos or Deimos "up" tethers.

Upon entering the Mars system, the spacecraft has a velocity in heliocentric space
of 3.162 km/s. It then uses aerocapture at Mars to place itself in an elliptical orbit with an
apoapsis altitude corresponding to that of the Deimos "down" tether tip. The vehicle's
velocity at apoapsis is 897 m/s; a Delta-V of 103 m/s is required to bring the vehicle in
phase with the tether tip which is moving a_ a velocity of 1.0 km/s. Once captured, the
vehicle is raised towards Deimos to a point 2929 km from the moon where it is released.
This could be done either by reeling in the tether or by using an elevator-crawler device.
At the release point, the vehicle has a velocity of 1.182 km/s. Upon release, the payload
enters an orbit with its release point corresponding to an apoapsis of 17,148 km above
the Martian surface. The periapsis of this orbit has an altitude of 6966 km and coincides
with the radial location of the Phobos upward deployed tether end. The tether tip velocity
is 2.346 km/s, which is the same as the orbital velocity at pedapsis. It is still likely some
maneuvering fuel may be required to complete the docking as well as for contingencies.
For this reason, an additional 100 m/s was allocated to Mars operations in determining
the propellant loading.

9.2.2.2 Phobos and Deimos Tether Design. The tether capture and release points at
Mars were selected based on a specific set-of objectives. As mentioned above, the tether
at Deimos was first sized to permit the injection of a spacecraft into a Mars-to-Earth transit
trajectory when using the tether deployed upwards. When deployed downward, as in the

enablesscenario considered here, it the capture of an inbound aerobraked spacecraft
with a minimum phasing/rendezvous Delta-V. After capture, the spacecraft is raised to a
release point. The location of this release point, as well as the Phobos "up" tether length,
were determined by requiring that the spacecraft, upon release from the Deimos "down"
tether, enter an elliptical orbit whose velocity at apoapsis matches that of the release
point, and whose velocity at periapsis matches that of the tip of the upward-deployed
Phobos tether. The orbital velocities at apoapsis and periapsis were fixed by the orbital
velocities of Deimos and Phobos (i.e., the tether attach points), respectively, so that it was
necessary to determine what elliptical orbit (and thus what apoapsis and periapsis
altitudes) would be required to satisfy the velocity constraints.

The tethers used at Mars were all assumed to be of constant 3.5-mm diameter.
Because of the lower tensions involved, the additional complexity of a piecewise
continuous tether, while minimal, was not felt to be warranted. A safety factor of 2 was
assumed in the calculation of allowable stress as was done for the LEO analysis. Table
9-4 summarizes the characteristics for the Mars tether system. In this table, "stress ratio"
refers to the ratio of maximum stress in a tether to the allowable stress based on a safety
factor of 2. These calculations assume a tether end-mass of 20 MT.

Table 9-4. Mars Tether System Characteristics

Tether Mass Sta s_B== Tension
(kin) (Mr) (kin/s) (N)

Deimos 6097.0 85.06 1.000 0.3753 4874.9

Phobos 937.7 13.08 2.346 0.2738 3525.8
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Also, in the calculations of tension for the Phobos upward deployed tether, the
gravitational field associated with Phobos has been accounted for. Because the center of
mass for the Phobos tether system is located within the moon, the tether and payload are
subject to the outward centrifugal force which keeps the tether in tension. The net effect of
Phobos' gravitational field is to reduce this tension because it acts radially inward on each
mass element. The result is a reduction in the tension by about 2 N.

For Mars operations, it was assumed that the payloads were moved along the
tethers by an elevator/crawler type of device. This allows shorter retrieval times because
only the forces acting on the payload and elevator/crawler (and not the whole tether) need
be overcome. Again, assuming 250 kW of available mechanical power, the
constant-speed retrieval times were found to be 2.75 hours at Phobos and 5.95 hours at
Deimos. The time at Deimos represents the time needed to move the payload 3168 km
from the capture point (tip) to the release point.

9.2.2.3 Phobos and Deimos Infrastructure and Technoloav Issues. Table 9-5 lists a
mass breakdown for the Deimos tether facility. For the most- part, the technologies such
as spools, motors, and controls are assumedto be the same as those used in low Earth
orbit. One difference however is that the Phobos-Deimos stations are assumed to be
automated. This requires an advanced, but near-term level of development in areas such
as telerobotics.

Table 9-5. Deimos Tether Station Mass Breakdown

Deimos Tether System Comoonent

Station Structure/Anchor

Tethers/Spares (2 x 85.06)

Spools (0.5 x 170.12)

Motors/Controls

Automation/Communication

Power System (300 kW e x 16.7 kg/kWe)

Earth-Mars Communication

Rail Unk

Total

20.0

170.2

85.1

10.0

5.0

5.0

5.0

10.0

3103

In addition, communication links are required between the tether stations and the
planet surface as well as among the stations themselves. As at Earth, the power system is
again assumed to produce 300 kW e electric power with a power system specific mass of
16.7 kg/kW e (at Mars) and a rail link, or other means of transporting payloads from the
"top side" to the "bottom side" of the moon.
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Table 9-6 lists a similar mass breakdown for the tether facility at Phobos. Included
in the mass list is the rail link for the downward deployed tether option for delivering
payloads to the surface of Mars. The Phobos station structure/anchor is less than that of
the Deimos station because the Phobos tether system is much lighter.

Table 9-6. Phobos Tether Station Mass Breakdown

phobos Tether System Comoonen:

Station Structure/Anchor

Tethers/Spares (2 x 13.08)

Spools (0.5 x 26.16)

Motors/Controls

Automation/Communication

Power System (300 kW e x 16.7 kg/kWe)

Rail Link

Total

10.0

26.2

13.1

10.0

5.0

5.0

10.0

7g.3

By far the largest challenge in the entire tether-assisted propulsion scenario is the
establishment of stations at Deimos and Phobos. This requires a large investment in time
and resources; first to get the raw materials there, then to assemble and anchor large
structures with their associated machinery to the surface of the moons. Such a complex
systemwould require regular maintenance to remain effective and therefore implies that
a reasonable presence of personnel and equipment are already available at Mars.

9.2.3 Aerobraked Chemical (O2/H2) System

A two-stage aerobraked chemical (O2/H2) system was used in conjunction with the
tether systems. This vehicle is simply a re-siz(Jd version of the baseline chemical system
described in Section 1. The Delta-V required for trans-Mars injection by the first stage is
reduced from 3.688 km/s for an all-propulsive system to 3.070 km/s with a tether system.
As with the baseline system, a 100-m/s Delta-Vis allocated for midcourse maneuvers by
the second stageprior to aerocapture. The aerocapture maneuver places the vehicle in
an orbit with a 17,360-km radius apoapsis for rendezvous with the tip of the Deimos
tether. At apoapsis, the vehicle's orbital velocity is only 0.897 km/s whereas the tether tip
is moving at a velocity of 1.0 km/s; thus, the vehicle must provide a Delta-V of 0.103 km/s
for rendezvous. Finally, an additional contingency of 100 m/s in Delta-V capability is
included for final rendezvous and docking with the tethers at Deimos and Phobos.

Because the mass that can be injected by the LEO tether station is limited, the
two-stage vehicle was sized for the minimum-sized 20-MT payload element, resulting in a
vehicle (including adaptors and aeroshell) weighing 44.3 MT. Twenty of these vel_ic!es
are required to deliver the full 400 MT of payload to Mars. A mass breakdown for this
vehicle is given in Table 9-7.
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Table 9-7. Transit Vehicle Mass Summary

Element

Adaptor (2.5 %)

r_ost-Aerocapture)

oshell (15 %)

TM_ta(iPre-Ae rocapt ure)

= Zag.Lt
Adaptor (2.5 %)

arth Escape)

Total

2O.O

0.5
1.3
1.0
3.4
0.6
6.8

0.7
5.5

31.3
37.5

64.3

0.203

0.100

3.070

9.3 RESULTS

Figure 9-4 shows the breakdown of total initial mass in LEO for the tether-assisted
propulsion system. It is evident that the required infrastructure mass for this option is
substantial. The mass required to deliver the Phobos and Deimos stations to their
respective orbits (236.7 MT and 923.7 MT, respectively, using vehicles similar to the
baseline chemical system), plus the two tether stations is over fifteen hundred metric
tons.The total infrastructure required, including the LEO tether station, is 2050 MT. This is,
however, a one-time investment which can continue to operate for many applications
beyond the initial cargo mission.

Unfortunately, the operating "costs" in mass for the tether system are found to be
only 147 MT less than the corresponding baseline chemical system (1499 and 1646 MT,
respectively). The reason for this is that the cargo must be broken into twenty smaller
20-MT packages, each of which requires 44.3 MT of propellant and transfer veh=cle mass
for the Earth-to-Mars transit. This penalty could be reduced if it were possible to increase
the payload delivered with each cycle. However, for agiven LEO tether length and station
mass, increasing the payload mass lowers the altitude the station will attain at perigee
after the payload has been released. For the given scenario, a 500-MT station and
350-km tether are used to boost a 64.3-MT Earth-to-Mars transit vehicle and payload.
After release, the station enters an orbit with a perigee of 228 km. For this set of
conditions, any further increase in payload mass would probably cause the LEO tether
station to de-orbit.

Finally, the transit time for the tether assisted propulsion option is essentially that of
the baseline chemical system (294 da_s) because the time required for the tether assist
portion of the mission is almost neghgible in comparison. The frequency with which
payloads can be sent from LEO is determined by the deployment time for the 350-kin
tether with attached payload.
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9.4 CONCLUSIONS

In the context of the Mars cargo mission considered here, the tether-assisted
propulsion system option is not sufficiently better than the baseline chemical s)/stem to
warrant its use. The operations costs involved with the twenty separate vehicles =s only 9
% less than that of the baseline system with a single 02/H2 vehicle transporting the full
400-MT payload to Mars. In order to just break even wit_ the baseline chemical system,
the tether system infrastructure would have to be "amortized" over 14 cargo delivery
cycles. It would be possible to decrease the operational "costs" by increasing the
payload mass, which would in turn would require a heavier LEO station to avo=d its
re-entering the atmosphere.

Interestingly, the LEO tether station only requires 215.6 MT of systems, the
remaining 284.4 MT is "ballast'. The station mass could be increased inexpensively by
adding extra mass such as an orbital propellant depot. An alternative to increasing the
mass would be to use the same station mass, but start at a higher orbit.

Either of the alternatives noted above would affect the quantity of
required for station re-boost. It is not clear without further study at which point
station orbit or increasing the mass is no longer beneficial.

propellant
ra=smg the
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Finally, it should be noted that these conclusions are based on the use of a tether
system for the cargo mission. The use of tethers for the piloted portion of the mission
should be investigated, because a downward-deployed tether on Phobos can be used to

"pick-up" ascent vehicles. Similarly, the tether station on Deimosde-orbit landers and
can be used to provide escape velocity from Mars for the return to Earth, thereby greatly
reducing the Delta-V required for the trans-Earth injection and the return home.
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SECTION 10

CONCLUSIONS

10.1 CONCEPTS WITH MAJOR BENEFITS

if the primary figure-of-merit for the Mars cargo mission is initial system mass in low
Earth orbit (IMLEO), then solar sails provide the greatest mass savings over the baseline
aerobraked chemical O2/H 2 system. However, solar sails suffer fromhaving very long trip
times. A good performance compromise between a low IMLEO and short tnp time can be
obtained using 100-MW e class NEP systems; they can even be both lighter and faster
overall than the baseline chemical system. The trade-off between IMLEO and trip time is
illustrated in Fig. 10-1 for the various concepts considered in this study.

Such systems may be particularly suited to the piloted portion of the mission, where
a premium is placed on trip time. A 100-MW e SEP system is a close competitor to the
NEP system, providing almost as good a performance but without the technological,
operational, or "political" constraints of space nuclear power. It is recommended that
these three systems continue to be evaluated for both Mars and lunar missions, with the
high-powered NEP and SEP evaluated for piloted as well as cargo missions.
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Figure 10-1. Initial Mass in Low Earth Orbit versus Earth-to-Mars Trip Time
for the Advanced Propulsion Concepts Considered in this Study
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10.2 CONCEPTS WITH MODERATE BENEFITS

Magsails, mass drivers, beamed-energy, and tether concepts were found to have
moderate benefits in mass or trip time, but their performance is contingent on several
factors which could reduce their effectiveness. For example, the magnet¢ sail (magsail)
concept, like the solar sail, has infinite specific impulse. However, it can only operate far
from a planet, thus imposing a large OTV infrastructure overhead. Because the magsail
concept does show a potential for significant performance, but is in an early stage of
development, it is recommended that additional studies be performed to evaluate its
technology requirements and mission benefits more fully.

Mass drivers have a low Iso for the Mars cargo mission, but they do have a high
efficiency (electric-to-jet power). They also can make use of any material as propellant.
Thus, if copious amounts of "free" lunar 0 2 propellant were available, a mass driver
operating at modest power levels (10 MW e or less) could show a mass savings over the
baseline system, and do so for trip times on the order of 500 days (70% greater than the
baseline system). However, this performance is contingent on the availability of "free"
lunar oxygen propellant; without this "free" propellant, the mass driver is not competitive.
Also, the performance of the mass driver is very sensitive to the assumed thruster specific
mass and to the propellant tankage factor. Thus, it is recommended that the infrastructure
"cost" (lunar O2-production plant, Moon-to-LEO delivery system) of supplying lunar 0 2 to
LEO be evaluated in detail in future studies.

Beamed-energy concepts were found to provide some benefits in mass when used
as OTVs to deploy the payload (with a chemical stage) at GEO altitudes. A
laser-aucjmented SEP vehicle used for the round trip to Mars also provides significant trip
time sawngs because the laser provides a rapid Earth escape/capture. However, all the
beamed-energy concepts suffer from the limited range over which power can be beamed

eE_, microwaves to GEO or near-visible light to the Moon). Even the laser-augmented
system, which reverts to a normal solar powered SEP far from the Earth, requires

very high-powered lasers (10-MW beam or more) to provide any significant trip time
savings. Also, the space-based infrastructure (laser or microwave power stations, or
orbital relay mirrors) required to support beamed-energy transmission would need to be
"amortized" over many users. Thus, beamed-energy concepts may be attractive for use in
OTVs. However, these OTVs and their supporting infrastructure would require a broad
mission base in which to show an overall benefit. Therefore, beamed-energy concepts
should be considered in future advanced OTV studies, but these concepts would provide
only modest benefits if applied solely to the Mars cargo mission.

Tether systems show only a small advantage in IMLEO over the baseline system.
This is due primarily to the need to split the 400 MT payload into twen_ 20-MT segments,
each with its own chemical O2/H2 stage. Also, there is a significant set-up mass
investment which must be "amortized" over many missions. For example, the LEO,
Deimos, and Phobos tether station infrastructure must be "amortized" over 14 Mars cargo
missions just to break even with the IMLEO of the baseline system. Note, however, that
tethers may have greater benefits for the piloted portion of the mission. For example,
tethers can be used to lower (de-orbit) landers and raise ascent vehicles. Also, a tether
station on Deimos can "sling" a vehicle returning to Earth with Mars' escape velocity,
thereby greatly reducing the trans-Earth injection propulsion requirements. These
features do not applyto the cargo mission and were not considered in this study;
however, they should beevaluated for the piloted portion of the mission in future studies.

10.3 CONCEPTS WITH NO BENEFITS

Finally, two concepts were found to have very poor performance for the Mars cargo
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mission. These were solar thermal propulsion and rail guns.

Solar thermal propulsion suffers from having too low an Isp (1200 Ibf-s/Ibm) for this
mission. Rail guns suffer from both a low Iso and a low efficiency (electric-to-jet power).
They require high powers (50 MWe) for optii_um performance andcan only show a mass
savings over the baseline chemical system if copious amounts of "free" lunar oxygen are
available as propellant in LEO.

10.4 RECOMMENDATIONS

Based on the results of this study, solar sails, lO0-MWe class NEP systems, and
IO0-MW e class _SEP systems should be considered in detail for application to the Mars
cargo mission. Further, I O0-MW e class NEP and SEP systems should be evaluated in
detail for the piloted portion of future Mars missions because they have the potential for
significant savings in both IMLEO and trip time as compared to the baseline chemical
systems. Similarly, tethers should be evaluated for the piloted portion of the Mars mission
because they may provide major savings in mass for the Mars-to-Earth portion of the trip.
Magsails, mass drivers, and beamed-energy concepts should also be considered for the
Mars cargo mission, although their performance will depend on a number of factors (e.g.,
"amortization" of a space-based laser for laser propulsion vehicles).

Finally, it should be noted that the conclusions reached in this study are highly
mission-scenario dependent. Thus, a concept that has no benefit for the Mars cargo
mission scenario assumed in this study may show significant benefits for the piloted
mission. Similarly, concepts that are not attractive for Mars missions may provide major
benefits when used for cis-lunar missions (e.g., LEO-to-GEO OTVs or lunar base
missions). Also, different thrusting or trajectory strategies may have a significant impact
on performance. For example, a continuous low-thrust spiral planetary escape or capture,
as used in this study, usually results in a higher effective velocity requirement for the
mission (due to gravity losses) than a multiple-impulse medium-thrust trajectory.
Furthurmore, in this study, the concepts were used in a "pure" Mars cargo mission mode
with a minimum of mixing of modes. For example, only the beamed-energy concepts
were used in a LEO-to-GEO OTV mode due to the limitations in transmission distances.
Future studies should consider the option of "mixed" mission modes of operation; such as
the use of an advanced concept for a LEO-to-GEO OTV-type transfer followed by
trans-Mars injection by a second systerp.., This may be a particularly attractive approach,
because a number of previous studies _,=: have shown that systems with Isps of 1000 to
1500 Ibf-s/Ibm (e.g., mass drivers, rail guns, solar thermal propulsion, laser/microwave
thermal propulsion) can provide major savings in IMLEO as compared to chemical
systems, and savings in tnp time as compared to high electric propulsion systems at
comparable power levels. Finally, the same advanced )ulsk: _ concepts considered in
this study for the Mars car Io mission should also be sated for the lunar base cargo

savings
pared to gh-lso

I prSpulsion
evah.go I

mission, again with IMLEO and trip time as the primary figures of merit.
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This cumpendium of pr_lant storage and transfer situations was cumPiled

to help understand the scope and diversity of propellant operaticr_

imbedded in the 1988 and '89 Office of Exploration (OEXP) case sttrlies.

_here was no intent to critique nor evaluate the individual propellant

activities. The primary intent was simply to catalogue them as they were

postulated in the official studies. Cases scrutinized include those for

1988 as rsported in NASA Technical Memo_ 4075, and for 1989 as

defined in the "final" Study Requirements Document, Document No.

Z-2.1-002, March 3, 1989.

Tnis catalogue, or cc_um, is offered mainly as a labor saving device

to readers who wish to analyze any of the cases fr_n some propellant

perspective of their own. However, noteworthy situations and issues are

discussed, as are oonclusions related to the scope of the cases or which

appear to be fairly universal. Last minute iterations of the 1989 studies

may vary a few of the details, but should have no bearing on the relevance

of the ccmpendium or the conclusions.

The table _izes each unique propellant activity and issue, and their

distinguishing characteristics: location, operating mode, gravity,

environment and materials being transferred. For simplicity, activities

were lumped for several different mterials if other variables were

alike. Tne reader should not lose sight of the fact that transfer of

distinct propellants can imply far different technologies. For example,

in activity #I0 the transfer of argon is far simpler than the transfer of

cryogenic liquid hydrogen to the same spacecraft. The last columm in the

table is the list of applicable case studies for each propellant

activity. If a given case directly references the propellant related

requirement or issue, the case is listed without parsntheses. If the case

implies the necessity of the requirement or the issue, then that case is

listed in parentheses. This is not a shortcuming of case definition, but

the result of deliberate minimization of duplicate trade-offs.

A few other points are helpful in reading the table. _ere multiple

options are listed, option "a" is the baseline specified in the main case

description. The other options %__re treated under section 4, "Special

Reports and Studies," of _M 4075. 'q_adiation" is a specified env_

only when nuclear reactors are present and the need for additicrml

radiation protection should be evaluated. In reality, natural radiation

is an ever present concern and often far duminates the possible radiation

from reactors. For the "standoff TM refueling at Phobos or Dei_s (#19),

the receiving vehicle is postulated to be hovering off the surfaoe. The

dust environment is applicable to the storage site, but the vehicle itself

is hoped to be dust free. Gravity is described as negative, since the

propellant _ust be pumped _. _ hovering is optional (#20 & #21),

gravity is defined as _+. Similar strategy cuuld be used at an asteroid.



The exploration case studies have spanned most possible cumbinaticms of
factors whiah d_%racterize propellant operations. Operations could be
needed at all orbital locations: low Earth orbit, low lunar orbit, Mars

orbit, at libration points, and possibly even in heliooentric oAz_.it-
Similarly, many surface types and gravities would be encountered, lunar,
Martian and small body. These bodies all have very dusty environments, in

sharp ccmtrast to the vacuum clean orbital envY. Debris and
micrcmeteorite risk is high in some locations. Gravities include zero-g,

milli-g, one/third-g, and surprisinglY y"_widel unique negative milli-g.
Though human tended operaticr_ are postulated, both short and long

range tel_ic operations could be needed, with strong technological

implicaticms. A variety of propellants have been envisioned for transfer:
frcm the difficult cryogenic hy_, elusive helium, or very

oxygen-fuel gels, to simple and safe water or tanks of inert gases.

Some elements of propellant aperaticns appear in virtually all instanoes.

Lonq duration propellant storage emerges as universal in these cases, a

technology challenge for cryogenics in particular. A closely related
issue is the more favorable "dry" _aunch of cryoqenic storaqe tanks. If

launc/%ed '_et," the tanks must be structurally stronger, and consequently

insulate more poorly. The desirability of transferrir_ fluids, as opposed

to transferring tanks only, is apparent since there can usually be

substantial advantages to topping off tanks, even if the tanks themselves
had been transferred. The final universal need is to routinely service

'_et" systems, a safety ccnoern. The alternative of not servicing wet

systems w_uld be to squander large quantities of precious propellants.

As can be seen, diverse propellant operaticrs are needed for any robust

lunar or Mars program. Selecting a subset of cases does little to narn_

the multiplicity of options. The implications seem quite c/ear. To

prepare for any lunar or Mars initiative, America needs a broad _loav

devel t an ' ce test' o ii

storaqe add transfer. Major decisions regarding the implementation of any

exploration scenario would depend upon the outcame of such development and

testing. Delaying such programs would either delay the key initiative

dates, or force premature selection of mission design.

\

Acronyms

ECV

HMD

h-t

IMLED

i-p
ISPP

IAV

LCSV

LEO

Electric cargo vehicle

High Mars orbit
Human-tended

Initial mass to low Earth orbit

  rpla tary
In-situ pr_pellant production
Innar ascent vehicle

Lunar crew sortie vehicle

Low Earth orbit

mq a. 
_' pt Libratlcn point

IlO Low lunar orbit

umx Lunar liqui 
IMD Low Mars orbit

LO Imw orbit

IDV
LOX

MCSV

mm
MD

MPV

M_V

NEP

RER

Ph-D

PTF

SSF

TEIS

t-r

c  ratic s vehicle

Mars crQw sortie v_'dcle
Mi_ite

Mars orbit

Mars piloted vehicle
Mars transfer vehicle
Nuclear electric vehicle
Nuclear thermal rocket

P_x2_s-Deimos

Propellant tank farm

Space Station Freedom

Trans Earth injection stage
Tel_c
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The descriptions below elaborate on the short titles In the summary table.

They are sorted by specific case studies and the numbers correlate with those

in the table. Repeated #*s identify propellant operations, or propellant

issues, that are tn essence alike.

FY88 Case 1 a (88-1) Expedition to Phobos

(1) No node nor depot in LEO ts an option, in fact, the desired option.

(2) Storage time for return trip cryogenic propellants is very lengthy, at
least 28 months.

(3) Sensitivity ts extreme, conservative tankage factors and high bolloff
rates double the INLEO.

(4) Low Mars orbit (the baseline) is a risky, yet arbitrary, choice for

storage of the Earth return propellants. Compared to HMO, LNO has a
worse thermal environment, s worse meteorite environment leading to

possible propellant loss [catastrophic for the "single tank"

configuration], and worse orbital drifts making rendezvous very risky if

beacon goes out.

(5) "Docking propellant transfer", though baseline, Is not the only option.

Other options are elaborated In section 5.2.4. of TN 4075.

FY88 Case 2 t (88-2) Expeditions to Mars

(2) Long storage times are needed, similar to above.

(3) Sensitivity to tankage factors and bolloff, creating up to 50 percent
increase In INLEO.

(4) LNO rlsk factors exist as elaborated above.

(5) There are options to propellant transfer other than docking wlth the

trans Earth injection stage (TEIS).

(6) Mission #3 requires a fluid transfer in LN0 since the TEIS is delivered

dry.

(V) Topping off the tanks would enhance all three missions.

(8) A complete range of LEO options with respect to SSF, coorbltlng PTP and

coorbttlng platform, ts discussed in TN 4075, section 2.2.6.1.

(9) Fueling of NTV with LRs and LOX in LEO, with possible intermediate

transfers to/from storage tanks, is needed.

FY88f Case 3_ (88-3) Lunar Observatories

(9) Straightforward fueling and refueling of LTV in LEO, with LH2 and LOX is

required. Reusable LAVes serviced in LEO are an option.



FY88 r Case 4 r (88-4) Lunar Outpost to Early Mars Evolution

(lO) Electric cargo vehicle (ECV) must be refueled with argon in LEO.

has a hot radioactive reactorl Humans are in vicinity and may
participate.

ECV

(11) LH= must be transferred from ECV (with hot reactor) to lunar operations
vehicles (LOV's) in LLO. Baseline operations are automated or

telerobotic. Human-tended operations impose significant penalty and
possible risks.

(12) Transfer of LLOX to lunar vehicle or to storage is performed while on

lunar surface. These are human-tended operations in dusty lunar-g
environment.

(13) LLOX must be transferred in LLO onto Mars piloted vehicle (NPV) (without
its crew) while attached to an ECV with hot reactor. Baseline ls

automated or telerobotic. Human-tended operations impose significant
penalty and possible risks.

(14) Phobos propellants are produced and stored in a human-tended mode in a
milli-g, high dust environment.

(15) Automatic/telerobotic vs. man-tended operations is an unresolved
question for Ph-D propellant operations In case 88-4. The automation

and telerobotlc options are covered by this item.

(16) Ph-D propellants are transferred to the MPV on Ph-D In a human-tended
mode.

(6) Terrestrial propellants are transferred in LMO to Mars crew sortie
vehicle (MCSV), in a human-tended mode.

FY89 Case 1_ (89-1) Lunar Evolution

(12) LLOX is transferred to lunar crew sortie vehicles (LCSV's) while on
lunar surface, through the experimental phase of the case study, Human-
tended operations in dusty lunar-g environment.

(13) Propellants (LHa/LOX) are transferred from carso STY to unmanned
vehicles in LLO. Baseline operations are automated or telerobotic.
Human-tended operations impose significant penalty.

(17) Propellants (LHa/LOX) are transferred from STY to manned vehicles in
LLO. Human-tended operations are basellned.

(9) Propellants (LHs/LOX) are transferred to STV and other vehicles In LEO.
Human-tended operations are possible.

(18) Propellants are transferred to vehicles or depot at Earth-Moon llbratlon
point. Human-tended operations are basellned in operational phase
(2014) of the case study.



FY89 Case 2, (89-2) Mars Evolution

(8) A range of LEO options exist to fuel all-up Mars vehicle.

operations are baselined.

flmsan-tended

(15) Mater, LHj and LOX are produced and stored on Ph-D. Operations occur in
milll-g, high dust environment, robotically controlled from Earth with
long communications delays. There is no direct human presence

postulated.

(19) Propellant is transferred to Mars crew sortie vehicle (MCSV) in vicinity

of Phobos with possible use of tethers to stand-off Phobos. Human-
tended operations.

(16) Ph-D propellant is used to fuel Mars piloted vehicle (MPV). Human-
tended operations in milli-g, dusty environment.

(20) Filling of NEP-propelled freighter/tanker at Phobos or vicinity on sixth

flight (2014) using telerobotic operations. Differs from (15) in that

tanker may stand off Phobos. Differs from (19) by use of telerobotics
from Earth, with attendant long communication delays.

(Zl) Possible human-tended refueling of nuclear thermal rocket (NTR) at
Phobos. Fuel could be hydrogen, water or methane. Reactor will be in

cool down phase, time not specified.

FY89 Case 3 t _89-3) Mars Expedition

(1) No node and no depot in LEO is an option. Propellant transfer in LEO is
a requirement, whether or not a node or depot exists.

(2) Total storage time for return trip propellants is lengthy, 27-33 months.

(3) Sensitivity of IMLEO to tankage factors and boiloff rate is probably

very high.

(4) LMO of 500 kz circular orbit is a very risky, yet arbitrary, choice for
storage of the Earth return propellants (and hardware) for reasons
enumerated in case 88-1.

(5) There are options for propellant transfer at Mars other than docking
with the trans-Earth injection stage (TEIS).

(V) Topping off the tanks would be a mission asset.

FY89 Case 4, (89-4) Lunar Oasis

Propellant transfer requirements not yet defined. They are expected to
include a subset of transfer requirements from FY88 Case 4, exclusive of

LLOX export. Therefore, only operation (12) is essential. Operations
(8), (9), (10), (11), (13), and (1V) are possible.



FY89 r Case 5, (89-5) Asteroid

Propellant transfer requirements not yet defined. They are expected to

be a subset of transfer requirements from the I_88 expeditionary cases.
Only operations (8} end (9), LEO refueling and LEO options trade, seem

essential. Operations and issues related to the follow-on propellant
production at asteroids would be similar to those at Phobos or Delmos.
These are (14), (15), and (19). Nuclear electric and nuclear thermal

vehicles are particularly appropriate for asteroldal missions. Thls may
involve propellant transfer operations (I0), (20) or (21), or possibly a
new case:

(22) NTR will be refueled at LEO, with a reactor in cool down condition.

Humans are in vicinity even if operation were not human tended.

Generic Issues, All case studies:

(23) Servicing a "wet" propulsion systems, pertinent to all reusable vehicles

and repair of expendable vehicles. The residual propellants present a
potential hazard to service personnel and facilities. Venting to
vacuum, one possible solution, could be a costly waste.

(24) Cryogenic tanks in a launch environment. If tanks are launched "wet,"
the weight and launch stresses require additional structure and
coaproalse thermal insulation. Subsequent boiloff losses often would

favor separate cryogenic storage tanks which have been launched dry.
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Fuel Systems Architecture Assessment

The objective of this multi-year study is to define cryogenic fluid management architecture options
in terms of launching, storing, and transferring throughout the Earth-Moon-Mars system in
support of the node and transfer vehicle concept definitions.

lblzkgx.0.aaa

Overall Approach. Study of cryogenic propellant management spans all of the case studies
and, as such, is being performed as a broad trade study. The study was performed by dcf'ming a
trade space to develop fuel system architecture options based on case study requirements. The
options were evaluated based on def'med evaluation criteria to narrow the options for more detailed
assessment.

Trade Space. The defined trade space, as shown in Figure 1, involves:
the node location

the extent of manned intervention required for on-orbit operations
Earth-to-Orbit transportation capabilities (these capabilities include the mass, diameter, length,
and volume delivery limitations to LEO, delivery location, the orbital adjustment capabilities of
the delivered payload, cryogenic propellant payload delivery limitations, etc.)
mission requirements that must be accommodated

the configuration or transfer characteristics (represents the fluid transfer, acquisition method, or
initial fluid state that would have a major impact to systems required)

Focused Approach. For FY 1989, it became clear after developing the trade space matrix and
evaluation criteria required for evaluation that assessment of the entire trade space would be
extremely time consuming and top-level, given time and man-power constraints. Consequently, a
focused approach was utilized to provide depth on a few representative concepts that could provide
insight for future trade space reduction or emphasis. It was decided to concentrate on defining free
flying concepts for Low Earth Orbit (keeping propellant away from manned activities) utilizing the
largest ETO vehicle option (Shuttle-Z) and demanding propellant requirements from Mars
Evolution case study with additional requirements for unmanned missions (GEO, planetary, etc.).
The techniques for transfer involved a zero gravity and a thrust-settling-assisted transfer. These
two techniques will drive differences in system configuration, allowing their impacts on propellant
management to be compared.

Mars Evolution Fo_ll_

Key Assumptions.

1. The propellant quantities were derived from Mars Evolution case study's mission 1 (6000
based on transportationintegrationagent cycle2 data.

. Additional propellant quantity for unmanned GEO and planetary STV transportation (900 was
based on the CivilNeeds Data Base. This quantitywas includedas a deltaincreasetothecase
study requirements.

. The ETO capability assumed for delivery of concept elements and propellant was a "Shuttle-Z"
providing 140t lift capability with a 12.5m diameter by 25m long payload envelope launched 4
times per year.

4. Mass estimates were for single-string systems; redundant system masses were not estimated.
Ho margin for contingency was included.

5. The maximum transfer time was constrained to one 8 hour shift.



Trades. Various trades were performed to determine the most efficient and least complex

concepts for propellant management. Some of the key trades involved assessments of the storage
tank configurations, sn-uctural configuration, pressure system for propellant transfer operations,
and debris protection.

The structural configuration options consisted of the 5 meter truss to be used for Freedom, a large
box truss that would be tank configuration specific, and a tetrahedron structure. The tetrahedron
structure offered the lowest mass due to its inherent structural strength characteristics and provided

an opportunity to minimize assembly EVA.

The storage tank configuration options explored consisted of a single, very large cylindrical tank,
common spherical tanks, and Space Shuttle sized cylindrical tank sets previously defined by
General Dynamics during the Long Term Cryogenic Storage Facility study perfonn_ for MSFC.

Common spherical tanks were chosen based on low boiloff, structural configuration compatibility,
lowest complexity, on-orbit assembly operations, and ground handling implications.

Propellant pressurization can be accomplished by various methods, such as helium pressurization,
but due to the large quantities of propellant for the Mars transfer vehicle that must be transferred, a
method must be developed that is efficient and reliable without introducing unwarranted
complications and safety hazards. All options addressed utilized the propellant gases to minimize
logistic requirements and high pressure storage requirements. The options consisted of a real time
(produced when needed) gas generation using heating elements to force gas production, a stored
boiloff system using conditioned stored boiloff, and a turbo pump that utilized a gas generator to
drive the pump. Based on determination of the energy consumption, systems requLred, weight,
complexity, safety, and overall efficiency, the real time pressure generation system was chosen.

Orbital debris protection is becoming an ever increasing design consideration for Low Earth Orbit
spacecraft. The use of a dual bumper shield was investigated for both the entire space structure
and individual tank and line protection. There was not a major mass difference between the two
methods, but the common shield required assembly EVA or complicated deployment techniques.
The individual tank and line protection was chosen for inclusion in the concept.

Concept Description. The selected concept to support the Mars Evolution Case Study is
shown, along with its characteristics, in Figure 2. Propellant wansfer operations could be
accomplished with zero-g transfer methods or via thrust induced propellant settling in this depot
configuration. The depot concept consists of four regular tetrahedron substructures (1 oxygen, 3
hydrogen) that include the spherical propellant storage tank, high pressure gaseous propellant
storage tank, pressure generation system, and a service substructure. The service substructure
contains a photovoltaic array (7 KW), batteries, fuel cells, GN&C, refueling nozzles, docking
provisions consisting of two attach points at the refueling nozzles, and a strongback to accept a
third attach point to permit varying size propellant delivery and mission vehicles. The concept
utilizes gaseous hydrogen/oxygen attitude control and reboost engines (also used for the thrust
induced gravity) to take advantage of the cryogenic propellant boiloff and eliminate the need for a
separate propellant, such as hydrazine (Figure 3).

Each tetrahedron substructure would be launched with the storage tank integrated with its thermal
(120 layers of insulation) and debris shield protection, plumbing, and pressurization tankage. The
tetrahedron structure will provide the support required for launch based on NSTS launch load
conditions. The hydrogen storage tanks are launched full. The oxygen storage tank is launched

empty. LOX supply tankers are launched as an integral element of each assembly launch manifest.
The total depot system, including propellant, is launched in six "Shuttle-Z" equivalent flights
(Figt;re 4). The substructures will be attached with the use of comer guides and a power winch to
lower the amount of EVA required. The structure will require temporary struts to stabilize the
smacture during the assembly phase.



Thedepothasthreeoperationalphases:depotresupply,STV fueling,andstorage.An assessment
of the operational procedures for each phase was performed. The resupply of the depot and STV
fueling operations are very similar, with the depot providing all services (e.g. pressure for tanker
to transfer propellant to depot). An initial evaluation of the transfer operation indicated that due to
the propellant fluid motion along with large center-of-gravity shifts, active control was needed
throughout the procedure. Thrusting through the reboost engine to provide this control was also

sufficient for propellant settling (10 -4 g's) and provided a part of the reboost energy required.
During the storage phase the use of a thermodynarr_c vent system (TVS) is required to maintain
tank pressure without expelling liquid in the process. A zero or low gravity liquid acquisition
device will be required for the TVS to provide given initial conditions to the system and avoid
complex control systems. Setting of the propellant by thrusting to develop a defined liquid/gas
interface for pressure control by gas expulsion will consume enormous amounts of propellant
making this method impractical.

Def'mition of the subsystems and the operational procedures for the resupply of the depot and an
STV allowed the determination of the propellant utilization for these operations. Table 1 provides a

summary of the propellant losses during the various operational phases of the depot for the fn'st
Mars mission after Depot assembly. The largest loss is due to operational losses associated with
attitude control and reboost of the facility. Alternative configurations and methods of providing
gravity-gradient stabilization (to minimize attitude control propellant expense) will be investigated
as part of future studies. The transfer-in-and-out losses include chilldown of the lines, power and

pressure generation for transfer, and center of gravity control thrust.

TABLE 1 - PROPELLANT IJTILIZATION SUMMARY

L_H2..f_K_L_..Q2..O_ TOTAL

LAUNCHED 118,000 629,400 747,400

ASCENT LOSSES 2,230
BOIL OFF* 6,000
TRANSFER IN LOSSES** 1,120
OPERATION LOSSES*** 8,870

TRANSFER OUT LOSS (TOTAL) 1.480

3,750 5,980 (0.8%)
4,040 10,040 (1.3%)
5,140 6,260 (0.8%)

41,400 50,270 (6.7%)
12.100 13.580 (1.8%)

TOTAL DELIVERED (After 18 Months) 98,300 562,970 661,270

* Hydrogen Boiloff = 0.28%/month; Oxygen Boiloff- 0.04%/month

Initial Fill Only (Includes Chilldown, Power Generation, and CG Control)
Subsequent Depot refuelings would increase transfer in losses (1-12 by 1936 Kg; 02 by 5,390
Kg)

*** Attitude Control (Based on 1 engine @ 2% Duty Cycle) and Reboost



Technologies. Definition of the depot and the subsystems required provided insight into the
requiredtechnologies.The technologiesidentifiedwere:

- cryogenicfluidmanagement
- autonomous rendezvous and docking

- automation and robotics(A&R) forassembly and maintenance

- zero net positive suction head cryogenic fluid pumping

The cryogenicfluidmanagement technologiesencompass a largenumber of new technologiesthat

are essentialfor successfuldepot operations.These technologiescan be divided intofourmajor

areas:storage,supply,transfer,and fluidhandling.

Storage. Long term storageof cryogenicfuelswillbe essentialforminimizing propellantlosses

between missions. Confident system designcriteriamust be establishedfordevelopment of future
cryogenic storagethermal systems toprovide low conductive structuralsupports,high efficient

multi-layerthermal insulationprotection,minimum system weight,understandingof system

integration(thermal/structural),high reliability,and repeatablefabricationtechniques.

Controllabilityof the cryogenic storagesystem operatingconditionsmust be developed along with

minimizing temperaturestratificationof thefluidand avoid unpredictablepressuresurges.The

effectsof launch environment (vibration,acceleration,pressuredifferential),space environment

(debris,micrometeorites,atomic oxygen), degradationdue topre-launchpurge systems,and
ground handling of the thermodynamic protectionsystem must be understood.

Fluid Handling. The capability to handle large quantities of cryogenic fuels safely in a low gravity
environment without causing major dynamic control problems to the overall system is essential.
The ability to predict fluid motion to allow development of an acceptable attitude control system is
critical for a depot. Understanding of the gravitational environment effects, the need for and

impact of baffling, flow induced sloshing, and impact of center of gravity shifts resulting from
liquid transfer operations are required.

The capabilitytosupply cryogenic fuelssafelyand efficientlyina zeroor low gravity

environment isone of themost difficult,but extremely essential,capabilitiesrequiredfor

performing transferoperationsinspace. Methods willneed tobe developed forprovidingthe

requiredpressuredifferentialand liquidsubcoolingwhile utilizingminimum power and propellant
losses.Understanding of the pressuranttemperatureeffects;pump/compressor system

complexity,reliability,and efficiency(minimize heatadditiontotransferredfluid);pump cavitation

criteria;and acquisition/pumpinteractionsmust be established.The method utilizedforacquisition

of the fluidmust be efficient,provide minimal thermal disturbances,meet outflow demands, and
minimize residual propellants.

Transfer,The capabilitytowansfercryogenicfuelssafelyand efficientlyina low gravity
environment willbe essentialforresupplyinga fueldepot and fillingmission vehiclefueltanks.

The technology willenable singlephase liquidtransferwith minimal propellantlossesduring

transferlineand tankchilldown,determine the properliquidinjectiontechnique and sequence into
thereceivertank,understand theeffectsof low gravityor accelerationenvironn_nt on transfer

operations,prevent inadvertentventingofpropellantduringthe fillprocess,provide accuratemass

flow measurements, and most importantlyprovide predictabletankfillingcapability.

Observations. Upon completion of the evaluation of this preliminary depot concept for LEO,
some observations can be determined:

al Boilofflossesforstorageofpropellantsforthedemanding Mars missions are not theonly

s_urceof concern. The propellantlossesdue to operationsforstabilityand reboostconsume a

considerableamount along with thetransferin (resupply)and out (missionvehiclefueling)
lossesforthe depot.



b° Boiloff utilization for attitude control, pressurant, and reboost provides an effective and
efficient method for providing essential operational capability. All the boiloff can be used in a
productive manner. The need for reliquefaction of boiloff is unnecessary and would only add
complications to the overall system.

c. Power requirements can be much higher during the transfer operations, especially if the
transfer operation must be accomplished in a relatively short time span.

d* Thrusting may be required during transfer operations to maintain control of the vehicle/depot
configuration. The thrusting during uansfer can be adequate for propellant settling at the

sump, but a low gravity liquid acquisition device will still be required for storage operations.

Mars Exnedition

In terms of fuel systems in support of the Mars Expedition case study a top-level assessment of the
major mission drivers' and constraints' impacts on the developed infrastructure to support the
missions was performed.

Mission Drivers. The major drivers on the fuel system architecture for the Mars Expedition
missions are as follows:

a. All space vehicles are expendable.
b. The ETO transportation must support propellant exchange/transfer.
c. No orbital nodes are required.
d. Design for 1995 technology.

Case Study Implications. An assessment of the mission drivers and the def'med STV

configurations developed based on the use of the "Shuttle-Z" ETO concept lead to the conclusion
that the Trans-Mars Injection (TMI) stage, also the Shuttle-Z's third stage, should be launched with

a refueling tanker. The refueling tanker would resupply the TMI during third stage ascent to take
advantage of the acceleration-induced gravity and minimize tanker storage time. This will provide
the minimum ETO launches with minimum transfer losses, but at the cost of increased boiloff
(which could be effectively utilized as stated previously) and dry mass.

The propellant tanks for Mars operations require on-orbit fueling due to manifest and design
constraints. The preferred method developed was to add the transfer capability (pumps,
pressurization, liquid acquisition in zero gravity, and refueling couplings) to a TMI stage to
perform this operation, as well as replacing the boiloff that has occmzed in the TMI stages since
their launch.

The technologies required for TMI stage propellant storage, transfer, and management will not be
available by 1995 per the current Pathfinder schedule.. Acceleration of the flight experiment
program must occur, otherwise alternative methods must be u_ or higher risk incurred.

Lunar Evolution

In terms of fuel systems in support of the Lunar Evolution case study a top-level assessment of the

impacts of the major mission drivers and constraints on the developed infrastructure to support the
missions was performed.

j*



Mission Drivers. The major drivers on the fuel system architecture for the Lunar Evolution
missions are as follows:

a. All space vehicles are reusable. LOX/I.M2 propulsion for all transfer and ascent/descent
vehicles.

b. The ETO u'ansportation must support propellant exchange/transfer.
c. No orbital nodes other than Space Station Freedom.
d. Space Station Freedom will not be used to store main-stage propellants.
e. Lunar LOX is one-half that needed for roundtrip of cargo or crew.

Case Study Implications. An assessment to determine the preferred LEO propellant refueling
option based on the mission drivers and the defined STV configurations looked at three options:
tanker rcsupply for each mission, temporary depot based on Shuttle-Z third stage, or a permanent
free-flying depot structure. The permanent depot satisfied more of the evaluation criteria, but
violated the case study groundrules. The temporary depot provides similar advantages (low
boiloff, minimum ETO launches, ETO schedule independence) with the addition of commonality
for a Mars mission, but requires the development of an }B._V.

Lunar oxygen produced for the ascent/descent vehicles is being considered to lower the

dependence on Earth launched propellants. But, hydrogen propellant must still be provided for the
propulsion systems due to the scarcity of hydrogen on the lunar surface. An assessment of two
options was made to determine the most effective method for hydrogen transportation to provide
the required propellant. The two options were def'med for hydrogen transportation arc: l)
transport spherical tanks as cargo to Lunar orbit during the cargo missions (manifest of cryogenic
propellant with the crew provides limited capability and is an unneeded crew hazard), 2) increase
the hydrogen tank volume to manifest the propellant cargo with the mission propellant. The first
option required a hydrogen manifest of 14 metric tons on the cargo mission in tank sizes ranging
from a single 7.3 meter diameter tank to four 4.6 meter diameter tanks. The second option
required a manifest of 7 metric tons per mission (cargo and piloted) within the vehicles tanks with
only one meter increase in diameter. The preferred method is an increase in u'ansfer vehicle
tankage with propellant transfer performed in Lunar orbit.

Summary

Past efforts have provided insight into various aspects for defining the fuel system architecture that
may be required for future manned exploration missions. In particular:.

propellant losses are not limited to boiloff and must be factored into future designs to minimize
all losses

operational losses (attitude control and reboost) can have a significant impact on propellant
losses for on-orbit storage of large quantities of propellant
boiloff loses can and should be used to the depot's advantage, eliminating the need for
reliquefaction systems
required transfer times can have a significant effect on surge power requirements
expansion of the transfer vehicle's tankage of propellant may be the most efficient method for
propellant logistics to the Moon
fluid management technology will be required for the depot and lran_on vehicles
low gravity propellant settling may be the most attractive method for propellant transfer

Fu|ure Trades

Gravity-Gradientvs.Minimum Assembly

Tank Exchange vs.Transfer

Space StationFreedom vs.Free-flyer
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Figure 1. Defined Trade Space
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Propellant Capacity
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44,500 kg

LOX/LH a

6:1

3
10.$ m Diameter
117,300 kg

1
10.$ m Diameter
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Figure 2 - Preffered Configuration for Reduced Matrix
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